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FOREWORD 

2nd I.S.A.B.E. held in Ranmoor House, 
 University of Sheffield  

24th-29th March 1974 

President of the Symposium:  Air Cdre. F.R. Banks, CB, OBE, 
HonCGIA, CEng, HonFRAeS, 
RAF (Ret'd). 

At the successful first meeting of I.S.A.B.E. in Marseilles 
it was resolved to renew the Symposium in 1974 and the task 
was entrusted to Dr. J.P. Gostelow, University of Cambridge 
and Dr. J. Swithenbank, University of Sheffield, at whose 
request the Royal aeronautical Society undertook to 
organise I.S.A.B.E. II.  A British organising committee was 
set up by the Society early in 1973.  In October 1973 the 
organising committee submitted its proposals for the 
Symposium to a special meeting of the International 
Committee of I.S.A.B.E. held in Sheffield at which the main 
arrangements were aareed. 

At the first I.S.A.B.E. meeting in Marseilles it was felt 
by many of the people attending or concerned with its 
inception that it would be an advantage on future occasions 
for an international specialist meeting of this type to be 
co-ordinated with other allied activities in the international 
aeronautical field.  An international meeting to discuss this 
aspect was held at the Royal Aeronautical Society in December 
1972 at which it was agreed that this could be best achieved 
by incorporating I.S.A.B.E. within the activities of the 
International Council of the Aeronautical Sciences (I.C.A.S.). 
Confirmation of the sponsorship of I.S.A.B.E. by I.C.A.S. 
was received in the Spring of 1973. 

At the business meeting held during I.S.A.B.E. II under the 
chairmanship of Dr. A.M. Ballantyne, Member of the Council 
of I.C.A.S., it was agreed by the delegates that this should 
be the pattern for future meetings of I.S.A.B.E. and that 
on future occasions I.C.A.S. should request the appropriate 
national aeronautical body to undertake the organisation of 
the Symposium. 

I.S.A.B.E. II (Sheffield 1974), held under the distinguished 
presidency of Air Cdre. Banks, was attended by about two 
hundred delegates from nearly twenty countries.  Forty six 
papers were presented and are reproduced in this volume of 
the Proceedings. 
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We were to have been honoured by the presence of Professor 
Maurice Roy, Honorary President of I.C.A.S. but as, unfort- 
unately. Professor Roy could not attend he sent the following 
message of goodwill to the Symposium. 

"Last year I had the pleasure to inaugurate by a special 
lecture the meeting of I.S.A.B.E. I, organised in Marseilles 
by the Director of the Institute of Fluid Mechanics in this 
city of South France, my colleague and friend, Professor 
J. Valensi. 

This year I welcomed with a great pleasure as I.C.A.S. 
Honorary President the very kind invitation of the Organising 
Committee of I.S.A.B.E. II to say a few words during the 
Banquet, firstly expressing the regret of the I.C.A.S. 
President, Dr. J.J. Green to be unable to be here and 
secondly expressing the interest of the scientific and 
aeronautical communitv of I.C.A.S. for this second I.S.A.B.E. 
meeting and the best wishes of the same I.C.A.S. for the 
full success of the Sheffield meeting. 

Unfortunately one unforeseen commitment has oblig 
recently to stay in Paris at the same time.  Permit me 
consequently to express to all of you my very deep and 
sincere regret of being unable to attend as contemplated 
this Sheffield meeting. 

Permit me also to say that the location of I.S.A.B.E. II in 
the vicinitv of a long world-famous centre of research, 
development and production of air-breathing engines and jet 
engines appears to me a very significant and favourable 
choice for the wished success of this second I.S.A.B.E. 
meeting. 

Finally permit me to thank again the Organisers for their 
very kind invitation to me and say my best personal regards 
to all of you." 

In conclusion the organisers would like to acknowledge the 
financial grants by the U.S. Army, Air Force and Navy 
agencies to Sheffield University as contributions towards 
the running of the Symposium. 

R.R. JAMISON 
Chairman, 

I.S.A.B.E. Organising Committee 
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THE CF6-6 ENGINE - THE FIRST MILLION HOURS 

Paul C.  Setze 

Aircraft Engine Group - General Electric Co.  (USA) 

INTRODUCTION 

The initiation of high by-pass ratio turbofan engines, of which the CF6 
-6 is an example, into cotiinr-rcial airline service, provided many new 
dimensions in operating charactenstics and maintenance technology for 
the airlines of the world. The very physical size of these engines, the 
amount of energy stored in their rotating components, the temperature 
and pressure levels at which they operate, all required new techniques 
and new philosophies on the part of the engine operators. 

The high by-pass ratio turbofan engine offers the user airlines many 
advantages over the previous generation of comme rcial transport engines 
One oi the most outstanding of these advantages is its much superior 
fuel economy.    Other major advantages include:  1) better thrust to 
weight ratio,   2) ease of maintenance,and 3) easy thrust growth.    The 
significant improvement in cruise fuel consumption and engine thrust to 
weight obtained with this new generation of engines is shown graphically 
on Figure   I . 

This paper traces the General Electric CF6-6 engine from its initial 
conceptual stages through the first one million hours of commercial 
airline service; achieved approximately two and one half years after 
initial service introduction of the engine.    From the time of the first 
design layouts,   the CF6-6 was designed specifically for commercial 
airline service.    Although the CF6-6 is derived from the military TF39 
engine (the powerplant for the Lockheed C5A military cargo/transport), 
many changes were incorporated to increase the  suitability of the 
engine for airline  service. 

The desired high thermodynamic cycle efficiencies  require high tem- 
peratures and pressures which in turn  required the development of new 
high temperature materials and cooling techniques.    Also required 
were new design techniques to maintain these high pressures in struc- 
tures that were of sufficiently low weight to make the engine competitive 
in the evolving commercial environment of the late   1960^.   These 
engines also require tighter tolerances and closer clearances of rotat- 
ing parts  because-  leakage of air at these high pressures represents a 
more significant effect on the overall cycle performance than does the 
leakage of air at the  lower pressure levels of the previous generation 
of jet engines.    These  new materials,   new design techniques,   new 
tolerances and new clearance  U-vels  required a lot of rethinking on the 
part of the airlines with regard to maintenance  philosophies and 
practices. 't2< 



The introduction of these families of engines altered the concept of main- 
tenance being conducted on a fixed overhaul time to maintenance based 
on engine condition.    This means the engines are flown until inspection 
or measured performance shows that a part requires maintenance.    At 
that time the engine or part is removed and appropriate maintenance 
performed.    With this new concept of maintenance intervals,   intro- 
duction into a system designed around fixed overhaul times required 
new planning on the part of the airlines in order to accept these engines 
into their existing maintenance systems. 

Once certified,   introduction of the CF6-6 engine into initia'  service went 
very smoothly.    Only major technical problem,   to be detailed later, 
occurred during the first year of operation.   Immediate action to re- 
solve the problem was initiated and retrofit programs established and 
implemented.    The entire (then) existing fleet of two hmdred and sixty 
engines was retrofitted in approximately four months without a single 
aircraft departure delay due to lack of an engine.    Cycle performance 
of the engine in service has truly been excellent.    Deterioration as 
measured in terms of increases in specific fuel consumption or exhaust 
gas temperature has met all expectations.    Mechanical performance has 
also exceeded expectations.    Life limiting components,   as shown by 
initial service,   have been identified and at the present time all user air- 
lines have programs underway to introduce improved components that 
will result in further increases in engine life and reliability in airline 
service. 

INITIAL CONCEPT AND DESIGN 

The CF6-6 engine as originally envisioned in 1966-67,   was to be a 
30, 000 pound thrust class engine for a three engine airbus concept 
being studied by a number of airframe manufacturers.    During the 
initial airframe studies and concurrent discussions with the airlines, 
the size and gross weight of the aircraft continued to grow  until the 
thrust requirements approached 40,000 pounds.    By this time the air- 
craft thrust requirements were sufficiently defined so that the final 
engine  requirements and specifications could be established.    All data 
at this time indicated that the proper thrust level for the CF6-6 engine 
was approximately 40, 000 pounds or 33% larger than originally en- 
visioned. 

With the thrust level established,   it was then possible to define an 
engine optimized for commercial airline service within a number of 
specific design requirements .    These requirements were established 
for the following areas:    1) engine weight,   2) fuel consumption at take- 
off,   3) climb and cruise thrust ratings,   4) performance deterioration 
(based upon increase in specific fuel consumption and exhaust gas tem- 
perature),   5) maintainability,   6) installation ease and interface defini- 
tions,   7) operational characteristics,   8) growth capability and 9) oper- 
ating cost.    Once established,   these  requirements were  collected and 
reviewed for inconsistencies.    The engine preliminary design thus 
resulted.    This preliminary design was based in large part upon the 
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technology derived from the TF39 engine,  which at the time the CF6-6 
program was initiated,   was conducting early flight tests in the Lockheed 
C5A.    Detail discussions were held with potential airline users of the 
CF6-6 to incorporate into the design requirements that the airlines 
required in an engine scheduled for use in the  ^TO's. 

At the time the design requirements were formulated,   it was felt that 
the key to providing a successful engine for airline service revolved 
around improvements in fuel consumption,  maintenance ease and in- 
creased parts life.    From a marketing standpoint the airlines would 
expect significantly more extensive warranties on the engine and parts 
than had heretofore been provided.    This made necessary the establish- 
ment of stringent requirements on both parts life and engine mainten- 
ance costs.    The component lives that were established as requirements 
are shown in Table  1.    It was necessary to meet these requirements in 
order to obtain the level of reliability and operating costs that were 
established as primary goals for the engine, 

TABLE 1 

TYPICAL COMPONENT LIFE REQUIREMENTS 

Component Life Requirement 
Expected Life 

In Service 

H.P.  Comp.  Rotor 
H.P. Turb. Rotor 
Fan Rotor 
Combustor 
HPT Static Parts 
Frames 
HPT Blades 

30, 000 cycles 
25, 000 cycles 
30, 000 cycles 
1 5, 000 cycles 
12, 000 cycles 
35, 000 cycles 
12, 000 cycles 

30, 000 cycles 
6, 300/27, 000 cycles* 
24, 000 cycles 
?, 000/8, 000 cycles* 
12, 000 cycles 
35, 000 cycles 
8, 000 cycles 

*Design/Rework defined to obtain improved life shown. 

The initial design parameters for the CF6-6 are shown in Table 2 com- 
pared to similar parameters for engines that were designed and that 
entered service in the late  1950's and 60,s.    An additional column shows 
what was actually achieved by the CF6-6 at the time of certification and 
also represents the average performance of production engines shipped 
to date. 
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TABLE 1 

CFo-t) DESIGN PARAMETERS 

CJ805-^ CF6-6 CF6-6 
Certified I960       Reouiremenl       Actuaj 

Takeoff Thruat-lbs, 
Takeoff SFC-lbi/hr/lb 
Cruise SFC-lb«/hr/lh 
Thru»l/Weight-lb«/hr 
Acceleration Time-tec 
Kan Stall  Margin-0/» 
EOT Margin-0C 
Takeoff Noiae-EPNdb* 
Side Line Noiae-EPNdb* 
Approach Noise- KPN «lb* 

16, 100 
0. 56 
0. 92 
t „ 1 

6 
15 
K) 

1 10 
1 1 1 
11<1 

40,000 41, J00 
0. J54 0. US 
0.633 O.ul 

5.2 5.4 
5 4.1 

16 lb 
20 63 

106 99 

107 96 
107 102 

♦ For CJ805-23 in CV990 Aircraft at 253,000 11«. grosa weight. 
For CF6-6 in DC10-10 Mrcrafl al 430,000 lb. gross weight. 

Improved fuel consumption uas tht" primary reason for going to the high 
by-pass  ratio concept and was therefore a primary goal in the initial 
design.    The next objective was to provide the airlines with an engine 
that could be easily maintained both installed in the aircraft and in the 
airline maintenance shop.    In order to assure that ibis objective was 
met)   the airlines who had purchased lb»   CF6-6,  were made a part oi 
the design and development team.    The airlines assigned personnel from 
thfir maintenance and engineering departments to w< rk with the CF6-6 
design engineers and requirements engineers to arrive at a number of 
the concepts that eventually were put into tlu- final engim* design.    This 
design and development team met quarterly throughout the development 
program to report progress and problems,   and to assure that the air- 
line needs were being both understood and incorporated into the design 
of the CF6-6,    The engine that  resulted is shown on Figure ■'..    It con- 
sists oi a single stage fan of 8b,4 inches in diameter with an overall 
pressure   ratio ol   1,6 at  takeoff power.     Attaebed to the   fan disk   is  a 
single booster stage that supereharge« the air entering the core.    The 
core engine consists ol a  lb stage high pressure compressor with •> 
stages of variable stators and variable inlet guide vanes,   a lull annular 
combustor with thirty pressure atomizing fuel no. /[es,   a .'. stage air 
eooled high pressure turbine and a 5 stage tip shrouded low  pressure 
turbine.    The turbine thrust  reverser attaches to the turbine  rear 
frame as part  ol the basic engine  assembly. 

In keeping with t lie concept     f   ■     , iding an engine that was easy for the 
airlines to maintain,   two m    >■    teatures were incorporated into the 
engine.    The lirst oi these is the modular concept ih.it permitted major 
engine modules to be changed either nn tihe wing or in the maintenance 
shop with a minimum expenditure ol labor required.    Once exchanged, 
tin   removed module could then be disassembled for the  required repair. 
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The basic modules of the engine (see Figure 3) consist of the fan module, 
the core module,   which i. "ludes the high pressure compressor and com- 
bustor,  the casing of which forms the compressor rear frame,  the high 
pressure turbine module,   the low pressure turbine module which in- 
cludes the turbine mid and rear frames,   and an accessory module.    Any 
or all of these modules can be replaced in a very short period of time 
so that the module requiring repair can be maintained as a separate 
component.    Complete module inter changeability between engines is 
possible. 

The second of these features involved the mounting of the fan thrust 
reverser on the aircraft pylon rather than on the engine.    The reverser 
is attached to the pylon with hinges and is split along the bottom center- 
line permitting the reverser to be unlatched along the bottom.    By 
swinging it upward,   there is complete accessibility to the engine on the 
wing (see Figure 4) which also allows removal from the aircraft while 
leaving the fan thrust reverser installed.    This concept alone has re- 
duced the  amount of labor required to maintain the CF6-6 engine in 
service  ^y approximately 5 to 7 percent. 

The requirement pertaining to performance deterioration in service was 
aimed at achieving long time on-the-wing performance.    The specific 
requirement was to establish adequate margins for fuel consumption 
and exhaust gas temperature (see Table 2) on new engines as shipped 
from the factory and repaired engines as they leave the maintenance 
shop.    This also established the requirement for component design 
details and efficiency levels that would be relatively insensitive to the 
normal in service "wear and tear".    Because of its on-condition main- 
tenance concept,   provisions are in the engine to permit ease of in- 
spection during periodic preventive maintenance so that it could be 
determined when a part was deteriorating to the point where removal 
of the engine or the module containing the part might be necessary to 
perform maintenance.    For example,   internal parts of the engine are 
inspected by means of a borescope through borescope ports which are 
strategically located at every stage in the compressor,   at several lo- 
cations in the combustor and at every stage in the high pressure and 
low pressure turbine.    Borescope inspection of all major engine com- 
ponents assures the engine is capable of maintaining its in-service 
status and will provide good operational reliability until the next 
scheduled inspection. 

CERTIFICATION PROGRAM 

The certification test program (see Figure 5) included over 3,000 
factory engine test hours.    Certification of the engine occurred in 
September 1970.    This test program is continuing today and is meeting 
a commitment to the airlines to stay two years ahead of the high cycle 
engine in service; with an engine in the factory test fleet. 
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The airline personnel assigned to the development program also played 
a part in the creation of ouv factory engineering test and certification 
plans.    Previous experience with the CJ805 and otht r commercial and 
military engines and experience brought by the airline customers in- 
dicated that parts life in the field was more dependent on the number of 
flight cycles than it was on the number of flight hours.    For that reason, 
a simulated airline cycle was defined that was used during most of the 
factory endurance testing in order to best describe in the factory,  types 
of experiences that would be seen when the engine went into airline ser- 
vice.    This cycle,  which consists of operating the engine at various 
power settings used in a single typical airline flight,  is shown on Figure 
6,    This cycle,   which takes approximately fifteen minutes,   simulates 
one complete airline flight.    Such testing has proven to be very accurate 
in determining problems on the engine that are cyclic oriented,   as most 
in-service problems are. 

During the certification program,   flight testing of the CF6-6 engine was 
accomplished with the DC10 series  10 nacelle design mounted on the 
in-board pylon of a Boeing B-52 aircraft (see Figure 7).    This program 
completed 143 flight test hours and provided invaluable data for the 
certification program on engine inflight operation and performance. 

Prior to certification the engine initiated flight test on the McDonnell 
Douglas DC10 series 10 aircraft in July 1970.    This flight test program 
covered more than 1, 500 flight test hours or 4, 500 engine hours.    From 
an engine operational standpoint,   the flight test program was essentially 
uneventful.    Very few problems were discovered that required any 
modification to the engine during this phase of the program. 

In addition to the amount of factory test hours indicated earlier,   a 
number of other tests were conducted prior to certification to assure 
that upon introduction into service,   a high level of reliability would be 
obtained.    These tests included component test of: 1) gearbox; 2) major 
control and accessory components; 3) combustor and 4) heat transfer 
tests on the turbine cooling systems.   Results of these tests were sub- 
mitted to the FAA in support of the certification program. 

An integral part of the certification and follow-on component improve- 
ment program was to develop procedures for the repair of engine 
components for use when the engine entered airline service.    Through- 
out the development program,   parts from engines that had run signif- 
icant endurance hours or cycles were sent to the repair development 
shop for the development of repair procedures.    Parts were then 
repaired following these procedures and reinstalled in endurance 
engines to continue on the evaluation and test program. 
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INITIAL SERVICE EXPERIENCE 

Initial service experience with the CF6-6 engine was probably the best 
ever achieved for a new commercial production engine.    First revenue 
service started in August 1971 with American and United Airlines. 
Through Che first 80, 000 flying hours there were no major problems. 
The in-flight shutdown rate and premature removal rate was outstanding 
and the engine generated broad airline acceptance. 

A major problem occurred in mid-1972 after about 80,000 hours.    The 
problem was the result of an oil fire in the turbine mid-frame or "C" 
sump section of the engine.    The cause was attributed to a loss of oil 
scavenge from the sump which permitted oil to leak into a high temper- 
ature area in the frame surrounding the sump causing it to ignite.    This 
burning oil overtemperatured the structure of the low pressure turbine 
rotor and in two instances caused sections of the aft portion of the 
engine to become separated during flight. 

An accelerated engineering investigation of this problem revealed that 
a feature incorporated into the engine to improve the maintainability of 
the turbine mid-frame was the cause.    A flange had been placed in the 
scavenge line from the C sump.    This flange,   because of restricted 
space inside one of the turbine mid-frame struts,   was not adequate to 
provide good sealing during all engine operating conditions.    The 
scavenge line was surrounded on the oulbide by high pressure air,   and 
when the flange leaked high pressure air entered the line starving the 
oil scavenge flow and causing the sump to flood.    Flooding of the sump 
permitted oil to pass through the  seals and enter the high temperature 
cavity in the frame and ipnite.    Several design changes were introduced 
when the cause of the problem was determined to assure that the pro- 
blem would never occur again.    These design changes included not only 
the elimination of the flange in the scavenge line,   but also the addition 
of lower temperature air in the cavity surrounding the sump so that even 
if th"  sump did leak oil,   the temperature would be low enough to pre- 
clude a fi re. 

A retrofit of this package of fixes was initiated in November 1972,  just 
6 months after the first incident uccurred,  and was completed on the 
entire fleet of DC] 0 aircraft by the end of March 1973.    This retrofit 
was accomplished without a single delay or cancellation of a revenue 
flight due to lai k of engines. 

Performance of the ( ngim   in this area since the introduction of these 
changes has been flawless.    In over 700,000 flying hours,   not a single 
repeat of this problem has occurred.    Once this problem was solved, 
service experience with the engine  continued to be quite good. 
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CUHRENT EXPERIENCE 

At the present time the average age of the 284 CF6-6 engines in service 
is about 4, 000 hours.   The age and cycle distribution are shown on 
Figures 8 and 9,    As the in-service engines increased in age,   some 
problems associated with high time could be seen.    The most severe 
of these problems was combuetor dome and inner shell life.   Exper- 
ience has shown that these parts have an average in-service life of 
between 2500 and 3500 hours,  below the age considered necessary for 
satisfactory in-service life.   As the first signs of combustor distress 
appeared,  a program was initiated to improve the inner shell and dome 
of the combustor.    This program,   completed in early 1973,  involved 
material and structural modifications and was packaged with several 
other changes to improve life.   Airline agreement was obtained to 
introduce these changes starting in late 1973.   Incorporation of these 
changes is currently underway and should be completed by early 1975. 
It is expected that,  when completed,  these changes will solve all 
identified problems that might cause premature engine removals in a 
time of less than 4, 000 hours,  thus continuing the high level of relia- 
bility for the engine in service. 

A continuing repair development program in cooperation with the air- 
lines is proceeding according to plan.   In service,   parts are not always 
wearing out in exactly the same manner as the initial factory develop- 
ment program predicted,   With the assistance of the airlines,   repair 
procedures are being developed and the repaired parts reinstalled in 
service engines.    This program to date has been extremely successful 
and will ultimately show a significant reduction in overall engine oper- 
ating costs to the airlines. 

A number of inspections are required to be conducted by each airline to 
assure the FAA that the engine and airline is capable of going "on- 
condition".    These "threshhold inspections",   as they are called,  were 
conducted at 500,   1500 and 3000 hours by each major airline user. 
The CF6-6 has passed each of these inspections with ease,  and the FAA 
has approved the engine for a complete on-condition maintenance pro- 
gram without any fixed overhaul time for either the engine or any of its 
components. 

The engine entered airline service with life limits established for only 
five parts that were below the design requirements.   In each of these 
cases,  the parts  were limited by low cycle fatigue based on factory test 
experience.    Factory testing after certification revealed a life problem 
of a low cycle fatigue nature on two other parts and as a consequence, 
life limits were placed on these parts as well.    Design changes to im- 
prove the low cycle fatigue lift; of each of these parts are now available 
and in each case involve a rework of the existing part rather than re- 
placement.    Programs have been agreed to with each airline to remove 
these parts prior to the time that the life limit is reached.    Upon re- 
moval the parts are reworked and placed back in service.   In each 
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case,  the part returned to service will meet its initial design objectives 
in terms of low cycle fatigue life.    Referring back to Table 1,  the last 
column shows component lives actually demonstrated either by factory 
test or achieved in service to date.    The components that are indicated 
to have less than the objective lives in actual service,   have modification 
programs underway to retrofit field engines.    These components,   shown 
in the table,  are indicated by an asterisk. 

A program is underway to inspect high time engine parts as they come 
into the airline maintenance shops to allow the early identification of 
problems.    This will permit the solution to be available prior to the 
time that a marked increase in failure rate occurs. 

Since passing the 4, 000 hour point in service life,   no new problems have 
occurred that were not seen prior to this time.   Although it is incon- 
ceivable that this trend will continue,   it leads to optimism regarding 
the continued service experience with the engine.    As the engines have 
grown older,  the premature removal rate has increased,  but it is 
anticipated that with introduction of the modifications discussed earlier, 
this trend will be reversed and the engine will level out at a very 
acceptable premature removal rate. 

IN SERVICE PERFORMANCE 

With respect to engine performance,   the average engine as shipped new 
from the factory exceeds its guaranteed performance levels by the 
amount shown in Table 3. 

TABLE 3 

Guarantee Actual 

40, 100 

Margin 

38, 900 3.1% 
0.357 0.352 J.5% 
0.355 0.348 2.8% 
  840 65 

ACTUAL CF6-6 PERFORMANCE 

Takeoff Thrust-lbs. 
Takeoff SFC-lbs/hr/lb 
Max.  Cont. SFC-lbs/hr/lb 
Exhaust Gas Temp.-0C 

The CF6-6 engine uses fan speed as a measure of thrust being produced, 
As the engine deteriorates in service exhaust gas temperature (EGT) 
rises at constant fan speed.    When EGT reaches the limit established 
for the CF6-6 (9150C) the engine must be removed from the aircraft 
and maintenance performed to recover the performance lost.    In ser- 
vice experience to date with respect to performance deterioration has 
been quite good during the first million flying hours.    Figures  10 and II 
show the amount of performance deterioration with respect to cruise 
fuel flow and exhaust gas temperature margins that have been observed 
to date.    With the exhaust gas temperature margins being obtained on 
new engines as they are shipped from the  factory,   experience shows 
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that for the average engine the exhaust gas temperature limit will not be 
exceeded during the first 4, 000 - 6, 000 hours of on-wing operation. 
Similarly,   fuel flow is deteriorating at about the same rate.    As ex- 
pected,   the most rapid deterioration occurs during the first 1,000 to 
1, 500 hours of operation after which the rate of deterioration levels off 
considerably.    The deterioration that occurs during the first 1, 000 to 
1, 500 hours of operation is the   -esult of the rotating parts wearing in, 
seals opening up and clearancet. are increasing.    After this point,   the 
clearance increase and wear rai.e slows significantly. 

Currently underway is a program with the airlines on performance 
recovery aimed at determining which components contribute most to 
performance deterioration in service and what modifications to these 
components  should be made during routine maintenance to recover the 
performance lost in service.    It appears the major contributor to per- 
formance loss is the high pressure turbine,   with the high pressure- 
compressor being a lesser contributor.    Engines are being tested after 
significant airline service to determine which parts of these components 
are the primary cause of the performance deterioration.    As a result 
of this program procedures for module repair that recover lost perfor- 
mance will be established. 

AIRLINE PRACTICES 

As shown earlier,   the engine was designed for the  replacement of major 
engine modules with the engine installed in the aircraft.    Airline pre- 
ference to date has been to remove an engine from the aircraft and 
perform the module  replacement in the maintenance shop rather than 
perform the change on the wing.    The major reason for this has been 
aircraft scheduling in  revenue  service.    A number of very successful 
replacements of both fan modules and low pressure turbine modules 
have bei-n accomplished on the wing,   however.    The time required to 
accomplish these moduli' exchanges has been well within the time 
initially predicted for module replacement. 

All of the CF6-6 features to simplify periodic maintenance have done 
the job for which they were intended.    The airlines make maximum use 
of borescope and other inspection features.    As a consequence,   the on- 
condition maintenance program has proceeded without any problems. 
The engine has proven itself to be extremely simple to maintain with a 
very low maintenance labor requirement. 

One problem observed to date is that the airlines tend to let the engine 
mechanical deterioration go beyond the most economical point for the 
performance of maintenance.    As an example,   scheduled borescope 
inspections of the  cornbustor show the first signs of distress very 
clearly,   and the deterioration  rate is well established.    However,   it 
has been the tendency of the airlines to continue to keep the engine in 
service until the cornbustor deterioration reaches a point where sec- 
ondary damage (usually in the turbine section) occurs.    This results in 
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a mach more expensive failure in terms of labor and parts replacement 
costs than would have occurred if the airlines had removed the engine 
for combustor replacement sooner.    Programs are currently underway 
with the airlines to work out in detail their on-condition maintenance 
program to assure that the most economical operation of the engine is 
the end result. 

FUTURE DIRECTIONS 

With todays emphasis being placed on the energy shortage and the 
resultant desirability to obtain better fuel consumption,   there is cur- 
rently underway component improvement programs that will further 
improve the fuel consumption margin obtained with new engines c 
engines that receive major maintenance in airline shops.    Once these 
improvements are incorporated,   further reductions in engine fuel 
consumption,   both during initial operation and after maintenance 
actions are expected. 

CONCLUSIONS 

In general,   the introduction of the CF6-6 into commercial airline 
service and its operation through the first one million flight hours 
has proceeded smoothly.    It is felt the reason for this was initial 
design requirements aimed directly at commercial service and close 
coordination with the airlines during the initial design and development 
program.    The concept of on-condition maintenance is working and 
although both the engine manufacturers and the airlines have a lot to 
learn regarding the operation and maintenance of high by-pass ratio 
turbofan engines,   the inhert-nt advantages of these engines have re- 
sulted in meeting the expectations of both the manufacturers and the 
users. 
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Figure 2       CF6-6 Engini- Cross-si-ction 

COMBUSTOR 

FAN 

I 
HIGH PRESSURE 
COMPRESSOR 

ACCESSORY 

Figure 3       CF6-6 Engine Modules 

... , ,  

Figure 4        Accessibility of CF6-6 

HIGH PRESSURE 
TURBINE 

LOW PRESSURE 
TURBINE 

Engine Installed in Nacelle   ^23* 

1968 1969 1970 1971 1972 1973 

Figure 5     Service Time and Cycles 

Factory Test and Airline 



TAKEOFF  - 

CLIMB - 

POWER 
SETTING 

APPROACH 

FLIGHT IDLE 

GROUND IDLE 

MOTORING 

SHUTDOWN 

REV ERSE 

1    i    i    i    i    i    i    ■    ■    i    ■    i \ 
0    1     2    3    4    5    6    7    8    9   10   11   12  13  14  IS 

TIME - MINUTES 
Figurt; o    Simuluti'd Airlini' Cycle Uaed for Factory Endurance Trstin^; 

Figurf 7    CF6-t) Engine Mounted on Pylon of B52  Flight Test Aircraft 

50 

40 

NUMBER 
OF 30 

ENGINES 

20 - 

10 - 

0   500  1000 1500 2000 2500 3000 3500 4000 4500 5000 5500 6000 6500 

ENGINE FLIGHT HOURS 

FiRiir«' 8     Engine A^ Distribution in Service 

j 



14-. 

NUMBER 
OF 30 
ENGINES 

i   ■   i  '  l   |  I 
?500 4000 4S00 5000 5500 6000 6500 

ENGINE FLIGHT CYCLES 
Figure 9      Enginr Cycle Distribution in Service 

1000 2000 3000 

TIME SINCE NEW • HOURS 

Fi^uri-  10       CF6-6 FiK-l Flow Increase in Service 

4000 

915 0C REDLINE 

u   10 
0 

•     20 

| 

1* 
<    40 

^^^                  HOT DAY TAKEOFF 

»Z   50 

o 
«   60 

* 
_ L 1 1 1 

1000 2000 3000 

TIME SINCE NEW-HOURS 

4000 

Fiffure  I 1     CF6-6 Exhaust Gas Temperature Increase in Service 

^5< 



HYDROGEN AS A TURBOJET ENGINE FUEL- 

TECHNOLOGICAL, ECONOMICAL AND ENVIRONMENTAL IMPACT 

D.T. Pratt, K.J. Allwlne and P.C. Malte 

Washington State University, Pullman, Washington, USA 

Abstract 

The present energy crisis has created an Increased level of con- 
cern with respect to availability of petroleum fuels within the next 
decade.   This consideration, together with the fact that turbojet 
enqines are a significant and increasing contributor of N0X and other 
pollutants, led to a critical examination of the technological, econo- 
mic and environmental considerations of using hydrogen (LH2) as a Jet 
engine fuel.    In addition to reviewing U.S. literature on technolo- 
gical and economic considerations, an assessment is made of combustion 
and pollutant kinetics of hydrogen in supersonic and hypersonic air- 
craft engines, by means of a perfectly-stirred reactor model.    Con- 
clusions are drawn concerning the short, mid-term and long-range 
possibilities of adapting aircraft to hydrogen fuel. 

Introduction 

The motivation for examining the technological, economical and 
environmental impact of hydrogen (specifically liquid hydrogen, LH2) 
as an alternative fuel for Jet aircraft arises primarily from four 
considerations: 

1. Decreasing availability and Increasing cost of hydro- 
carbon fuels. 

2. The quest for an environmentally "clean" fuel. 

3. Anticipation that the present fossil fuel economy 
may eventually be < 
energy economy. 0) 
may eventually bevsuperseded by a nuclear-based 

'.0 

4.    The need for fuels with desirable properties for 
future hypersonic commercial aircraft.(2) 

For purposes of tnis paper, no attempt has been made to address 
these issues on a worldwide basis;   only U.S. sources of information 
have been utilized. 

Air Transportation and the Energy Crisis 

Within the United States, air travel is the major passenger 
carrier between cities.    In 1970, the airlines accounted for 77% of 
U.S. intercity revenue passenger mil es;.and airlines now carry more 
than 91% of transatlantic passengers.")   Tremendous growth has been 
predicted in interurban (80-800 km), long-haul  (domestic) and 
general aviation, as shown in Table 1.   The largest potential of all 
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is anticipated for air cargo, in spite of its low energy efficiency. 
Also by 1985, there will be a need for larger aircraft carrying about 
800-1000 passengers, and the free world air carrier fleet will have 
grown from 5100 to 8300 aircraft. W 

Enplaned Passengers 
(millions) 

1969 1985 

Intraurban 
(0-80 km) 13 38 

Interurban 
(80-800 km) 81 331 

Cargo Originating Tons 
(millions) Long-Haul 

Domestic 75 334 
1969 1985 

Long-Haul 
International 13 75 Air 

Cargo 3 34 

General 
Aviation 219 394 

TABLE 1. Air Transportation in the United States. 1969 Actual 
Demand, 1985 Projected Demand. (Ref. 4) 

In 1970, aircraft consumed 13% of the total energy used in the 
U.S. transportation sector, and by 1985 that figure is expected to be 
about 18%. Table 2 shows the energy consumption in 1970 and projected 
1985 figures for aircraft, total transportation and total U.S. energy 
consumption.(5) 

1018 J/year 

1970 X* I      1985 %* 

Aircraft 
Total 2,3 3,2 5,4 3,8 

Transportation 
Total 17,7 24 30,4 22 

United States 
Total 

■ 

73,3 100 141,2 100 

♦Percent of total U.S. consumption 

TABLE 2. Aircraft Energy Consumption in the United States in 
1970, and Projected in 1985. (Ref. 5) 
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During the early part of 1973, let fuel shortages began to dis- 
rupt the operations of some airlines.16)  During the latter half of 
1973, International conflict and resultant oil price Increases and 
supply reductlpns seriously affected the availability of fuels manu- 
factured from the middle distillate fraction of oil (home heating fuel, 
gasoline, dlesel and jet fuel.) The present "energy crisis" Is of 
course symptomatic of a larger disease: the ever-Increasing demand In 
the U.S. for energy of all kinds: total consumption Increased from 
35 x 10 ? J/y In 1950,50 45 x 1018 J/y In I960, and skyrocketed to 
72 x 1018 J/y In 1972('.8)  Table 3 Indicates the distribution of 
energy sources In the U.S.; It Is clear that even with Increased 
Imports of oil, coal and nuclear energy will occupy a larger position 
1n the future U.S. energy picture. 

ENERGY SOURCE 

1018 J/year 

1970 1975 1980 1985 

Domestic Oil 23,9 24,5 25,2 25,0 

Import Oil 6,5 14,9 23,1 31,7 

Domestic Natural Gas 23,8 21.7 19,3 15,4 

Import Natural Gas 1,1 1.7 4,0 6,2 

Syngas   0,4 0,7 1.1 

Coal 1  13,8 18,0 22,7 28,6 

Hydroelectric 1.9 2,7 2,9 2,9 

Nuclear 0,4 3,6 9,5 19,8 

Geothermal i   0,5 0,7 0,9 

TABLE 3. United States Projected Energy Demand by Source Through 
1985. (Ref. 7) 

The shift from dependency on fossil fuels 1s Inevitable, and 
alternate fuels for aircraft must be developed. It 1s doubtful that 
storage batteries and motors or nuclear power will ever be widely 
applicable to aircraft, so a liquid synthetic fuel appears to be 
an attractive possibility. Liquid hydrogen (LH2) has a high energy- 
to-weight ratio and burns cleanly with no carbon monoxide and no un- 
burned hydrocarbons, but with some nitric oxide which can be con- 
trolled to very low levels by properly designed combustors. If 
hypersonic (above Mach 3,5) turbojet aircraft are developed for air 
transportation systems In the futuHT, LH2 Is clearly the most suitable 
fuel.'9) £8< 



Hydrogen Economy 

In the "hydrogen economy" concept, all of the energy required 
by the economy Is generated 1n central power stations, with hydrogen 
as the primary mechanism for transporting energy. Nuclear energy 
(fission and eventually fusion) Is expected to become the primary 
source of energy with support from solar, geothermal and hydro- 
electric sources. 

One proposed scheme envisions offshore nuclear plants of 50 GW 
generating capacity electrolyzlng sea water to form hydrogen and 
then piping the liquified hydrogen to distribution centers to be used 
as a fuel for transportation. Industrial and home applications, or 
for conversion back Into electricity by fuel cells or by conventional 
steam power plants.(1°) 

Hydrogen has a history of use In the U.S. space program and in 
Industrial applications. Several large electrolyzer plants exist now 
for supplying hydrogen to the ammonia and fertilizer Industries. 
Pipelines carrying hydrogen over distances of up to 80 km are In 
operation in the Houston, Texas area. In the Ruhr area of Germany a 
hydrogen delivery pipeline network extends for 210 km. Much of this 
network has been in continuous operation since 1940.(11) 

Liquid Hydrogen as a Jet Engine Fuel 

Properties of LH2 are compared with a conventional hydrocarbon 
jet fuel, JP-4, in Table 4. 

Property LH2 JP-4 

Density (g/cm ) 0,0708 0,773 

AHC (kJ/g) 121,4 42,9 

AHC (MJ/1) 8,58 33,16 

Freezing Ft.  (0C) -259,20 -60 

Boiling Pt.  (0C) -252,77 121/288 

TABLE 4. Thermochemical Properties of Liquid 
Hydrogen and JP-4. (Ref. 13 and 14) 

In 1956, Pratt and Whitney Aircraft successfully ran a con- 
verted J57 jet engine on LH2.nz) jfo excellent mixing and com- 
bustion characteristics of hydrogen were exhibited In single-can 
burners with simple axial tube injection. Acceptable burner can 
discharge temperature profiles (pattern factors) and combustion 
efficiencies (99+ %)  could be obtained with about one-quarter the 
axial length required for hydrocarbon fuels. The very wide 
flamtnability limits of the hydrogen-air mixtures permitted stable 
engine operation with a combustion chamber temperature rise of less 



than nooC.   The excellent heat transfer characteristics permit long 
combustion-chamber life and satisfactory operation of gears and 
bearings without conventional lubrication. 

In 1957, NASA's Lewis Research Center Installed an LH2 fuel 
system on a B-57 airplane and successfully operated one of Its J65 
turbojet engines at a flight speed of Mach 0,72.(2)   /\ rafn a^r heat 
exchanger was used to gasify the LH2 and helium was used to pressurize 
the fuel tank and purge the fuel system.   Though not measured during 
flight, ground tests showed that the specific fuel consumption of the 
J65 engine using JP-4 fuel was 2,73 times that when hydrogen was used. 
In good agreement with the ratio of the heat of combustion of the two 
fuel s. 

Future air transportation looks toward aircraft of supersonic 
transport size flying at Mach 6.   At these hypersonic speeds, 
a fuel Is required which has both a very high energy content for 
engine performance and a heat-sink capacity sufficient to cope with the 
thermal environment experienced at hypersonic speeds.    Liquid hydrogen 
has about 30 times the heat-sink capacity of JP-4, since JP-4 cannot 
be heated beyond 190oC.(2)   An optimum range study for hypersonic 
fl1ght(2) revealed that a Mach 3 LH2-fueled airplane has a greater 
range than a JP-fueled aircraft by more than 30 percent. 

Of course, disadvantages also exist, primarily the problem of 
In-flight LH2 storage.    Since LH2 has about one-quarter the energy 
per unit volume of JP-4, It requires four times the volume for the 
same total energy content.    The cryogenic nature of LH2 adds to the 
problem of building lightweight fuel tanks for aircraft use.   Wing 
tanks do not appear to be feasible.    A recent study of LH2 feasibility 
for aircraft suggested that the upper-lounge lobe of a Boeing 747 
"jumbo jet" could be extended the full length of the fuselage to 
provide a 6,8 x 105 litre fuel tank.O) 

Production and Cost of Liquid Hydrogen 

If all of the U.S. fuel requirements for airplanes in 1970 had 
been supplied by LH2, a production capacity of 52,8 x 103 t/d (metric 
tons per day) would have been required.   The total LH2 production 
capacity in the U.S. at that time was 136 t/d with the largest plant 
having a production capacity of 54 t/d.('3)   Using existing liquifi- 
cation technology, plants having a capacity as large as 227 t/d could 
be built.(15)    However, a single HST flying 8046 km (5000 miles) a day 
at Mach 6 would consume 91 t/d (3.4 million gallons/day) of LH2.(16) 
Obviously, the U.S. LH2 production capacity will have to increase 
significantly if LH2 is to become marketable as a jet fuel. 

The most economical method of producing LH2 at present is by 
steam reforming with hydrocarbons, which costs about 0,18 $/kg.    The 
cost of producing LH2 by electrolysis in 1971 (not including mar- 
keting and distribution) was about 0,44 $/kg.    However, with pro- 
duction geared to the HST system, an electrolytic LH2 plant with a 
capacity of.2268 t/d could be competitive.(13j   According to Peterson 
and Waters^'), the cost of LH2 will be about 0,33 $/kg (2,7 x 10-9 
$/J) early in the introduction of the hypersonic fleet.    The early 
1973 cost of jet fuel delivered at the aircraft was about 0,05 $/kg 
or 1,3 x 10-9 $/J.(6)    Figure 1 shows the relative energy cost of LH2 
compared to jet fuel during the past ten years.(2) 
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Transportation, Handling, and Storage of Liquid Hydrogen 

The transportation, handling, and storage technologies for LH2 
are well developed and little further technological development Is 
necessary for safe and efficient handling of significantly greater 
amounts of LH2. 

Transporting of LH2 Is done by highway transport and railroad 
tankers.    In the U.S., highway transports of 50 x 103 litre (13000 gal) 
capacity are commonplace and some special 75 x 1031 highway transport 
trailers have been built.('8)   Railroad tankers with 100 x 1031 capa- 
city and some with 130 x 10^1 capacity are In common use.    Boll-off 
losses of 0.25% per day can be expected from the 50 x 103 litre capa- 
city highway transports, with less for the larger vessels. 

Vacuum-jacketed transfer lines for LH2 have been built with in- 
side diameters of from five to fifty centimeters and lengths up to a 
few thousand meters.   Operating pressures in these lines are as high 
as 138 bar (2000 psi).   At the Nuclear Rocket Development Station in 
Nevada, LH2 has been transferred at rates up to 133 x 103 l/min(35000 
gal/min).n8)   At this transfer rate, 1,6 hours would be required to 
deliver the LH2 fuel to an HST for one 8000 km flight using one 
delivery line. 

Also at the Nuclear Rocket Development Stati 
vacuum-jacketed, perlite-insulated LH2 storage ve; 
with capacities of up to nearly two million litres 
such dewars is of the order of 0.05% per day; the 
greater than 5 years.   The cost of dewars of this 
0,50 S/l capacity.   No further developments would 
dewars of this type up to eight or nine million 11 
non-vacuum jacketed storage, dewars of up to tens 
litres capacity should be capable of being fabrica 
techniques. 

on in Nevada, 
sels have been built 

"8)    Boil-off for 
holding time is 
size is roughly 
be required to build 
tre capacity.    For 
of millions of 
ted by current 

Aircraft Liquid Hydrogen Fuel Tanks 

As already mentioned, onboard storage of fuel LH2 is a 
problem due to its cryogenic nature and its low energy per unit 
volume.    The wide flammability limits of hydrogen also present a 
serious problem.    Witcofski of the U.S. NASA-Langley Research Center 
assessed the fuel containment problem as related to an HST as 
follows:(2) 

"Containment of the liquid hydrogen fuel requires con- 
sideration of safety aspects as well as minimization of the 
heat transfer to the fuel.    Because of the wide flammability 
range of LH2, the space between the tank wall and the outer 
skin of the airplane will likely by purged with an inert 
gas, such as nitrogen. 

Unless the purge gas is prevented from coming into 
contact with the cold tank wall, cryopumping will result, 
causing high heat transfer to the fuel.   Attempts to con- 
struct flight weight, vacuum-tight shells around the 
tanks have proved unsuccessful.    If the fuel tanks are 
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housed with a 'hot structure* airplane, two layers of 
external tank Insulation might be used." 

Witcofskl also discussed the use of slush hydrogen (50% liquid/ 
50% solid) as a means of decreasing fuel volume (14% reduction com- 
pared to LH2) and significantly reducing In-flight fuel boll-off. 

One proposal for subsonic aircraft Is the addition of cryogenic 
outboard wing tanks which, as a safety measure, could be released If 
necessary. (10)   Further research Is definitely needed In this 
area, and whatever finalized tank design Is arrived at will dictate 
what LH2 production storage and distribution facilities will be re- 
quired. 

Safety of Liquid Hydrogen Use 

Public skepticism concerning the safety of hydrogen, due In part 
to the widely publicized explosion of the dirigible "Hlndenburg" In the 
1930's, must be overcome before hydrogen will have public acceptance 
as a Jet engine fuel.   Large segments of the public are probably 
unaware that synthetic fuel gases designated "producer" gas, "manu- 
factered" gas, "oil" gas, "water" gas, and "town" gas, commonly con- 
taining from 15-85% hydrogen, were formerly distributed to residences 
In cities In many countries with relative safety.(18)    Gaseous hydro- 
gen has also been used safely for years In chemical processing, heat 
treating, and the food processing Industry.^19'   Large quantities of 
LH2 have been used safely In the U.S. space program. 

Following Is a comparison of some properties of hydrogen and Its 
dangers relative to methane: (18) 

1) Hydrogen's shorter quenching distance makes It 
more dangerous than methnne (0,06 cm vs. 0,25 cm). (Quench- 
ing distance Is the distance between surfaces that will 
just permit a flame to pass without being cooled to 
extinction.) 

2) Hydrogen's lower Ignition energy makes It more 
dangerous than methane (0,02 mJ vs. 0,3 mJ). 

3) Both hydrogen and methane are non-toxic. 

4) Hydrogen has a higher dlffuslvlty than methane 
(0,634 cm/sec vs. 0,20 cm/sec) which causes It to leak 
faster, but also to dissipate faster. 

5) Hydrogen has a wider explosive range In air 
(4-75%) compared to methane (5-15%), but the lower ex- 
plosive limit 1s the one which must be avoided, and this 
Is essentially the same for both fuels. 

6) Hydrogen has a higher Ignition temperature 
than methane (858 K vs. 811 K) which makes hydrogen less 
dangerous than methane. 

7) Hydrogen does not produce the toxic combust- 
ion products carbon monoxide and smoke. 
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The handling of liquid hydrogen for expanded commercial appli- 
cation will  not be difficult as long as existing safety standards, 
regulations, and specifications are followed.09)   The extremely low 
temperature handling and potential leakage problems are recocmized; 
equipment can be designed and personnel trained accordingly."0'    It 
is interesting to note that a spill of 2 x 103 litre (500 gallons) of 
LH2 in an unconfined area will diffuse to a non-explosive mixture in 
about one minute.(19) 

Combustion and Pollution Characteristics of Hydrogen 

The reduced environmental impact of jet aircraft fueled with 
LH2 results because hydrogen is the "cleanest burning" of all chemical 
fuels.   A LH2-fueled aircraft would emit no carbon monoxide, no car- 
bon dioxide, no particulate matter, and no unburned or partially 
burned hydrocarbons.    It will be shown presently that oxides of nitro- 
gen NO« (NO and NO?) can be significantly reduced since hydrogen can 
be stably burned at extremely lean fuel/air ratios in turbojet com- 
bustors.    Formation of attmonia, NH?, the other possible pollutant 
resulting from hydrogen/air combustion, is not chemically favored 
under fuel-lean conditions. 

LH2-fueled aircraft would significantly reduce urban/near- 
airport pollutant loadings.   Airports are now known to be significant 
and concentrated area sources of pollutant emissions,(21) due to air- 
craft taxi, takeoff, and larding approach operations. 

A potential environmental/health danger connected with world- 
wide SST operations involves the possibility of stratospheric ozone 
depletion due to reaction with aircraft-emitted NO .(22) Depletion of 
stratospheric ozone would cause Increased amounts of hazardous short- 
wavelength radiation to reach the earth's surface.   Therefore, the 
major reduction in ML emissions achievable with LH2 should have an 
important impact on the environmental acceptability of stratospheric 
commercial flight.   Low NOv emissions can be achieved by injection of 
prevaporizgd LH2 into a well-stirred, near-homogeneous combustor 
primary zone.    Due to the wide flammability limits of hydrogen, it 
can be stably burned at far lower fuel/air ratios and correspondingly 
lower flame temperatures than conventional jet fuels.    Intense back- 
mixing and turbulent stirring in the combustor primary zone, together 
with hydrogen's high diffusivity, further minimize N0X formation by 
eliminating fuel-rich hot spots.    Pre-mixing of fuel and air could 
achieve even further homogeneity, but it will probably not be nece- 
ssary. 

Figure 2 presents measurements made by the authors of temper- 
ature and N0X concentrations resulting from hydrogen-air combustion in 
a 67,4 cm^ volume laboratory jet-stirred reactor, which features 
the intense turbulent backmixing required for steady-flow, fuel-lean, 
low M0X combustion.!23) 

In Fig. 2, the increase of temperature and N0X with increasing 
rtt/V (decreasing residence time, T = pV/iti) indicates mixing controlled 
combustion while decreasing T and N0X with increasing rti/V indicates 
chemical-kinetically controlled combustion.    The highest value of 
iti/V measured for * = 0,310 corresponds to Incipient blowout;    blowout 
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was not achieved at * = 0,575 due to temperature and fuel supply 
system limitations. 

In addition to a well-stirred primary zone, a conventional 
turbojet combustor must have a secondary zone following the primary 
zone to ensure complete combustion, Improve the uniformity of the 
temperature profile entering the turbine, and to cool (by dilution) 
the product gases to allowable turbine Inlet temperatures (ca. 1250 K 
for non-cooled blades).   The relatively slow kinetics of N0X formation 
cause the N0X to be largely "frozen" In the secondary zone so that 
NOx concentrations In the exhaust are reduced below primary zone 
values due to dilution alone, and therefore may exceed equilibrium 
values based on local temperature and pressure by orders of mag- 
nitude. 

With hydrogen as a fuel, however, a secondary zone may not be 
necessary;   the primary zone may be operated at the overall or exit 
value of   uniform   fuel/air ratio, thus enabling low flame tem- 
peratures equal to the turbine Inlet temperature (and correspondingly 
low N0X concentrations) throughout.    In addition, hydrogen/air 
kinetics are so rapid compared to hydrocarbon/air kinetics that 
combustion efficiencies greater than 99% may be achieved In the 
primary zone for residence times as low as five milliseconds. 

In Fig. 3, results of computer calculations are shown for the 
Intensely stirred primary zone of a hypothetical turbojet combustor 
at typical SST cruise conditions:   Mach 2,7 flight at 20kni 
altitude,"4) assuming an 88% efficient Inlet diffuser, and 
compressor pressure ratio of 13,5.(25)   These calculations employed 
the adlabatlc perfectly-stirred reactor (PSR) calculatlonal model(23) 
with the hydrogen/oxygen combustion kinetic mechanism of Jenkins et 
al.(26) and two N0X formation kinetic mechanisms:   Zeldovlch N0X kine- 
tics, and an NO» formation mechanism Including N2O production and de- 
composition. (27;   Comparison of Figs. 2 and 3 for similar temperatures 
and residence times or iti/V values, at low fuel/air equivalence ratios, 
shows much higher N0X for the computer predictions.   This Is due to 
the Increase in N0X with Increased pressure from 0,93 bar (Fig. 2) 
to 16 bar (Fig. 3).   Also shown In Fig. 3 are the predicted com- 
bustion temperatures for a range of fuel/air equivalence ratios 
from 0,1 to 0,6.   For the range of residence times plotted, reactor 
blowout was not approached, and consequently the predicted combustion 
temperatures were always very close to the corresponding equilibrium 
adlabatlc flame temperatures shown.   At T = 10 msec, combustion 
efficiency was 99%, while at T - 1 msec, this decreased to 96%. 

At <!> = 0,2 and for T = 5 msec (typical conventional turbojet 
combustor primary zone residence time). Fig. 3 shows N0X ^SO ppm. 
Dilution with air (1100 K temperature) to reach a turbine inlet 
temperature of 1250 K then yields a combustor emission of approximately 
20 ppm NOx.    If ^he combustor primary zone residenc«» time is reduced 
to 1 msec by shortening the primary zone length, stable, efficient 
combustion of hydrogen still obtains, and N0X emissions at combustor 
exit are reduced to 13 ppm.   On the other hand, if a higher fuel/air 
equivalence ratio of $ s 0,6 is used, which gives a primary zone 
temperature of 2470 K, (typical of current combustors), then for a 5 
msec primary zone residence time and with dilution to a turbine inlet 
temperature of 1250 K, the N0X emission is about 900 ppm. 
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The extreme nonllnearlty shown In the N0X predictions of Fig. 3 
1s due In part to the fact that at combustion temperatures below 
2000 K, the NoO kinetic mechanism for N0X formation dominates, while 
above 2000 K the Zeldovich kinetics control N0X formation. Another 
reason for this nonllnearlty Is non-equilibrium combustion: super- 
equilibrium concentrations of oxygen atoms, and other combustion 
radicals (OH and H), are predicted by the PSR model, even though 
essentially equilibrium flame temperatures are calculated. Oxides 
of nitrogen formation for Intensely stirred combustion Is dependent 
on the first or second power of 0-atom concentration. However, for 
an actual Intensely stirred combustor, such as required for a homo- 
geneous (no hot spots) turbojet combustor primary zone, 0-atoms 
cannot at this time be predicted accurately, due to the lack of quan- 
titative knowledge of the Interaction between chemical kinetics and 
turbulent mixing. The PSR analysis likely predicts maximum NOx levels, 
since maximum super-equilibrium 0-atom concentrat1ons--an order of mag- 
nitude above corresponding equilibrium concentrations—are predicted. 
For example, PSR calculations corresponding to the data shown In 
Fig. 2 give NOx concentrations greater than measured by a factor of 
2 to 4. However, this comparison between theory and experiment also 
Indicates that non-equilibrium combustion phenomena (I.e., super- 
equilibrium 0-atoms) are Indeed mainly responsible for the measured 
NOx levels. While the PSR predictions In Fig. 3 may be two to four 
times greater than actually occurring, the trends shown are probably 
correct. The N0X predictions of Fig. 3 show the advantage of using 
a fuel such as hydrogen which can be burned stably, with good com- 
bustion efficiency, at very fuel-lean conditions and short residence 
times In a homogeneous turbojet combustor primary zone. 

Conclusions 

The future of liquid hydrogen LH2 as a jet engine fuel depends 
on the following Interrelated factors: 

1) The role of airplanes In future transportation 
systems. ..whether or not to build SST's and HST's. 

2) Detailed research and development efforts con- 
cerning cryogenic fuel tanks, slush hydrogen, 
liquid hydrogen handling and storage, ground 
operations, and production volume geared to 
airlines. 

3) Continued environmental problems due to com- 
bustion of hydrocarbon fuels. 

4) Public acceptance of hydrogen as a safe fuel. 

5) Fuel economics, actions of governments, and 
future energy developments. 

6) Airlines' interest In searching for alternate 
jet fuels. 

It 1s doubtful that liquid hydrogen will be in widespread use 
as a jet fuel prior to 1985. Even If the price/supply ratio for LH2 
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becomes favorable by 1985, significant structural changes In aircraft 
will be necessary to accommodate onboard storage of LH2; LH2-fue1ed 
aircraft will necessarily be a new or modified generation of air- 
craft.   Aircraft under development at the present time would be 
expected to be In service until 1990 or 2000.   But as rapidly as the 
fuels situation Is changing at the present time, these aircraft may 
become obsolete within their useful llfespan of 15 to 25 years If they 
are designed solely for conventional Jet fuel. 
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PERFORMANCE PROBLEMS RliLATHDTO INSTALLATION OF FUTURE ENGINES 

IN BOTH SUBSONIC AND SUPERSONIC TRANSPORT AIRCRAFT 

WulterC. Swan 

Director of Technology, Booing Commercial Airplane Company 

1.0 Introduction 

The requirement for variable-cycle engines has been abundantly clear to many airl'rame system 
designers for years. It is the next logical step in aircraft development in a long series of 
variable-geometry aircraft features which have occurred since the Wright brothers' first flight. 
The designers have solved problems of previous aerodynamic configurations for several special 
flight conditions through the use of variable flaps, leading-edge devices, ailerons, flapcrons, 
elevens, spoilers, sweep, camber, and even variable dihedral. Similar variable or adjustable 
features have been provided to empennage components, landing gears, and flight cabs. In most 
cases, these added complexities have been conceived to solve problems in either performance, 
ride quality, or handling quality at selected operating points in the aircraft mission. 

The advent of 'he multimission aircraft, in both the military and the commercial fields, is now 
forcing Ihi designer to consider additional means of better matching the important multiple 
uses of the vehicle. This paper draws particular attention to concepts for variable-geometry 
engines and the potential that such concepts may provide for further improvement and 
reimenient of multimission aircraft. The principal goal of any variable-cycle engine concept is 
to improve the total range or the flexibility of a given multimission aircraft, while reducing 
weight and cost, to perform a prescribed mission range. In accomplishing this goal, the 
propulsion system concept must be treated as an entity, including the intake and exhaust 
system, such that reduced weight, drag, and complexity of these latter components may be 
traded for increased weight and complexity of the variable cycle. 

Certain secondary benefits of variable-geometry engines may offer unique solutions to other 
aircraft problems which are not normally thought of in multimission considerations. For 
example, these same variable-cycle concepts may provide outstanding solutions to aircraft 
center-of-lift control on V/STOL aircraft during landing and takeoff. As another example, the 
noise near airport boundaries may be significantly reduced through an alternate engine cycle 
on landing and takeoff. 

This paper uses the supersonic transport and the noise-sensitive commercial STOL aircraft to 
illustrate the potential for performance improvements obtainable with a variable-cycle engine. 
Several alternative concepts of variable-cycle engine configurations, which should be 
investigated to define the benefits to such vehicles, are described. Finally. :i few provocative 
thoughts will be presented on how to accomplish such an engine development. With the 
present world fuel shortage, the tremendous potential for a reduction in energy consumed per 
seat-mile should offer incentive for an assault on new approaches to variable-cycle engine 
design. 

2.Ü The Multimission Problem 

The airl'rame and engine designer each attempts to maximize performance at minimum cost 
and weight when configuring his respective components of the aircraft system. Character- 
istically, the airframe designer attempts to maximize the aerodynamic efficiency   lift/drag 
while the engine specialist maximizes the propulsive efficiency   the flight velocity/specific fuel 
consumption (V/SFC). Each tries also to optimize the weight of his respective components. 
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Problems often exist ;is to territorial rijihts concerning design responsibility, which causes 
bookkeeping systems and data validation processes to go astray. 

When the aircraft is designed for a single mission, the problem is bad enough, but when more 
than one mission is demanded for the vehicle, then real technical and territorial problems 

result. As airport noise constraints get tougher, the single-mission problem becomes a dual one, 
because noise goals and cruise objectives are no longer compatible. 

Consider only the cruise propulsion system for the moment. Figure 1 illustrates the 
alternatives available through changes in cruise Mach number for the multimission vehicle. 
Shown are representative desires of engine configuration, intake, and nozzle over the speed 
spectrum of interest for aircraft today. If one wanted to cruise at Mach 0.80 for long range, 
but also wanted to fly at Mach 2.20, one readily sees that the desire is for a moderate bypass 
ratio (5-8) turbofan with a pitot intake and a fixed convergent noz/le at the low speed. At the 

higher speed, one might want an augmented turbofan or turbojet, depending on the vehicle 
configuration, and would want an external compression intake and some form of variable 
convergent-divergent or ejector nozzle. Thus, many of our mixed mission aircraft today have 

very complex variable-geometry intakes and nozzles, which are often a source of many 
unpredictable drag, weight, operational, and maintenance headaches. Until now, the engine has 
been pretty much left alone, except for reheat options. The picture gets much more complex 
as the split in range at the different speeds varies, as the cruise altitude for each speed is 
changed, and when considerations for reserves, loiter, in-flight refuel, climb rates, field lengths, 

noise goals, and other primary or secondary mission objectives are added. 

3.0 The SST Opportunity 

As one example of the opportunity for variable-cycle engines, the former Boeing SST will be 
used to illustrate the complication of the design integration exercises required and to indicate 
the benefits from one such variable-cycle engine concept. 

Figure 2 illustrates the Boeing B2707-300 SST, which was a 750,000-lb vehicle design to fly 
from Paris to New York with 300 passengers. The design mission is shown in Figure 3. The 

aircraft had four General Electric Cil:4 turbojet engines, each housed in a carefully contoured 
pod at the aft end of the cambered and twisted double-delta wing planform. The aircraft and 
engine configuration were matched to meet noise goals approaching FAR 36 at the airport, 
operate from 1 2,000-lt fields, climb and cruise subsonically at Mach 0.90 at least 200 miles to 
avoid sonic booms, then climb to a cruising altitude of 60.000 ft at a Mach number of 2.70. It 
would fly the Atlantic at that speed, descend to 35.000 ft, and cruise again at Mach 0.90 for 
200 miles to its destination. This vehicle would have been used by the airlines as a 

multimission vehicle, because subsonic cruise would have been required over inhabited land 
masses and for a variety of mixed missions on selected airline intercontinental routes. 

Figure 4 illustrates the physical differences between the SST propulsion pod and a modern 

subsonic transport pod. Note that the SST intake is three diameters in length us opposed to 
less than one diameter for the subsonic intake. The complications of this intake and its 

influence on weight will be discussed later. The SST exhaust system is also much longer and 
more complex than the subsonic jet. Shown in Figure 4 is a convergent-divergent SST nozzle 

with a multitube stowable suppressor, which was one concept under development at the time 
of the SST program termination. A main point to be emphasized here is the tremendous 
number of complications and weight problems which were involved in the intake and exhaust 

systems to "condition" the environment for the engine. 

figure 5 shows a comparison of the pressure recovery variation with Mach number of the 
simple pitot intake and the SST intake. The recovery of the pitol intake is great at subsonic 
speeds but poor at higher supersonic speeds due to normal shock losses. While the SST intake 
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was 27« poorer than the pitot intake at subsonic speeds, it did achieve 92% recovery at Mach 
2.70. Performance of the pilot intake at Mach 2.70 is very poor, and this is why the intakes 
must be different. 

Figure 6 shows the engine airflow demand curve as a function of flight Mach number for a 
climb at full power to supersonic cruise. Superimposed is the intake capture flow capability 
that was achieved after many variable-geometry features were added to match the engine over 
the flight envelope. It is seen that complete matching of this high-performance intake to the 
engine demand curve at all flight speeds and altitudes was impossible to obtain. With the intake 
fully started at Mach 1.60. overboard spillage and internal bypass of air was necessary. With 
the intake unstarted below Mach 1.60, it was necessary to resort to movable throat doors in 
combination with the translating plug in order to avoid starving the engine of flow. In general, 
weight and complexity were added tu minimize spillage and bypass drag. Note, however, that 
the reduced power setting at subsonic cruise still causes considerable spillage and bypass drag. 

Some attempt was made by General Electric to get high flow in the engine at Mach 2.70 cruise 
and to spool down the engine during transonic climb to assist in this intake-engine match 
solution. But basically this was a fixed-geometry engine whose pumping characteristics were 
tied to throttle movement and nozzle position. 

Figure 7 shows the complication of the SST intake, including translating centerbody, throat 
doors, bypass doors, takeoff doors, and secondary How valves. All of these devices were 
needed to match this fixed-cycle engine. 

Figure 8 shows a buildup of the drag increments for the intake portion of the SST propulsion 
system in both the started (above Mach 1.60) and unstarted (below Mach 1.60) modes. Note 
that the drag is maximum in the transonic region where large amounts of centerbody spillage 
and normal shock spillage dominate the drag picture. With some form of variable geometry in 
the engine, both the centerbody and normal shock spillage terms could be reduced. Similarly, 
during the climb to supersonic speed, additional drag due to centerbody spillage, bypass 
spillage, and bypass door leakage could be reduced or eliminated through engine cycle 
modification. The net effect of these intake drag increments is expressed as an airplane drag 
increment in Figure 9. The interference drag imposed on the wing due to overboard spillage is 
not included. 

Turning to the xhaust system of the SST, Figure 10 shows one proposed nozzle concept that 
was designed to meet FAR 36 noise rules at the airports. It is shown here to note the effect of 
reduction in jet noise, on exhaust systems weight and complexity, and the multimission 
requirements of good nozzle pei lormance at subsonic as well as at supersonic speeds. 

Figure II shows the gross thrust coefficient us a function of flight Mach number for an 
SST-type nozzle compared to a simple convergent nozzle. In both cases, the top line represents 
the internal performance, and the bottom line shows the gross thrust coefficient when external 
boattail and separation drag arc included, such as would be measured on a wind tunnel 
balance. As expected, the simple nozzle oilers a distinct advantage up to cruise speeds of Mach 
1.00, but has no place on an SSI which must cruise at Mach 2.70. 

Of particular interest in Figure I I is the fact that subsonic aircraft usually cruise at less than 
maximum available thrust, and therefore the gross thrust coefficient usually improves at lower 
power settings because undcrcxpausion losses are reduced. This is the predominant loss in the 
simple nozzle at high speeds. However, the SST nozzle can operate as a C-D nozzle to eliminate 
the underexpansion loss, but it requires a larger boattail angle at the reduced power because of 
the reduced nozzle pressure ratio, expansion ratio, and airflow. 

Figure 11 illustrates the need to increase the volume flow in the exhaust nozzle (at constant 
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thrust) to till up the nozzle base and to operate at more favorable boattail angles with the C"-D 
nozzle. Some form of variable geometry in the engine could help solve this problem. Figure I 2 
shows the isolated pod boattail drag of the SST nozzle, and it also shows the drag reduction 
that is possible if the engine volume How could be adjusted to allow a more favorable ejector 
flap position. This drag estimate does not include the unfavorable interference wing drag that 
results from the present boattail angles or the influence of intake spillage and overboard bypass 
on boattail separation at the subsonic cruise conditions. 

Figure 13 shows the buildup from bare engine to fully installed SFC at Mach 0.90, for the 
typical subsonic and supersonic installations. Losses that are not throttle sensitive (e.g.. skin 
friction drag) are normally included in the airplane drag polar; however, this item is included in 
Figure 13 to show its relative magnitude. I he striking thing is that the installed SFC of the 
subsonic pod is 50'/ lower than that of the supersonic pod. Although the major difference is 
due to the engine cycle, the supersonic nacelle also suffers by the off-design losses of the 
intake and exhaust system. Anything that can be done to make the intake and nozzle flow full 
could improve the subsonic SFC of the SST. It must be remembered that there are subsonic 
legs in the SST mission, and reserves are based on subsonic cruise to alternate fields. Based on 
this comparison, a reduction in subsonic SFC of 50'/? is theoretically possible; however, a 
practical variable cycle with supersonic nacelle could probably achieve 30'/ reduction-which 
is significant. 

Thus far. the emphasis has been on opportunities for improved drag and fuel consumption, 
although it has been noted that the weight of both the intake and nozzle for the SSI appears 
to be a large percentage of the total propulsion system weight. Figure 14 shows the relative 
weight of the subsonic and supersonic propulsion pods expressed as a percentage of the bare 
engine weight. It is seen that the intake and exhaust system combine to double the engine 
weight on an SST, while they only represent about a 20% increment on the subsonic 
installation. The hardware elements provided in the SST installation that are necessary to 
accommodate the requirements of the fixed turbojet engine cycle are shaded in Figure 14. If 
the engine cycle were variable, over 60'/ of the excess weight for installation could be offered 
as a trade for increased engine weight. 

Table I lists the equivalent weight that could be saved on the SST with a variable cycle. This 
staggering total of 61.000 lb is equivalent to the entire design payload of the SST. These items 
include some of the major benefits of variable cycle on the SST. such as improvements in 
weight or reductions in complexity of the nacelle, subsonic SFC. and noise. Figure 15 shows 
the actual weight breakdown of the SST components, including trip fuel and reserves, to show 
the relative importance of subsonic fuel, climb fuel, and pod weight. 

The multimission capability of the SST could be improved with the variable-cycle engine as 
shown in Figure 16. Only the change in subsonic SFC was considered in this comparison. 
Design gross weight. OhW. payload. and fuel capacity were held constant for both engines. 
This figure shows that the total range decreases for the turbojet if the subsonic portion of the 
mission is increased. With the variable-cycle engine, the total range would increase as the 
subsonic range fraction increased. On an all-subsonic mission, the variable engine would fly 
4800 nmi as opposed to 3000 nmi for the turbojet. 

It is realized that these data simply indicate the potential gain. Any variable-cycle engine will 
probably eat into this group of offered items because it will occupy more volume than the 
present turbojet and may be heavier. But this type of challenge should serve to excite the 
inventive engineer. 

4.0 Quiet Commercial STOL Transport 

A second example where the variable-cycle engine may come into existence is now discussed. 
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Continued siudy of the commercial short takeoff and landing (STOL) transport suggests that it 
will only conic into existence If it can be clone economically in competition with CTOL 
aircraft. At the same time, the STOL aircraft must provide a much smaller noise footprint area 
for the same payload-rangc than its CTOL competitor. It is this potential for noise reduction 
which will allow the STOL civil transport to replace the CTOL aircraft in the short-haul 
market. Commercial STOL will be intercity transportation under 500 miles in range. The same 
aircraft should also he capable of Hying ranges up to 1000 miles under CTOL rules in as 
economical a manner as competing CTOL vehicles. 

The short-haul passenger is willing to pay some increased ticket price over an equivalent CTOL 
ticket, in exchange for a more convenient airport location: but he will not pay a large excess 
over that for a ticket on a train plus that for connecting ground transportation when 
considering the time saved. 

With the prospects of a fossil fuel shortage extending for many years, much of the intercity 
travel now accomplished by automobiles may be competed for by the train, bus, and the 
short-haul aircraft. Hence, energy consumption per seat-mile and pollution consequences will 
probably determine which mode survives. 

Present thinking on STOL transports leaves much to be desired, both in terms of operating 
economics, fuel consumed, and aircraft complexity. Figure 17 illustrates several powered lift 
concepts currently under consideration for STOL transports. Externally blown flaptl BF;) and 
the internally blown flap (IBF) concepts tend to employ very high bypass ratio fixed or 
variable pitch fans at 8-15 bypass ratio. These engines are chosen to minimize flap interaction 
noise caused by the primary nozzle efflux. Such engines, as now conceived, are very large in 
diameter per unit of static thrust and produce very poor climb and cruise thrust due to their 
poor lapse ratio. Installing four such engines under a wing probably requires a high-wing 
configuration. Problems with wing flutter, cabin interior noise, ability for passenger egress, and 
tail interference with inboard engine efflux become some of the unsatisfactory consequences 
of the large engine, wing mounted installations. Perhaps the reduced climb and cruise thrust of 
such large fixed cycle engines may be tolerable because it may become necessary to trade flight 
speed for trip fuel in the present fuel crisis. 

Vectored thrust concepts may be a very efficient means of obtaining good powered lift, but 
the same problems with noise exist as with the IHI- and LBF concepts. 

The upper-surface blowing (USB) concept offers some improved opportunity for low noise duo 
to wing shielding, and perhaps the engine diameters can be smaller (bypass 5-S( for the same 
noise footprint as the IBF and FBI- concepts. In this type of configuration, the cabin noise for 
low-wing configuration and wing trailing-edge shear noise are still possible problems. Intake 
noise may become the dominant noise source as lower exhaust noise occurs, and some 
increased drag penalty must be paid for this engine location because of the increased nacelle 
length. 

The augmentor wing (AW) concept requires large internal airflow through the strut and wing. 
As a propulsive lift concept, it depends on an ejector flap to offer the propulsive lift. A real 
attraction of this concept is that it offers a possibility for very low noise. The power jet flap 
(PJF) is an alternative arrangement of the augmentor wing. 

Figure IS shows the relative noise capability of a series of competitive airplane designs using 
each of these lift concepts. The sideline noise of a Boeing 111 aircraft at 500 ft is 
approximately 113 PNdB to indicate why STOL is being given consideration for operation at 
many current general aviation airports of 3000-5000 ft in length. 

Figure !'> shows a comparison of the low-speed lift/drag polars of the various concepts based 
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on Boeing wind tunnel tests. It shows that all concepts are quite competitive for short-field 
operations with USB and AW concepts offering the best promise for minimum noise contours. 

Figure 20 indicates current estimates of the payload/gross weight ratio and sideline noise as a 
function of operating field length for each of these competing configurations, based on Boeing 
systems studies. Also included are the effects of off-loading payload on both 727 and 737 
airplanes to meet the requirements for shorter field lengths than are currently in use. 
Illustrated also are the effects of resizing the bodies of a 727 and a 737 to operate at reduced 
payload at full load. 

The importance of Figure 20 is the tremendous disparity between the payload/gross weight 
ratio of all STOL aircraft and optimum current CTOL aircraft. At the same operating range, 
speed, and payload, the direct operating costs (DOC) are proportioned to aircraft 
payload/gross weight ratio. Hence, it is readily seen that STOL as currently understood is too 
expensive to be competitive. The primary problem stems from engine diameter, engine weight, 
nacelle drag, and poor thrust lapse rats. 

For STOL to offer an economic challenge to CTOL, there must be created some form of 
variable-geometry engine that reduces the diameter per unit of static thrust and one wherein 
the climb and cruise thrust can be augmented to meet the demands of speed and range. The 
turboprop is not the solution, particularly as aircraft get larger. To date, little attention has 
been given to the use of multicycle engines for STOL. Figure 21 shows the influence of bypass 
ratio on cruise fuel consumption and climb thrust per pound or airflow for fixed-geometry 
turbofans. Also shown are recent estimates of the potential for variable geometry. 

5.0 Concepts of Variable-Cycle Engines 

While the engine industry for years has been employing variable staters to regulate the flow 
capacity of compressors, and more recently has developed some variable-stagger turbine 
components to regulate the pumping characteristics of turbojet and turbofan engines, the 
promises of large variations in cycle or pumping characteristics have not been realized to any 
great extent with this concept. On the SST, several attempts were made by the General 
Electric Company to get high and low flow in certain phases of the flight envelope with 
variable-turbine area, but only small gains were indicated, and hence these efforts were 
abandoned. 

It is suggested that efforts to increase the flexibility of such gas generator parts should 
continue. Variation in the combustor arrangement and number of burning zones could also be 
exploited to improve the thermal efficiency at off-design conditions. But besides this type of 
activity, a bold approach to variable-cycle engine concept development needs to be taken. 
Figure 22 illustrates a few of many concepts that may fulfill the goals suggested in this paper. 
The configurations shown include most of the known types of variable devices such as series 
and parallel arrangements of gas generators, fans that employ airflow valves, common turbines, 
common fans, and in some cases common shafts. Each concept offers different degrees of 
flexibility which could be expanded to cover increased numbers of design-point operating 
conditions. The volume occupied by each concept becomes important only in the way it 
affects the shape and hence the drag of the aircraft for the desired multimission capability. The 
weight of such composite engines will, of course, be greater than that of the current fixed 
cycles, and there may be operating restrictions which may rule out their use. But equivalent 
weight savings in other parts of the aircruft may more than offset the weight of the variable 
device. In the SST example, this amounted to 20% of the baseline operating empty weight 
when a fixed cycle is replaced with a variable cycle. 
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.6.0 How Does This Get Done? 

The most difficult question is not whether variable-cycle engines are worth studying, or 
whether variable concepts can be evaluated, but how does industry get started doing the job. It 
should be clear that for any variable-cycle propulsion system to be developed beyond the 
concept stage, reasonblc proof of a concept must be demonstrated to the satisfaction of the 
customers. This requirement alone forces industry, in cooperation with its customers* 
governments and others, to develop more satisfactory methods for sorting out thrust, drag, 
weight, and lift on such integrated aircraft-engine systems. Fortunately, such work is going on, 
at least in the United States, and much will be gained by this effort. Having accepted that 
adequate evaluation methods will exist, a very important new ingredient in the evolutionary 
process of engines and aircraft needs to be introduced. 

In the commercial business today, when an airframcr wants an engine, he issues a specification 
that defines the thrust, SFC, and weight goals but little else in the way of restraints to the 
engine manufacturer. The engine company will look at that specification as one of many uses 
for his products, and the process of trading goes on. In the end, the engine offered is a 
compromise between what the airframer wanted and what many other customers wanted. It 
gets more complicated by the different mounting systems, accessory locations, kinds of 
cowling, and often whether the engine is wing mounted, aft-body mounted, and even whether 
the wing has a pivot. Since commercial engine development usually follows some military 
development program, the time lapse between engine start and airplane start is not too critical. 
In the military arena, a somewhat similar situation exists, but there is now a third party that 
must be satisfied. It is not believed possible that an outstanding variable-cycle engine can be 
conceived and developed to achieve its full promise in the present environment employed in 
engine development. 

The author would like to suggest for consideration two alternative methods, which are 
summarized in the concluding remarks. The first of these is teaming. It simply means that for 
the purpose of a given mission task, a joint venture is undertaken so that the general 
arrangement of the airplane and the propulsion system can be controlled under one roof. This 
approach would not be in conflict with engine component development or gas generator 
upgrading such as are currently being done by the engine manufacturers. The variable-cycle 
concepts and other engine development programs would use such technology as building 
blocks. This teaming method of airframe system concept selection and development can work 
with the highest possible efficiency in the use of both companies' resources. 

For those who object to teaming as being anticompetitive, an alternative is to encourage both 
airframers and engine companies to know as much about each other's business as is necessary 
for conceptual evaluations. We should encourage the engine manufacturer to develop expertise 
in airframe design, at least to the point where he can explore engine cycle arrangements in a 
meaningful, mission-oriented manner. Today this is far from being done. Concurrently, 
encouragement should also be given to the airframer to develop his expertise in engine 
configurations, at least to the point where he can conceive meaningful engine-airframe 
arrangements. 

This latter approach is taken today by the airframer in selecting most of the other aircraft 
subsystems, but it is not in general use for the propulsion system. It is realized that either of 
these methods may conflict with the established thinking of many of our leading authorities, 
but until some similar plan is found acceptable within the industry, governments, and/or 
airlines, it is doubtful that the full promise of the variable-cycle engine will he realized. 
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FEEDSaLINSR SUGINE INSTALLATION - TRETIDS AND PROBLgMS 

D.H. Tipper 

Hawker Siddeley Aviation Limited, Hatfield, England. 

In this paper, I shall be discussing the influence of the 
feederliner type of operation on powerplant choice and installation* 
I hope to illustrate some of the reasons why an aircraft manufacturer's 
attitude and approach may differ from those for longer range aircraft 
and subsequently to describe some of the problems of installation and 
operation that are emphasised by this type of operation* 

To start at the beginning - what is a feederliner? I intend to 
use the term to describe an aeroplane whose main purpose is transport 
between major airports and the surrounding communities. It will 
operate, therefore, into conventional airports at both ends of the 
spectrum - from a small town field with the minimum of aids and 
3000-1*000 ft. of runway into the big international airports* It is 
not intended for city centre operation or any form of mass transit* 

The type of feederliner that I shall talk about is turbofan 
powered and used where an air transport market has already been 
established by propellor-driven aircraft* Air transport's foothold 
in this type of market is, however, frequently precarious and even at 
this second stage,capital is likely to be scarce* 

How then cam the use of turbofan power consolidate the market? 
There are various reasons which, althuugh no one is compelling, combine 
to give an unmistakable probability of steady, if not rapid, growth* 
The appearance of more attractive aircraft types, together with 
maturing markets can be expected to maintain a steady expansion of 
around 8£ per annum. With this rate of growth, the total number of 
turbofan feederliners in service by 1902 (outside the Warsaw Pact 
countries and China) is estimated to be around 650 aircraft, after 
making allowance for the continued use of propellor aircraft and 
competition from new and secondhand aircraft designed for rather 
longer hauls (Figure 1)* 

The main reasons for projecting growth are speed and passenger 
appeal. As is illustrated by Figure 2, speed tends to advance in 
large steps and one does not have to look far to find the reason. 
On a stage of 100 n.m*, 175 kt. increase of cruising speed has only 
brought 5 minutes saving of block time and it la only for the longer 
stages of this type of operation that substantial time savings are 
made (Figure 3). 

Passenger appeal is hard to quantify and easy to deprecate. 
However, a small increase in passenger load factor will have a 
substantial influence on the profitability of the operation. One way 
in which passenger appeal can be quantified in through cabin noise 
and vibration and Figure 4 shows how the elimination of the propellor 
cuts the overall noise level. On the other hand, speech interference 
frequencies are adversely affected by increased airspeed anr? must be 
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contained by the use of additional acoustic troatrnent* However, if 
the high frequency noise is contained, the absence of propeller noise 
and vibration has a marked passenger appeal and has long been seen as 
one of the benefits of turbojet or turbofan propulsion. 

After a spate of re-equipment in the 60s, feeder airline fleets 
are, once again, growing old and, at a time when public surface 
transport is showing the effect of renewed interest and investment, 
operators may be expected to seek a vehicle which can show as many 
tangible benefits as possible over its predecessors*  The turbofan 
can provide the answer. 

9 
I forecast earlier that the size of the market will be 100  x 10 

sent miles by 1982. For comparison the whole airline industry is 
forecast to generate 1200 x 10 seat miles in that year and, taken 
together with the need for high frequency of service, the feederliner 
will clearly be a comp^j>artively small aeroplane; 70-90 seats being 
forecast as appropriate for the 1980 period (Figure 5)« Such an 
aeroplane will need a total installed thrust of around 85OO to 9O00 lb. 
to cruise at 20000 ft., 0.7 Mach No. and will consequently have 
available a total thrust at take-off between 20000 lb. and 27000 lb. 
according to bypass ratio. 

I have already noted that feeder airlines are often short of 
capital.  Is it possible to keep the price down by choosing low cost 
systems and by keeping the number of systems in the aeroplane to a 
minimum? 

The engines may contribute between 15 and 30^ of the price of an 
aeroplane - more if spares holdings are taken into account - furthermore 
they contribute a considerable share of the engineering costs. So, 
should we be seeking a cheap engine with correspondingly low 
engineering costs? 

The answer that Figure 6 gives is encouraging.  If SFC can be 
reduced by one third from the datum level, then it will only be 
worthwhile if the engine costs (first cost and engineering) do not 
exceed the datum level by more than 575J for n 100 n.ra. stage or by 
655£ for a kOO  n.ra. stage. 

The reason for this is, of course, the relatively small 
contribution of fuel cost to the total when compared with longer 
stages - even the small change from a 100 n.m. stage to one of 
^+00 n.m. has shown quite a substantial movement of the threshold. 

Clearly, such a point cannot be made without mention of the energy 
crisis. Are we at a step change in one contribution to general 
inflation or are we at a turning point? I do not propose to answer 
that question but Figure 7 shows the contribution of fuel (at 22 f( per 
US gallon) and of the engine, to direct operating cost* Even if the 
price of fuel doubles yet again, the incentives for an engine designed 
for low capital and engineerinr costs remain strong. 
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How does this ideal correspond with actual possibilities? 
Figure 8 shows,  for typical cruise operating conditions, a broadly 
constructed envelope of achievable SFC as a function of bypass ratio 
and overall compression ratio«    Also shown is an envelope which contains 
the currently available engines within a surprisingly small range of 
SFC and large range of bypass ratio.    This SFC standard was used as the 
datum level in Figure 7 and it is a standard about one third inferior 
to the best current engines regardless of bypass ratio. 

How much would the minimum SFC engine cost,  if someone could be 
found to build it?    Bearing in mind the relatively small aize of the 
market (in monetary terms if not in terms of number off) and the great 
significance of price, it is not surprising that there has not been 
the rush to satisfy this market that occurred in the over ^0000 lb. 
thrust category. 

The lesson that I see here is that this market is no place for 
highly specialised engines and instead can be expected to rely, as at 
present, on developments or adaptions of engines developed  for other 
roles. 

In illustration of this point, I would mention the three engines 
currently in the field - one developed for medium range airliners, 
one developed from a combat aircraft engine project and one developed 
from a helicopter turboshaft. 

If, for the moment, one sets aside the differences of thrust of 
these engines - Spey, Mk5H and ALF 502 - there is a striking variation 
of bypass ratio.    The reasons for this are largely historical, but the 
consequences are worth closer examination.    Perhaps the greatest 
impact is on noise. 

Only flyover noise is significantly affected by factors peculiar 
to the feederliner.    In this case, high installed thrust/aircraft 
weight ratio will result from the need to operate from runways 
3-^000 ft. long and it is evident from Figure 9 that the consequent 
increase of height at flyover confers a benefit of perhaps 5 dB.    The 
self cancelling effect of any thrust loss due to silencing in also 
evident. 

By comparison, airframe changes - except possibly noise shielding 
if this can be achieved without marked loss of efficiency - offer 
comparatively little as can be seen from the lov/er plot on Figure 9» 
Major aerodynamic developments are implied by the 20Jo improvement of 
drag/weight ratio shown and yet the reduction of flyover noise is 
relatively small.    Nor is the high maximum lift coefficient desirable 
for take-off in 3-i*000 ft. of any significance since it is more or less 
exactly offset by poorer climb gradient.    Thus,  the chief factors in 
flyover noise are the intrinsic noise level of the engine and its 
installation and the ratio of installed thrust to aircraft weight. 

The former of course also dominates sideline noise and Figure 10 
shows the well known effect of reducing jet velocity with increasing 
bypass ratio.    (Forward arc noise decreases as well due to the presence 
of a contribution from the exhaust when the exhaust velocity in high) - 
Increasing bypass ratio from one to six reduces peak noise level by 
around 12 dB and the observer will notice only one peaK as the 
aeroplane passes. ,^fi< 



In contrast,  the landing approach is made alorv a fixed flight 
path at around '♦O^- take-off thrust,  a condition at which intake noise 
dominates.    It is also  the condition at which an acceptable noise 
level is proving most difficult to achieve.    We see from Figure 11 
that due to the dominance of intake noise,  the advantages of high 
bypass ratio are rreatly decreased at low thrust ami are in fact very 
small if a 6    glideslope is used instead of the customary 3 • 

So, noise considerations lead to quite conventional conclusions 
and I shall dwell upon them no further except to remark that the 
advantages of high bypass ratio mi^ht be largely lost if rapid progress 
was made in the control of Jet noise* 

However,  the use of high bypass ratio res. Its in a number of 
aircraft design and operating problems (Figure 12).    As bypass ratio 
increases so does airflow and  the frontal area and weight of the 
engine.    Each type of installation has its particular problems and 
all these are aggravated by greater bulk and weight* 

The lifting efficiency of a wing is sensitive to gaps in the 
high lift devices - to make room for nacelles or jets for instance - 
and to obstructions in the high speed flow above the wing.    High 
efficiency is most readily achieved by mounting the engine well 
below the wing,  thus allowing continuous slats and flaps to be used 
and operate in the most favourable conditions. 

A feederliner will be expected to be able to operate from poorly 
prepared aerodromes which are not free of debris.    Prevention of 
vortices between the intake and the ground, which are capable of 
lifting substantial pieces of debris,  is most simply achieved by 
keeping the intake bottom lip well clüar of the ground* 

On a wet runway,   the nosewheels will project two powerful jets 
of spray upwards and outwards.    Tyre shaping can influence the 
direction of the jets to keep  them clear of the intakes of rear 
mounted engines but otherwise,   the engines should be widely spaced. 

To achieve its desired take-off performance,  the feederliner has 
a relatively low take-off speed and relatively high thrust/aircraft 
weight ratio.    At low speed,  rudder power is poor and thus the moment 
of asymmetric  thrust, after the failure of one engine,  must be 
minimised either by close apacinc or by the use of three or four 
engines. 

Although fuel economy is not a primary objective,  as has already 
been seen,  nor is fuel wastage and  the installed drag of the engines 
should be minimised.    Although much can be done by careful detail 
design,  this is moat easily achieved either by burying the engines or 
mounting them below and ahead of the winf; leading edge* 

Minimum installed weight is best achieved by compact installation 
and this will usually mean a pylon mounted pod. 

Minimum noise,  however,  may modify this last consideration since 
long acoustically treated ducts are desirable - the use of noise 
shielding will, of course,  have much further reaci.in;: consequences. 
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Although location of the intake above and behind the wing leading 
edge will greatly reduce the range of approach flow angles,  the wake 
of the win(; when stalled is hard to avoid.    Long curved ducts or 
fuselage wakes alao create pressure distortion at the engine face and 
these factors make an intake position ahead of the wing leading edge 
most attractive. 

If the engines are widely spaced across the span, ample ground 
clearance must be provided for the crosswind landing case. 

Finally, but not least important, maintenance and servicing, 
especially at outstations, will be quicker and cheaper if the 
necessary operptions can be performed by a man standing on the ground - 
an objective most easily achieved if the engine is underwing mounted. 

None of the problems that I have listed here is sufficiently 
intractable to prevent the use of a particular layout, as the diversity 
of existing airliners illustrates.    But as the engine becomes bulkier, 
the options become fewer and the aircraft designer is likely to look 
back with regret to the palmy days of turbojets and bypass ratio one - 
at least occasionally» 

As well as affecting aircraft layout,  the type of engine chosen 
will also affect the systems.    Kigli propulsive efficiency means high 
idling thrust and this leads to two points of difficulty (Figure 13)» 
At bypass ratios of six or more,  depending on the installed thrust to 
aircraft weight ratio, ground idling thrust may exceed that required 
for taxying with consequent excessive braking,  brake heating and wear* 

High flight idle thrust increases distance in the landing flare 
and the touchdown speed and when it is realised that 100 ft.  increase 
in landing distance required can result from 7% increase of the ratio 
of flight idle to take-off thrust and reduce the payload carried into 
a limiting runway by 15 to 20% it is clearly no small matter. 

The question of idling thrust, would, perhaps,  not matter quite 
so nuch if reverse thrust was available.    However,  I have already 
stressed the importance of reducing capital and engineering costs to 
a minimum and a reverser will cost about 15 to 20?» of the price of 
the encine on which it is mounted as well as increasing weight and 
drag«    Maintenance costs for a thrust reversal system result not only 
from the system itself but from the additional engine cycles involved 
and the risk of ingestion damage,  which is always present and which 
assumes additional importance in rough field operations. 

For these reasons, which are well known but which are amplified 
in their importance by our particular requirements, the reduction of 
idling thrust should be a major objective in future engine design. 

Reduction of costs through simplicity has been a recurring theme 
in this paper and another way in which it shows up is in the supply of 
auxiliary power.    The simplest way to extract energy from an engine is 
by airbleed from the compressor and the hot air    thus    provi ded is also 
an ideal medium for air conditioning and ice protection.    However, the 
use of high bypasn ratio results in less core airliow for a given 
installed thrust (Figure I'O.    Thus, for inst-yice,  if it is desirable 
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to bleed 5/^ core airflow from an engine with bypass ratio 1.0:1 then, 
for equivalent performance,  an engine with a bypass ratio of 6.0:1 
must be bled of 95o of its core airflow.    High available bleed 
percentages allow the use of lower thrust settings for descent - so 
long as sufficient bleed pressure is available - and the availability 
of a high  rate of descent is increasingly necessary as airspace 
becomes more crowded. 

I started by giving the reasons for preferring a turbofan engine 
for future feederliners.    I went on to advocate the tempering of fuel 
economy with a broader operating economy and to discuss the current 
noise advantage   possessed by the high bypass ratio turbofan before 
coming to  the difficulties of aircraft design that are increased by 
such engines.    I will conclude by listing the main conclusions. 

1*      Design for low capital and engineering cost, even at the cost 
of substantial SFC penalties. 

2.      A bypass ratio of around 6:1 is valuable for noise reasons. 
But many constraints are placed on aircraft design and operation 
and  intermediate bypass ratios- say ^ or 5 to 1 - remain 
attractive if sufficient progress is made in the reduction of 
jet noise. 

3«       It is desirable to develop engines that are capable of operating 
at substantially lower idling tnrust and higher bleed airflow 
percentages than are possible at present. 

These views are, of course,  those of someone with the viewpoint 
of an engine user.    To the engine designer, I would echo the question 
put by Alice to the Cheshire Cat,  "Would you tell me please, which 
way I ought to go from here ?" 

I would like to thank the Directors of Hawker Uiddeley Aviation 
for permission to give this paper and to  ny colleagues at Katfield 
without whose help it would not have been possible.    The views 
expressed are, however, ray own. 
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EXHAUST EMISSIONS UNDER SIMULATED FLIGHT CONDITIONS 

A. K. Forney 

U.S. Department of Transportation, Washington, D. C. 

Introduction 

At the First International Symposium on Air Breathing Engines, held at 
Marseilles In June 1972, Dr. Alan J. Grobecker^) described the Climatic 
Impact Assessment Program (CIA?) being conducted by the U.S. Department 
of Transportation (DOT).  At that time. Dr. Grobecker gave the CIAP objec- 
tive as:  "To assess, by a report in 1974, the Impact of climatic changes 
resulting from perturbation of the upper atmosphere by the propulsion 
effluents from all elements of a world fleet of high-altitude aircraft, 
as projected to 1990." Measurement of engine exhaust emissions under sim- 
ulated flight conditions has been Included in the CIAP effort.  The pur- 
pose of this paper is to review some of the results of two of those tests. 

Before I proceed to the main purpose of the paper, there is one item I 
would like to call to your attention. Many studies and experiments of 
various kinds have been completed for CIAP since June 1972.  We have 
learned much, and CIAP has been changed in many of its details.  One of 
these changed details is its objective.  It now is:  "In order to deter- 
mine regulatory constraints on flights in the stratosphere such that no 
adverse environmental effects result, DOT/CIAP will assess, by 1974 
report, the impact of climatic changes resulting from promilsion effluents 
of vehicles in the stratosphere, as projected to 1990."(2) 

To those of you involved in the design of engines that may be required to 
have certification in the United States, the inclusion of the words 
"regulatory constraints" may have some significance.  Of course, I cannot 
say when, or even if, the Federal Aviation Administration (FAA) is going 
to issue Federal Air Regulations relating to engine exhaust emissions 
under cruise conditions.  It appears to me, however, that the mere fact 
that the U.S. Department of Transportation, the parent department of the 
FAA, has made this change in the CIAP objective is worthy of serious con- 
sideration by engine designers and manufacturers.  Many of you know that 
the U.S. Environmental Protection Agency (EPA) has already issued stan- 
dards for aircraft engine emissions at low altitude.  You also know that 
the FAA has Issued a Notice of Proposed Rule Making (NPRM) that will 
probably lead to a regulation to enforce some, and eventually all, of the 
EPA standards.  I believe you will agree that regulation of emissions 
during cruise will not appear a big step in the minds of regulatory peo- 
ple, once low altitude emission regulations are in effect. ' Therefore, I 
recommend that everyone concerned with engine design face this situation 
now and not wait until we are presented with proposed regulations.  By 
beginning to address this problem now, we can help ensure that the regu- 
lations are intelligently applied when, and if, they become necessary. 

At the time CIAP was started, the only engine exhaust emission data 
available had been obtained under sea level static conditions.  Conse- 
quently, we felt it necessary to obtain data under simulated flight con- 
ditions,  further, we were Interested in many more substances than were 
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the people who had been making the sea level measurements. We were inter- 
ested in as many of the species that take part in stratospheric chemistry 
as we could measure. In fact, we were interested In many more than we 
thought we could measure.^' What actually happened, however, is that we 
were able to measure and get usable data on only a few of the species we 
thought we could measure. Measurement of chemical species in the exhaust 
of an engine in an altitude test cell turns out to be more difficult than 
making measurements in a chemistry laboratory. 

This paper will review a portion of the results of tests on a YJ93-GE-3 
engine in an altitude test cell and a J85-GE-5 engine in a propulsion wind 
tunnel.  Both these tests and the instrumentation used have been described 
in published papers.(^f5,6,7)  Consequently, I will omit those details and 
address only the results of the tests. 

CIAP has progressed to the point where we believe we can state with con- 
viction that, based on the best knowledge we have today, some of the prod- 
ucts in the engine exhaust will have no adverse effect when injected into 
the stratosphere in the quantities we have estimated. On the other hand, 
we must also state that there is still some question about other products. 
It appears, as of today, that the carbon dioxide, carbon monoxide, un- 
burned hydrocarbons, carbon particulates, oxygenates, and water vapor will 
have no adverse effect.  I want to emphasize the word "today" in that 
sentence because there are still many unknowns in the chemistry and 
physics of the stratosphere, but our knowledge is increasing rapidly and 
the picture changes frequently. Unhappily, however, the oxides of sulfur 
and nitrogen cannot today be dismissed so easily. 

Aviation kerosene has a low sulfur content, but not so low that it can be 
neglected by CIAP. However, a recent study shows that the cost to reduce 
the amount of sulfur in the fuel to a value well below present levels 
is not prohibitive, provided that it is determined a reduction is 
necessary.\°f 

It is to the oxides of nitrogen that I plan to devote the major thrust of 
this paper.  It is these oxides which present the greatest challenge to 
the engine designer. 

Analysis of Results 

Several points can be observed from Figure 1.  First, the N0X emission 
index decreases significantly in changing from military power to after- 
burning power, showing that the afterburner forms only a small amount of 
N0X.  Second, increasing flight Mach number at constant altitude Increases 
the emission index. Third, increasing altitude at constant Mach number 
decreases the emission Index. 

There are several reasons why the afterburner forms only a small amount of 
the oxides of nitrogen. First, the air entering the afterburner has been 
vitiated by the exhaust products of the main combustion chamber.  Conse- 
quently, the peak flame temperature is lower in the afterburner than for 
the same temperature and pressure conditions in the primary combustor. 
Second, the pressure level in the afterburner is lower than in the primary 
combustor.  Third, the residence time in the afterburner is probably 
shorter than in the main combustion chamber. All three ot these factors 
lead to lower N0X formation.  In no instance, however, was the total N0X 
in reheat less than In military power for the conditions tcsto!. 
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The Increasing emission Index with increasing Mach number at constant alti- 
tude can be seen for the 10.7 km (35,000 feet) and the 19.8 km (65,000 
feet) altitudes of Figure 1.  In each case, the main combustion chamber 
inlet temperature and pressure increased with the increased Mach number. 
Both these factors cause the NOx emission index to increase. 

The three Mach 2.0 sets of data points clearly show that the effect of in- 
creasing altitude at constant Mach number results in reducing the N0X 
emission index. The constant Mach numbers resulted in essentially a con- 
stant main combustion chamber inlet temperature, but a reduced combustor 
inlet pressure with increasing altitude. Reducing the combustor inlet 
pressure reduces the NOx emission index. 

The emission index is, from its definition, related to fuel flow. The 
amount of NOx in the exhaust, as measured by available instruments, a 
chemiluminescence instrument in this case, is measured as a concentration 
in parts per million by volume.  It is interesting to observe what happens 
to the concentration when changing from a military to a reheat power set- 
ting.  These effects are shown on Figure 2, where the N0X concentration is 
shown against altitude for the same simulated engine conditions as for 
Figure 1, except there are no 6.1 km (20,000 feet) data points. Of the 
three effects of reheat observed on Figure 1, two are observed on Figure 2. 
These two effects are:  first, the increasing N0X with increasing Mach 
number at constant altitude (see the 19.8 km 165,000 feet I altitude data 
points); and, second, the decreasing NOx with increasing altitude at con- 
stant Mach number (see the Mach 2.0, 16.8 km 155,000 feet I, 19.8 km 
165,000 feet I, and 22.9 km 175,000 feet I data points). However, the third 
effect of reheat observed in Figure 1, that of decreasing emission index 
when changing from military power to reheat is not observed on Figure 2. 
In fact, the reverse is observed.  That is, the N0X concentration in parts 
per million increases when making this power setting change, except for 
the 22.9 km (75,000 feet). Mach 2.0 test point where there was no change 
in concentration.  The fact that the NOx concentration is greater in re- 
heat, but the emission index is less, can be attributed to the great in- 
crease in fuel flow in reheat with only a small Increase in NOx formation 
by the afterburner. 

You will recall that NOx i-8 the sum of NO and NCH.  It is of Interest to 
observe the change in amount of NO2 making up the NO when going from 
military power to reheat.  This effect is shown on Figure 3.  In every 
instance, the amount of NO2 increases and, in some cases, very greatly. 

For a long time, the chemical kineticists insisted that NO2 should not be 
present in the exhaust in the quantities being measured by almost every- 
one.  Their reasoning was that the destruction rate of NO2 under the con- 
ditions existing in the exhaust was much greater than the formation rate. 
Recently, Dr. L. B. Anderson, et al(9) have published a paper explaining 
the presence of the NO2.  According to them, it is formed as the result of 
a reaction between HO2 and NO when there are hydrocarbons present to sup- 
press the hydrogen and oxygen atoms. 

The results of the J85 tests in the propulsion wind tunnel confltm those 
presented on Figures 1, 2, and 3.  Because the J85 test permitted measure- 
ment downstream of the engine, additional information was obtained.  These 
results are shown on the next few figures. 

Figure 4 shows the effect of reheat on N0X emission index at the engine 
exit plane, approximately 5 meters (10 diameters) downstream and 

72< 



100 

>  80 

r   60 - 
o I   0 
I 40 

^ 20 
O 
z 

Open Symbols • Military Power 
Closed Symbols = Reheat 
MQ ■ Flight Mach Number 

^Mo-0 

¥ 1 °M0     1.4 

1 M,.    2.0 
^ 

¥ 'M,,    2.6 

¥ *    0 

Altitude - Kilometers 
10 15 20 

W 

25 
-»—•- *t- -♦- 

10 20 
-I— 
70 30       40        50       60 

Altitude - Thousand Feet 

Figure 2.   Effect of Reheat on NOxConcentration 

80 

O 
z 

o z 
c 
8 
I 

J 
40 

30 

20 

( 
10 

Open Symbols = Military Power 
Closed Symbols ■ Reheat 
M0 = Flight Mach Number 

¥ M0 0 

0 M,, OR ♦ 
V M0 0.9 
D ■ M0 1.4 

* M„ ■ 70 
¥ 

* 
« M0 ■ 2.6 

* 

10 

9        * Altitude - Kilometers 
10 15 20 

I 
-1 L—(- 

25 
-H— 

30       40        50       60        70       80 

Altitude - Thousand Feet 

Figure 3.   Effect of Reheat on Percent of NOi in NOx 

Altitude - 16.8 km Altitude 19.8 km 
M0 = 1.6 «0 2.0 

Militüi y Power 
Reheat 

E 
4 

©-—^V 
4 X. 

N5) 
X 
0) 1 3 3 - 

 A 
c 
o 
in 

E 
LU 

X 
O 
2 

2 

1 

0 1                      1                     1 

2 

1 

n 

A— 

1 

^ 

i 

Exit       10        20 Exit 10 20 
Plane    Dia       Oia Plane Did Dia 

Figure 4.   Change in NO, ^mission Index 
Downstream of Engine 

73< 



approximately 10 meters (20 diameters) downstream for two different flight 
Mach numbers and altitudes.  Again, the N0X emission index decreased when 
the power setting was changed from military to reheat.  Three of the four 
curves on this figure show a greater emission Index at approximately 5 
meters (10 diameters) than at the exit plane. This result confirms that 
observed by Diehl.^1") 

Figure 5 shows the N0X concentration for the same conditions of Figure 4. 
Again, the NOx concentration Increases when changing power setting from 
military to reheat, except for the Mach 2.0, 19.8 km (65,000 feet) data 
point at the engine exit plane.  The sharp decrease in concentration down- 
stream of the engine is expected.  It results from the mixing of the 
exhaust with the air flowing around the engine. 

Figure 6 again shows an increase in NO2 when changing power setting from 
military to reheat. An interesting point to observe on this figure is the 
reducing percentage of NO2 downstream of the engine.  This phenomenon is 
attributed to the fact that the fuel (hydrocarbons) continues to burn. 
Accepting the explanation of Anderson, et al^ the hydrocarbons disappear 
and are no longer present to suppress the hydrogen and oxygen atoms.  The 
HO2 and NO reaction does not take place so that the normal NO2 destruction 
reactions take over and the NO2 reduces the further one goes downstream. 
The only explanation for the two zero NO2 points appears to be that fre- 
quently the concentration was below the capability of the Instruments to 
measure it. 

A secondary reason for conducting the engine tests was to attempt to 
obtain an empirical expression for converting N0X emission index from one 
engine operating condition to another.  Several different organizations, 
including the Arnold Research Organization (ARO), the General Electric 
Company, NASA Lewis Research Center, and Rolls Royce Bristol Engine Divi- 
sion, have developed such expressions.  They are generally of the form 

1^ 

(EINOx) cond!  Plondx ekTcond1 
 —j 

(EIN0 ) cond2  P|ond2ekTcond2 

Where; (El V(.j )  cond,   = Measured NOx emission index at one engine opera- 

(EI
NOX

)
 
cond: 

ting condition 

The desired N0X emission Index at some other 
engine operating condition 

condi Combustor inlet pressure at the first engine 
operating condition 

cond- Combustor inlet pressure at the second engine 
operating condition 

k 

condj 

T condn 

Empirically derived constant 

Combustor inlet temporaturc at first engine 
operating condition 

Combustor inlet temperature at second engine 
operating condition 

A comparison of these expressions with the measured values obtained at 
military power setting from the YJ93-GE-3 engine test is given on 
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Figure 7. The measured value of 6 gm/kg for the engine at sea level 
static was used as the known value. The author made the calculations 
using the expressions developed by the organizations mentioned above and 
assumes full responsibility for any errors made in the use of the 
expressions. 

Each of the expressions gives a fairly good representation of the measured 
values, except for the upper set at 19.812 km (65,000 feet). This set 
represents the Mach 2.6 flight condition.  None of the expressions does as 
well at this condition. 

Development of a suitable expression is worth some effort. Altitude test- 
ing of aircraft engines is expensive.  If a suitable expression for con- 
verting sea level N0X emission Indices to flight conditions were avail- 
able, it would enable one to use the large amount of sea level emission 
data now becoming available.  Furthermore, it would eliminate any need, in 
the event of regulations on emissions at cruise, the specter raised in the 
introduction of this paper, for altitude production acceptance tests. 

Instrumentation and Sampling Problems 

In conclusion, I want to bring to your attention several problems encoun- 
tered with the sampling system and the Instrumentation during these tests. 
As an introduction to this subject, it is important to recognize that the 
instruments available for the measurement of chemical species in exhaust 
plumes of aircraft engines are essentially laboratory instruments. And, 
even in the laboratory, they are not as accurate as the test cell instru- 
mentation normally used in measuring engine performance parameterr., such 
as temperatures, pressures, rpm, fuel flow, etc. 

The basic guide for the measurement of the gaseous emissions used for 
these tests was the Aerospace Recommended Practice (ARE) 1256,'^) pre- 
pared by Committee E-31 and issued by the Society of Automotive Engineers 
in the United States. This ARP requires an orifice close to the entrance 
of the gas sampling probe.  The purpose of this orifice Is to quench the 
gas sample and stop any further chemical reactions that might alter the 
sample.  For these tests, the range of pressures at the probe inlet from 
reheat at sea level to military power at 22.9 km (75,000 feet) covered a 
wide range.  In order to have the residence time of the gas sample in the 
16.8 meters (50 feet) line between the probe and the instruments not 
exceed 2 seconds with low pressures at the probe, it was necessary to 
eliminate the orifice.  The probe was water-cooled, but under sonie condi- 
tions the sample had traveled 1.5 meters (5 feet) down the line before it 
was cooled to the wall temperature required by ARP 1256.  What effect the 
absence of the orifice had on the gas sample is not known.  It was 
assumed to be small. 

All of the instruments used for these tests were designed to operate with 
the sample gas at a pressure of one atmosphere.  Frequently in these 
tests, the sample gas was below that pressure.  Therefore, there were 
pumps in the sample line to raise the pressure. The pumps were Insulated, 
but not temperature controlled to the temperature required by ARP 1256. 
What effect the pumps had on the sample is again unknown.  And, again, it 
was assumed to be negligible. 

The sampling arrangement employed a single traversing probe.  The probe 
itself and the first few feet of the line were of Type 316 stainless 
steel.  At this point, a 1.8 meter (6 feet) section of Teflon was  in- 
serted in the line to provide the flexibility required to permit the 
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probe to traverse.  Later, It was learned that Teflon absorbs NC^. 
Investigation revealed this absorption to be very slow.  It was therefore 
assumed that, with a maximum of 2 seconds residence time in the sampling 
line, of which only 1.8 meters (6 feet) were of Teflon, the NO2 absorption 
was inconsequential. 

Early examination of the N0X emission data led to the conclusio* ^.hat 
there might be some destruction of NO in the sampling line.  Th - conclu- 
sion was based on an informal knowledge of the information lat '  ubllshed 
by C. England, et al.^' These data show that, at an equlvali..ice ratio 
of 1.0, a stainless steel probe reads approximately 24 percent less NO 
than does a quartz probe. At an equivalence ratio of approximately 0.7, 
the two probes read the same value of NO.  The measurements in these 
engine tests were made in the engine exhaust,not at the combustor exit. 
Consequently, equivalence ratios higher than 0.7 were never encountered. 
Again, it was assumed that any error from this source could be neglected. 

It has been necessary for CIAP to address the problem of the oxides of 
sulfur, as mentioned in the introduction of this paper. Attempts to 
measure these species failed. A flame photometer was used to measure the 
oxides of sulfur on line.  The instrument is regularly used to measure 
sulfur oxides in ambient air quality situations and is therefore consid- 
ered to be a good instrument.  The instrument never became operational, 
however, during these tests. At first, the instrument failed to indicate 
any sulfur oxides even in known calibration gases located approximately 
3 meters from the instrument. When the calibration gas line was changed 
from stainless steel to Teflon, the instrument could then bo calibrated. 
Apparently, the stairless steel tube originally used caused some reaction 
that prevented the sulfur dioxide calibration gas from reaching the 
instrument.  It was concluded that, during engine tests, the long length 
of stainless steel sampling line caused this same reaction, thereby pre- 
venting any oxides of sulfur from reaching the instrument. 

In addition to the flame photometer, two wet chemistry methods were used 
to measure the oxides of sulfur.  The two methods are identifietl as the 
West and Gaeke Method, and the Hydrogen Peroxide Method.  Stil fur oxide 
measurements were obtained by these two methods.  However, these measure- 
ments account for only 60 percent of the sulfur known to be in the fuel. 
It is hypothesized, therefore, that the hot stainless steel probe located 
in the engine exhaust could have acted as a catalyst to convert SOo to 
SO3, which would then convert to sulfuric acid.  The sampling, line was 
conditioned to 4230K in accordance with ARP 1256.'H) This temperature 
is below the lolling point of sulfuric acid.  It is further hypothesized, 
therefore, that the sulfuric acid condensed on the walls of the sampling 
line or in .he filter located ahead of the wet chemistry device to remove 
the particulfltes that may be present. 

Finally, our sampling probe has been critized because it was not designed 
from the point of view of supersonic aerodynamics.  The criticism is that 
there was probably a standing shock wave in front of the probe, so that 
the full temperature rise occurred across that shock wave.  The concern 
is that this temperature rise may have altered the sample.  This concern 
was discussed with the AR0 engineers be-fore the J85 engine test.  Their 
position, as I understand it, is that the same temperature would have 
been attained within a few milliseconds regardless of the. probe design. 
As a result, it is assumed that any effect of the standing shock can be 
neglected.  Ft Is recognized, however, that the shock pattern may influ- 
ence the kinetics involved.  Therefore, it is conceivable that the sample 
was altered by the probe design used. 
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These problem areas have been Included to show people now beginning to 
make emission measurements some of the pitfalls to be avoided.  In addi- 
tion, It may cause persons with a knowledge of the chemistry involved to 
come forth with methods to eliminate the problems for us. 
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THE USE OF A ROTATING ARM FACILITY TO STUDY 

FLIGHT EFFECTS ON JET NOISE 

W. SMITH - ROLLS-ROYCE (1071) LIMITED (H.E.D.) 

1.  INTRODUCTION 

There is ample evidence that forward speed has a 
significant effect on both the generation and radiation 
characteristics of exhaust noise.  This noise can be 
considered as a combination of jet mixing noise, nozzle 
based tailpipe noise, internal noise and turbine noise and 
its source level and in-flight characteristics are of prime 
importance in both turbojet and turbofan engines. 

Although in-flight effects on jet and exhaust noise 
have been the subject of detailed study for some time, it is 
only recently that measurement techniques have permitted 
the systematic study of those effects with sufficient 
precision to enable meaningful conclusions to be drawn. 
These findings to date have been salutary in many respects 
- particularly in regard to the unpredictability of the 
flight performance of jet noise silencers. There clearly 
exists a need to pursue these studies further to the point 
where 

i)   reliable jet noise prediction methods have been 
established which can cover in-flight situations 
over a wide range of jet velocities, and 

ii)   sufficient in-flight/static comparisons have been 
made with different forms of jet and exhaust noise 
silencers to enable meaningful interpretations of 
static tests and optimisation studies in terms of 
the expected flight performance. 

Several possible techniques are available by which 
the effects of forward speed on jet and exhaust noise might 
be studied, they include 

a) Standard aircraft or flying test beds, 

b) high speed taxying with a suitable aircraft 

c) tracked vehicles on which an engine might be 
carried 

d) high speed road vehicles suitable for carrying 
an engine 

e) engines or models mounted in a wind tunnel 

f) models mounted on the end of a rotating arm. 
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liach of the above has i1 s own advanlagos and dis- 
advantages, paramount among those being size  limitations, 
installation and operating costs, overall timescales, 
installation problems, flexibility and forward speed 
capabilit ies. 

One of the facilities which Rolls-Royce (1971) Ltd, 
at Bristol is evaluating in detail is the rotating arm rig 
which is used to study the effects of fonvard speed on jet 
noise and uses model exhaust systems of between l/5th and 
l/lOth full scale.  Models are mounted as a lip jet unit 
(which includes a combustion system) at the end of a 10m 
(32 ft.) wing.  Compressed air is provided to the tip jet 
unit and the wing can be rotated at speeds up to 150 m/s 
(500 fps) using the propulsive force from the tip jet at 
conditions fully representative of turbojet engine exhaust 
conditions, 

The main advantages of this facility are its ability 
to provide high forward speeds, its low operating costs and 
short programme timescales. The main disadv;intages are 
nozzle  weight limitations due to centrifugal effects,and the 
complex analysis techniques required due to the transient 
nature of the noise signal. 

This paper describes the rig, together with its 
capabilities and limitations. The noise data acquisition 
and analysis techniques are outlined and results obtained 
from recent tests presented to indicate the repeatability 
and accuracy of the data; together with a comparison of a 
typical aircraft in flight measurement, 

2,  GENERAL DESCRIPTION OF THE FACILITY 

The 
stub arms, 
(Fig. 1), 
changeable 
radius of 1 
Series 200 
engine hous 
via a main 
valve and a 
rotor head 
diameter pi 
to the tip 
tip unit by 
nozzle chan 

rig is essentially a single rotor blade and two 
rotating in a plane 4,6 m above ground level 
A jet unit complete with combustion can and inter- 
test nozzle is mounted at the tip of blade at a 
0m. Compressed air, bled from two Avon 
gas turbine engines situated in an enclosed 
e some 30m from the rig, is supplied to the rig 
supply pipe in which is situated the air control 
ii flow meter.  After passing up  through the 
the air supply line is split into three 76 mm 
pes which carry the air through the wing section 
jet unit.  The test nozzles are mounted to the 
means of a quick break coupling to facilitate 

ges. 

To enable the rotational speed of the tip unit to be 
varied at constant nozzle flow conditions, remotely contro- 
llod air brakes are installed above and below the wing at 
approx '),2m radius.  These brakes are esse'tially flat 
plates approximately 76mm x ^60  mm in size, and are 
controlled by a closed circuit pneumatic system incorpor- 
ating inflatable bags which adjust the brake angle and 
hence the rotor drag.  The system is controlled remotely 
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from the main rig control cabin. 

3. TI P JET ASSEMBLY 

The complete tip jet assembly consists of three 
sections, namely the nose unit, combustion chamber and test 
nozzle. 

The nose unit is a fairing covering balance weights 
which arc placed to maintain the chordwise balance of the 
whole tip assembly.  These balance weights ensure that the 
centre of gravity of the tip unit, including the test nozzle, 
lies on the neutral axis of the winj, thus avoiding twisting 
the wing with consequent normal forces when in motion. 

The combustion chamber which is located over the 
three air supply pipes in the wing is of a simple design 
consisting basically of a short flame tube with zonal inter- 
mixing holes,  A high energy igniter and fuel metering 
atomiser positioned at the front of the chamber are 
surrounded by an outer casing.  Fuel is supplied under 
pressure to the combustor unit, the method of pressurising 
depending on whether the model nozzle is to be tested under 
static conditions (i,e, with the wing tethered), or with the 
wing rotating.  In the tethered mode the fuel is supplied by 
a Lucas high pressure pump direct to the combustor.  In the 
spinning mode fuel is supplied to the rotor head and then 
through a rotating seal to a fuel line situated on the 
leading edge of the wing.  Burner pressure is generated by 
the standing column of fuel in the supply line, 

4. RIG INSTRUMENTATION 

Rig instrumentation is provided in the tip unit with 
which to determine test nozzle stagnation conditions when 
the rig is in operation.  Pressures are transmitted from the 
measurement stations in the tip unit via hypodermic tubes to 
8 pressure transducers mounted in the rotor hub.  The volt- 
age output from these transducers together with the output 
from the thermocouples in the tip unit, are fed to a multi- 
channel slip ring in the hub.  The slip ring system is 
limited to 15 channels covering both wing services and 
temperature/pressure readout.  Seven of the channels are 
used for services which include: high energy igniter (2), 
air brake control valve (L*) • air brake position indicator (1), 
common negative earth (1), and multi-plex switching (1), 
The remaining 8 channels are used for the pressure and 
temperature measurement and by using multi-plex switching 
there is a total capacity of recording 17 readings, of which 
8 are pressures, 

5o  ROTOR SPEED LIMITATIONS 

In the interests of mechanical integrity and 
operational safety the maximum rotational speed of the 
rotor is limited.  This limit is calculated from the 
centrifugal acceleration of the tip jet unil and 1he known 
variation of   hub stress with tip speed and mass. 
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The ultimate speed limit is bounded by:- 

a)  Maximum permitted under 'g' loading 
= J. i revs/sec (200 rpm) 

and       b)     The   stress   limit   on   the   stub   shaft 
counterbalance  weight    retention   studs 

=  45  Kg   (100  lb)   per   arm 

The   stress   on   the   retention   studs   is   dependant   on 
the  actual   mass   required   on   the   stub arms   to  effect   complete 
balancing   of  the   rig,   and  this   mass   is  a   function  of   the 
all-up-mass  of the   tip   jet   unit. 

Thus  having   established   the  counterbalance   mass 
rem    'ed   on   the   stub   arms   it   is   possible   to  ascertain  the 
ma. I r  .ir   rotational   speed.      This   in  effect   results   in 
- .a.-t.:'. Te  in  a  maximum nozzle  weight  uf approximately   15 Kg 
^33   lbs)   over   the  normal  operational  range   over  which   tests 
are  performed. 

6,     ACOUSTIC DATA  ACQUISITION 

Two methods   of  noise   recording  are   employed depending 
on  whether  the  wing   is   tethered   for   static   testing,   or 
rotating   for   in-flight   simulation. 

6.1      Static Tests 

Fig.   2  shows   diagrammatically  the   rig   and  microphone 
arrangements   for   static   nozzle  noise  recordings.   Ossentially 
the  basic   system uses   a  boom on which   is  mounted at   6m 
(20   ft.)   radius   a   \   inch   Bruel   and Kjaer   condenser  micro- 
phone  at   nozzle   centre   line  height   and at   normal   incidence 
to  the  nozzle   exit   plane.     The  pivot   point   of  the boom  is 
positioned below  the  nozzle  exit  plane and  an  electric 
motor   is   used   to  drive   the  boom,   at   a  rate   of |     per   second, 
over  an  angular   range  from 20    to   150    to  the  exhaust  axis. 
Cams  at   10     intervals  are used as  angular  position 
indicators,   a   signal   being   recorded as   the  boom passes   each 
cam.     To  minimise   ground   reflection   interference  effects, 
the  boom   is  acoustically   treated  with  acoustic   foam wedges. 

Additional   microphones  can  be  installed  to   suit  any 
particular   requirements   of   the   test  programme being   carried 
out,   and   it   is   normal   practice   to  utilise   additional 
microphones  at   certain  angles   to  examine   the   stability  of 
the  noise   signal. 

The   signal    from  the   microphone  and   the  angular 
indicator   is   recorded  on  an Ampex  FR   1 300  multi-channel 
tape   recorder,   at   a   tape   speed  of  15  ins/sec. 
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6.2  In-Flight Rocordings 

The basic microphone positions used for recording 
in-flight measurements are shown diagrammatically in Fig. J. 
A linear array of microphones is used although it will be 
shown when describing the analysis technique that only one 
microphone is needed to provide the complete angular range 
(20° to 1 rj0o to the exhaust axis), thus the additional 
microphones are only used for back-up purposes. All the 
microphones in the array are positioned in the plane of the 
wing at normal incidence relative to the nozzle exit plane 
when the wing is in the position as shown in Fig, 4.  A 
microphone is also positioned at a distance of 3,8m above 
the axis of rotation of the rig, this being used to examine» 
the stability of the noise throughout the test and can also 
be used to carry out narrow band analysis as the angle 
relative to the jot is a constant 90 . 

To give an accurate reading of the nozzle position 
relative to the microphones while the wing is rotating, a 
master pulse signal, together with 120 intermediate pulses 
(3  increments) is recorded during each revolution of the 
rotor. 

Again to minimise ground reflection interference 
effects the measurement surface between the rig and micro- 
phones is covered with acoustic treatment. 

The signals from the microphones and the rotor 
positional transducers are recorded on an Ampex tape 
recorder using a tape speed of 60 ins/sec.  This high tape 
speed is required for the in-flight measurements as it is 
necessary to reduce the tape speed by a factor of 16:1 when 
analysing the data, the reason for this will be explained 
in the description of the analysis technique, 

7.  ACOUSTIC DATA ANALYSIS 

Anolysis of both static and in-flight measurements 
is carried out on a General Radio Type 1921, 3rd octave 
parallel filter analyser.  The method used to analyse each 
measurement mode however differs significantly. 

7.1  Analysis of Flight Measurements 

The principal problem encountered in the analysis 
of the flight recordings is the rapid variation of noise 
level with time.  This is demonstrated clearly in Fig. 4 
which shows the variation of overall noise with time at 
the "outboard" microphone for a rotor speed of 1.68 rev/sec. 
The problem resolves itself into finding a method of 
obtaining adequate statistical accuracy of noise level 
measurement over the frequency range of interest (200 Hz - 
50 KHz) combined with adequate angular resolution of the 
noise field shape.  These fundamental requirements have to 
be combined with the practical fdnstraint of a minimum 
analyser averaging time of  $   sec. 
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Fig. 4 shows that in a sec. the rotor has turned 
through about 75°, a clearly unacceptable angular resolution. 
The solution adopted is to reduce the replay speed of the 
tape to 1/16 of the recording speed which then gives a 
resolution of about +2^  of rotor movement equivalent to 
an acceptable resolution of about +5 angle relative to the 
jet axis at a high rotor speed (Fig. 5).  Noise levels are 
measured for 10 consecutive revolutions to increase the 
effective signal averaging time at 1/16 of recording speed 
to 1.25 sees (ß X 10 sec.) which gives a 95% confidence 
limit of about +ldB at frequencies above 2500 Hz.  The 
model scale factor is of order 10 so that when converted 
to full scale this accuracy is obtained at frequencies 
above 250 Hz. At lower frequencies the accuracy will 
deteriorate, but still yields a 95% confidence limit of 
+1.5 dB at 125 Hz. 

Timing of the analysis operation is clearly critical. 
Transducers on the rig rotor head produce a master pulse 
once per revolution and also a second set of pulses at 
every 3  of angular movement ; these pulses are also recorded 
on the same tape as the noise.  Triggering of the analyser 
is performed by a timing unit using these pulses as input 
and which makes allowance for the time taken by the sound 
to reach the microphone from the nozzle.  The timing unit 
can be set to trigger the analyser at an instant corres- 
ponding to any specified angle to the jet axis of the noise 
emission. 

7.2 Analysis of Static Measurements (rotor tethered) 

Analysis of static noise recordings is carried out 
by more conventional methods.  An integration period of 
16 seconds is utilised for the recordings from the fixed 
microphones at each test condition.  The polar traverse 
microphone recordings utilise the positional indicator 
signal from each cam to trigger the analyser, and a 1 second 
integration period is used at each angular position. 

The ensuing data from the analyser, for both static 
and flight analysis, appears on punched paper tape.  The 
computer applies microphone tape recorder frequency response 
and atmospheric  absorption corrections and prints out the 
third octave tabulations etc., at model scale and if 
required extrapolated full scale results. 

8.  NOISE RESULTS 

One of the first features of the rig's performance 
to be examined was its ability to produce repeatable results, 
both statically and in-flight.   This was achieved by 
installing a nozzle unit and recording its noise character- 
istics during repeated tests at given stagnation conditions. 
The tests were made both under static and flight conditions, 
the latter at a constant flight speed, over a period of 
several days.  Fig. 6 shows the results of the static 
measurements, the data having been scaled to equivalent 
engine size and presented as a plot of perceived noise (PNdB) 
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against angle to the   jet axis (9 )•  This figure, shows 
seven separate noise measurements with a scatter, in 
general, better than +1 dB.  The corresponding flight 
measurements, which in this case only covers five separate 
results, are shown in Fig- 7.  Although it can be seen that 
there is slightly more scatter compared with the static 
case, in general the scatter is no greater than +1   dB, 
which compares favourably with that achieved from measure- 
ments carried out on aircraft. 

With encouraging results showing that the rig was 
capable of producing repeatable noise data, it is now 
possible to look at a typical result from tests performed 
on a convergent nozzle, and examine the static to flight 
changes. 

Fig. 8 presents the results of static and flight 
measurements from a convergent nozzle operating at a sub- 
critical pressure ratio, with a resulting jet velocity of 
505 nv's (1660 fps), and for the flight case at a forward 
speed 71 m/s   (232 fps).  The results have been corrected 
to the same distance for comparison.  The reductions in 
noise due to forward speed are seen to be largest at 
angles close to peak noise, and that above 90  to the jet 
there is no reduction.  The reduction in noise at 30 
(peak static noise angle) is approximately 5 dB which is 
equivalent to an eighth power dependance based on the 
relative jet velocity (difference between jet and flight 
velocities).  This reduction in noise is thus in line with 
the prediction based on the static noise velocity 
dependance. 

The ultimate evaluation of the ricjs performance 
must be the ability to reproduce results which are 
compatible with full scale measurements from aircraft in- 
flight.  This has been made possible by recent controlled 
measurements on the Viper 601, installed in the U.S. 125 
aircraft, together with the corresponding static measure- 
ments. Fig. 9 shows comparisons, both statically and in- 
flight, of the engine's noise characteristics at a 
condition where jet noise is dominant, with those from 
scaled model measurements on the spinning rig, at identical 
jet velocities and forward speeds.  The full scale results 
have been corrected to free field conditions and all the 
results extrapolated to a distance of 450 m for ease of 
comparison.  It can be seen that both statically and in- 
flight the field shapes show very good agreement between 
the scale model and engine results.  Both show small 
reductions at peak, and increases in the forward arc 
( 6> 70 ) due to forward speed.  This comparison is 
encouraging, and leads to greater confidence in the rigs 
ability to reproduce effects measured on full scale 
engines. ö6< 
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9.      FUTURE WORK 

During the past   twelve months  the  rig  has  been 
extensively overhauled,   instrumentation  services   improved, 
and  a  very detailed noise  programme  has   recently  commenced. 
This   work will be  aimed  at   evaluating  in  more  detail   the 
rig's  capabilities,   for besides   fundamental noise  studies 
on  convergent  nozzles   to  compare  with existing  data 
measured  in  a  wind  tunnel,   programmes  are  to be  carried  out 
with  models  of silencer  systems  which  have  recently  been 
evaluated  at   full   scale. 

1Ü.0     CONCLUSIONS 

The   results  presented  in  this  paper  have   s'^own   that 
the  rotating arm   as   a   flight   simulation   facility   is   capable 
of  providing  repeatable  data   for   model  exhaust   nozzles.   The 
results   for  a  standard   convergent   nozzle  system  are 
compatible with in-fliqht  measurements  at  full  scale,   and 
gi'-o  confidencu  that   this   type of  facility is   a  useful  tool 
with which   to  evaluate  raeaningully and cheaply  the in- 
flight  acoustic  performance  of  jet  nozzle  systems. 
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FIG.   1.     GENERAL VIEW  OF  ROTATING ARM  FACILITY 
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ure onuNcaaaiT or TORHHE BUSES 

R. V. Naxay&na Murihy 

Life «f NlMaio 90 «aterial turtin« Waie«, fitted OB en^iBes 
■aBufaotuxBi in IB41B UBi«r licence afreeaent hmi ¥MB reetriotad 
to 250 hour» by the foieigB eollakorater. ▲ few years took,  the 
tuiBover of «BfiBoa at the factaxy vaa greatly haayared     due ta   a 
dearth of aaw aeta of klades.   Many aata af Hades fitted en en^iaea 
«are Bearing ceapletien of the autharised life.       These in turn a£fr 
acted ta a great extent the operatianal yragraaM.       Aa investiga- 
tion was therefore iaaodiatcly uadertaken ta ozaaiaa the fossihilily 
af oahaaoiag the life of hlades.    Hhe iaveatigatiaa iSTolved a tha» 
aratioal aaalyaia fellewei by testing far creep aa   a few teat apa- 
ciaena sad aa eagine type test.   Baaed aa thess exarcisos, tha life 
af hlades «aa enhanced to 300 hours far appHcatian on eaa   af    the 
aazka af tha eagine and to 530 hours for a derated Torsiaa. The 
investigatioa aade in the ahssace af ce«plete design details       and 
sophisticated rig testing facilities heaofited further utilisatiaa 
af a large auaher of tuxhiae blades, vhich atharwise would haia haaa 
scrapped.     The investigatioa alse enabled to tide ever the diffi • 
cultiea faced at tha factory ia aeeting the production tsxgeta. 
Further a oeneiderable aaeunt of financial benefits   was   realised. 
Service experience an engines haa haaa satiafactary aad   a   nuahar 
of blades have ceapleted the increased life without any     incident. 
It ia felt that ia aa oaergeaey a aiailar procedure could be adap- 
ted for enhancing the life of other highly stressed   ceaponenta af 
aero engines. 

The purpose of this paper is to present ia detail the invea- 
txgatioa aade here in connection with life development af   tuxhiae 
blades. 

Tbeeretical Aaalye*a 

Aa a »re■.fib,!.« to creep teetiag en tout opeciaens and prov- 
ing trials ca test bed, a theoretical analysis was made by oaapu- 
ting the stresses experienced at various ststioaa along the blade 
height. Life of turbiae blades is aainly United by creep and fa- 
tigue characteristics. Is design details apart frea aanufacturing 
drawings sad engine perfozaanee figures were readily available« St* 
resses due to centrifugal force, gas bending noaent and of fast 
bending aeaent at ;*ii»un rating condition of tha engine were cal- 
culated. These valua« were then coapared with the stressss rafo- 
ired far rupture of ftiaonic 90 aaterial in 300 haura at taapera- 
tures actually encountered by tha blade. 
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WM« g^ffftff 

Tke aaii loaAlafa prtAioiag atr««« in a %1*U art iua t« i 

(a) Ttnaian oauaai ky eantrlfucal faro« 

{%) laaiin« resulting fraa Waie lean 

(o)        Baniinc resulting fxaa gaa laai 

(4) Vibratian 

(a)      Taaalan <ue ta eantrifvMtal farea 

Centrifugal stress af a turbine Wa4e is given by the relatiea 

f -  1 ^Kf 
where     f - centrifugal stress 

e - tensity af blaia aatarial 
M ■ angalar Teleoity 

I - length af blade 

r ■ aean raiiaa 

The blade was di^lasi Inta ceovenieat ssotiena and the centri- 
fugal farces due ta these   seoueaa were   oaloulstad,        Seotlaaal 
areas at varioua atatlans sex« aeaaured by the aid af a ylaniaeter* 
At these atationa centrifugal straaaea were ooaputed by   using the 
abeve faamila, 

(*)     lending reaalUiia frea blide lean 

Blade prefile lawarlaUy tapers frea rest ta tly(and generally 
thiokneaa at the tip la the Biaiwum canaiateat with aaradyasaio   re» 
tuireaant««   In general *   centxelda of sections at different     radii 
da net lie en a radial line but are arranged ta lean in the   direct- 
ion af rotation.     Hence, a sasll eleaent of the blade   subjected to 
centrifugal force produces bending Maent at the root*       The bladea 
under consideration had centroida of sections along the height offset 
in both axial and clzeiaferential dlroctiona*     The blade was divided 
into a nusbar of eleaenta by planes at right anglea to the     radius • 
Taking the centroid of root section aa origin« affaot in axial   and 
eirouaferential directions at different atationa waa aeaaured.    Ben- 
ding MMnta resulting frea blads loan   wax« then estiaated far 
iaua engine rating condition. 
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(o) 

CkMc« «f mmtntm tf gM paMioff vnv Ua4M ff*ii*9 th* 
tor^u* MMSMxy for «rlvinf a tnxtlM W1M«1. Thl» f«ro» «ill Mt 
to a ttaifMBly 41«trlta»tt4 1M« «lane tb« Uate l«nftk tat «ill vajy 
fr« r»«t t« up, i«9«B4iBC uf«n the imgr— «f rtaotlM «ipleyt« at 
Tarlan» ra4il. la a««itUn to to« torfua raavltiac trm fas flaw, 
•aeh alMant af too Uato la alaa aukjaeto« to a toraat laaA. la- 
tograla af tkaaa fareaa alaac tha Uada lanfto in tot tongaaUal 
•a« axial «ixaotiana gif an afiii'valaat aiacla oiroiafaxaotial faroa 
and thruat farea aotiag at a xaiiua «blob «aul« inioea ia the pact 
aaotUa toa aaaa atraaa aa tot aetoal laaiinf <ut to tbt gaa faroa« 
Tbtat faraaa mi eaoaatuaat toailaf Maanto wtra oaloulatoi frtai 
▼tltoity triaoglaa irawn far variaua aaotiona af tbtklato byaakiac 
tot fallawinc aaautptiona i 

(1)     Tai    yoaaic . oaaatoat 

(li)   Yw,    ro»«2«t . eaaatont 

(ill) < - otnataat alaaff tha btlgbt 

«haxa Ya-i ■ axial talaoitgr at an try to turbiaa rator 

Y«1 ■ whirl vtltoity at tntxy to tothlaa rator 

r ■ raiiua 

*i m naailt axit ancla 

(*)       ^traaaaa iue to TibratJaa 

la anfioa ayaration, tbara «ill nat ha a unlftxa fla« af 
gaa thrau^i hlaia faaaacta« hut toa fla« «ill aaaaiat af a aariaa 
of paffa af oyolic natuxa. Thia intuooa «ihratiaa ia hlaiaa« Par 
tot yroaont invtatifttita, it «aa proauat« that tot itaigatr «aal« 
havt aaaurt« toara «aal« ha aa raaanaaaa af blaita uator all oanil- 
tieat af angiaa aptratioo* HoTortheloaat a variatioa af 20 par 
oant «aa allaaad an tot artraft a toady caa handiBg atrtaaaa to 
account far atroaaoa 4uo to vikratitn tM atraaa oanoontrationa« 

Boaultant Straaaoa 

The hoaiiac ataoato in the     oirovafortntial   iirtctita tot 
to   gaa   laato   an«   otatrifufal farooa   «ax«   aMa«   together   aa 
tail aa toaaa for too axial «irootion. Thua toa roaultant aaianta 
wore thtaina« in fettb cirovaftxantial   aa«   axial «ixactiona.   The 
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toatlAff MMBta aWut yrlneipal- «st« ••«• ^MB o«leulat»A. Tb» 
resvltMit toaiiB« etz««««a at Itailnf aaA trallinff •ig»» an4 at 
kaok «f tb« Uaia «ax« Ikaa astUata« ualnc tha xalatioa t 

Strass at a«fa af kla4a   .   i_2i? 4    LBBI 
I «In    +    I «ax 

sbar* z   •   4istanoa frw aiaar prlnoiyal axis ta 
•if af Uads 

y   -   iistano« fret aajar prlnoipal axis ta 
•ig» af Uate 

I BiDi I aax -   BMsnts af inartia akrut aiaar aai aajar 
prlooipal asas raspaotively. 

^■in, MBax     -   banilnf Maaota about aiaar aoi   aa>r 
prinolpal ana raspaotlvaly. 

Total Straasas an* Thaaretical Bla4a Llfa 

The tatal stresses at various stations of the Uais ware ob- 
tained by algabraio aUitian of stresses resulting fraa oentrifufal 
force, blade lean aa< gas leaia. A check on total stresses to cater 
for Tibraüen mni atress cancantratiana revealed an adequate aarfin 
batsaan tatal stresses and creep rupture atrangth of tha blade 
aaterial. The tatal atrassss at aaxLaua ecfine ratliff far ISA aea 
level atatic oenditioa enly were detaaainad ainoa tha anginas «are 
net being operated by the aarvice at other conditions such sa izctlo 
sea level Machl,Tropic sea level Macht and ISi 15.24 Ka Mach 2. The 
total atreaaaa oaaputsd are ahavn in Table 1 and the saae are plotted 
in Fig. 1. The figure alae indicates the stresses rofuired ta r^p« 
tore Niaenlo 90 aaterial in 500 hours at teaperatures actually 
experienced by the blade. Ibexaal paint techaifue vaa «played ta 
detexaiae the tsaperaturea encountered hy the blade in engine zutrlng 
oonditiona. It ia abaerved that the aeet critical point is the back 
of the blade at root station. The total stress at this point ia 
257 MN/a2, whereas the stress to rupture the blade in 500 hours at 
the aaae location ia 596 MN/a2. Cenaidaring the adequate aargin 
in the aagnitade af atreaaaa It was concluded that the lifa of ULads 
could be inereaaed to 500 houra theoretically. Since Uadea of the 
ssae aaterial were else heing used on a derated veraien of the en- 
gine, a poaaibility af enhancing the hlade life to aero than 500 
hours wss envisaged   for this application. 

Teat Reaalts 

The aext pert of the investigation caapriaed creep teat on 
teat speoiaens and type test en an engine. 
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9yp T*p* 

A few tuxbine blades «blob bad baan ear.'ier subjected to tgrpe 
test for 5K hours «ere selected for creep test. A teosil« load 
of 951^4 KM «as applied on test spselaens maintaining tbs tsnperature 
around thai at 1023*K« Die speciaens «ithstood these loadinf con- 
ditions for 276 hours before rupture. The failure «as believed to 
be not entirely du« to creep but also due to high strain rate« On» 
it oisy be observed that the sample blades «ithstood )14 hours of 
type test and 278 hours of creep test asking s total of p92 hours 
prior to failure. 

Though Nimonic 90 turbine blades had earlier «ithstood tape 
test conditions for JM hours, further testing on on engine on test 
bed «as programmed tc obtain additional data on creep characteris- 
tics. An engine fitted with 65 blades «hlob had earlier ccmpleted 
314 hours of type test and the remaining 60 blades «hich had coap* 
leted about 200 hours of run in ssrvioe «as selected for the pur- 
pose. The schedule for the test stipulated cyclic running of the 
engine conforming to the requiresieots laid do«n in L.Engg.R.C. Sp- 
ecification 2100. Kaoh cycle of six hours comprised acceleration» 
deceleration, prolonged running at various engine rating conditi- 
ons and at a maiber of speeds between idling and maximum.    The 
type test of about 100 hours duration «aa satisfactorily completed 
and groeth of the blades due to creep «as found to bs «ell «ithin 
allowable limits. 

Life Enhancsaent 

Proa the foregoing, the folloeing any be observed 1 

(a) nie theoretical estimation indicates that the blade 
life can safely be Increased to 300 hours for appli- 
cation on one of the marks of the engine and to more 
than 300 hours on a derated version. 

(b) Test specimens from samples of blades which had un- 
dergone type test for 314 hours withstood a load of 
99.64 KN at 1023#K for 278 hours. 

(0)   The growth of blades due to creep «as «ell «ithin 
limits even after more then 400 hours of running un- 
der type test conditions. 

97< 



In vl*v of the •bovtt alrvorthiMM authoritiM In India 
ooMidaxad It raaaon&ble to enhance the life of hladea to 300 
boun for the standard Tereion engine» and to 550 hours for 
the derated version «itboat Jeopardising airworthiness of en* 
ffinos. 

Servioe Eaaerienee 

One of the factors that restrioted enhancing oYerbaul 
life of engines was the linitation iaposed on life of turbine 
blades* The investigation resulted in increasing the over- 
haul life of one hundred and eighty^three standard version en- 
gines to 500 hours* Hitherto nearly thirty-eiz engines have 
coapleted the enhanced life without any incident* Of the re» 
maining engines« though sane have been prematurely returned 
fron servioe for various reasons no engine has been withdrawn 
for failure of turbine blades* 

Fifty-two derated version engines had been built with 
Nimonic 90 turbine blades» Since the overhuullife of these 
engines was about one-third the enhanced life of blades« a 
ntaber of engines with original set of turbin blades could 
be ianediately released for a second overhaul* Consequent to 
the enhanoenent of life of turbine blades« no case of turbine 
blade failure has been reported by the operators* However« 
on ooHpletion of 400 hours the condition of turbine blades on 
two engines received for seoond overhaul has not been veiy 
satisfactory* On most of these blsfos heavy corrosion and 
erosion were noticed* The extent of erosion may be seen from 
Fig« 2* This is probably due to the presence of certain 
additives in the aviation gasoline used in the derated engines* 
Further experience is awaited to probe the matter in greater 
detail. 

Benefits of Life Extension 

The present investigation which led to the enhancement 
of life of turbine blades enabled overcoming the difficulties 
experienced in meeting the production schedules at the factoxy 
and also in further utilisation of a large nwber of   blades* 
Besides« on every engine a saving of about RB* ?0»000/-      has 
accrued* 
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In th« abawo« of full dttlfn dttalls and «laboxate rig 
tasting faeilltlaa,  the inveatlgatlon anablad Ufa anhaneanant 
of turbina Uadaa with full oonfldanca.   In addition to   paou- 
niaxy banaflta to the -tana of Ilk20v000/- on arary angina,    tha 
invaatigatlon obviatad a aat-baok in pxoduotion targata at tba 
factory and alao tidad ovar oparational diffioultiaa at tba 
aarvica unita.   It ia fait that in an «aazganoy a aiuilar   phi- 
losophy could ba adopted for life davalopaant of other streaaed 
coaponaota of aaro anginaa«     Obrloualy auoh an approach ia not 
advlaable «hare ooaplata daaign oaloulationafrig taatlng   faci- 
lities, datalopnant baokground, reaulta of type teat,   flight 
triala and aaapling checka at variona atagaa of     operation   in 
aervlea are available, for auoh dettila aupploiented by aerviee 
experience are always deemed imperative by airvorthinaaa   autho 
ritiaa in any life developmeot progr«ame. 
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TENSION + VK 125 BLADES/ROTOR BLALE MATERIAL 
NIMONIC 90                          | 
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CMS 
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1       35.J 
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MIMOIIC 90 MATERIAL 1DIIIIE BUSE. 

30 C 32 »34 

RAKÜS IM CMS 

FIG.  1. ESTLMATED STMSSES ALONG ILAJIE DIGIT. 
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FIG. 2.    CONHTIGN OP BUDE APTCR 
400 HOURS. 
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U. ILünkler   I Institute of Jet Propulsion and Turbomachines, 

Technical University, Aachen. West Germany 

1. INTRODUCTION 

The cost of a mission in the earth orbit with a rocket driven launcher is 
considerably reduced when all the stages are designed for an aerodynamic 
landing at a predetermined place and when they can be reused several times 
(Space Shuttle System). An undisputed economy is to be expected, when a 
booster-stage for the overall flight schedule through the dense atmosphere 
is equipped with air-breathing jet engines and consistently utilised as an 
aerodynamic launcher. Besides the economy of the situation, other indirect 
advantages to be gained by using such aerodynamic booster-stares are: 
- the free choice of launching sites and launching inclinations as a 
result of the high manoeuvrability of the booster-stage with relatively 
low fuel consumption. This advantage can have a very special signifi- 
cance for European space research. 

- the unproblematic recovery of the booster-stage to the launching site. 
- the reliability necessary for "space traffic" and the limiting of the 
accompanying acceleration. 

In the current paper, the first topic to be discussed is the requirements 
of air-breathing engine systems. The limitations that one has to face in 
adapting air-breathing engines for space applications have been studied, 
the necessity of introducing changes in the air-brathing engine cycles and 
the possibilities for the variations of the thermodynamic processes have 
been compared and discussed. The influence of air precooling before com- 
pression on the overall performance of the air-breathing turbo engines has 
been specially investigated, particularly with reference to an air pre- 
cooled conventional turbojet designed for this special application. A 
detailed quantitative comparison of this engine with other feasible con- 
cepts, against the background of technological advances, has been made for 
a special application in an aerodynamic booster-stage. 

2. AIR-BRbATHING ENGIKLS FOR 3PACE-LAUNCHERS 

2. 1 Requirements 

It can be accepted that a fully reusable aerodynamic space-launcher with 
a useful payload, that could be launcned in a lower earth orbit, should 
consist of two stages. In order to reduce the work of the rocket-propelled 
"Orbiter" the horizontal take-off "Booster" equipped with a more economic 
air-breathing propulsion system must be designed for higher maximum flight 
Mach numbers, preferably over M^IO. 

For su^h high flight Mach number ranges, the Scramjet seems to be the only 
possibility. The boundary layer temperatures rise even in the case of such 
jet engines, above the range of M^IO, to values of over T=UOOO K. The 
high temperetures coupled with the large^surface area require a very large 
amount of cooling. Even using liquid hydrogen (LH«) as fuel, it could be 
seen that a larger quantity of liquid hydrogen is'used for cooling than 
for the combustion itself. Taking into account the thermal problems asso- 
ciated with the vehicle body itself, at the present stage of technological 
development, the limiting maximum flight Mach number is still reduced, 

103< 



when an aerodynamic booster-stage is to be accelerated by air-breathing 
engines. 

The essential advantages of an air-breathing jet engine over a rocket can 
only be fully recognized, when a jet engine system can be developed which 
covers the overall atmospheric flight Mach number range, from the start to 
the maximum flight Mach number. It should not be heavier than a conventio- 
nal turbojet with reheat, which in the lower flight Mach numbers gives a 
comparable thrust. The specific fuel consumption of such jet engines should 
lie below that of conventional turbojets with reheat, and specially in the 
higher flight Mach number ranges (up to M^»?) below the corresponding 
ramjet. 

The jet engine dimensions required and consequently the engine mass depend 
essentially on the magnitude of specific thrust F/m , that the turbojet 
achieves in the higher flight Mach number ranges. In order to avoid the 
unused thrust and the inlet drag in the lower flight Mach number ranges, 
the value of F/i with increasing flight Mach number must fall as little 
as possible. 

To summarise, the following are the requirements of an air-breathing jet 
engine to be used in a space-launcher: 
- sufficient starting thrust and sufficient thrust surplus in the transonic 

flight range; 
- useful up to flight Mach numbers above M^ö; 
- higherspecific thrust F/m mainly for higher flight Mach numbers; 
- lower specific fuel consumption m./F over the total flight Mach number 
range; 

- high thrust/weight ratio F/(m .g ) with uncomplicated and high reliabili- 
ty construction of the turbojet. 

2.2 Propulsion Systems based on Conventional Aerospace Jet isingines 

The flight Mach number range of the air-breathing turbo engines is limited 
by the permissible temperature at the compressor exit. Similarly, using 
the conventional turbine cooling methods with air from the compressor, the 
limit for the reheated turbojet is about M,,^.5.Where it is possible to 
precool the turbine coolant by a process of heat exchange with the fuel or 
to utilize the fuel directly for blade cooling, it is to be expected that 
the flight Mach number range could be raised to M "l*.^ Here the compressor 
exit temperature reaches a value of T =1200 K which, for a compressor 
with uncooled blading, is, for technological reasons, considered the maxi- 
mum permissible. The same limiting flight Mach number is also naturally va- 
lid for the Turborocket that has been for tiome time under experiment (T). 

If the turbojets described above are used for the start and the initial 
acceleration in combination with a ramjet, their internal parts in the 
higher flight Mach number ranges must be hermetically screened against the 
through-flow; their external cover then must be cooled with fuel against 
heat exchange from the hot outer streams into the internal turbo engine. 

2.3 Thermodynamic Process Possibilities for such Special Applications 

This special application of employing air-breathing engines for accelerated 
launchers, results in the possibility of using liquid hydrogen as fuel. 
Apart from the fact that liquid hydrogen has a higher energy content per 
unit mass and is therefore economical when compared to other hydrocarbons 
(like ATK, JPM, it also acts as a heat sink, which can be used as a pre- 
coolant of the air before the compressor inlet: 
- For the same pressure ratio, this leads to lesser compression work, and 

improves the specific thrust and specific fuel consumption. 
- The reduction in temperature at the ^compressor inlet induces an increase 
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when an aerodynamic booster-btage is to be accelerated by air-breathing 
engines. 

The essential advantages of an air-breathing jet engine over a rocket can 
only be fully recognizedi when a jet engine system can be developed which 
covers the overall atmospheric flight Mach number range, from the start to 
the maximum flight Mach number. It should not be heavier than a conventio- 
nal turbojet with reheat, which in the lower flight Mach numbers gives a 
comparable thrust. The specific fuel consumption of such jet engines should 
lie below that of conventional turbojets with reheat, and specially in the 
higher flight Mach number ranges (up to M =7) below the corresponding 
ramjet. 

The jet engine dimensions required and consequently the engine mass depend 
essentially on the magnitude of specific thrust F/m , that the turbojet 
achieves in the higher flight Mach number ranges. In order to avoid the 
unused thrust and the inlet drag in the lower flight Mach number ranges, 
the value of F/& with increasing flight Mach number must fall as little 
as possible. 

To summari»e, the following are the requirements of an air-breathing jet 
engine to be used in a space-launcher: 
- sufficient starting thrust and sufficient thrust surplus in the transonic 

flight range; 
- useful up to flight Mach numbers above M^sö; 
- higherspecific thrust F/m mainly for higher flight Mach numbers; 
- lower specific fuel consumption m_/F over the total flight Mach number 

range; 
- high thrust/weight ratio F/(m .g ) with uncomplicated and high reliabili- 

ty construction of the turbojet. 

2.2 Propulsion Systems based on Conventional Aerospace Jet topiines 

The flight Mach number range of the air-breathing turbo engines is limited 
by the permissible temperature at the compressor exit. Similarly, using 
the conventional turbine cooling methods with air from the compressor, the 
limit for the reheated turbojet is about M^S.S.Where it is possible to 
precool the turbine coolant by a process of heat exchange with the fuel or 
to utilize the fuel directly for blade cooling, it is to be expected that 
the flight Mach number range could be raised to M alt.5. Here the compressor 
exit temperature reaches a value of T =1200 K which, for a compressor 
with uncooled blading, is, for technological reasons, considered the maxi- 
mum permissible. The same limiting flight Mach number is also naturally va- 
lid for the Turborocket that has been for some time under experiment (T). 

If the turbojets described above are used for the start and the initial 
acceleration in combination with a ramjet, their internal parts in the 
higher flight Mach number ranges must be hermetically screened against the 
through-flow; their external cover then must be cooled with fuel against 
heat exchange from the hot outer streams into the internal turbo engine. 

2.3 Thermodynomic Process Possibilities for such Special Applications 

This special application of employing air-breathing engines for accelerated 
launchers, results in tne possibility of using liquid hydrogen as fuel. 
Apart from the fact that liquid hydrogen has a higher energy content per 
unit mass and is therefore economical when compared to other hydrocarbons 
(like ATK, JPU), it also acts as a heat sink, which can be used as a pre- 
coolant of the air before the compressor inlet: 
- For the same pressure ratio, this leads to lesser compression work, and 

improves the specific thrust and specific fuel consumption. 
- The reduction in temperature Jit the .compressor inlet induces an increase 
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in mass flow rate. This allows for a similar thrust, smaller turbo en- 
gine dimensions, and thereby reduces weight. 

- Finally the reduction in temperature at the comprespor outlet allows a 
substantial increase in the flight Mach number range of the air-breath- 
ing turbojet engine - and this is the factor which really makes it 
worthy of serious consideration as a propulsion system for an aero- 
dynamic space-launcher. 

Precooling the compressor inlet air by means of fuels such as liquid 
methane or hydrogen, was proposed by Mordell as early as 1961 in the "In- 
verted turbojet". For the proposed utilisation of tne special turbojet for 
a space-launcher, this is not suitable, since in the take-off and 
transonic flight reuiges a totally insufficient thrust is developed. 

The Texaco Experiment Inc.'s projected "Air Turbo Exchanger (ATE)", suffer- 
ing from the same disadvantage, must likewise be rejected as a propulsion 
system for a booster-stage. Here the turbine is designed to operate only 
with fuel, essentially hydrogen. This hydrogen fuel is previously pre- 
heated in a heat exchanger located in front of the compressor. 

An increase in thrust in the lower flight Mach number ranges is possible, 
when the hydrogen before its entry into the turbine is heated by reaction 
with an oxidiser. The flight load consumption of this turborocket with air 
precooling increases rapidly with the oxidiser. This is, however, some- 
thing which has to be put up with in t.he lower flight Mach number range 
as, in the starting phase and climb, up to an altitude of about H^IO km, 
the heat exchanger must not be operated with hydrogen, because of the 
icing dangers due to humidity in the lower atmosphere. 

Besides the already stated limitations in their applications, the uncon- 
ventional turbojet concepts mentioned have the disadvantage that in their 
technological specifications, they considerably deviate from the standards 
required of modern aeronautic turbojet construction. 

On the other hand, because of their largely conventional construction, re- 
heated turbojets with precooling of the air before compression (TJ+PC) 
appear particularly suitable as high speed propulsion systems for the very 
near future (Fig. 1). Even without air precooling, these turbojet types 
produce in the subsonic regions, for start and climb, a high amount of 
thrust with a reasonable fuel consumption. With precooling, in tho entire 
flight Mach number range, already mentioned from the transonic phase right 
up to the maximum flight Mach number, this type of propulsion system 
offers a comparatively economical fuel consumption, as will be shown later. 

As a result of the reduction in temperature at the compressor inlet, the 
mass flow inducted is higher and with that the thrust developed by the 
engine increases to such an extent, that although an addition in weight 
through the utilisation of a heat exchanger is involved, an economical 
thrust/weight ratio is achieved compared to the conventional reheated tur- 
bojet. The main advantage of precooling the air lies in the extending of 
the flight Mach number range, and though in rea'Vity the flight Mach num- 
bers are higher, the conditions before the compressor remain with precool- 
ing as they would be for a lower Mach number without precooling. 

The hydrogen used as  fuel in the main and after -burners is heated in 
the opposed flow heat exchanger to a temperature in the vicinity of the 
flight stagnation temperature T.^ (Fig.l). It is therefore possible that 
with increasing flight Mach numbers a continuously increasing heat capac- 
ity could be absorbed from the air stream. This would be carried in the 
heat exchanger because of a higher mean temperature difference between the 
distributed streams with increasing T. . 

t» 
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In spite of its higher flexibility a reheated bypass turbojet with air 
precooling (BTJ+PC) is not suited to the current application. As against 
the TJ+PC, the BTJ+PC has no added advantage as far as fuel consumption 
is concerned. A favourable improvement of the fuel consumption is achieved 
under certain operating conditions by a liquidization of the air stream 
and a fluid phase compression of the primary flow. The main disadvantage 
of such jet engine concepts and similar systems with air liquidising, 
apart from their less conventional construction, is that they develop an 
insufficient thrust for start and subsonic climb flights. 

Besides the possibility, afforded by air precooling, of running turbojets 
up to such high flight Mach numbers that they can be employed as propul- 
sion systems for the booster-stages of space-launchers, the special nature 
of the application also dictates the following necessity for the thermody- 
namic processes: 

If by means of undpr-stoichiometric fuel supply one limits the allowable 
combustion chamber temperature to a technologically acceptable value of 

about Ttmav"
21*^ K» then the rainJet will cease to provide sufficient 

thrust beyond approximately M *5«5t6. If the same maximum permissible com- 
bustion chamber temperature is maintained by combustion of a rich fuel 
flow, an increase in the jet velocity and thrust is obtained. The ramjet 
is now suited for over M^»?. This is however, at the expense of an increase 
in the specific fuel consumption. 

As in the case of a turbojet with air precooling the fuel stream is also 
the coolant stream, a rich fuel/air mixture not only involves an increase 
in the jet velocity but also increases the effect of precooling. This re- 
sults in an increase of the jet thrust and also a comparable extension of 
the flight Mach number range over NLafi*)« 

The thrust increase results in an improvement of the thrust/weight ratio 
and also a shortening of the flight duration of the accelerated space- 
launcher. Even with an  air-breathing engine with fuel-rich combustion 
(where it is assumed that the fuel consumption is naturally higher), em 
overall reduction in the amount of fuel can result. 

3. SPECIAL REQUIREMENTS OF THE COMPONENTS AND CALCULATION METHODS EMPLOYED 

In order to make a comparative study of the performance of the air-breath- 
ing jet engine systems for higher flight Mach number ranges, the calculat- 
ion must as far as possible be based on realistic assumptions and calculat- 
ion methods; otherwise a completely different picture could result. 

Besides the real gas conditions of the working fluid, in both the low tem- 
perature and dissociation regions, the information about the momentary 
characteristics of all the components must be readily available for the 
computer. This especially applies to the operating conditions of the com- 
ponents. The realities and technical limitations should also be taken into 
consideration. 

The special requirements of the supersonic inlet of the air-breathing jet 
engines for space-launchers arise from the unconventional higher maximum 
flight Mach numbers. The inlet should to be located under the wing; there, 
as a result of the established shock, the velocity hardly reaches a value 
of M »U, although the flight Mach number itself is of the order of Mm

al. 
The inlet is considered as a plane U-shock inlet with a combined outer and 
inner compression. The problem of matching the inlet with the jet engine 
is solved by a limited variation of its geometry; in the case of the turbo- 
jet with air precooling, additionally by controlling of the intensity of 
precooling and by regulating the rotor speed. Q) 
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The capacity of a Jet engine with air precooling is dependent on the heat 
exchanger, and the work output of this has a decisive effect. For the cal- 
culation of its pressure loss, dimensions and weight, the measured data 
were based on the heat exchanger matrices (?) , which were ideally suited 
for the present case. The matrices indicate a high ratio of heat exchange 
area/volume by a low weight. In spite of consequently reducing the high 
degree of heat exchange, a larger amount of hotter fluid was possible for 
a lesser volume and accorapanyinß low pressure losses. 

The computational consideration of the changes in pressure ratio, mass 
flow and efficiency of the compressors with the current entry conditions, 
was based on suitable characteristics. The gaseous fuel and the extremely 
short combustion length simplify the mixing process and make possible the 
adoption of a smaller combustion chamber volume. Because of the possibility 
of using a relatively small after-burner with hydrogen cooling, higher peak 
temperatures could be realised. 

The reduced thrust nozzle sectional area remains approximately constant. 
The mixing of the bypass air in the thrust nozzle reduces, in the lower 
flight Mach number range, the drag of the inlet and also the outer drag 
of the thrust nozzle. The coMputation of the actual expansion was approxim- 
ated in accordance with Bray's criterion. 

It. PROJECT LAYOUT OF A TURBOJET WITH AIR PRECOOLING 

In the following pages a project layout of a reheated turbojet with air 
precooling (TJ+PC) is presented, which is designed to drive the aerodynamic 
booster-stage of a space-launcher. 

k. 1 Assumptions 

The aim of this project was to conceive an uncomplicated jet engine. The 
engine should be suitable for accelerating the booster-stage from start to 
a flight Mach number M^»?, as well as for an economical return. At the 
same tizie the technological specifications should, as far as possible, not 
exceed the achieved standards of present-day aerojet construction. 

For the flight trajectory of the booster a path, which for an accelerated 
flight is relatively high (see Fig. 2), was chosen, the maximum pressure 
in the after-burner not exceeding 6 bar. Although the booster after start 
first followed the path shown by the dotted lines all the calculations, 
even those beneath H^-11 km, are based on the extended path, so that the 
curves calculated can more clearly be followed. 

The heat exchanger is so located and regulated that the hydrogen, even in 
the higher flight Mach number range, is not heated beyond TH_   =1050 K. 
This means the hydrogen after emerging from the heat exchanged can even be 
used for an effective cooling of the after-burner and the thrust nozzle, 
without allowing the wall temperature to exceed 1200 K. 

2 
The inlet area of the compressor was taken as A =1 m for all the calculat- 
ions. In order to design the turbine as a single stage one, the compressor 
pressure ratio was limited to (1I

tr;)np
=7 at design point. As design point 

efficiencies for the compressor,    turbine and thrust nozzle average 
standard values were taken. 

The inlet temperature of the cooled turbine - T =1800 K - lies within 
the average test standard operating conditions of today. The cooling air 
needed for the turbine cooling, obtained from the heat exchange with the 
fuel stream, has an intermediate temperature of T=500 K,so that T , could 
be maintained constant independent of the compressor exit temperature T p. 
The maximum peak temperatures in the after-burner could for the reasons 
mentioned be raised from the current standard temperatures by 300 K to 
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about r   '2U00  K. 
t max 

In order to determine the influence of air precooling on the thrust/weight 
ratio, an estimation of the jet engine mass was made. During the heat ex- 
changer calculations, the mass of the heat exchanger was obtained, and the 
jet engine mass itself was determined by a statistical method. 

U.2 Conception of the Jet Engine 

An overall view of the jet engine concept is shown in Fig. 15 a. The plane 
U-shock inlet at flight Mach numbers lesser than M^U, inducts a larger 
amount of air than is needed by the turbojet. Therefore, in the lower 
flight Mach number ranges, a part of the inlet inducted air bypasses the 
turbo engine and, together with the exhaust gases, is expanded in the 
common thrust nozzle. The amount of bypass is controlled by the adjustable 
"cold" thrust nozzle. Above M^sU, the air consumption of the turbojet en- 
gine exceeds the air supplied by the inlet. To avoid "supercritical" oper- 
ation of the inlet and the accompanying high losses, the rotor speed must 
be continuously reduced. 

After the air has passed the opposed stream heat exchanger, it is inducted 
into the 6-stage compressor. The smaller unit length of the compressor 
with the short combustion chamber, and the single-stage turbine, allow a 
very solid construction and simple bearings of the monolithic rotor. Be- 
hind the short after-burner in the convergent part the hot thrust nozzle 
is located, which forms a transition from a rotationally symmetric turbo 
system to a plane thrust nozzle of variable geometry. 

U.3 Influence of Air Precooling on the Thermodynamic Process 

The influence of air precooling on the value of the temperature T. , at 
compressor inlet is shown in Fig. 3. During the start and at the beginning 
of the climb, because of the danger of icing in the heat exchanger, pre- 
cooling of the air must be avoided. The dotted curve g:.ves the variation 
of temperature T.. at compressor inlet without air precooling. This is 
practically the same as the stagnation temperature T  • The drawn curves 
show the reduction in compressor inlet temperature as a result of pre- 
cooling. 

In order that the allowable maximum temperature in the after-burner does 
not exceed 2U00  K, either the fuel/air ratio must, as the stagnation tem- 
perature increases, be continuously reduced (thin curve), or one must 
limit the combustion end temperature by a corresponding increase in fuel 
content (thick curve). For the two operating conditions, the differences 
in the temperatures are sketched (Fig. 3); these arise because of the 
different fuel streams and also because of the differences in the quantity 
of coolants. For the curve with (ß>ß ) a kink is obtained around M^«?, 
because there in the heat exchanger Ine liquid hydrogen has reached its 
maximum temperature. 

The effect of precooling on the tempera; ure T „ at compressor exit is 
shown in Fig. k.  The technologically calculated limiting temperature 
which should be obtained at M "U.5  is first reached at about M =7. 

SO 00 

In view of the reduction in the compressor inlet temperature, the reduced 
rotor speed N//T. ' and the corresponding mass rate of flow at compressor 
inlet increases. The noticeable increase of the engine air flow, which 
forms the main part of the thrust increase as a result of air precooling, 
i» shown in Fig. 5. 

The different specific thrusts likewise increase owing to air precooling, 
and this is directly due to the increase in compressor pressure ratio 
without corresponding increase in the turbine pressure ratio (Pto/P+h)- 
This results in an increase of the overall pressure ratio Pf^/pfiv 
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of the turbo unit (Fig. 6), where p.. is the total pressure behind the tur- 
bine und Pt1E the total pressure at the end of the intake nozzle in front 
of the heat exchanger. 

k.U Analysis of the Characteristics of the Jet Engine 

In order to eliminate the influences of the mounting aspects of the jet en- 
gine on the thrust, the engine is firstly considered without external 
assembly. 

The variation of the thrust, based on air induction, F/m with and without 
precooling is indicated in Fig. 7* Because of the increasingly higher de- 
viation of specific thrust, it is not essential for an undesirably large 
amount of air to be inducted, with higher flight Mach numbers. This would 
tend to increase the intake dimensions to an inexpedient extent. 

Fig. 8 shows the variation of specific thrust, based on fuel consumption, 
F/m. with flight Mach numbers. By air precooling with under-stoichiometric 
combustion, the specific thrust F/m. increases on an average by nearly 
10 %,  but with over-stoichiometric ratios F/m. falls to very low values. 
In this case, a greater thrust and an extension of the flight Mach numbers 
must be attained at the cost of higher specific fuel consumption. The over- 
all drive mass for fulfilling the flight conditions need not be negatively 
affected by this. 

Apart from the influence of air precooling on the amount of fuel mass that 
is needed for the driving phase, the effect of precooling on the thrust/ 
weight ratio is decisively important. Fig. 9 shows the specific thrust 
variation, based on engine weight, against flight Mach numbers. The mass 
m for a turbojet engine with precooling (TJ+PC) considered along with the 
heat exchanger, is naturally greater than for an uncooled standard turbo- 
jet (TJ) because of the mass of the heat exchanger. Above flight Mach num- 
bers M '0.8, however, the higher thrust/weight ratio more than compensates 
for this apparent excess in mass. 

5. OVERALL PERFORMANCES OF COMPARABLE JET ENGINE CONCEPTS 

In the following section the performance values of the turbojet engine with 
air precooling and other comparable jet engine systems are discussed. 

The jet engines under donsideration (Fig. 10) are the reheated Turbojet 
with air precooling (TJ+PC), the reheated Turborocket with air precooling 
(TR+PC) and the Reunjet (RJ) in combination with the turbojet engine (TJ) 
or the Rocket (R). The simple turborocket is less suited for such com- 
binations. 

The aim of the comparative study was to examine the jet engines that are 
best suited for use in an arrodynamic space-launcher, and to determine the 
mass of the total drive system (fuel and engine mass) for the entire 
trajectory of flight. To enable a fair comparison of the different jet 
engine systems, they were all analysed in accordance with the same system. 
The performance parameters will now be described, taking into account the 
inlet size, the wing mountings and also the jet engine drag in the extern- 
al stream. 

5.1 Comparison of Performance Values 

As all the jet engine concepts already discussed are suited for the accel- 
eration of a space-launcher in the envisaged flight Mach number range only 
with combustion at a fuel-rich stoichiometric ratio I shall restrict my- 
self to plotting soleley the curves concerned. 

Fig. 11 shows the variation of the specific thrust F/A for the flight 
Mach number range discussed. The reason why the performance curve of the 
turbojet with air precooling falls slightly below other jet engines at 
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higher flight Mach numbers is that here the overall pressure ratio of the 
turbopart lies below unity. 

The strong reduction in the specific thrust based on fuel rate for the 
TR+PC and the BJ+R in the lover flight Mach numbers is a result of the 
oxygen needed (Fig.12). For comparison, the variation of the specific 
thrust F/mf of an O./H« rocket vhich vas driven with an optimum mixing 
ratio is presented. 

The four jet engine systems compared have a geometrically similar intake 
and intake capture area A-,, a similar compressor inlet area A,, a similar 
thrust nozzle exit area and the same peak temperature T   «2U00 K. The 
turbine inlet temperature of the turbojet at design conaxttons was T « 
1800 K, while the turbine inlet temperature for the turborocket with air 
preceding varied between 600 K<T -<1200 K. 

Fig. 13 presents the thrust variation of the individual jet engines. In 
these curves the nett thrusts are available after deduction of the jet 
engine drag, and those which are effectively available for propulsion of 
the craft, and whose drag is shown in the diagram, are presented. D /n 
is the part of the drag of the craft which a single jet engine normally 
suffers. The drag curve D /n vs M^has been obtained for the quasi statio- 
nary case of an unaccelerated horizontal flight of an aerodynamic space- 
launcher obtained by a take-off mass BL, «230 000 kg in combination with a 
2-stage 0./H- rocket with a payload m "12 000 kg for an earth orbit of 200 
km. Naturally the optimal dimensions for the discussed jet engine concepts 
are different. 

Finally, Fig. lU shows the drag variation of the compared fat  engines. The 
high drag of the combination jet engines at low flight Mach numbers, is a 
result of the thermal blockage. 

5.2 Comparison of the Total Drive Mass as Illustrated in the Case of a 
Space-Launcher 

On comparison, the TJ+RC and the RJ+TJ are specially suited. For these pro- 
pulsion systems, the total drive mass has been estimated and compared. The 
total drive mass consists of the installed engine mass and the total mass 
of fuel which would be needed for the acceleration of the booster stage up 
to the stage separation for the given flight trajectory. 

Fig. 13 compares the sectional views of a TJ+PC and RJ+TJ. At intake 
the two systems look identical, but an apparent excess can be seen in the 
presence of a heat exchanger in the TJ+PC. On the other hand, in the RJ+TJ 
the following are the main excesses: 
- the significantly larger after-burner; 
- the flap system for the hermetic sealing of the turbo-part; 
- the cooling of the total bypass channel including the external envelope 
of the turbo-part. On the other hand, the bypass channel of the TJ+PC in 
the higher flight Mach number range is not supplied, so that no excessi- 
vely high temperatures or high pressures are reached. 

The total excess in engine mass of the combination jet engine RJ+TJ can be 
clearly seen to be overcome with an TJ+PC. 

In Fig. 16 the overall mass m , namely, the installed engine mass m and 
the fuel mass m_, which must oe carried for acceleration to the flight 
Mach number M^ by the alternative utilisation of a TJ+PC and RJ+TJ, has 
been shown against M^. For the estimation of these curves the number of 
motors for the particular turbojet concepts, namely, the overall installed 
turbojet dimensions ^ ,A_ v) were optimised to give the minimum overall 
engine plus fuel mass. Besides, the different optimum transition Mach num- 
bers, namely the Mach numbers at which the combustion was switched over 
from a weak to a rich stoichiometric mixture, in the after-burner, were 
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also taken into consideration. 

As seen in fig. 16, the calculations show that in the case of a TJ+PC a 
comparably lover overall drive mass is possible. This is particularly no- 
table, in view of the fact, that in every case of an uncertain assumption 
the TJ+PC were always decided against. The calculations were made as far 
as possible accurately with some limitations of course. The author is awa- 
re of the fact that it is not possible for him to make a complete calcu- 
lation, because of the several limitations, namely, the multidimensionali- 
ty of the flow, which could only be taken into account with correction 
factors, and also the operating conditions of some of the components were 
roughly estimated and taken into consideration. 

6. CONCLUSIONS 

It has been shown, in general, that air precooling before compressor inlet 
is a suitable way of extending favourably the flight Mach number range of 
an air-breathing turbo engine. Thereby it is possible without a ramjet com- 
bination to make the air-breathing engine attractive as propulsion system 
for an aerodynamic booster-stage, for the start and acceleration of the 
space-craft. Another definite advantage of the air precooling with regard 
to the development stage of the turbo engines, is that these need only a 
test facility of upstream Mach numbers M »U to U.5 to obtain conditions at 
flight of M =7. 0 

As a special case, the reheated turbojet engine with air precooling serves 
the requirements of space-launchers very suitably. Another advantage of 
this special turbojet concept is that it fully utilises the current tech- 
nological development facilities of conventional aircraft propulsion sys- 
tems yet does not much exceed these requirements either. The problem faced 
is essentially the development of suitable heat exchanger matrices and, as 
experience indicates, such developments have  already been made. However, 
besides the variable intake, owing to the strong temperature gradients the 
heat exchanger is likely to pose design difficulties. The thermal stresses 
by heat exchangers of conventional construction, however lie within the 
controllable range, because of the relatively elastic matrix. 

Finally, it remains to be stated that a turbojet engine with air precool- 
ing, using liquid Methane as fuel and with air-rich combustion is eminent- 
ly suited as a propulsion system for a supersor.ic transport (SST) with 
flight Mach numbers between |i»3 to 5- With its relatively simple con- 
struction and an economical thrust/engine weight ratio, it offers a com- 
paratively low specific fuel consumption. 
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Symbols of Engine Sytems 
RJ   Ramjet 
TJ  Turbojet engine 
TR  Turborocket 

Rocket 
Precooling (before compression) 
Fuel-rich stoichiometric fuel/air ratio 
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Fig.1: Thermodynamic Process of the TJ+PC 
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Fi^.9:  Distribution of the specific thrust  (enpine weipht basis) over the 
flight Mach number range 
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Fig.11; Variation of specific thrust (air basis) for the high Mach number 
turbo jet engines 
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Fig.12; Variation of specific thrust (fuel ♦ oxidiser basis) for the high 
Mach number turbo jet engines 
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Fig.13: Thrust distribution for high Mach number turbo jet engines 
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Fig.1U; Drag distribution for high Mach number turbo jet engines 
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COMPOSITE PROPULSION SYSTEMS FOR AN ADVANCED 

REUSABLE LAUNCH VEHICLE APPLICATION 

Joseph G. Bendot 

The Marquardt Company, Van Nuys, California, U.S.A. 

ABSTRACT 

The composite engine combines the best features of airbreathing and rocket 
engines into a simple, integrated, highly flexible propulsion system.    These 
propulsion systems feature multimodal operation capability with cycle process 
interactions between engine components.   Increased engine performance results 
from this synergistic design approach.   Examples of composite engines are the 
Ejector Ramjet (ERJ), Supercharged Ejector Ramjet (SERJ), SCRAMLACE and 
Ejector SCRAMJET.   This class of engine is also frequently referred to as mixed 
cycle engines, rocket ramjet engines, and less frequently compound cycle engines. 

This paper will summarize a detailed engineering study conducted to evaluate 
the potential of composite engines when applied to the first stage of a two-stage 
manned advanced reusable launch vehicle.   Briefly, the launch vehicle mission/ 
design constraints were as follows: 

Reusable vehicle, passenger/light cargo payload 

Two stage to 262 nautical mile (485 kilometer) orbit 

Horizontal takeoff and landing 

Hydrogen/Oxygen (rocket engine only) propellants 

One million pound (453600 kilogram) vehicle takeoff gross weight 

Full mission profile, liftoff to landing with 3 "g" acceleration 
limit (manned application). 

Payload in orbit was the prime evaluation criteria. 

A total of 36 composite engines were evaluated for this mission/application.   In 
all cases considered, composite engines were clearly shown to be superior when 
compared to an advanced liquid rocket engine.   Payload in orbit results arc 
presented for the more attractive composite engines.   In addition, vehicle pay- 
load perforraance as a function of vehicle staging velocity is presented.    Typical 
staging velocities are Mach 8 to 10. 
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INTRODUCTION 

Launch vehicles in which all components are fully reusable must eventually be 
developed if truly low cost space launch operations are to be achieved.   The 
horizontal takeoff and landing airbreathing launch vehicle has inherent features 
which make it a prime candidate for future second generation shuttle systems. 

The rocket engine is characterized by high thrust to weight ratio but at low specif- 
ic impulse values.   In contrast, true airbreathing engines are characterized by 
high specific impulse performance but engine weights are heavy,    The composite 
engine combines the best features of rocket and airbreathing engines into simple 
integrated, highly flexible propulsion systems. 

As suggested in Figure 1, a fully reusable launch vehicle (two stage to orbit 
mission), powered by composite engines, may offer major improvements in 
payload in orbit performance.   This paper summarizes a detailed engineering 
study conducted to evaluate the potential of the composite engine. • 

COMPOSITE ENGINE SYNTHESIS. DESIGN. AND OPERATION 

The elemental propulsion systems which provide the basic building blocks for 
synthesizing composite engines are the familiar rocket and airbreathing systems, 
which are symbolically illustrated in Figure 2. 

If it is desired to incorporate the features of both elements (rocket and airbreather) 
in a single vehicle, two approaches are obvious: the elements may be installed 
either separately or integrally.   The former may be termed a combination pro- 
pulsion system.   Thus, to illustrate the contrast, combination propulsion systems 
incorporate two or more elemental engine types in a nonintegrated installation, 
i, e., with little or no direct physical or process interaction between engine types 
within the vehicle's propulsion complement. 

If, however, the elements are physically integrated into a single propulsion 
system, having multimodal operation capabilities, with cycle process inter- 
actions between elements, the result is a composite propulsion system.   Increas- 
ed engine perfo -mance results from this synergistic design approach. 

Marquardt approached the composite engine from the standpoint of expanding and 
developing the functions and operation of the basic ramjet cycle.   Thus a clear 
initial goal was to provide the ramjet with low speed thrust capability such that it 
could accelerate under its own power to ramjet cruise conditions.   The Ejector 
Ramjet is thus the most simple composite engine which integrates the rocket 
function and ramjet function into a single integrated engine (see Figure 3).   The 
Ejector Ramjet engine has two operating modes:   (1)  Ejector Mode and (2) Ramjet 
Mode (high flight speed operation). 

*This study was sponsored by the National Aeronautics and Space Administration 
(NASA) under Contract NAS7-377. Marquardt was supported in this study by the 
Lockheed-California Company and Roqketdyne. 
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Manned high supersonic/hypersonic speed aircraft will cruise on ramjet power. 
However, such aircraft also require low speed cruise/loiter capability at low 
specific fuel consumption.   The Supercharged Ejector Ramjet (SERJ) engine meets 
these requirements.   In this engine, a low pressure ratio fan/gas generator is 
integrated with the ejector primaries and ramjet/afterburner.   The fan provides 
an additional pressure rise for the high thrust/acceleration Ejector Ramjet opera- 
ting mode, or Fan Ramjet operation (i.e. augmented turbofan) for intermediate 
speed acceleration, or low speed cruise/loiter capability with the ejector and 
ramjet components inoperative, (Fan Mode).   During ramjet operation, Lhe fan 
may be allowed to windmill or be removed from the airstream.   The windmilling 
technique has been experimentally demonstrated. 

The Ejector Ramjet and SERJ engines can be designed for cryogenic (i.e. liquid 
hydrogen, liquid methane) or storable propellants.   Advanced high performance 
composite propulsion systems which operate over a very wide flight speed range 
have been established by combining ramjet. Ejector Ramjet, SERJ, supersonic 
combustion and/or LACE engine technology.   The Ejector SCRAMJET, RAMLACE, 
and SCRAMLACE engines are shown in Figure 4.   Figure 5 illustrates the 
Supercharged Ejector SCRAMJET, Supercharged RAMLACE and Supercharged 
SCRAMLACE engines. 

The basic LACE engine cycle uses the large cooling capacity of liquid hydrogen 
to liquefy air.   Therefore, this basic engine cycle and its derivatives are limited 
to the use of liquid hydrogen fuel.   The Supercharged Ejector SCRAMJET and 
Ejector SCRAMJET engines can be designed to operate on cryogenic fuels or 
storable propellants.   The basic technology to develop these advanced engines 
has largely been demonstrated; however, development of these engines will be 
more costly and will require a longer development period than for either the 
Ejector Ramjet or Supercharged Ejector Ramjet engine. 

Figures 4 and 5 described several composite engines which use the basic LACE 
engine as the ejector primary/rocket subsystem.   These engines are RAMLACE, 
SCRAMLACE, Supercharged RAMLACE and Supercharged SCRAMLACE.   The 
performance of these engines can be significantly improved if the cooling capacity 
of liquid hydrogen can be increased.   One demonstrated approach is the use of 
slush hydrogen (super cooling) which lowers the hydrogen boiling point from 3G0R 
(20oK) to approximately 250R (140K). The performance potential of this technique 
as applied to the RAMLACE engine is illustrated in Figure 6.   In this composite 
engine application study, this cooling/improved performance concept was evalua- 
ted for the following engine designs: 

Recylcled RAMLACE 
Recycled SCRAMLACE 
Recycled Supercharged RAMLACE 
Recycled Supercharged SCRAMLACE 

The ejector mixing and pumping (jet compression) offered by the ejector primary/ 
rocket subsystem forms the heart of the Marquardt developed composite engine 
cycles.   The kinetic energy of high pressure ejectors is used to induce airflow 
at low speed conditions and at all flight speeds to raise the total pressure level 
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of the mixed air/primary system.   As with all airbreathing engines, thrust and 
cycle efficiency increase as the cycle pressure ratio is increased. 

The continuity, momentum and energy equations relate the aerolhermodynamic 
properties of the fully mixed air-primary (i.e. mixer exit) to mixer entrance 
flow conditions.   Experimental mixing data are in close agreement with predic- 
tions.   However, the length required to achieve full mixing cannot be analytically 
predicted and, therefore, must be experimentally correlated. 

Representative ejector/mixer performance in terms of total pressure ratio is 
presented in Figure 7 as a function of secondary/primary mass flow ratio or 
more simply engine airflow/ejector propellant flow ratio.   Achievable ejector/ 
mixer total pressure ratios are modest, therefore, the resultant improvement 
in engine performance is maximum at lower flight speeds. 

Marquardt has conducted an intensive jet compression research program.   Initial 
ejector primary propellants (fluids) included heated air, hydrogen/air and hydro- 
gen/oxygen.    Later tests included hydrocarbon fuels and hydrogen peroxide as the 
oxidizer.   As a result of this work, the required mixer length was correlated as 
a function of the number of primary nozzles, the primary exit Mach number, 
air/primary flow rate ratio, primary/secondary total temperature ratio and 
mixer/primary geometry (see Figure 7).   Efficient jet compression with short 
mixer lengths has been demonstrated. 

The Ejector Ramjet engine cycle has been successfully demonstrated in several 
engine test programs.   Initial small scale demonstrations were accomplished 
with hydrogen/air and hydrogen/oxygen ejector primary subsystems.   Later, 
two 18-inch diameter Ejector Ramjet engine demonstration programs were con- 
ducted using hydrocarbon fuel/hydrogen peroxide propellants.   A photograph of 
the second test engine is presented in Figure 8.    Briefly these test programs 
demonstrated the following: 

•        Experimental thrust stand performance agreed within ± 5% of 
predicted performance. 

Both engine operating modes were demonstrated. 

Mode transitions were demonstrated. 

Ejector primary throttling was demonstrated. 

Afterburner throttling was demonstrated. 
» 

Static and high flight speed operation were demonstrated. 

Thus, the composite engine has been convincingly demonstrated in scale engine 
test programs. 

The composite engine Is characterized by Its multi-operating mode capability 
and resultant mission flexibility.   The flexibility of this class of engine is 
illustrated in Figure 9.   Specifically, this figure describes the operating modes 
of the Supercharged Ejector SCRAMJET engine when used to power an advanced 
reusable launch vehicle.   A single stage to orbit option is apparent. 



Studies conducted by Marquardt and several major airframc companies have 
shown that while composite engine multimode operating flexibility is a valuable 
asset, the mission optimization process is complex and requires more effort 
than for single operating mode engines. 

ADVANCED LAUNCH VEHICLE APPLICATION 

Marquardt evaluated the performance potential of composite engines when applied 
to an advanced reusable launch vehicle.   Briefly, the launch vehicle/mission 
design constraints were as follows: 

Reusable vehicle, passenger/light cargo payload 

Two-stage to 262 nautical mile (485 kilometer) orbit 

Horizontal takeoff and landing 

Hydrogen/oxygen (rocket engine only) propellants 

One million pound (453600 kilogram) vehicle takeoff gross weight 

Full mission profile, liftoff to landing and 3"g" acceleration limit. 

Payload in orbit was the prime evaluation criteria. 

A total of 36 composite engines were evaluated for this application/mission; 
however, the engines of primary interest have been reviewed in this paper. 
Study results were compared to "Very Advanced" rocket and Turboramjet 
engine performance. 

The baseline composite engine fully reusable launch system is a two-stage, 
horizontal takeoff and landing, nested lifting body configuration.   The first stage 
provides an aerodynamic pressure field for the inlets of the integrated propulsion 
system.   The all-rocket second stage vehicle is fully recoverable and reusable 
and was established in a previous study program. *  The design of this vehicle 
was not perturbed;   rather, it was scaled in accordance with first stage cap- 
abilities. 

An orbital launch system was defined for each composite propulsion system. 
Figure 10 describes a representative system.   Specifically, the first stage of 
this launch vehicle is powered by SCRAMLACE engines.   Figure 11 presents an 
artist's rendering of this vehicle. 

In general terms, composite engines operate on ejector (primary rocket) mode 
from Sea Level Static to as high as Mach 2, where ramjet mode transition occurs. 
For engines employing the subsonic combustion mode, the maximum airbreathing 
Mach number is 8.    For engines employing the SCRAMJET mode, the transition 
from subsonic to supersonic combustion occurs at Mach 6 and this high speed 
mode nominally continues to Mach 12,   Specifically, engine operating modes/ 
transition speeds were optimized in terms of minimum propellant plus engine 
weight for each composite propulsion system.   Figure 12 illustrates the broad 
range of composite engine performance during ejector mode operation.   Corres- 
ponding Sea Level Static Engine thrust to weight ratios are also presented. 

*NASA Contract NAS8-114()3 



A stated objective of this atudy was to compare composite engine mission results 
with "Very Advanced" rocket engine propulsion.   For this study, "Very Advanced" 
rocket engines were defined as follows: 

Propellants Liquid Hydrogen/Oxygen 
Cycle Fuel Rich Tap Off 
Oxidizer/Fuel Ratio 6.5 
Chamber Pressure 2000 psi (141 kg/cm2) 
Specific Impulse, Sea Level 375 sec. 
Thrust/Weight Ratio 179 

The results of the mission analysis study are presented in Figure 13 in terms 
of payload in orbit and system total dry/gross payload weight ratio.   System cost 
effectiveness was specifically not an objective of this study.    However, system 
total dry/gross payload weight ratio is a rough indicator of total system cost. 

With these results, two composite engines were selected for further detailed 
study.   An objective of this study was to conduct an assessment and evaluation 
of engine technology requirements.   This resulted in the selection of the two 
composite engines;   (1) the first engine should provide attractive payload in orbit 
performance yet only require near term technology for its successful develop- 
ment while (2) the second engine should provide near maximum payload in orbit 
performance recognizing major advances in engine technology would be required 
for its successful development.   The selected engines were:   (1) near term 
technology - Supercharged Ejector Ramjet engine and (2) advanced engine 
technology - SCRAMLACE engine. 

These two engines and comparison "Very Advanced" rocket and Turboramjet 
engines were intensely studied.   For example, optimum* launch vehicle staging 
velocity was defined (see Figure 14).   In addition, study of the "Very Advanced" 
rocket powered vehicle was expanded.   Specifically, three takeoff modes were 
evaluated: 

1. Horizontal takeoff and landing (internal landing gear) 

2. Horizontal takeoff and landing (rocket sled assisted takeoff) 

3. Vertical takeoff. 

Optimum staging velocities for these vehicles are also presented in Figure 14. 

In the same format as previously presented, the results of this detailed study are 
presented in Figure 15.       This figure compares the following engines: 

• "Very Advanced" Rocket 
• Supercharged Ejector Ramjet (SERJ) 
• SCRAMLACE 
• Turboramjet. 

It should be noted that the payload in orbit values are the maximum from 
Figure 14. 

*In terms of payload in orbit performance 

123< 



These results indicate a more favorable position for the "Very Advanced" rocket 
engine particularly with the alternate takeoff modes.   These results notwith- 
standing, the payload in orbit potential of the composite engine is clearly shown. 
The Turboram jet engine shows excellent growth potential; however, development 
of the Supercharged Ejector Ramjet engine could be accomplished for a fraction 
of the development cycle and cost of the Turboramjet engine. 

Although the Ejector Ramjet engine was not evaluated in the detailed engineering 
study, its high performance/low development cost potential should be recognized. 
If first stage loiter is not established as a requirement, this conclusion becomes 
stronger.   With this engine, development of rotating machinery is not required 
and this engine cycle has been convincingly demonstrated in several engine test 

programs, 124^ 
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AN EXAMINATION OF INJECTOR/COMBUSTOR DESIGN EFFECTS 
ON SCRAMJET PERFORMANCE 

Griffin Y. Anderson 
NASA Langley Research Center, Hampton, Virginia 

INTRODUCTION 

The feasibility and performance potential of the supersonic combustion 
ramjet (scramjet) was firmly established by experiments conducted with 
research scale engines In the 1960ls.  The challenge in hypersonics for 
the 1970's is to evolve practical integrated engine-vehicle concepts suit- 
able for a mission like the first stage of a space shuttle or for hyper- 
sonic cruise.  A key element in achieving attractive system performance is 
the use of hydrogen fuel with its large heat sink to provide active cool- 
ing of both the engine and the vehicle.^ Minimum engine heat load is a 
prerequisite so that adequate cooling will be available for the vehicle. 
Since the combustor contributes the bulk of the engine heat load, proper 
modeling of combustor heat load is of first importance. 

Of course, the combustor and fuel Injector design have other important 
influences on overall engine characLeristics and performance. The injec- 
tor must distribute the fuel to allow nearly complete mixing and chemical 
reaction within the combustor length provided.  The maximum pressure in 
the engine generally occurs in the combustor and its level affects engine 
structural weight.  Also, the wall pressure distribution and skin friction 
in the combustoi1 can be significant factors in overall engine thrust. 
Since all these f;'r.tors - heat load, combustion efficiency, maximum pres- 
sure, pressure distribution, and skin friction - are interrelatedj the 
task of analyzing the flow in a scramjet combustor is a complex one. 

Progress is being made toward development of numerical schemes to calcu- 
late supersonic combustion flow fields in detail.  Reference 3 applied a 
"viscous-characteristics" analysis,^ which accounts for lateral and axial 
pvessure variation due to mixing and combustion, to the design of a two- 
djmonsional slot Injector which produces constant static pressure in the 
region of the supt-rsonic flame.  Reference ri  presents a calculation proce- 
aure which can be applied to three-dimensional supersonic combustion flow 
i  l.ris and is suii-ahle for use with the newer models for turbulent trans- 
po-T (pee paper II of Kef. 6>.  Ultimately, techniques such as these may 
ev/oJve to the poi P where they can serve as design tools for scramjei com- 
buators, and their development is being vigorously pursued.  At present, 
iiowever, nuK. "leal complexity, iacV.  of well-established turbulence models, 
and uncertai "y  about the description of chemical reaction in turbulent 
flow nukes less detailed approaches, such as a one-dimensional analysis, 
attractive for preliminary design studies. 

Even with a one-di u.nsional treatment the task of analyzing a scramjet com- 
bust' r of general shape is not straightforward.  Only the special cases of 
a constant area duct or a duct shaped to give constant wall pressure can 
be treated simply, and these cases are not sufficiently general for engine 
design purposes.  Une way to treat more general geometry is to assume a 
pressure-area pow.^r law of the Crocco type. 

P/V e constant 
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This approach hp.a  the advantage of providing direct means for determining 
combustor exit conditions for a given heat addition If the appropriate 
exponent Is known and has been used successfully to model supersonic com- 
bustion results.''" However, a single value of exponent may not be ade- 
quate for all regions of the combustor and proper qualitative modeling of 
the local heat flux In the combustion region Is not achieved. 

Another approach for combustors of general shape  Is to specify the amount 
of fuel reacted as a function of distance and compute the resulting (one- 
dimensional) flow properties step by step through the combustor. This 
technique has the advantage of allowing development of relations between 
fuel injector design and heat release distribution at the expense of some 
additional calculation.  Also, better modeling of local conditions, includ- 
ing local heat flux, might be expected. The purpose of this paper is to 
explore the application of this scramjet combustor analysis technique to 
problems of practical interest. First, the relation between Injector 
design and heat release distribution is reviewed. Then, data from direct- 
connect supersonic combustion tests using simple strut Injectors are com- 
pared with calculations. Finally, the calculated performance of two 
distinctly different scramjet engine designs is compared. 

SCRAMJET COMBUSTOR ANALYSIS 

Relation Between Injector Design and Heat Release 

Unlike many low-speed combustion problems, supersonic combustion flow 
fields are generally dominated by the momentum of the reactants.  In the 
case of hydrogen as fuel and air as oxidizer, the momentum of the air 
stream entering the supersonic combustor largely determines the stream- 
line pattern of the flow. Mixing and heat release cause significant 
changes in local static pressure; but because the flow is supersonic, 
relatively small streamline deflections are Involved (generally on the 
order of a few degrees).  At hypersonic flight speeds in cases of practical 
interest for propulsion, heat release is controlled by the rate of mixing 
of the Injected fuel with the air stream.   A first step toward describ- 
ing the supersonic combustion process is to develop means to model the 
accomplished mixing (c:nd hence combustion) produced for a given combustor 
length in terms of injection geometry and conditions.  As in most treat- 
ments of turbulent flow problems, considerable reliance on empiricism is 
necessary.  Ultimately, more sophisticated treatment of the fluid dynamics 
and turbulence will be desirable for detailed design. 

Par illel injection.  The existence of an orderly streamline flow pattern 
seems particularly likely for parallel injection, and numerical procedures 
are widely available which can calculate detailed flow property distribu- 
tions if an appropriate turbulent transport model can be supplied.  While 
this is difficult in the general case, even fairly simple transport models 
can do an adequate job for a restricted class of flows.  For use in pre- 
liminary scramjet design studies an Integral measure of accomplished mix- 
ing with length suitable for a one-dimensional analysis is most useful 
first rather than detailed fuel distribution profiles.  Thus an accom- 
plished mixing or "mixing efficiency" parameter, r^, can be defined from 
the fuel distribution at any axial location as the amount of fuel that 
would react if complete reaction occurred without further mixing divided 
by the amount of fuel that would react if the mixture were uniform. 10 For 
high temperature flows with fast reactions which are nearly in local chem- 
ical equilibrium, mixing efficiency and combustion efficiency are equal. 
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Mixing efficiency results computed from profiles calculated with the 
theory described In Reference 12 for bounded multljet mixing are shown In 
Figure 1 for several parallel Injection goemetrles and arrangements. In 
all calculations shown In the figure the same jet and free-stream proper- 
tie«. Initial step profiles, and turbulent eddy viscosity were used. The 
axial length scale for each case Is nondlmenslonallzed by the length for 
complete mixing, X£. The upper edge of the shaded band corresponds to 
uniformly spaced square arrays of circular jets while the lower edge 
represents two-dimensional slot injection. Rectangular arrays of circular 
jets with different aspect ratios fall in the shaded region between the 
curves for square arrays and slots. Changinf; the amount of injected fuel 
(as measured by equivalence ratio, 0) from 0.6 to 2 times stolchlometric 
has very little effect on the shape of the mixing efficiency distribution. 
Results of a single-jet calculation made with the theory described in 
Reference 13 are included in the figure for comparison. 

Although equivalence ratio does not affect the dlmensionless shape of the 
multiple jet curves in Figure 1, it does have an important influence on the 
length required for complete mixing.  Figure 2 shows the relative length 
for complete mixing for slots and square arrays versus equivalence ratio. 
Reducing equivalence ratio to 0.6 decreases the length in which all the 
Injected fuel is reacted by nearly a factor of 2.  Increasing equivalence 
ratio to 2 decreases the length required to consume all the oxygen by a 
factor of 3. The effects are similar for slots and square arrays, but the 
most important conclusion to draw from Figure 2 is that an excess of either 
reactant substantially reduces the length required for sufficient mixing to 
allow complete reaction. 

Perpendicular Injection.  Although considerable progress has been made by 
several groups15-1^ toward developing three-dimensional mixing calculation 
schemes which might be applied to cross-stream injection, at this time 
computed results for cross-stream injection comparable to the results for 
parallel injection shown In Figures 1 and 2 are not feasible. A series of 
experimental investigations with nonreactlng flows has been carried out at 
the Langley Research Center of the NASA^-^' to provide equivalent empir- 
ical information.  Figure 3 shows the mixing efficiency results obtained 
in Reference 16 for a row of equally spaced perpendicular injectors. The 
principal fUfferencr h.itween these empirical results for cross-stream 
inj 'ction and the computed results in Figure 1 for parallel injection is 
thai Rome fuel is mixed immediately at the injector location with cross- 
stream injection.  This result is physically reasonable since cross-stream 
lrij<-ctlon causes a separated region with rerirculation in the vicinity of 
the injectors. As pointed out in Referencr 10, the amount of molecular 
Level uiixing accomplished near the injectors is likely to be somewhat less 
than the time mean fuel distribution measured in the experiments from which 
Figure 3 is derived.  Therefore, an amount of reaction shown by the dashed 
1 Ine in Figure 3, somewhat below the nixing efficiency curve, is appro- 
priate near the Injectors. 

Length or complete np'xinK-  Of course the length for complete mixing, Xn, 
is needed to apply l »e results shown in Figures 1 and 3.  For parallel 
injection a mixing calculation for the appropriate conditions is used to 
estimate x^; the turbulent transport model chosen should be adapted to give 
good agreement with data from experiments at conditions similar to those 
of Interest for engli .' design (see Ref. 18, for example).  The effect of 
overall equivalence ratio on xj can be estimated from multiple jet calcu- 
lations like those shown in Figure 2.  For cross-stream injection x* is 
calculated from the C.na  correlations developed in Reference 16. 
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Design for Controlled Heat Release 

The distribution of heat release desired in a supersonic combustor changes 
with flight speed. At the lower end of the speed range (Mach 4 to 6) 
gradual heat release is required in a passage with increasing cross- 
section area in order to avoid thermal choking. At higher speeds (Mach 8 
to 10) thermal choking is not a problem, and more rapid heat release in a 
passage with less Increase in cross-section area can be utilized.  One 
way to provide different heat release distributions at different flight 
speeds is to use fuel Injectors at several axial locations and vary the 
distribution of fuel to the injectors with flight speed.  Several research 
scale engines with small combustor height and wall fuel injection have used 
this approach successfully.  Another approach is to use injectors at one 
axial location which produce the appropriate mixing and heat release dis- 
tribution over a range of flight speeds. In full-size engines which use 
fuel injection from struts to shorten the combustor, this technique is 
necessary since additional sets of strut injectors at downstream locations 
are not feasible. 

In Reference 10 a combination of parallel and perpendicular injection was 
suggested to match heat release distribution to a given combustor geometry 
over a range of flight speed. At low spends 70% of the fuel was injected 
parallel to the flow to take advantage of the nearly linear distribution 
of hea: release produced near the injection point by parallel injection. 
At higher speeds all the fuel was injected perpendicular to the flow in 
order to achieve more rapid heat release to maximize engine thrust. 

One-Dimensional Flow Model 

The mixing efficiency distributions presented in figures 1 and 3 can be 
used as fuel reaction distributions in a one-dimensional analysis to calcu- 
late flow properties in a supersonic combustor. This process is shown 
schematically in Figure 4.  The analysis is based on the one-dimensional 
conservation equations for mass, momentum, and energy.  Independent input 
parameters to the analysis are the geometry of the combustor, entering 
flow conditions, fuel injection distribution, fuel reaction distribution, 
wall skin friction coefficient, and wall temperature as indicated in Fig- 
ure 4.  Gas properties are handled with a partial reaction scheme which 
keeps equilibrium combustion products (produced by the reacted portion of 
the injected fuel) in thermal equilibrium with the injected fuel which is 
not reacted.  With these parameters given, the conservation equations are 
used to calculate the flow properties along the combustor, stepwise, in a 
marching procedure starting from the combustor entrance.  Thus, the calcu- 
lation provides     property and wall heat transfer distributions with 
axial distance t    the combustor. 

COMPARISON WITH STRUT INJECTOR RESULTS 

Substantiation of the simplified combustor analysis technique described in 
the preceding section must ultimately depend on comparison with experi- 
mental results.  Comparisons of computed results with supersonic combus- 
tion data for perpendicular wall Injection and for a single coaxial injec- 
tor are presented in Reference 10 and show good agreement.  In the case 
of strut injectors, no applicable data are available in the literature; so 
experiments were undertaken with some simple strut injector designs to 
provide data to test the technique.  The apparatus is shown schematically 
in Figure 5.  The strut is a 6° half-angle wedge oriented perpendicular to 
the test stream.  The leading edge 1^ water cooled but the body of the 
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strut is cooled by the injector hydrogen fuel flow. Two configurations 
are shown for the downstream portion of the strut: a parallel injection 
configuration with five jets equally spaced along the rear face of the 
strut and a perpendicular injection configuration with four holes on each 
side immediately downstream of a small step. T'ie purpose of the step is 
to isolate the upstream portion of the strut from the pressure rise caused 
by perpendicular injection and combustion. Details of the experiment are 
presented in Reference 19. 

Figures 6 and 7 show photographs of the emission from the mixing-reacting 
flow fields produced by the injectors at test conditions simulating Mach 7 
flight.  The duct section downstream of the strut in Figure 5 was removed 
and the test stream exhausted as a free-jet to photograph the flow. The 
five parallel jets are clearly visible in Figure 6.  Each jet is surrounded 
by a combustion region and the fuel-rich core of the jet appears as a dark 
streak.  The bright regions downstream near the center of the flow are due 
to shocks caused by a mismatch in static pressure between the test jet and 
ambient air and to the shock waves and expansions from the wedge strut. 
In Figure 7 each of the four pairs of injectors produces a reacting zone 
that looks somewhat similar to a parallel jet in the plane of the strut. 
The dark streak or "jet core" disappears much sooner in the perpendicular 
injection flow field; also the emission intensity generated is much higher. 
Brighter emission results to a large extent from the higher pressure in 
the perpendicular inj( :tion flow field caused by reaction occurring at the 
point of Injection (see Fig. 3).  Of course the duct exit shock structure 
is also stronger, as is clearly evident by comparing Figures 6 and 7. 

Wall static pressure distributions in the combustion duct downstream of 
the strut injectors are shown in Figure i 8 and 9. Data for injection with 
and without reaction are compared with the corresponding computed pressure 
distributions. Data without reaction are obtained by conducting the 
experiment with hot test gas that does not contain free oxygen.  The one- 
dimensional calculations provide a good representation of the data for the 
parallel injection strut as shown in Figure 8.  A linear heat release with 
distance from the injector was used for the calculation since it is a good 
approximation to the early portion of the single-jet curve in Figure 1. 
The length for complete mixing (xj^ = 1.12 m) was calculated with a single 
jet theory"3 using the eddy viscosity model developed in Reference 20 with 
a value of the model constant equal to 0.01 as recommended in Reference 18. 
The fraction of injected fuel required to be reacted at the end of the 
duct is n^ = 0.62.  For the equivalence ratio of the test (0 = 0.6), 
appc'irently merging of the flow between adjacent jets has not affected the 
mixing rate, since gas sample measurements at the duct exit are consistent 
with this amount of reaction. 

agreement between ^ata and theory in Figure 9 for the perpendicular injec- 
tion strut Is also good.  The predicted pressure in the diverging portion 
of the duct is in excellent agreement with the data. The value of length 
for complete mixing for the one-dimensional calculations (x« = 0.6 m) is 
taken from the correlations in Reference 16. The measured pressure dis- 
tribution in the constant area portion near the strut lies above the 
theory.  This is expected since the theory does not account for shocks 
and separations which affect the pressure near the injectors. 

The heat transfer to the walls of the combustion duct divided by the heat 
transfer with no reaction, Q/Q0, is shown in Figure 10 plotted against the 
amount of fi .1 reacted at the end of the duct, 0r, as inferred from the 
one-dimensional calculations.  Data for perpendicular wall injection from 
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the study of Reference 21 are Included in the figure for comparison with 
the strut injection data.    Uncertainty in the data is approximately ±0.5 
and is due  to the small coolant temperature rise.    For moderate amounts of 
reaction  (0r < 0.5)  the strut injection data and theory agree quite well, 
but  for greater amounts of reaction the data lie above  the predicted 
trend.     If the enthalpy of the flow near  the wall is  taken as that cor- 
responding to stoichiometric combustion products rather than the mean flow 
value,   the predicted heat load is increased to more nearly the measured 
level.    This higher local enthalpy at the wall is justified for the per- 
pendicular  injection strut   (diamond symbol)   because  the fuel jets should 
penetrate from the strut to the combustion duct wall.    The separation and 
shock waves  in the region of the injector noted in the discussion of wall 
pressure data for the perpendicular Injection strut   (Fig.  9)   also tend  to 
Increase the heat  transfer above  the level calculated with the one- 
dimensional  analysis. 

APPLICATION TO SCRAMJET PERFORMANCE EVALUATION 

The usefulness of  the combustor analysis   technique described above  is  best 
demonstrated by application to the evaluation of scramjet performance 
potential at hypersonic speeds.    Two engine designs are shown schematically 
in Figure 11;   although quite different  in appearance and concept,  both 
designs produce high levels of  Internal  thrust in  the Mach 8  to 14  speed 
range.     The  first engine  is a strut design similar to  the scramjet module 
described in Reference 10.    This engine Is intended for careful integra- 
tion with the undersurface of the vehicle on which it is installed. 
External drag is minimized by aligning the outside cowl surface with  the 
local flow direction,  and thrust is increased by using the vehicle base 
region for additional expansion of the engine exhaust.    The design features 
an inlet with low Internal  contraction ratio  (CR = 7)   and multiple swept 
compression struts to allow self-starting without variable gtometry at low 
supersonic flight Mach numbers.    Fuel injection is in multiple planes from 
the aft portion of the struts, and the combustor has a relatively rapid 
increase in area near the fuel Injectors. 

The second engine  is an axisymmetric design typical of  several of  the suc- 
cessful  research scale engines discussed  in Reference 1.    Unlike  the strut 
design,   the  axisymmetric design is  intended  for pod mounting outside  the 
body volume  of  the vehicle on which  it is  installed.     To keep the  engine 
inlet within  the  compression field  generated by the wing and body of  the 
vehicle,   the engine is  located well aft.     The cowl is made as  thin as 
practical  to  reduce the slope of  its external surface  and minimize exter- 
nal drag.     Also,  since  the engine nozzle  is self-contained within the  pod, 
its exit area must be limited to about  two-thirds of  the nozzle  exit area 
available  to   the strut design In order to  limit  the external drag of  the 
pod  and maximize  Installed  thrust.     The inlet has variable geometry  to 
allow starting and Is  intended to operate with high contraction  ratio 
(CR =  14  to 20)   in the Mach 8 to 14 speed  range  to maximize thrust.     Down- 
stream of  the  inlet throat  the combustor has a nearly constant area section 
which  is  connnected by a diverging transition section  to a second,   larger 
constant  area section that  joins  the exhaust nozzle.    At hypersonic speeds 
fuel  injection occurs near the inlet throat and combustion is largely com- 
pleted within  the constant area section  there.    The downstream portion of 
the combustor  is provided  for low-speed operation. 

In both engines  at high Mach numbers  fuel  is  injected across  the o-.coming 
flow so a mixing efficiency distribution like  that shown in Figure  3 is 
appropriate.     The  length  for complete mixing estimated with the  correla- 
tions  of  Reference 16  is x^/G = 48.for  the  strut design and Xp/G = 36  for 
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the axlsymmetric design, where G Is the gap between struts and Inlet 
throat height for contraction ratio 14, respectively. The larger value 
can be achieved with a range of Injector spaclngs, and the smaller value 
Is near the minimum achievable for cross-stream injection from one wall. 
Combustor cross-section area distributions for both engines are given in 
Table 1. Note that the combustor exit areas match within 10%, and the 
strut design, although longer, has less wetted area in its combustor than 
the axlsymmetric engine. 

Computed combustor pressure distributions for the two designs are pompared 
in Figure 12 for Mach 10 flight and stoichiometric combustion. For the 
axlsymmetric design, wall pressure rises rapidly to a peak nearly four 
times the entrance pressure and approaches the pressure level for constant 
area combustion. Diverging area near the injectors in the strut design 
limits the peak pressure rise to about twice the entrance pressure. Of 
course the combustor entrance pressure for the axlsymmetric design Is 
higher (four times higher) than the strut design because the inlet con- 
traction ratio is higher (16 versus 7), so that the actual peak pressure 
in the axlsymmetric design would be eight times the peak in the strut 
design.  Increasing the length for complete mixing for the axlsymmetric 
design reduces wall pressure somewhat but also reduces thrust. 

For combustor designs with large area changes from entrance to exit, the 
integral of the pressure on the combustor wall is a significant contribu- 
tion to the overall engine thrust. Figure 13 illustrates this point for 
the axlsymmetric design where engine thrust relative to engine thrust 
with constant area combustion is plotted against flight Mach number. 
Stoichiometric fuel-air ratio and nozzle flow in chemical equilibrium are 
assumed for all calculations. The hatched band represents engine thrust 
computed using the integral of wall pressure distributions like that 
shown in Figure 12. A constant value of one represents constant area 
combustion.  If the mean pressure in the combustor is assumed to be the 
average of the entrance and exit pressures, thrust performance (shown by 
the line labeled K = 1) which is substantially In error results.  In 
this example, thrust with K = 1 actually exceeds thrust with constant 
area combustion above Mach 13 which is not thermodynamically possible. 
Of course, the amount of error depends on the details of the geometry and 
heat release, but the effect can be of considerable Importance. 

If a fixed geometry configuration like the strut design is under consider- 
ation, It is possible to construct a simple correlation to model the com- 
bustor wall pressure integral factor, K.  Figure 14 presents the combustor 
wall pressure integral factor for the strut design plotted against a heat 
release parameter, 0/MQ , which is an approximate dimensionless measure of 
the stagnation enthalpy change of the combustor heat addition.  For Mach 4 
and 6, a combination of perpendicular and parallel injection are used as 
described in Preference 10. For higher speeds, all perpendicular injection 
is used.  The symbols represent flight along a given trajectory at a 
particular angle of attack for the vehicle; the top and bottom of the 
vertical bars represent flight at 4° lower and higher angle of attack, 
respectively, along the same trajectory. The variation shown in Figure 14 
can be correlated as follows: 

M0 < 7  (mixed parallel and perpendicular Injection) 

K = 0.25 + /o.09 + 6.88 JM(M2 + 0.6) 
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M    >  7     (perpendicular Injection) 

K - 0.05 + 1.98  (M2 +0.6) 
(*)" 

,442 

Both equations are  restricted to 0.5 £ 0 f. 2 and the geometry of the strut 
combustor design.     The variation in vehicle angle of attack noted above 
appears  through  the effect of  inlet throat Mach  number, M2,   in these equa- 
tions.     A correlation of  this  type  is useful in mission studies because 
accurate parameteric thrust performance estimates can be made directly  in 
an engine cycle calculation without making a separate  combustor calcula- 
tion for each condition of interest. 

The wall static  pressure distributions  in Figure  12 also imply differences 
in heat load between the axisymmetric and strut  designs.    Figure  15 pre- 
sents  the relative  combustor heat load  for  the  two designs as a function 
of  flight Mach number.     The axisymmetric design has  two  to  three  times  the 
heat  load of  the strut design over the entire speed range.     This  result  is 
principally due  to  the higher inlet  contraction  and near constant  area 
combustion of   the axisymmetric design;  the  low speed combustor accounts 
for only about 10% of  the heat  load.    The overall engine cooling require- 
ment  at Mach  8  is  approximately 1.8 times   the fuel for stoicholmetrlc 
combustion  for the axisymmetric design compared  to 0.7  for the strut 
design.     Clearly  this high combustor heat  load makes  the high inlet con- 
traction of  the axisymmetric design impractical. 

Another important parameter for engine design is  peak  local heat  flux 
which affects   the  choice of  cooling approach,  structural complexity,  and 
engine operating cycle life.     Figure 16 presents   the peak heat  flux in  the 
combustor for the axisymmetric and strut designs.    Peak heat flux for the 
axisymmetric design  is considerably above  that  for the strut design due 
primarily  to differences  in mass  flow per unit area between the  two 
designs.     In  fact,   the heat flux for the axisymmetric design in the Mach 12 
to 14 speed  range  is well beyond the level  that  can be handled with regen- 
erative cooling.     Again high  inlet contraction and near constant  area com- 
bustion, which  tend  to give higher thrust  performance,  make  the axisym- 
metric design impractical  from a cooling standpoint. 

The  installed specific  impulse   (i.e.,  internal impulse minus external drag) 
of  the  two designs  is compared  in Figure  17.    The  impulse of  the axisym- 
metric design  is  the same as  the strut design at  Mach  8; higher inlet  con- 
traction ratio  increases  internal performance  to  compensate  for higher 
external drag of  the axisymmetric engine  installation.     At Mach 14 even 
with higher  inlet  contraction  ratio,  the  installed impulse of the axisym- 
metric design  is somtwhat less  than  the strut design because of  the 
limited nozzle expansion available  in the pod installation.     However, 
based on the  resulLs  shown in Figures 15 and 16,   this  impulse is unreal- 
istic because  the  axisymmetric design cannot be  cooled with  such high 
inlet contraction.     If  inlet contraction  is  reduced to  10 to allow cooling, 
as shown by  the lower curve  in Figure 17,   the strut design produces con- 
siderably better  impulse at the higher Mach numbers. 

CONCLUDING REMARKS 

A simplified one-dimensional  treatment of  fuel  injection for supersonic 
combustor performance analysis has been presented.    Results  giving repre- 
sentative mixing efficiency variations  for both parallel and cross-stream 
injection were  presented and approximate means of   estimating the  length 
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required for complete mixing were Indicated.    Comparisons of supersonic 
combustion data for strut fuel Injection were made with results calculated 
by the  one-dimensional analysis  technique.     Good agreement was  found 
between calculated results and the measured wall pressure distributions 
and combustion duct heat load.    Application of  the analysis technique was 
demonstrated by comparing results obtained for a multistrut and an axisym- 
metrlc engine design.    High inlet contraction ratio and constant area 
combustion,  which were used  in the axisymmetric design  to overcome  the 
limited  nozzle exit area and high external drag of  its podded  installa- 
tion,  were shown to result in unacceptably high combustor cooling require- 
ments  and peak heat  flux levels  in  the combustor.     When engine cooling 
performance  is  considered  along with  thrust performance,   the need  for an 
Integrated,   low external drag engine  installation with moderate  inlet  con- 
traction ratio  is readily apparent. 
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TABLE 1.  COMBUSTOR GEOMETRIES FOR ONE-DIMENSIONAL 
ANALYSIS OF ENGINE C0NFIDURATIONS 

Strut 
x/H 

Design 
A/Acowl 

Axisymmt 
x/H 

;tric Design 

AMcowl 

0 
0 
.3 

1.9 

0.14 
.17 
.35 
.60 

0 
.37 
.70 

1.05 
1.36 

1/(6 + M0) 
1/(6 + M0) 

0.68 
.68 
.64 

x;/h 
x£/G 

^all /Acowl 

1.88 
48 
8.1 

0. 
3b 
11. 

6 

6 

H ^ i nlet cowl height (or diameter) 
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SOME PllOBLEi.S COlICISRIIIiTG OPTII^L DJCTED 
BOOn MÜMI '-/ITK SECClDAnY BUHIJIIIG 

V.A.Sosounov 

Utilization of atmosphefe  oir as on oxidi^or in space- 
vehicle engines significantly increases their econoniy as 
compared with pure rocket systems, ituasian scientist,  one of 
the pioneers of the rocket techniques F.A.Tsander   [1J   ,  more 
than once turned to  this idea. 

Considerable increase in specific impulse is achieved 
when using a ducted rocket engine  (DiO, where the rocket 
engine functions as the generator of fuel-rich combustion 
products, exhausting under pressure into ramjet chamber. 

Processes of mixing (ejection) and combustion in the 
ducted rocket engine may be divided or they may occur 
simultaneously in the single aftor^burning chamber [21   . 
This paper concerns the engines v/ith combined processes of 
nixii'.^ and combustion (Fig,1).  The specific impulse of the 
enginec of this group may be considerably higher than that 
of the  roc.;et engines,  roarhiixg 10 CÜ0-12 000 i;,  s/kg when 
usin;- conventional hydrocarbon    fuels  [;>] . 

As well as in the rocket engines solid,  liquid and 
hybrid propellants con be used in the ducted rocket engines 
[  5]   •  bse of liquid propellanl allows to optimal inflight 
control of rjir-fuel ratio a^ d also the propollont coupositiun 
thaL is the fuci-oxidizor rofclo. The solid propellant 
Drovi'iös less opportun!bios of controlling.  In such a case 
it is  posaibli to program a desirable changing in fuel flow 
rate and propellent composition during flight time by choice 
of the aolid-propellant charge construction. 

Tiio Dii can include variable »geometry units  (on air 
intake,  a jet nozzle,   gas generator nozzles)  or it nay uc of 
moro  Ji::; d.o i.losig < wiLL jacontrolled elements of the air-,';o3 

tract   I?]. 
In ,;..ierol the Dd siTiciency is defined by two main 

factors:  the ejection air-pui.iping eriect of the rocket 
propellaat ojid heat release at  .jrimary and seconaary fuel 
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burning. The both i'acfcors depend, firüt of: all, on the 

propellent composition. At the high relotivo oxidiüor flow 

rate corresponding to tlje high specilio impulse oi" the gas 

generator I , the stoa.chionotric coefricient by air L0 and 

the full heat capacity of fuel 1^ (re'ourned in air) have 

the minimal values. In this case at the reduced specific 

impulse the frontal thrust of the DR will be the largest. 

With decreasing the oxidizer flow rate in the gas generator 

fuel parameters ii and L0 increase and the specific Impultfl 

of the DA  becomes higher, but the frontal thrust goes down 

because of degradating ejection action of the propellent 

(I reduces) and decreasing the maximal heating temperature 

of the air. 

At the given fuel-in-air burning efficiency 9, the 

frontal thrust iL. and the specific impulse of the DR ax-c 

defined by the following factors: 

1) - flight conditions ( Pco , Too , MM); 

2) - an air intake oharoctcrlstlos{ 

j5) - tnc ijropellant couooaxtion ( II , L , I r ); 

^•) - air/ fuel equivalent ratio (o^mn (to   mg)) 

*j) - relative nozzle areas (. fj , f9/ ff , fe > fe  ft-   )• 

The analysis of paramotcx^s and chorocLeristics of the 

ducted rocket engine at  Pb - const offtri no ditTiculty 

and it is studied theoretically rather well r.2 j ["6] . 

In particular, in such a way on the base of nlnisnua 

quantity of experimental data on the hydraulic rocistancc 

of the DR combustor the Influence of the ejection ei'iect 

can be evaluated under dlffcrtAt operating conditions. 

Specifically, one may show that the low efficiency of the 

ejection air-pumping decreases the efi'eotivencss of Du using 

iamediotely from the sUirt. In the range of flight speeds 

corresponding to 11=0-1 the specific impulse of the ducted 

rocket is lower as compared with the pure rocket , ospecial- 

ly when taking into condiaeration the royl losses of the 

total pressure in the uacontrolled inlet. 

In the case when tue DR is used as the main engine at 

M > 1,3-2» where the ducted rocket is the most offeotive, 

and et the otarting phase fron ,W=ü. to M=1,5-2 the 
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acceleration Is accomplished by the special rocket booster, 

the isnition of the ducted rocket fron start is expedient. 

By tills the additional resistance that would arise at the 

air flowing through the inoperative ducted rocket irj 

eliminated and at the same tine the total efi'icioncy of the 

power plant is increased* 

. The organic feature of the ducted rockeu as compared, 

f.e,, with the conventional ramjet is a strong dtii.eudenco 

of the fuel burning efficiency in the air-combustion ohanbtr 

on the conditions of fuel and air flowing in jt, on its 

geometry. As a result the value of ^b is the function 

almost of all the above parameters defining the tlirust and 

the specific impulse of the engine and moreover it depends 

upon the relative length of the combustion chamber and the 

number of the gas generator nozzles. This specific feature, 

that is usually put out of account in the general theory of 

the ducted rockets [2] I oi , may strongly affect the 

selection of the scheme, prox^ellant, engine parameters and 

its characteristic behaviour. 

In comparison with the rocked engines the Da's hove a 

somewhat heavier construction and the advantage of their 

installating is possible only when the economy of the fuel 

mass overlaps the increase in the construction masc. The 

large share of the Dli mass falls on the air combustion 

chamber. The chamber length increasing, the secondary fuel 

burning efriciency becomes higher, the required propellant 

reserve becomes lower but the construction gets heavier. 

Thus, one of the most principal problems in D-. dcsiijuing is 

the choice of the optimal length jf the chamber it which 

the total mass of the propellant and the engine construction 

will be the leasL. 

In view of a c^eat number of parameters whicn can be 

chosed or controlled the problems of finding the optimal Dii 

tract diuansious and the operating modes become of great 

importance. i'his paper on the oacaaplc of the moat simple 

scheme of the OS with uncontrolled geometry, of the intake 

and the nozzle deals with some probleran and treads of such 

on Optimization with taking into consideration the oCficion- 
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cy of tho secondary fuel burninG la the air coiabuetion 

chamber. 

The products of the primary burning of various 

prox^ellants in the D5 gas generators may consist of 

combustible and incoiabustible gaseous components ( f.e., II , 

CO, COp, CH^,, etc.), and also thoy may include condensed 

combustible and incombustible particles (soot, metals, 

oxides and others). Solid particles form certainly during 

the primary burning of solid fuels in the J)d  generator, 

which are characterized by a comparatively low oxidizer 

content (f.e., ammonium perchlorate - ^O-^O,*,  organic bißdüP 

- 10-15;* and a high metal content (aluminium, magnesium, 

boron and etc.) up to 40-oCj» [ 3J , 

If one does not study the cape  when in the products Of 

primary burning are present slowly burning particles (f.e., 

boron, aluminium, etc) [7] f then the procesc of aeconciary 

burning, in general, will be limited by turbulent diffusion 

mixing uf a fuel jet with air ful . This is indirectly 

evidenced, f.e., by the proportionality of the visible flame 

length to the nozzle diameter as observed during out - of - 

engine experimental investigations of the gas generator 

having two nozzles of different diameters (i'is.2)r That is 

why in some cases the model of a quasi-gaseous diirusion 

flame propagating in the turbulent Jet of productc of the 

fuel primary burning (in general, two-phase) may be assumed 

as a basis of the fuel secondary burning analysis in the D j 

air duct. 

The said method of the analysis results in two conclusions: 

1. Process mouelling in the DU  is available by means of 
geometrical similarity conservation of the air duct. 

2. DirtCt cümparison of the process efficiency in one- end 

multi-nozzle engines is possible providing the equality of 

their combustion chonbor equivalent lengths and relative 

areas of the nozzles in their air-gas tract (fig.2). 

i,y the chamber equivalent length one assumes the 

relative chanLer length of the multi-nozzle D3 expressed 

through the calibres of the one-nozzle engine that is 

equivalent to the nulti-nozzlo one: 
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L   ~J* 
"      DM Do 

N 
1-da (I) 

where U - ia the number of nozzles of the gas generator; 
3 ■ d/Db. 

Ly means of designing a multi-nozzle gas generator 
(at the coat of complication of its construction and, 
apparently,  of some mass penalty) there opens    an 
opportunity to significantly reduce the length and to 
lighten the combustion chambers of the DR    without 
decreasing fuel burning efficiency.  The chamber equivalent 
length at the given engine air flow is reduced in inverse 
proportion to the square root of the number of nozzles. The 
possibility of reducing the chamber length of the DH by 
means of increasing the number of the gas generator nozzles 
was more than once discussed in literature   loj . The 
experimental data shown in fig. 2 confirm the practical 
identity ofjbhe burning processes in one- and multi-nozzle 
models at   L. 9n - idem. 

The air chamber length required for complete fuel 
burning is deTined by the length of the diffusion    flame 
formed in the  jet of the fuel primary burning products which 
depends on the fuel type, the engine ojjerating mode,    the 
relation of diameters of the chamber,  the Jet nozzle and the 
gas generator nozzle. The intensity of mixing the unburning 
gaseous turbulent jet with the open air stream is dctcrnined 
by the values of speed and density ratios: V /V,., p./p , I s 
The length of the Opoa flame L^, will be further dependent 
on the stoichiometric coefficient of the fuel by air which 
defines the relative amount of air that must diffuse 
towards the Jet axis at the  end of the flame i 4J   : 

Li = ffVfl/Vg ,pa , p9 ,/.0 ). (2) 
The space limitation ol  the Dfl combustor,  in its  turn, 

affects the diffusion flame.  This effect,  in general,  is 
duu to the presence of the longitudinal pressure gradient 
in the chamber and the fixed air flow rate in it. 

It is sppropviat« for the analysis to choose three 
typical operating mode ranges of the ducted rocket engine: 
o(< 1 i<o(< ä f       ana     d* Oif 
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the mean air/fuel equivalent ratio in the turbulent jet at 

the end of the flame (fig.3)» Assuming here the concentration 

distribution as in the usual turbulent jet one obtains 

df      = c:fi?+1»5/L0 . When L0 > 1t> the value C(f is within 

narrow limits: from 3,5 to 2,5» At Ot* 1 the flarac front is 

confined to the chamber walls, and at d>1  it lies in its 

axis (by the flame front in a jet the line (X » 1 is 

conventionally assumed). At d^df  the external boundaries of 

the turbulent Jet of the burning fuel reach the chamber 

walls prior to the flame burning completion on the jet axis. 

The fixed airflow rate in the DR chamber leads to the 

notable flame extension at low air/fuel equivalent ratios, 

namely when d <  o(f • C/n the theory at   d -*"]    the flaue 

length goes into infinity because all the air is to be 

mixed with the fuel. 

At o( > Oij  the space limitation of the DR chamber has 

a rather slight influence on the diffusion flame length. In 

this region oi' the engine operating modes the flame length 

Lf practically remains unchangeable^ by oO . 

The moat frequently used regimes of the ducted rocket 

engine operation correspond to   d < d^       (including CX< 1 ). 

The ieature of the diffusion burning process in the 1)2 

combuster is the mutual relation between the flow parameters 

in tne inlet and exit sections of the chamber, as the jet 

nozzle and the gas generator nozzle operate in the "choking" 

regime. In this connection the fuel mixing conditions and 

the flomo length are fully defined by the engine operating 

mode (air/fuel equivalent ratio d.    and the air intake 

stagnation temperature T_.), the fuel type (Ln, I* ), 

nozzle throat areas (f*  and f* ): 
e      r; 

Zf- if/D^-fcoM,,, L.% D;. ie\i;).      (3) 
The qualitative nature of the effect of these paranotera on 

the flamo length, found in evaluating by the ieraienpirical 

theory for the group of similar fuels is shown on the right 

graph in fig.-'i. The air/fuel equivalent ratio influence on 

the florae length in the regions 0^> 1 and <1 is 

qualitatively contrary. Increase cf d  in the region d < "\ 
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results in incrementins of L,t and in the region of 0(|»d>1 

it results in decreasing the flame length. The value IL is 

lower in the event of greater differences in speed and 

density of the air and fuel flows in the chamber, because 

in this case the conditions of flow mixing becüme more 

favourable ft?] . This fact, in general, explains the 

influence of such parameters as T ., I*, i'* , f * . The 

noticeable increase in the flame length is evident at the 

air temperature rising T_.  (that is, when the flight Mach 

number becomes higher). This feature may be illustrated 

with the experimental data on gas burning in unmoved air or 

different temperatures shown on the left graph in fig,^- , + . 

The efficiency of fuel reburning in the air chomber of 

the Dil will depend on the relation of the real chamber long'h 

and the diffusion flame length in the fuel jet that is 

typical for the given parameters of the engine and fuel. liio 

total efficiency of the propellent burning in the engine 

can be obtained through the ratio of real heat release to 

the Bsxinruin poscible one ot combustion of one mass unit (i-.;.) 

of xuel ! „ which in the case of 0^ ^ <  is equal to its 

full hont capacity H , and in the case of o^ < 1 it xe 

approrii^tcly defined by the equation 

CUx ■ (Hu-Qf)o/ *Q9   , (4) 
where Q, - heol; released at combustion of one kilo-jran    of 
pro^ellant in the gsa generator« 
'.<hon Q'<1  the value <„,,„   decreases as coraparcd with HL     ilua 
to the lack of air roquii^ed for complete  fuel combustion,.   In 
bho  course o.r; the exi.eriiaent  the real heat release In  the 
combusnion chamber and the value   ^b   a~Q indirectly 
deuer;;iiaeu L»y the flow impulflQ in the jet nozzle   (that  is, 
by bho atond-thraat of the cnGiae). Therei'ore the experimen- 
tal data on bhe  fuel burning efficiency include not only the 
losaes due to ivvi>;l unbuming but also the losses reiabe'i  co 
the no/.ulo flow irregularity,  nonequilibrium flov; of tiio 
eondensed and gaaooua ^haaoa,  heat leakage in the walls and 
etc» 

lu  ia in order to introduce  the  concept of the  fuel 
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rcburninG efficiency in the air combustion chamber, which is 

approximately(providins the absolute efficiency of burnine 

in the caa Generator)ia expressed through the total burning 

eflicicncys 

^=-^L-   iSf-tr)-    (5, 
g ■   Uma» 

The orialysis of the reburning efficiency aeema to be more 

appropriate as the value Orb for all the fuels in principle 

may change within the sane limits (from 0 to 1 ). Put the 

value of the total fuel burning efficiency ^ changes 

within the limits from Q to 1, v;hile Qq depending on the 

fuel type. 

One may presume that there exists the universal relation 

of the similar fuel reburning efficiency with the length of 

the due,ad rocket air combustion chamber in the following 

where ^rL- (iX^erimentol daUa on the effective reburning 

•ffioloncy ootaincd for different equivalent lengths of the 

combust;.oa chamber Le(.at  different operating modes; L,. - 

the flo:ao length (relative to the equivalent diameter of the 

combustion cnamuer), that was estimated by the equation (^) 

for the given experimental conditions. 

It is uossiblt to introduce the concept of the eorreoted 

length (..f the ducted rocket engine combustion chamber 

_o £•„- L., {!;/£,)  , (6) 
where Z.f - estimated flame length for "standard" conditions 

C CXf , I si ) in a "standard" engine ( Tg , Ig ) with a 

"standard" fuel (_ /.Q , Tg*    ). fihen ^-f ( £*q)  (7) 

The value Leq (ü) and consequently ^pb rise both with 

increasing the equivalent length of the combustion chamber 

(1) and with decreasing the flame length (3). Thus, the 

experimental relation (7) allows to integrate in one analysis 

geometric parameters of the combustion chamber and nozzles, 

typical parameters of fuel and operating modes of Lhe Dti« 

The results of the flame length estimation show that for 

a cluK'acLeristic region of changing parameters and flight 

conditions of the ducted rocket, engine the functional 

dependence (3) may be expressed through an approximate 
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relation in tho appropriaüe ronn 

oquationa (G) and (7): 

\ d I   ^ 'si / \Lo ' 
where V = 1 when o^ > i and 

for subsequent use in 

(8) 
Jg '  \ i e '  » i g 

V = - 1 when o( < 1. 

iüxperimental investigations carried out with consider- 

able variation of fundanental parameters (o^ ,Tsi , Z.0,3 f* , f* 

fg/f* > Z.b/
/Db, N=var), coufimed the availability of 

such generalized correlation (7) (fig.5). On the one hand, 

it indicates the validity of the theoretical flaiae model 

(0), and on the other hand, it allows to use it for 

estimation of the burning efficiency of the given fuel with 

accounting of flight conditions, chosen air-fuel ratio, 

geometry of the combustion chamber. With this analysis it is 

sufficient to evaluate the relai/lve flame length change 

during the flight by the rclaoion of the type (8) and to 

determine tho change of the corx^ected chamber length 

through the expression (u). 

The change of the total fuel burning efficiency in the 

DB doponding on its operating mode and the flight speed 

representative for pure diffusion burning is shown on the 

right ßraph  of fig,6, The characteristic droppin;,; in tho 

burninjj efficiency with flight speed increasing (growing in 

T .) is explained, as it was said above, by the unfavourable 

effect of growing relative velocity of air entering the 

chamber and decreasing its density on the process of fuel- 

air mixing. 

The level of tho  fuel burning efficiency ;.iay be 

improved by weans of increasing the equivalent length of the 

combustion chamber» According to equation (1) it may be 

achieved by increasing the number of the gas generator 

nozzles II with their quite uniform distribution over the 

chamber section . 
The increment or the number of the gas generator 

nozzles of the DU is limited by reasonable engineering 

considerations. If the number of the gas generator nozzle in 

a particular ducted rocket engine has been chosen then there 

is the possibility of optimisation of the in-flight engine 
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operotinc nodes by choise of corresponding geonetry of the 

conbustion chamber (in particular the length) in order to 

obtain the minimum total weight of the fuel and the 

construction. 

(The charocterifltic dependences of the optimal calculated 

values of the air/fuel equivalent ratio d.   .      on the 

flight Mach number of the fixed-gepmetry i)R-boosters 

determined under the condition of the maximim increase of 

the rocket speed per mass unit of the consumpod fuel at each 

point of the traectory are shown on the left graph of fig.o. 

The evaluation was carried out for two engines, the 

combustion chamber equivalent lengths of which differ as 

much as four times at IT=iden. The change of the fuel burninc 

efficiency and the specific impulse of these engines is also 

shown on the ^aph. The current values of the burning 

efficiency have been estimated through the above method with 

uaini; the generalized experimental dependence (fig.5)« 

The effective specific impulse (with taKing into 

account the air intake drag) has a characteristic maximum 

near by Llach number - 5 (see also [2] ), At the beginning 

of acceleration at M=2^2,5 when the maximally available 

frontal thrust is required the values  ^Q,^ 0^  tlie engine 
with fixed geometry decrease with the speed growing so that 

the maximally possible the intake total pressure recovery 

coefficient should be kept. The decrease in the fuel burning 

efficiency at near by unity U  - values, especially at the 
II 

elevated temperaturcj air stagnation T .  results that the 

values of  Wout at' a certain flight speed begin to 
increase. At the sufficiently high flight speed and altitude 

( M ^ 4 ^ 5 ) for receiving the required thrust excess it 

is necessary to transit into the operation mode region of 

The described behaviour of the optimal D&t operating 

mode with the flight speed occurs most strong at the low 

equivalent length of the combustion chamber at which the 

fuel burning ei'ficiency oroves to be far less and the 

influence of unfavourable factors ( c/=>1, high T_. ) grows 

(the left part of the generalized dependence, fig,5). 
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It Is evident that due to the contrary effect of the 
relative chamber length on the burninc process efficiency 
and on the construction weight for any required rocket 
speed increase by means of tho suggested method    it is 
possible to choose a certain optimal chamber length at which 
the total weight of tho fuel and the construction would be 
minimal« 
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Symbols 

D, d - diameter, 

F   - area, 

f ■ F/Fk - relative area, 
Hu - full beat capacity of fuel, 

3  - specific impulse of engine, 

3g"Vg + RTg/V,- specific impulse of gas generator, 

L      -  length, 
L0    - stoichioraetric coefficient by air, 
M     - Lisch number, 
m     - mass flow, 
N  - number of gas generator nozzles, 

P  - pressure, 

Qg    - heat released in gas generator, 
R      - gas constant, 
T     - teiaperature, 
V     - speed, 
0^ = ma/(mgZ.o) - air/fuel equivalent ratio, 

*pb    - fuel burning efficiency, 
yrb    -  fuel reburning efficiency, 
p  - density. 

Indices 

a - air, 

b - combustion chamber, 

e - engine exit nozzle 

f - florae end section, 

g - gas generator? nozzle, 

i - inlet air parameters, 

s - stagnation parameters, 

« - noüüles throat, 

C - normal, corrected values, 

156< 



-   13  - 

r 
I 
t 

I 
I 

jj.1 i - 

tttttlf 

i i 
I 

N 

I 

K0 I 

t I 
11 

I 

I 
Co 

I 
1$ 

I 

I 

I» 
.5 

^ 

k* 

Q 
^ 

5 
II 

I 

I 
5 

5  «   ^ 

■8 H 
^  «6  ^ 

157< 



-   14   - 

I 
Co 
CO 

?! 
I 

I 

5 

Q: i 

15ß<    ^3 

I 

II 
0^ 

II 

kj r 



-   15  - 

I 
Ik. 

I 
«a 
i 
<: 

i 
i 

;—\ 

v. 

§ 

o 

0> 

» 
^ 

II       'K 

I 

m 
o 

i 

II 

•vl 

t 
I 

Si 

,k 

<; 

<1J 

C5 

c: 

i 

a. 

*> 

o 
•^4 

•I- 

*$ 
ii 

*o o 

159< 



-  16   - 



-   17  - 



-  18  - 

o 
N 

cC 

/ 

/ 

/ 
/ 

} II 

1^» k 

sr 

n 

CM 

00 
ih 10      vf      "0 

16»< 
■—i ■      i »n 



RAMJET ENGINES: HIGHLIGHTS OF PAST ACHIEVEMENTS AND FUTURE PROMISE 

Edward T. Curran Air Force Aero Propulsion Laboratory 
Frank D. Stull Wright-Patterson Air Force Base, Ohio 

INTRODUCTION 

The aims of this paper are: 

1. To review briefly the state-of-the-art of USAF ramjet engines 
and to survey ramjet engine hardware. 

2. To illustrate the extensions to conventional  ramjet 
technology that were achieved in the 196ü's - but not necessarily flight 
tested. 

3. To review high speed ramjet engine work and illustrate the 
potential of ramjet engines. 

4. To review current ramjet technology efforts and their 
application to volume-limited systems. 

FUNDAMENTAL TECHNOLOGY 

Review of Flight Proven Ramjet Technology 

A simple line diagram illustrating the ramjet operating cycle is 
shown in Fig.  1 and typical values of pressure and temperature at a given 
flight condition are shown.    The gas flow through the engine is primarily 
along the centerline, and this type of engine, utilizing subsonic com- 
bustion,  is usually referred to as a straight-flow-through or conven- 
tional ramjet engine. 

During the IQBC's and 1960'$ several countries developed ramjet 
engines and many significant advances were made in ramjet technology. 
An excellent review of ramjet progress prior to 1955 is given in an 
article by W. H. Avery, "Twenty-Five Years of Ramjet uevelopment".    This 
review, along with other significant papers in tha ramjet field, can be 
found in ref.  (1). 

In the USA, two SNA systems were carried through to operational use, 
namely the Talos and Bomarc missiles.    Ref.   (2) gives the performance 
capability of Talos as a speed of Mach 2.5 and a slant range in excess 
of 65 miles, and that of the Super Bomarc MR CIM-10B as Mach 2.8 with a 
range of 440 miles and a maximum operational altitude of 100,000 ft. 

The Bo'narc is powered by two Marquardt RJ43-MA-7 engines.    Development 
of this engine was carried out using the Lockheed X-7A test vehicle. 
This vehicle is illustrated in Fig. 2, and has flown at speeds in excess 
of Mach 4,0 using an advanced supersonic ramjet engine, the Marquardt 
RJ59.    Regarding advanced engines, mention should also be made of the 
U.S. Navy engine, Typhon, which was a sequel to Talos.    This engine was 
successfully flight tested and, together with the RJ59, is representative 
of some of the most advanced conventional supersonic ramjet engines 
developed to flight status in the USA. 
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Many other U.S.  crganizations participated in basic ramjet 
development.    NACA, M addition to layiny a sound technology foundation 
for ramjet components, also flew many ramjet test vehicles and a repre- 
sentative sample is shown in Fin.  3.    Note the early use of a "roll-out" 
rocket booster in the ramjet combustor and the Investigation of fuels 
other than simple hydrocarbons. 

In Britain the conventional  ramjet engine was developed for the SAM 
system "Bloodhound", which has proved to be an outstanding system and a 
successful export product.    More recently another ramjet missile,  the 
Sea Dart ship-to-air system, has appeared, which also utilizes a conven- 
tional  ramjet. 

In France a variety of conventional engines has been produced, 
including the Sirius series, the Vega, and the Stataltex.    The Sirius  II 
engine has found application in the twin engine Nord CT.41   target drone 
which operates  in the region Mach 1.7  to 2.7.    The Vega engine has a 
speed capability in excess of Mach 4.0, and the more advanced engine, 
the Stataltex (3), has flown to Mach 5.    An advanced feature of this 
latter engine was the use of an ablative lined combustor and nozzle. 

Summarizing, one can say that the conventional  ramjet engine has been 
extensively flight proven to speeds up to Mach    5.    In fact, well  over 
700 flights of conventional  ramjet engines have been made in the USA in 
the last twenty years. 

Typically,  such engines have been axisymmetric, of fixed geometry, 
with spike type inlets, and the combustors have been predominately air- 
cooled.    Most production engines have used simple hydrocarbon fuels 
although many advanced fuels have been demonstrated in flight.    Corre- 
sponding fuel  management systems were developed to yield reliable and 
consistent performance. 

Although many vehicles were surface-launched, the X-7A program was 
predominately an air-launched program.    Generally these engines were not 
called upon to operate over a wide range of speed and altitude - they 
were largely "cruise" engines.    The main development problems of these 
engines were encountered in subsonic-diffuser/combustor compatibility, 
and in combustor durability.    The former problem was often solved by the 
use of an aerodynamic grid located in the subsonic diffuser.    The latter 
problem was primarily controlled by refired design of cooling air dis- 
tribution systems.     Air intake problems were minimized by installing 
the spike inlets at the nose of the vehicle and thus avoiding inter- 
actions with other missile components; angle of attack requirements 
were moderate. 

In passing one should note that ramjet engines for subsonic flight 
were also successfully developed.    These engines were simple, of light 
weight, and low cost; perhaps the most successful  of these was the 
Marquardt MA-74 engine developed for the North American Redhead/ 
Roadrunner target drone.    Currently,  the low cost and simplicity of 
subsonic flight engines make them eminently suitable for use in 
expendable vehicle systems. 

Extensions  to Flight Proven Technology 

While  the flight development of conventional   engines was  in progress, 
many schemes  to  improve the performance of fixed geometry engines were 
evaluated  in ground test,  and much supporting  technology was generated. 
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Many of these developments were not carried into flight test because the 
demand for such technology did not materialize and, in the major switch 
from aeronautical research to space-oriented work, many promising 
developments were abandonee. 

One of the most promisintj methods of improving engine performance is 
to employ variable geometry components and in particular variable geometry 
exhaust nozzles.    Sting-mountad exhaust nozzles were tested by NACA and 
NGTE.    Although these tests were successful, they were not carried into 
flight development.    The NGTE air-cooled nozzle (4) provided wide area 
modulation and required only 4% of the main air flow for cooling when 
operated at stoichiometric conditions. 

The related problem of variable intake geometry with its associated 
benefits of drag reduction and improved flow matching also received much 
attention.    However, both variable geometry inlets and nozzles were not 
initially to find flight application in ramjets but in the development 
of supersonic turbojet systems. 

A more fundamental and major problem for high speed engines was the 
high temperature durability of the combustor and exhaust nozzle.    Com- 
bustor cooling by active and passive means was extensively investigated, 
although once again regenerative cooling technology was not carried into 
flight tests.    High temperature exhaust nozzles were also investigated 
using refractory metals and alternative approaches such as film cooling 
have been tested. 

Newer Concepts 

During these active years of research, many new concepts for 
extending the performance and application of the basic ramjet engine were 
devised.    These included: 

1. The Hyperjet.    This engine, devised by The Marquardt 
Corporation, used the translating inlet spike as a valve to shut off the 
air flow into the combustor at low speeds.    The combustor was then oper- 
ated in a rocket mode to give low speed thrust.    Transition between 
rocket and ramjet operation was smooth and this engine system was 
successfully flight tested. 

2. The Afterburning Ramjet.    This system was investigated by 
Perchonok and Wilcox (5).    The basic idea is to add a subsonic combustion 
afterburner behind the primary ramjet nozzle.    The afterburner is oper- 
ated to give a high boost thrust but is switched off during cruise when 
the engine operates solely on the primary combustor.    The primary nozzle 
contraction ratio is chosen to yield good intake performance at cruise 
conditions. 

3. The Ejector Ramjet (ERJ).    The ejector ramjet concept is 
similar to the ducted rocket system.    Static thrust is developed by 
ejecting either vaporized fuel or oxidizer through small rocket-type 
chambers into the main combustion system where the injectant is finally 
burned.    Thus a low speed thrust capability is created at some penalty 
in propellant consumption.    A more sophisticated version of the engine 
is the supercharged ejector ramjet (SERJ) in which a fan stage is used 
to increase the engine operating pressure ratio (6). 

4. The Solid Fuel Ramjet (SFRJ).    A relatively simple engine 
can be devised by utilizing solid fuel.    Various fuel grain arrangements 
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are possible, and a boost fuel grain may be incorporated with the 
sustainer grain to yield an easily-handled propulsion system.    Extensive 
flight testing of such engines has moreover been carried out and such 
systems in various forms are candidates for missile application.    Since 
the fuel generation rate is primarily a function of the air mass flow 
rate through the engine, careful matching of the grain burn rate to the 
desired flight mission profile is necessary. 

5.    The Supersonic Combustion Ramjet (Scramjet).    In the 
supersonic combustion ramjet the incoming air is not diffused to subsonic 
speeds, the flow remaining essentially supersonic through the engine. 
Thus intake losses are reduced but combustion losses are increased.    The 
engine operates at much lower static pressure and temperature conditions 
compared to a conventional engine.    Generally the scramjet is superior 
to the conventional engine at speeds in excess of about Mach 6. 

RECENTLY ACQUIRED AND CURRENT TECHNOLOGY PROGRAMS 

High Speed Propulsion 

The advent of Sputnik and the rapid reorientation of aeronautical 
research, together with the conclusion of successful flight demonstra- 
tions of conventional ramjets, reduced emphasis on airbreathing engines 
for high speed aeronautical vehicles. 

However, interest in high speed airbreathing propulsion was revived 
when a single stage-to-orbit vehicle (the Aerospace Plane) was conceived. 
Two airbreathing propulsion schemes were of prime interest, namely the 
air-collection system and the supersonic combustion engine.    The latter 
had wider application including, for example, hypersonic cruise vehicles 
and hypersonic missiles.    Hydrogen fuel was at that time the only fuel 
of interest for Aerospace Plane applications primarily because of its 
cryogenic nature, its intrinsic cooling capability, and its high specific 
impulse. 

Conventional Engines 

The need for a thrust chamber for the air-collection system led 
ultimotely to the development of a subsonic combustion thrust chamber 
with flight capability in excess of Mach 6.    This hydrogen-fueled 
regeneratively-cooled combustor and plug nozzle combination was developed 
and tested for structural integrity at conditions exceeding Mach 6 
(100,000-120,000 ft.).    An early version of this 18" dia. chamber is 
shown in Fig.  4 and the contoured tube wall  construction will be noted. 
This chamber was designed for a maximum internal pressure of 250 psia 
and a maximum wall  temperature of 2500oR; a combustion efficiency in 
excess of 90% was generally obtained.   When integrated into an engine 
system the chamber was suitable for flight from Mach 3 to speeds in 
excess of Mach 6.    The combustor tubes were fabricated from Hastelloy X, 
with a Rene 41 wrap, and over three hours of test time were acquired with 
the flight weight engine.    This engine program was completed in 1969 and 
it represents one of the most advanced subsonic combustion engines 
developed under USAF sponsorship. 

Supersonic Combustion Engines 

Another area of high speed propulsion concerns the scramjet engine 
and it is well known that the U.S. Air Force sponsored a number of 
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scramjet engine tests during the last seven years; the engines tested 
included the following: 

1. Marquardt Dual Mode Scramjet 

2. UARL Variable Geometry Scramjet 

3. General Electric Component Integration Model (CIM) Scramjet 

4. GASL Research Scramjet 

5. GASL Flight Test Module Scramjet 

These engines were hydrogen fueled and the performance levels 
theoretically predicted were, in general, substantiated.    Experience was 
gained with a variety of spike inlets and inlets employing combined two- 
dimensional and three-dimensional flow fields.    The combustors were 
primarily wall injection systems and staged combustor systems were uti- 
lized.    Generally, good combustion efficiencies were demonstrated with 
stable operation in short combustors.    Experience was also gained con- 
cerning potential problem areas such as unfavorable combustor-inlet 
interactions leading to inlet unstart, and reduced efficiency of combus- 
tion in divergent combustion chambers.    It should also be noted that 
ground testing was restricted to the Mach 7 region because of facility 
limitations which existed at that time.    However, such research engines 
confirmed the feasibility of scramjet operation and illuminated research 
required for further development. 

Similar hydrogen fueled test engines have been sponsored by other U.S. 
organizations; for example, the hypersonic research engine (HRE) built 
for NASA by AiResearch.    This engine has provided much data on the inter- 
nal gas dynamics and on the durability of the regeneratively-cooled type 
of structure for a dual mode, axisymmetric engine.    The HRE is a variable 
geometry engine designed to perform at speeds from Mach 4 to 8.    Two ver- 
sions of the engine were planned for test; a structural test model already 
tested at Mach 7 in a NASA, Langley facility and an Aerodynamic Integra- 
tion Model which has undergone Mach 6 freejet testing at the Plumbrook 
facility of NASA, Lewis during 1973, and Mach 7 tests are planned in 1974. 

Jn addition to sponsoring other hydrogen fueled scramjet studies, a 
significant amount of hydrogen engine research is being accomplished at 
the NASA, Langley center; some particularly interesting work is reported 
in ref.  (7).    The engine described, a rectangular module, is a pronounced 
three-dimensional shape resulting from the design requirements of fixed 
geometry, low wetted area in the combustor, flow spillage during starting, 
and vehicle installation limitations.    Research work is proceeding 
steadily on this engine-vehicle concept. 

It is apparent that scramjet engines employing dense storable fuels 
and flying tt moderate hypersonic speeds are of more near term interest 
than hydrogen fuel  systems, and work has been channeled into this area. 
Maintaining effective supersonic combustion at these lower speeds is more 
difficult because spontaneous ignition conditions are lacking, and hydro- 
carbon fuels are usually less easy to burn than hydrogen. 

The application of supersonic combustion of hydrocarbon fuels to a 
vehicle designed for Mach 6, low level flight is discussed in ref.  (8). 
The vehicle described utilizes aerodynamic interference to reduce wave 
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drag and carefully controlled burning process to alleviate heating and 
structural loads.    Once again the pronounced three-dimensional geometry 
of the inlet and nozzle gas flow paths is seen. 

High Mach Number Scramjet Component Development 

Testing of scramjet components poses a considerable problem in 
simulating flight test conditions at high Mach numbers.    Continuous flow 
wind tunnels are not capable of supplying flow with high enough reservoir 
conditions required for high Mach number conditions (M > 7 or 8).    Pebble 
bed blowdown tunnels are limited in the maximum temperature that they can 
supply.    Arc-heated tunnels can provide the high enthalpies needed but 
are limited in pressure.    Pulse facilities, on the other hand, can supply 
both the high temperatures and pressures needed but are limited to very 
short test times.    Use of such facilities requires a different philosophy 
in component testing with extensive use of specialized instrumentation. 

Considering the different types of pulse facilities, extensive use has 
been made of the shock tunnel in which useful test durations of from 5 to 
20 milliseconds have been achieved.    Various contractors have all utilized 
the shock tunnel in testing scramjet inlet concepts.    Such tests have been 
conducted over a Mach number range of from 10 to 25.    Fuel Injector and 
combustor tests have also been carried out in such facilities over a 
velocity range of from 8000 to 14.000 ft/sec.    Although test durations 
are very short, they are sufficient to permit efficient combustion of H? 
and air under the high temperature conditions associated with these high 
flight speeds.    Elaborate and multiple instrumentation on one combustor 
model permitted combustion efficiency to be determined through five 
independent means.    Correlation between the various techniques was very 
good.    At Sheffield University a hypersonic shock tunnel was designed 
specifically for the intent of conducting supersonic combustion research. 

Hot shot tunnels have also been utilized in testing scramjet components 
and can extend the useful test duration by over an order of magnitude over 
the shock tunnel.    A disadvantage of the hot shot tunnel  is that oxygen 
in the air is depleted and contaminants are released during the heating 
process.    This is undesirable for testing combustors.    As a result, most 
of the hot shot tests have been conducted with inlet and nozzle components. 

Another type of pulse facility which has had limited use for testing 
scramjet components, but which appears attractive, is the gun tunnel. 
Its advantage over the hot shot is that the piston prevents mixing of 
the driver and driven gases.    An extension of this concept leads to the 
light-gas gun in which a scramjet model Is propelled to hypersonic 
velocities in free flight under controlled environmental conditions. 
General Motors Research Laboratories conducted experiments along these 
lines on a miniature scramjet model capable of burning fuel while in 
free flight. 

Agreement between pulse facilities and steady state facilities has, 
in general, been good.    Obvious limitations such as Inlet starting, heat 
transfer, and structural considerations prevent the substantial develop- 
ment of a flight weight engine by using pulse facilities exclusively. 
However, such techniques can be used with confidence In the development 
of individual components from an aerothermodynamic point of view.    In a 
series of inlet tests, which were conducted in two different steady state 
facilities, also in a shock tunnel, and in a hot shot facility, perform- 
ance data obtained at a given Mach number was independent of the type of 
facility.   When a slight problem of flow separation was encountered, the 
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extent of this problem appeared more related to the test Reynolds number 
available, rather than the particular type of facility or actual Mach 
number at which test was conducted. 

Pulse facilities have also been used, but to a more limited extent, 
to aerodynamically test small-scale scramjet engines.    AEDC conducted a 
series of supersonic combustion tests using a double-oblique-shock 
scramjet model in a shock tunnel (9).    Likewise, Douglas has tested both 
two-dimensional and axisymmetric scramjet engine models in their shock 
tunnel.    In one series of tests involving modifications to a General 
Electric scramjet engine designed for much lower Mach number, reasonable 
performance (ISp - 1300 sec) was demonstrated at flight Mach numbers 
greater than 9. 

Low Speed Scramjet Engines 

As the flight speed of a scramjet engine is reduced, the temperature 
of the air entering the combustor decreases and at some conditions will 
fall below the autoignition temperature of the fuel/air mixture being 
used.    Likewise, reducing flight speed reduces the Mach number entering 
the combustor.    Such a decrease has serious consequences on combustor 
operation.    In the case of a constant area combustor, the amount of heat 
which can be added to the flow is limited by the attainment of sonic 
speed at the combustor exit.   Any further attempt to add heat to this 
thermally-choked flow will result in shock wave formation upstream of 
the combustor and breakdown of the supersonic flow entering the combustor. 
Thus, as the flight speed is reduced, sustained combustion becomes more 
difficult and the amount of heat which can be added to the flow is re- 
duced with a corresponding reduction in engine thrust.    These problems, 
along with inlet-combustor matching, can be alleviated to some extent 
through the use of three-dimensional combustor designs involving complex 
flow fields (10,11). 

An attractive alternate approach for providing scramjet engines with 
a lower Mach number capability is offered by the dual mode engine (12) in 
which both subsonic and supersonic modes of combustion are permitted 
within the combustor.    The main feature of such an engine is that in 
principle the combustor is divided into two sections:    one for supersonic 
combustion and the other for subsonic operation.    The supersonic combus- 
tion section precedes the subsonic one and acts as the subsonic diffuser 
of the inlet during the subsonic combustion mode. 

A water-cooled dual mode scramjet engine was developed and tested by 
The Marquardt Corporation in the 1964-68 time period.    This was a fixed 
geometry two-dimensional Mach 3 to 8 engine incorporating highly swept- 
back features.    Test results confirmed both the feasibility and practica- 
bility of combining subsonic and supersonic combustion into a single 
engine.    The fuel system, consisting of several hydrogen axial fuel 
injector locations along with two ignitors, permitted stable combustion 
mode transitions to be made with high overall engine efficiency. 
Theoretical performance was achieved based upon the individual component 
efficiencies achieved earlier in detailed component tests. 

Hydrocarbon Fuels 

At the conclusion of the dual mode program and other successful hydro- 
gen scramjet engine programs. Air Force interest shifted from large scramjet 
vehicles to small scramjet missile systems leaving the hydrogen scramjet 
area to NASA and their HRE and other programs.    As a result, attention 
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focused on the hydrocarbons and fuels with a high density Impulse. 
Ignition delay and reaction times for gaseous hydrocarbons are much longer 
than for hydrogen, hence the problem of achieving high combustion effi- 
ciencies using these fuels proved more difficult than for hydrogen.    Ini- 
tially, attempts were made to simply modify existing hydrogen scramjet 
engines by lengthening the combustor section and using gaseous fuels such 
as methane and ethylene, but these met with only limited success.   Sub- 
sequently, more detailed programs were Initiated. 

Many approaches were available for sustaining combustion of hydrocarbon 
fuels at the low Mach numbers where temperatures are well below the auto- 
Ignition temperatures.    These included the use of flameholders or other 
devices for stabilizing flames, highly reactive fuels, additives, and 
piloting systems. 

Conventional flameholders which require immersion into the supersonic 
stream are not desirable, but techniques which utilize fuel Injector 
configurations or wall recesses to provide stabilization through local 
recirculation zones show promise.    Another approach is to use highly reac- 
tive fuels, or blends of reactive fuels with hydrocarbons.    Reactive fuels 
that have been used at low temperatures Include triethyl aluminum and 
pentaborane.    Blends of such fuels with heavy hydrocarbons have been 
investigated extensively by the Applied Physics Laboratory.    The effect 
of homogeneous additives on the autoignition has also received consider- 
able attention in the U.S.  (13) and in Germany (14).    Nitric oxide or 
nitrogen dioxide was found to dramatically accelerate the ignition of 
gaseous hydrocarbons as well as hydrogen,    n-propyl nitrate was found to 
decrease the ignition delay times of high density hydrocarbons by about 
two orders of magnitude. 

Extensive effort has also been devoted to the development of piloting 
systems for use in scramjet engines employing liquid hydrocarbon fuels. 
The concept of a pilot is to provide a high temperature gas source, along 
with a large concentration of free radicals (15).    Pilots are essen- 
tially hot gas generators and fall into two classes:    those which use a 
portion of the main engine airflow for pilot oxidizer, and those which use 
a stored oxidizer.    In addition, various geometric configurations are 
possible, such as recesses, cavities, wedges, cones, bumps, and impinging 
flush wall jets.    Fig. 5 shows the region in which scramjet hydrocarbon 
combustion work has been conducted in regards to combustor inlet condi- 
tions.   Good supersonic combustion efficiencies have been obtained using 
liquid hydrocarbon fuels in tests where suitable fuel injector/piloting 
systems have been developed. 

An Interesting extension of the piloting concept is to capitalize on 
the fact that free radicals in themselves are very effective in promoting 
ignition.   Work has been conducted (16) oriented towards the photochemical 
enhancement of combustion in supersonic flows.    Results from this work to 
date have shown that the absorption of ultraviolet radiation by molecular 
oxygen in the airstream creates photochemical effects that greatly 
improve the ensuing combustion characteristics compared to those normally 
initiated by thermal ignition alone. 

Subsonic Combustion Ramjets for Missile Propulsion 

Potential ramjet applications can be divided into three main areas: 

1.    Advanced surface-launched interceptor missile 
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2. Long range/low altitude air-to-surface missile 

3. Multi-purpose air-launched missile systems 

The first system considered is the surface-launched ramjet-powered 
interceptor missile:   this has received major attention In previous years 
and little fresh discussion need be given here.    It is apparent that 
modern ramjet technology could be applied to such systems to yield strik- 
ing performance increases.    An advanced conventional ramjet operating at 
hypersonic speeds could be used.   The missile engine would probably be 
mounted in the flow field of the wing and, owing to wing precompression 
effects, a relatively small diameter engine would be adequate.    Obviously, 
at these high speeds some form of combustor cooling would be essential and 
the various advantages of regenerative cooling, ablative cooling, or the 
use of a refractory metal structure would have to be considered. 

For the second class of missile, long range at low altitude is 
sought.    These specifications lead to a missile of high aerodynamic and 
propulsive efficiency, rugged structure, and efficient fuel packaging. 
This latter requirement leads to the use of high-energy dense fuels 
typified by boron-based compounds.    A vast amount of research has been 
directed into this area over many years and the capabilities of such 
fuels are well documented (17). 

The third ramjet system noted above is the multi-purpose class. 
This denotes a missile which may be used for air-to-air or air-to-surface 
roles; it may be launched at subsonic or supersonic speeds at various 
altitudes and it may have to conform to the constraints of either inter- 
nal or external carriage.    A typical approach to a low volume missile of 
this class is shown in Fig. 6. 

It will be obvious that the unique feature of this engine is the dual 
use of the combustor for both ramjet operation and boost propellant, 
hence this engine is often referred to as the integral rocket/ramjet (IRR) 
system.    Many other significant differences between this IRR engine and 
the conventional straight-flow-through engine are apparent.    This radical 
change in configuration has far-reaching effects on component design, 
engine integration, and ground test requirements.    To illustrate these 
effects, let us consider each component in detail. 

Inlet 

Considering first the induction system, the intake is now located 
adjacent to the missile body.    It may be located well forward near the 
forebody or aft-mounted near the vehicle base.    In any event, the inlet 
performance is distinctly affected by the presence of the forebody and 
severe coupling, particularly at angle of attack, may be anticipated. 
Conversely, the choice of inlet type and location significantly affects 
vehicle aerodynamic performance.   Various inlet configurations are illus- 
trated in Fig. 7.    The actual inlet model design may also vary widely, as 
shown in Fig. 8.    Note also that the subsonic dittusers associated with 
these systems may be very short and incorporate sharp turns and distinct 
changes of cross-section shape. 

In addition to the usual requirements of high pressure recovery, low 
drag, and flow stability associated with inlets, it is also necessary to 
fabricate these small scale inlets precisely and yet cheaply; obviously, 
cost is a major factor when missile propulsion systems are being 
compared. 17'1< 
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Of these candidate inlet configurations, the dual side-mounted (DSM) 
inlet is an attractive configuration.    "Cheek" or "chin" Inlets are more 
suitable where internal carriage constraints exist.    It may well be possi- 
ble to "fold" some inlet configurations and allow "pop-out" when the 
missile is launched, thereby easing these carriage constraints.    An 
important consideration is the performance of the inlet at the high 
angles of attack likely to be attained during missile maneuvers; some 
inlet geometries, such as the DSM inlet, can be designed so that increased 
pressure recovery and mass flow capture is obtained with angle-of-attack 
increase in a preferred direction.    The angle of attack now becomes a 
much more significant variable in determining the overall vehicle perform- 
ance and flight mechanics, and this is a significant departure from con- 
ventional technology. 

Combustor 

Turning now to combustor technology, in Fig. 9 the IRR combustor 
configuration is compared to that of a conventional ramjet engine.   Notice 
that because the chamber must be compatible with the boost grain require- 
ment, it is not possible to use flame stabilizers or conventional air- 
cooled liners.    Because of the large scale recirculation zones located 
near the walls of the combustor, severe thermal and flow stability prob- 
lems may be anticipated.    Precise control of fuel distribution is no 
longer possible because injectors are generally mounted at the end of the 
subsonic diffusers.    Also, as it Is difficult to air cool this type of 
combustor structure, ablative protection is a preferred system.    Reviewing 
the combustor design in more detail, it will be evident from the inlet 
geometries shown in Fig. 8 that air will usually enter the combustor at 
an angle to the centerlina, through one or more ports, which may lack 
symmetry and which may ha located in either the head (or dome) region or 
in the combustor sidewall. 

The primary problem is to maintain stable combustion at high efficiency 
and low pressure loss; volume is not necessarily critical as the combustor 
volume is often sized by the rocket grain requirements and often exceeds 
normal ramjet requirements.    In early development much attention was 
given to parametric studies of various combustor geometries; these tests 
served to identify primary recirculation zones and establish fuel mixing 
and flame stability mechanisms.    In early tests extensive use was made 
of flow visualization tests using both water and air flow models with 
various fuel simulants.    In many geometries, very unsteady flows were 
anticipated and subsequently confirmed in practice, and several simple 
combustor geometries were eliminated.    A typical flow pattern obtained 
with a single entry flow passage is shown in Fig. 10. 

The geometries shown differ markedly from conventional ramjet 
combustors and consequently the extensive design background on gutter- 
type stabilizers and related bluff-body systems was of little direct use 
in preliminary designs.    The design approach has concentrated more on 
calculating and controlling the fuel distribution into the various recir- 
culation zones in the combustor; limited design flexibility exists in 
that only the type of fuel Injectors and their spatial disposition in 
the diffuser ports or dome of the combustor can be varied.    Of course, 
in the case of real difficulty, it is always possible to utilize variable 
geometry flameholding devices which can be stowed in the subsonic diffuser 
and deployed into the combustor region after rocket burnout. 

As noted earlier, the preferred thermal protection is an ablative 
system.    The ablative material must be compatible with the combustor wall 

172- 



u 

and with the boost grain surface.    It must be firmly anchored to the wall 
to resist erosion and must withstand the stresses of booster operation, of 
front face combustion gas loads, and of backside aerodynamic heating. 
Accurate charring models are required, together with sound thermochemical 
data, to enable the required ablator lining thickness to be determined. 

Nozzle 

The dual use of the combustor chamber in the integral rocket/ramjet 
has a major impact on exhaust nozzle design.    Generally, differing throat 
areas and expansion ratios are required for the rocket and ramjet modes; 
also, some method of effecting mod» transition is required.    In principle, 
a simple VG nozzle could fulfill ad requirements; in practice, two 
separate but concentric nozzles can be employed with mode transition being 
accomplished by explosively jettisoning the rocket nozzle. 

The thermal loading is severe during both modes of operation.    For 
the rocket mode an exhaust nozzle typical of solid propellant engine tech- 
nology can be employed.    However, for the ramjet mode the problem Is more 
complex than using a conventional ramjet nozzle.    Internal air cooling 
cannot usually be employed and a passively cooled nozzle must be used; 
also, external radiation must be minimized because vehicle controls or 
components are frequently packaged around the exhaust nozzle throat. 
Also, because of related volume limitations it is not possible to use mas- 
sive amounts of thermal protection, and furthermore, it is undesirable to 
use ablative materials which permit dimensional changes.    Consequently, 
the nozzle design area presents a severe, but not impossible, challenge. 

Controls 

A new problem introduced by the IRR configuration is the control of 
the transition process from rocket to ramjet operation.    The transition 
sequence begins when the booster pressure decays; this fall  in pressure 
permits the ram air pressure In the Inlet ducts to blow in the Inlet port 
covers.    The port cover movement is allowed to trigger the booster nozzle 
explosive jettison device. 

After a brief delay to clear the chamber of residual booster slivers, 
the ramjet fuel valves and ignitjr are actuated.    Precise timing is 
required to prevent excessive deceleration of the vehicle and avoid inlet 
unstart.    Usually the time period required for transition is about 500 ms 
from inlet port blow-in to steady operation.    Care must be taken to 
prevent discarded components, such as inlet port covers, from impacting on 
the thermal protection layer of the combustor and causing premature failure. 

Another characteristic of the IRR which differs significantly from the 
conventional engine is the wide range of flight conditions under which the 
engine is required to operate.    Ground launched conventional engines are 
usually boosted to a flight speed close to the cruise Mach number and off- 
design operation is limited.    The IRR, however, may be air launched at a 
wide variety of speeds, both subsonic and supersonic, and at any altitude. 
This requirement demands a sophisticated energy management system with an 
unusually severe fuel modulation limit; this wide "turn-down ratio" require- 
ment impacts all  components from the basic system through to the fuel 
injectors. 

Test Techniques 

For axisymmetric, nose-inlet ramjet engines, the freejet test 
facilities required and associated test techniques are well understood. 
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However, unlike nose-inlet engines, the cruciform IRR geometries would 
require enormous quantities of air for interference-free simulation of 
the external streamtube enclosing the inlet configuration.    An example of 
a technique to reduce airflow requirements to more reasonable levels has 
been explored by AEDC and is illustrated In Fiq. 11.    This so-called "jet 
stretcher" ducts air to the aft-mounted inlet such that the flow condition 
which the inlet experiences in-flight is simulated.    The forebody nose 
shock "escapes" in front of the jet stretcher; the flight slreamtube flow 
is extended back to the inlets by the jet stretcher, and shock distur- 
bances from the facility do not impact the flow boundaries.    Design proce- 
dures for these jet stretchers have been devised and these devices are 
successful for simulating flows corresponding to low incidence conditions. 

Another test technique used successfully in many applications is the 
rocket sled test.    Although proposed many years ago for scramjet testing, 
this technique has more recently been used for IRR development and is 
particularly attractive for aft-mounted systems.    A typical layout of the 
sled train for an IRR test is shown in Fig. 12.    The test engine is accel- 
erated to, and sustained at, a given test condition by sets of solid 
rocket boosters.    In this program, the ramjet vehicle was mounted on an 
existing rocket sled, suitably modified.   Tests were aimed at simulation 
of low level flight In the Mach 2-3 regime, duplicating flight Mach number 
and Reynolds number.    Operation at angle of at-.ack is also possible. 
Obviously, care has to be taken to avoid interaction of ground-reflected 
shock waves with the aft-mounted inlets.   Trackside initiators were used 
to control fuel flow sequence and ignition.   Thus, it is possible to 
simulate ramjet engine boost, transition, and cruise with full recovery 
of the vehicle, and with a comprehensive pictorial and instrumental 
history of the test.    It is also possible to utilize the sled as a launch 
stage for a flight test of the engine, the major advantage being the fact 
that successful engine ignition and operation can be confirmed prior to 
free-flight launch. 

Engine Development 

An early IRR vehicle developed under USAF sponsorship was the Low 
Altitude Supersonic Ramjet (LASRM); subsequently, a more refined IRR 
engine was developed for component evaluation and test and termed the 
CET engine.    The U.S. Navy has sponsored the Air Launched Low Volume 
Ramjet (ALVRJ) vehicle discussed in ref.  (18). 

CONCLUSIONS 

Conventional ramjet technology has been fully demonstrated to speeds 
of about Mach 4.0; advanced component technology needs to be fully 
validated in flight test. 

Scramjet and dual mode engines have been tested at hypersonic speeds 
in various small scale engines and have demonstrated to be an effective 
propulsion system. 

The low volume ramjet engine offers major improvements in missile 
performance now, and has considerable growth potential. 

The ramjet propulsion cycle is an essential ingredient of all high 
speed airbreathing propulsion systems. 
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ETUDE DE L'ECOULEMENT DANS UN EJECTEUR TRANSSONIOUE 

J.M. HARDY et L. DUTOUQUET 

SNECMA - Centre de VILLAROCHE 

I.INTRODUCTION 

La connaissance des coefficients de debit et de poussee des tuyeres est 
necessairc ä la determination des performances des moteurs et au dimen- 
sionnement des tuyeres. La connaissance precise des domaines sonique ot 
transsonique est indispensable au calcul des ecoulements dans les tuye- 
res convergentes-diverRentes. 

II.DESCRIPTION DES PHENOMENES PHYSIQUES 

Dans une tuyere conique, I'ecoulement ne peut etre monodimensionnel, 
etant donne les conditions aux limites imposees par la geometrie. A la 
paroi se developpe dans le canal une couche limite qui, du fait des 
gradients de pression, tend ä se resorber dans le convergent. La reduc- 
tion de debit qui lui est associee est responsable du C^x. Les parois 

•        -. i  i •    . ■ -  ,  Do    ,.    , 
du convergent imposent a la 1igne de courant panetale  une direction 
convergeant vers I'axe qui, associee aux conditions sur l'axe et ä 1'in- 
fini aval, est responsable d1importantes distorsions de vitesse en mo- 
dule et en argument dans le plan du col. Le coefficient de debit asso- 
cie ä ces heterogeneites est note C  . On peut differencier deux types 
de fonctionnement de ces ejecteurs:  le cas desamorce qui correspond au 
domaine oü C est fonction du taux de detente et le cas amorce qui co — 
respond au domaine oü C est independant du rapport de detente. 

Les conditions aux limites imposees ä I'ecoulement du fait de la geo- 
metrie sont au nombre de deux : ot, demi-angle du convergent, et E, 
rapport du diametre du col au diametre du canal amont. 

La figure 1 represente l'allure des "iso-Mach" dans un convergent infi- 
niment etendu vers 1'amont (M = 0), la seule contrainte etant la condi- 
tion i. La figure 2 illustre l'allure des "iso-Mach" dans uv.e  tuyere 
oii le Mach amont n'est pas nul. On notera les modifications importantes 
que ces lignes entratnent,en particulier 1'existence d'un point d'arret. 

III.DEFINITION DES COEFFICIENTS DE TUYERE 
111.1. Coefficient de debit C^ 

Co est le rapport du debit reel traversant le convergent au debit Lsen- 
tropique monodimensionnol. Nous noterons C    la valour dc C  en ccou- 
lement amorce. Pour les taux de detente inteneurs ä 1'amorqage, il est 
commode de normaliser C„ par rapport ä la valeur C^_  associee ä la 
,  ..  .      • j - -   D Umax 

geometrie consideree. 

111.2. Coefficient de poussee 
Nous avons choisi comme poussee de reference la poussee absolue X_A. 
Cette poussee serarapportee au debit qui traverse la tuyere, soit" 
K  = X  / D *T  .   Nous definirons alors un coefficient d'efficacite 
de tuyere  : '     ri K ~ S'A ^ KTA*' Nous distinguerons deux defini- 

tions de ce coefficifnt  : ^bs*' KTA ^ KTA* XM=l)p0Ur leS ^'^ 
de detente superieurs ,ri 1'amor(jage et   '•_Jr^  =KTA / ^TA (M) p0Ur leS 

taux de detente inferieurs a I'amorqage, M etant le Mach mono-dimension- 
nel assurant le debit dans la section geometrique. Comme pour le coef- 
ficipnt de debit, nous normaliserons les 
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valeurs de riabs. fonction du taux de detente, par rapport ä la valeur 
de ce coefficient ä l'amor^age. Notons que, pour les angles usuels et 
une gamme importante de taux de detente,^abs = 1. Nou avons alors 

-nah8* • KTA* fglfi0'^* )Samor9age abs'  _—-—^—'-  , 
KTA (M) 

la relation ^abs 

IV.ETUDE THEORIQUE DE L'ECOULEMENT 

Nous avons aborde I'etude theorique dn 1'ecoulement par diverses metho- 
des (BROWN, NORWOOD, FENAIN, Ref. 1-2-3-4) pour finalement adopter une 
methode rigoureuse de description des ecoulements proposee par M.FENAIN 
(ONERA), basee sur 1'hodographe. Cette methode relative aux ecoulements 
bidimensionnels plans a ete etendue aux ecoulements de revolution par 
M.DUTOUQUET de la SNECMA. Cette methode offre, en plus d'une formula- 
tion exacte des ecoulements compressibles, de nombreux avantages : 
partie subsonique traitee dans un Systeme original de coordonnees, 
utilisation d'un processus subsonique - supersonique couple, ... 

IV.I. Hodographe 

La figure 3 represente I'hodographe d'un ecoulement bidimensionnel 
supersonique non amorce dans une tuyere. La figure 4 est relative ä 
un ecoulement amorce. 
La partie subsonique de I'hodographe est representee dans le Systeme 
argument - module normalise du vecteur vitesse par rapport ä l'angle 
de paroi et la valeur de V au col. La partie supersonique est repre- 
sentee dans le Systeme angle - nombre de pression de BUSEMANN (W). 
On remarque que les segments la, la I Ij» Ij et 1j» ' representent 
respectivement le point d'arret, la detente de PRANDTL-MEYER et la 
ligne sonique. Cette figure met en evidence la valeur du taux de 
detente amor^age W= ^E .En effet, la caracteristique montante 
S, Ij de pente - W coupe la detente de PRANDTL-MEYER Ij, Ij de pente 
+ W en un point ou W = «„72 
La figure 5 est relative a un ecoulement de revolution. Dans ce cas, 
les caracteristiques ne sont plus des droites dans le plan de I'hodo- 
graphe. En particulier, ST dite "frontiere transsonique" interceptera 
la detente de PRANDTL-MEYER en un point I: quand T sera sur la levre 
du convergent, different du point T'« correspondant ä la caracteris- 
tique bidimensionnelle (figure 6). On peut toutefois remarquer, figure 
5, que la droite Sjl'j joue un role important du fait du maillage choi- 
si (schema ä 4 points). En effet, toute perturbation issue de D se 
repercute sur tous les points situes dans 1'angle EDF et, par consequait, 
sur la partie FS de la ligne sonique. Par contre, une perturbation 
issue d'un point situe dans l'angle ESW est sans effet sur la ligne 
sonique. SIj est done la ligne limite d'influence de 1'ecoulement aval 
sur 1'amont. Ceci met en evidence le fait que le figeage de la ligne 
sonique est atteint pour un taux de detente inferieur ä celui corres- 
pondant au figeage du domaine transsonique pour les ecoulements de 
revolution, ce qui est bien recoupe  par 1'experience. 

IV.2.Resolution numerique 
La methode de resolution numerique ainsi que la formulation sont pre- 
sentees conjointement par 1'ONERA et la SNECMA dans la reference 5. 

IV.3.Comparaison des ccoulemencsbi et tridimensionnels de revolution 

IV.3.I. Ecoulement bidimensionnel de revolution 
Les figures 7 et 8 presentent une comparaison des coefficients de 
poussee et de debit calcules pour des tuyeres convergentes bidimen- 
sionnel les planes et de revolution. On peut remarquer que la methode 
BROWN qui couple un ecoulement subsonique plan et un ecoulement super- 
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sonique de revolution donne des valeurs voisines de celles obtenues 
dans le ccs d' un ecoulemen'. bidimensionnel plan. 

IV.3.2. Kcoulemrnt tridimcnsionnel de revolution 
Les figures 9 et 10 montrent 1'influence des deux parametres georae- 
triques ' et a sur los coefficients de poussee et de debit. On voit, 
figure 9, quo 1'influence du Macli amont due a   '  est d'autant plus 
grande que I'angle est plus eleve. D'autre part, la figure 10 met en 
evidence I'interet do la correlation ^abs' ■ f (CQ) . On pent voir, 
en effe', qu'a ('n-nax donnö 1'influence de '  est faible et, qu'en se 
reportant a la figure 8, los ecarts entre ecoulements bidimensionnel 
et tridimensionnel do revolution sont eux aussi faibles. On retiendra 
done pour l'etude oxpörimentalo cette correlation. 

IV.3.3. Influence do > 
Nous avons calcule les coefficients de debit et de poussee pour une 
tuyere conique da revolution pour diverses valeurs de Y . Nous pou- 
vons remarquer dans le tableau ci-dessous que 1'influence de ce terme 
est negligeable et que les valeurs experimentales obtenues äY = I|A 
peuvent etre conservees pour 1'etude des moteurs. 

13°,5 

y CD l u * abs 

1.4 0,9733 1,0088 

1.3 0,9737 1,0092 

1.2 0,9742 1,0096 

a = 40c 

CD 

0,9225 

0,9236 

0,9248 

= 0,72 

nabs* 
1,0189 

1,0202 

1,0216 

IV.3.4. Importance des couches limites 
Le calcul de la couche limite a ete effectue par I'ONERA pour une 
Serie de convergents experimentes ä MODANE (Ref. 6). On en deduit 
que l'effet de couche limite est negligeable devant l'effet de dis- 
torsion de la ligne sonique. 

IV.4. Recoupement theorie - expörience 

IV.4.1. Tuyeres amorcees 
Sur la figure 1 1 nous prosentons une confrontation theorie - expe- 
rience relative ä des essais sur tuyeres com'ergentes effectues a 
I'ONERA pour une valeur du Mach amont de 0,15 (Cpk = f (a) )• Ea 
figure 12 met en evidence le bon accord theorie - experience rela- 
tif au coefficient de poussee. Notons dans ce cas qu'il n'a pas ete 
possible d'ordonner les resultats d'essais  en fonction des valeurs 
de E  et que la courbe theorique calculee pour T     = 0  passe au mieux 
dans les points exporimentaux. 

IV.4.2. Tuyeres desamorcees 
Dans ce cas nous avons ögalement obtenu de bonp_recoupements theorie 
experience sur les evolutions de cr)__ 

MÄnax 
et  n aba pour diverses 

valeurs de a  et Eos resultats des calculs theoriques coimu les 
valeurs experimentiles nous ont montre quc.pout 1'etude des variations 

Cr de -D 
Crjnax 

TT 
a b a or abs les deux parametres 

geometnques a 
abs amorce 

et '  peuvent etro remplaces par C^max 
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V. ANALYSE DES RESULTATS EXPERIMENTAUX 

Compte tenu de ce qui precede, nous retiendrons, pour analyser les 
resultats experimentaux, la methode suivante : 

C_   • f (a et T.) 
Dmax 

n
abs* f (C 

et 

Dmax) 

abs 

Dmax     abs amorce 

V.l. Coefficient de debit 

= f (PT/p et (^  ) 
J ro Dmax 

Sur la figure 13 nous avons trace le "tapis" representant la correla- 
tion CDmax ■ f (a et E ), deduit d'un ensemble de resultats experi- 
mentaux de sources variees ä diverses valeurs de £  , d'euudes par- 
ticulieres de I1influence de X ä angle donne et d'un ensemble de 
resultats de calcul theorique. Sur ce tapis figurent, ä titre indica- 
tif, quelques points de calcul theorique. Ce tapis peut etre repre- 
sente par la formulation suivante : 

C
T^  " 0,995 - 0,095 sin a  .  1 + A K (a - 15°) 
Umax P P 

K 5,75 Y.k -  5,61 T.3  + 2,40 Z2  -  0,21 I - 0,85| 10 -3 

A =0 si a < 15' 
P 

A =1  si et > 15' 
P 

a 
taux de detente d'amorcage : W       = -TT- 

'      amorgage  2 

CD 
La figure 14 donne la correlation     - f (Cnmax et P;/Po) 

CD max        u J 

Cet ensemble permet la prediction de CD, done le diraensionnement 
des tuyeres dans tous les cas d'ejecteurs de moteurs. 

V.2. Coefficient de poussee 

Dans le cas des tuyeres amorcees, la figure 10 represente la rela- 
tion nai,s* = f (Comax ) ä retenir pour le calcul du coefficient de 
poussee. A CDmax donne, la valeur correspondante de ^abs 
peut etre consideree comme independante de T.      pour les tuyeres 
de reacteurs. La courbe representative est donnee par la formule 
suivante pour 0,85 < CDmax< 1 

n , ♦ = 0,526 + 0,944 (C_  ) - 0,12 (C_  ) - 0,35 (Cn  )3 

abs     ' Dmax Dmax     '    Dmax 

Dans le cas des tuyeres desamorcees, n      sera deduit de larelation: 
nabs amor^age = n  ♦ . KTA* (M = 1) abs     TrTAr tm— 

avec H ■ f C/CDmax)       » ce coefficient etant pratiquement 
independant du taux de detente ä geometric donnee. 

La figure 14 donne la variation du rapport 
nabs 

-^IW«- f <VPo et C:i>max) 
pour les forts braquages de volets de tuyeres et les faibles taux 
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de detente. En dehors de ce domaine, "p 

VI. CONCLUSION 

aba 1. 

n abs amorce 

La synthese theorie - experience presentee ici resulte de sept 
annees d'efforts aussi bien du point de vue experimental que 
theorique. Elle nous permet de dimensionner les tuyeres de tous 
les reacteurs actuels, I'etude theorique qui a ete d'un grand 
interet pour la comprehension des phenomenes nous fournissant 
en plus les donnees transsoniques necessaires au calcul des 
ejecteurs. 

182< 



ANNEXE 1 

ETUDE PARTICULIERE DE L'HODOGRAPHE 

Dans le cas usuel, une tuyere est constituee d'un cylindre termine par 
un cone. Sur la planche 2 sont presences les hodographes correspondant 
ä deux cas de fonctionnement pour une tuyere bidimensionnelle. 

Figure 3 : supersonique non amorce 
Figure 4 : supersonique amorce 

La partie subsonique de l'hodographe est presentee dans des coordonnees 
module et angle normalises du vecteur vitesse, la partie supersonique, 
nombre de press ions de Busemann et angle. 

La ligne de courant sur la paroi a ■ 0 subit un ralentissement du Mach 
infini ä un Mach nul en la, puis en la ä M = 0, eile subit un change- 
ment d'angle a ■ 0 ä a » a . Ensuite, ä angle constant, eile s'accelere 
de M = 0 en la ä M = 1 en I. oü eile subit une detente de Prandtl-Mayer 
jusqu'ä la vitesse V  (W ) sur la figure. Les points anguleux la et I. 
sont representes sur l'nodographe par des segments de droite. La ligne 
sonique I., S est representee dans le plan de l'hodographe par la droite 
I., S normale ä l'axe des vitesses. La droite I , I representant la 
detente de Prandtl-Mayer a pour equation  a =» - a ♦ W, eile a done une 
pente de 45°. p 

Si nous nous reportons ä la figure 4, nous voyons que la derniere carac- 
teristique issue de la detente au point anguleux I. tombant sur la ligne 
sonique sera IT, S; la pente de cette caracteristique est a ■ - W. 
Toute detente en aval de cette caracteristique sera done sans effet sur 
la ligne sonique. Le triangle I , IT,S est done isocele et la valeur de 
W associee ä ce point correspond a  une deviation a       ■ a /2, soit 

, amorcage   p 
un taux de detente d amorcage correspondant au nombre de Busemann, 
W       - a /2. 
amor9age   p 

Sur les figures 5 et 6 sont presentees les parties supersoniques des 
hodographes correspondant ä des ecoulements de revolution. Dans ce cas, 
comme dans le cas bidimensionnel, la detente de Prandtl-Mayer est repre- 
sentee par une droite ä 45°. Mais les caracteristiques de l'ecoulement, 
cette fois, ne sont plus des droites mais 'des courbes. 

La figure 5 correspond ä un ecoulement ä ligne sonique figee, mais a 
domaine transsonique non fige (ST frontiere transsonique). 

La figure 6 correspond ä un domaine transsonique fige. 

Si nous revenons ä la figure 5, et que nous analysons le maillage utilise 
pour la resolution numerique, maillage defini par des paralleles ä I.  , 
I.   et SI.  , nous voyons que, compte-tenu du schema ä quatre points 

utilise pour la resolution des equations differentielles une perturbation 
du point D va se repercuter  sur tous les points du maillage compris dans 
I'angle droit EDF (aval du point D) et par consequent  sur la partie 
de la ligne sonique FS modifiant ainsi le debit. 

Par centre, une perturbation issue d'un point dans I'angle ESW sera sans 
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effet sur la ligne Sonique, ce qui revient ä dire que SI jet est la ligne 
limite des influences de 1'ecoulement aval sur la ligne sonique; eile cor- 
respond ä une caracteristique de 1'ecoulement plan de pente a ■ - W. La 
valeur W associee ä ce cas de figure correspond au taux de detente limite 
de figeage de la ligne sonique, done de l'amor^age au sens du debit. Le 
taux de detente d'amor^age d'une tuyere convergente de revolution est done 
donne par : 

W - a /2 
P 

Si, dans ce cas, la ligne sonique est figee, il n'en est pas de mime de 
1'ecoulement aval et, en particulier, de la caracteristique montante issue 
de S. En effet, en ecoulement de revolution, les caracteristiques sont 
representees sur I'hodographe par des courbes situees au-dessus de celle 
de l'ecoulement plan (ST), ce qui fait que des perturbations se produisant 
entre T et I.  influent sur le domaine transsonique de la tuyere et qu'il 

jet .    .  ^ 
faut atteindre un taux de detente correspondant au cas de la figure 4 ou 
le domaine transsonique est ferme sur I.  pour ne plus avoir de dependance 
des conditions aval. 

On voit done qu'en ecoulement de revolution il existe un taux de detente 
de figeage du debit inferieur au taux de detente de figeage du domaine 
transsonique. Ceci est bien en accord avec les experiences relatives aux 
mesures de debit et avec 1'analyse des interferogrammes faits par 
I'O.N.E.R.A. 

Resolution_numeric[ue 

La methode est presentee dans la reference 5, la resolution numerique y 
est abordee. Les conditions aux limites dans le plan de I'hodographe etant 
parfaitement connues, le plan est alors discretise et les points singu- 
liers elimines par 1'introduction de fonctions periodiques. Le retour au 
plan physique est fait par integration (ref. 4, 5). 

Dans le domaine subsonique, on a ä resoudre un probleme de Dirichlet, 
avec deux points singuliers et dans le domaine transsonique un probleme 
de Tricomi avec un point singulier. 

184< 



a 

A 

0 

T. 
J 

P, 
J 

V : 

W 

X|V   ! 

D 

CD6: 

CDK : 

0(M) 

A(M): 

im 

NOTATIONS 

Angle 

Section normale ä l'ecouleraent 

Diametre 

0 col 
0 canal 

Temperature generatrice 

Pression generatrice 

Pression statique d'echappement 

Vitesse 

Nombre de pression de Busemann 

Coordonnees de Busemann 

Debit 

Coefficient de debit du ä la couche limite 

Coefficient de debit du ä la distorsion de l'ecoulement non visqueux 

:(p/P)  A/A*     (1   + Y M2)  -  f  (M;  Y) 
c 

D >rK^ 
P A* 

c 
f   (M et Y) 

A/A    = f  (M et Y) c 

TA 

Fonction de courant 

Section critique du tube de courant 

DV * AP. .  x  = DV + AD 
PA*   • Ar,A  uv + AP« PA* 

c 
GA 

GA 

Caracterise les valeurs isentropiques monodimensionnelles 

Caracterise les grandeurs geometriques 

DVcol + Acor Po  :  Poussge absolue 

iS5< 



LISTE DES REFERENCES 

Ref.l : "Compressible flow through convergent conical nozzles with empha- 
ses on the transonic region" 
E.F.BROWN - Universite de l'Illinois - 1968 

Ref.2 : "Contribution a l'etude des coefficients de debit et de poussee 
des tuyeres convergentes adaptees au propulseur" 
These C.N.A.M. - septembre 1971 - par J.P.MARECHAL 

Ref.3 : "Two dimensional transonic gas jets" 
R.E.NORWOOD - Theses Mechanical Engineering MIT 

Ref.4 : "Methodes numeriques de resolution des problemes d'ecoulement mixte 
autour d'un profil" 
M.FENAIN - O.N.E.R.A. 4/1285 AN - juillet 1069 

"Application des methodes de resolution hodographique ä l'etude 
des jets et des profils supercritiques" 
O.N.E.R.A. - Groupe sectoriel franco-sovietique - 1970 

Ref.5 : "Congres I.C.A.S. - Haifa - septembre 1974 
O.N.E.R.A. - S.N.E.C.M.A. 
par MM.DÜTOUQUET et FENAIN 

Ref.6 : "Probleme de mesure sur maquette de la poussee d'un arriere-corps 
d'avion supersonique" 
par B.MAZURE - 38e reunion PEP AGARD - septembre 1971 - 
Sanderfjord (Norvege) 

Ref.7 : "Transonic flow in conical convergent and convergent-divergent 
nozzles with nonuniform inlet conditions" 
S.WEHOFER - W.C.MOGER - A.I.A.A. 70-635 

Rl?.8 : "N.G.T.E. Report 258" 
Decembre 1963 

Ref.9 : "Tuyere supersonique ä double flux - methode de calcul" 
SFIM - 1967 
Revue Franqaise de Mecanique n0 24 
J.M.HARDY - H.LACOMBE 

Ref.lG: "Etude theorique d'une tuyere convergente-divergente" 
3e Symposium franco-sovietique - novembre 1969 - PARIS 
J.M.HARDY (Publie dans Aeronautique et Astronautirjuo n0 37) 

186< 



10 

n 

lii 

M. 

' V 
•■ 

3 

Il '- 
r 

- - 

0 
J 

I 

r s i 

lb7< 



I 

I 
-*■ 5. 

d 

I 
o 

U 

II 

I 

I *• 
J.     1 , 

i, ^ «i 
i • s *■ 

- ? ; 
• 

I 

I 

188< 



i2 

* lb9< 

<♦ 



A NUMERICAL METHOD FOR THE SOLUTION OF THREE-DIMENSIONAL INTERNAL FLOWS. 

R. Camarero 

University of Sherbrooke, Dept. of Mech. Eng. 

INTRODUCTION 

In the design of high speed aircraft, it is of great importance to 
know the aerodynamic characteristics of various airframe components as 
these affect the overall flight performance of the vehicle. Particular- 
ly, a detailed knowledge of the external and internal flow field about 
open-nose components such as engine housings and Inlets is essential to 
evaluate the external drag and the effectiveness of the compression 
process of the Intakes.  The flow fields over such surfaces have been the 
subject of numerous two-dimensional or axisymmetric analyses.such as 
those by Meyer (1) and more recently by Lee (2) including boundary layer 
effects. 

To study such problems in full generality, it is necessary to 
Include three-dimensional effects as the inlet may be at an incidence 
to the freestream or simply because the shape is not axisymmetric. 
For such configurations the basic equations are highly nonlinear, and 
perturbations or other approximate methods based on the linearization 
of the equations are inadequate since the accuracy of the solutions 
thus obtained, as well as their range of validity are difficult to 
assess.  The only other alternative is the use of numerical techniques, 
as analytical solutions are possible only under very restrictive con- 
ditions. Recent advances in computer technology as well as progress 
in the mathematics of approximation have made such computations both 
feasible and economical. 

The aim of this paper will be to describe a nuruerlcal technique 
developped for the solution of invlscid Internal and external three- 
dimensional supersonic flows past general ducted bodies at incidence. 

PROBLEM FORMULATION 

Supersonic flows about prescribed shapes are accurately described 
by the conservation equations of gas dynamics, plus an equation of state 
for the fluid and appropriate conditions on the boundaries.  It is 
assumed that the flow is steady, invlscid, adiabatic, and that the fluid 
is a perfect gas.  The assumptions are known to yield a good represent- 
ation of the type of physical situation considered in this study.  The 
basic equations written in symbolic form are: 

Continuity:     A . (oV)  ■ 0 (1) 

Momentum        V . A V + - Ap = 0 (2) 
P   • 

Energy:     V . Ap - a" V . AD ■ 0 (3) 

These equations constitute a system of five nonlinear partial 
differential equations in the five unknowns, p, o, v, w, and u. A part- 
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Icular solution Is singled out from the Infinity of possible solutions 
by Imposing certain Initial and boundary conditions. These constraints 
take the form of surfaces upon which the values of the variables are 
given (Initial data ) or surfaces where additional relations are to be 
satisfied. In the present problem these will be of two types; solid 
boundaries and shock wave surfaces. 

A numerical method consists In replacing the continuous differential 
equations by a set of difference equations which apply at the nodal 
points of a grid. These difference equations are obtained by a process 
of discretization where the derivatives are approximated by means of 
finite differences. 

There are basically two approaches. The first is the method of 
standard finite differences where the discretization is carried out 
Initially, with the basic equations.  For the otber, the method of char- 
acteristics, the discretization Is carried out after the basic equations 
have been transformed into an equivalent, but simpler, system of compat- 
ibility relations.  The method of characteristics is based on the dir- 
ection of propagation of pressure waves and thus will correctly represent 
the physical model at solid boundaries and shock wave surfaces.  It is 
felt that such a scheme is a potentially more accurate method than one 
based on the standard finite differences.  Furthermore stability criteria 
will be easier to satisfy. 

METHOD OF CHARACTERISTICS 

The method of characteristics has been successfully used to obtain 
numerous solutions to two-dimentional or axlsymmetric supersonic flows. 
The extension to three dimensions poses no particular mathematical pro- 
blem, but the practical implementation presents certain difficulties not 
encountered in the two-dimensional method. These arise from the more 
complicated geometry of the computation networks which are based on 
surfaces instead of lines.  Interpolation and numerical differentiation 
are then more difficult and yield very involved algorithms.  Thus, it is 
only recently that general three-dimensional solutions in gas dynamic 
have been attempted. 

For hyperbolic systems of equations, sich as those of gas dynamics, 
there exist surfaces along which the complete three-dimensional equations 
reduce to a simpler system which contains derivatives with respect to 
only two directions, instead of three.  This represents a distinct ad- 
vantage over the method of finite differences because only two derivat- 
ives need to be approximated. 

These surfaces, and the directions within them are called charact- 
eristics and are obtained by means of a coordinate transformation of the 
basic equations (1), (2) and (3) as shown in the following section. 

Through a point in space there exist an infinity of characteristic 
surfaces and this results In considerable freedom in the choice of a 
characteristic network.  In practice, however, only two basic configur- 
ations have been used.  These are the characteristic conoid which is the 
envelope of all characteristic surfaces through a point in space; and the 
two characteristic surfaces through a line in space formed as the envelope 
of all conoids issued from this line.  A number of schemes based on these 
have been proposed by Thornhill (3) and Butler (4) and are discussed and 
compared in Ref.5 .  In thip study-it is concluded that a modified scheme 
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based on the reference plane method of Sauer (6) will yield the simplest 
and most efficient algorithm. This choice was reached on practical con- 
siderations such as ease of Interpolation, accuracy of numerical differ- 
entiation, and the number of computations per step. 

The reference plane method 

The reference plane or near-characteristic network Is a special type 
of characteristic scheme based on the characteristic surfaces associated 
with a coordinate curve.  The compatibility relations are written along 
the curves of Intersection between these surfaces and a streamwlse 
coordinate plane.  This results In a triangular network instead of a poly- 
gon for bicharacteristic schemes based on the characteristic conoid. The 
advantage is that there are fewer base points, but more Importantly from 
the numerical aspect is that these are collnear, allowing the use of one- 
dimensional methods of interpolation.  These are more efficient and mo? e 
accurate than the blvariate methods required for Interpolation over a 
surface as needed for bicharacteristic methods.  Further as the charact- 
eristic surfaces are issued from a coordinate curve, the vertices of 
adjacent networks lie along this coordinate curve.  Thus the numerical 
evaluation of derivatives Is again a simpler process and potentially 
more accurate methods can be used. This is particularly important as 
these are a notorious source of error.  (See Fig. 1) 

Characteristic Relations 

The scheme developed in the present study is based on the same 
formulation as that used by Katskova and Chushkin (7) with certain modif- 
ications in the numerical procedures. The first step in applying the 
method of characteristics is to find the characteristic directions and 
to transform the basic equations so that they reduce to a simpler set 
of compatibility relations along these directions.  Before this is 
carried out, it will be convenient to transform the physical flow region, 
bounded hy the shock wave and body surface, into a rectangular comput- 
ational region.  This results in a curvilinear coordinate system where 
both boundaries coincide with coordinate curves, thus general boundary 
conditions are more easily incorporated.  This is accomplished by means 
of the following transformation. 

C = (r - r, ) / (r -r, ) (4) 
D       WD 

The basic equations when written explicitly in terms of 5» ^ and x 
become: 

pv Ü + 0 7 3T + pU vx- D7- + v r! Ä 0 (5) 

aW,.       W3WLII3WJ       VW^vBplBp - .,. 
pv    - + p -    __ + pü _ + p _ + _   -E + r    -Z    =    o (6) 

an w    ) u  .     ..   31'      X    Tn        ajs    _ .  . 
DV   f_ + p __   __ + pU    _ + 7   .x +   _*   .    o (7) 

3JL + W   3J> + u   HL + P    VV u    3W i   3_U 
3 r       r    5 * 3 X      e    3 f t     3 r, c    3 C 

(8) 

L p    3 U' 3 U ^ pV     =     0 
+ r   3T + P    ) X +  T ^g. 



Se 3rb 
where      e - rw(*, x) - r. (^( x) >■    -    " C   fjf -   -yj 

-('H*^) /r 
(V + uW + XU)/e 

A variable transformation for the above system 

I    - f U, «>, x) , (J) ■ g (C, 0, x) and x " h (C, 4», x) 

Is sought such that In the new variables, derivatives with respect to C > 
I.e.  3U/9C. 3V/d C, etc... do not appear.  Then the surface C = f 
(£;,$,x) Is a characteristic surface. The details of this derivation are 
given In Camarero (5).  This yields the following relations for the char- 
acteristic directions within the coordinate plane 0. I.e. the reference 
plane. 

*£ = 1    and *L ml -k      r t g 
dX    U      dX  U  e j^ _ ^^2 (10)    (11) 

where  ß - V— r2 - ( 1 - -^ ) (1 + u2) and r - (V + uW)/U 

These are known, respectively, as the stream or C0 - characteristic, and 
the wave or C+ and C" -characteristics. When written along these dir- 
ections, Eqs. (5) to (9) become: 

Along the stream characteristic, Eq. (10),: 

ydV + WdW + UdU + dp/p - dX (VA! + WA- + UA3)/U (12) 

FdV + dU + dp/pU- dX (FAj + As)/!! (13) 

dp - a? dp  = As dX/U (14) 

Along the wave characteristics, Eq. (11),: 

dV + ydW - TdU i   dpß/pU 

ix ) r * 8      / UA5 
^  ( Ai + uAr  -  PAa +      A3 - UAu j (   (15) 

1 1 - ü2/«2 \ pa2 

The coefficients Aj   to A^ are defined by: 

.              V    3 V + W2            .              W   3 W      WV       1      3 p 
Ai   " - —   r—      — Ao  *  - —   r-r —■   rr 

r3$ ^""7  34i"r"rp3* r   3 ♦      a    r -) <p 

The problem thus  reduces  to  the solySlon of Eqs.   (12)   to   (15)   Instead of 
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Eqs. (5) to (9). 

NUViiRICAL TECHNIQUE 

The application of the foregoing theory to practical numerical 
computations consists In the discretization of the characteristic rel- 
ations, Eq. (12) to (15) and a reformulation of the initial boundary 
value problem as follows.  On an Initial spacelike surface X - XQ , the 
values of the variables are given at the nodes of a grid formed by the 
intersection of $ « constant and C = constant coordinate surfaces.  It 
is required to find the solution, i.e. the values of the variables 

P. u, w, at the nodes of a similar grid on an adjacent surface 
X = X0 + AX. This is done by projecting a characteristic network from 
each node on the new surface to intersect the Initial surface in a number 
of base points. The characteristic curves are approximated by straight 
line segments. The compatibility relations are then written as finite 
differences of the values at the end points of the appropriate segment 
of the network.  This yields a system of algebraic equations which can be 
solved simultaneously for the variables at the vertex or the network. 
Using modified networks for boundary points, this procedure is carried 
out until the solution is available over an entire new surface, which 
then becomes the initial surface for the next step. 

Field point 

The network for the computation of a field point is shown in the 
adjoining diagram. 

O i+1 

O i-1 

Field Point Network 

The co-ordinates     Ci,   C?  and  ^3 of  the base points  1,   2 and  3 are 
obtained from 

5i 2 3 
> > 

Ki  -  AX («).,v 
whsre  ^J  is the ordinate of the i-th node on a given ray and equals 
the value of the 1-th root of the appropriate Tchebycheff polynomial as 
required by the proposed method of interpolation.  The slopes of the 
corresponding characteristics are given by rewriting Eqs.(10) and (11) asi 

(si) 
TU-/a; + B 

1 - U2/a2 
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(S) 

* (x + r) 

ru2/a2 - ß 

- \ \ - 
U:/a: 

(17) 

(18) 

These are evaluated on the Initial value surface at point  1 , 
which is the same node as the solution point.  The compatibility relat- 
ions, Eq. (12) - (15)  are written as differences of the end points the 
segments of the network.  This gives after some manipulations the follow- 
ing solution for the properties at a new point. 

p, = pU (Kj - KO/2B 

Pi  " 02  +  (P.   -  P? " c5 dX)/a;' 

V1 = V2 - K6 

W = W? + dX Cr, - uKr, 

(19) 

vhere 

ü. = n? + (p2 - P1)/Pü + dx C2 + ritg 

Ki  = dX C! + V] + pW] -rUi + ßpj/pü 

K.2  ■ dX Cu  + Wo + WW;, + UU2 + p.o/p 

K3 = dX C2 + rv? + Ü2 + PP/PU 

Ki, = dX C-, + V3 + UW3 - TU? - Spa/pU 
2 

Ks = dX Cc, + p2 - a pp 

Kjff - 8) - K3(r+ ß) + 28(K7 + udX C6) 

KG =  

23(1 + v2 + r2) 

K7 = - rdx C2 + v? + UW2 - ruo - rpp/pu 

and where / 

Ci  3 = ] 
U 

A] + PA2  - FA-H + =-^ |A 
^ 

1 - U-'7an \ 

c? = (PAj  + A3)/U 

Cu ■ (VA!   + WA?  + UA3)/U,  Cc;  = A5/U 

Cr, = (-UA]  + A2)/U 

A3 - iiAi,  - 
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Body Point 

For points lying on a solid boundary  the Interior point network 
Is modified as  follows 

B J     c°    X  b 
J r / / / s / / /*/ /- 

Body Point Network 

The base point 1  Is obtained by projecting the ^-characterist- 
ic from the body point b .  its location on the initial value surface 
is given by: 

Cl - AX W 
since f^= 0 .  The slope of the characteristic is given by Eq. (16) 
evaluated at the corresponding body B, on the previous plane.  The comp- 
atibility relations along one wave characteristic and the stream charac- 
teristic are written as finite differences, giving four relations.  The 
fifth required to complete the system is obtained from the condition 
that the normal component of velocity at the wall be zero.  This Is 
expressed, after applying the transformation of Eq. (4)  as: 

uWb + w. - 0 
"b  '  M"b      b 

The solution at the new body point is then obtained explicitly as 

•[ (i + u^ - xF) K, + (i + u:)(r + x) K8 + r(r + x) 

2 +  (Pu " P? " Cr, dX)/a'' 

KJ /K 
1 0 

Vb - V: - Ki! 

W = W2 + dX Cr, - uKu 

ub = Ü2 + (p?. - Pb)/DU + dX C2 + PKn 

(21) 

where 

K8 = dX C? + U? + pp/pU 

£9 = udX Cf) + Vp + uWp 
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Kio = (i + ii2 - w)  (A + r + g) + (>, + r)xr 

Kn - I XK! - (X + F + 3) K9 - 8A K8 I /K10 LK, 3) Kg - BX KB 

Shock point 

The second type of boundary that will be includtd is a shock wave 
for which the network is sbown below. 

Shock Point Network 

This consists of a single wave characteristic segment issued from the 
new location of the shock wave to intersect the initial surface In a 
base point  3.  Unlike for a body point, the calculation of a shock point 
will be an iterative procedure since the shock shape is not known and 
must be found as part of the solution.  This is obtained by matching 
the values of the flow properties behind the shock calculated from the 
Rankine-Hugoniot relations with those calculated from the compatibility 
relation along the wave characteristic.  The iterative procedure consists 
of the following steps: 

i) a shock slope is assumed and a new shock point is located; 
ii) a C -characteristic is projected from this point to the base point 3 

whose ordinate is given by: 

C3 = 1 - AX 

(«)■' 

where the slope is evaluated from Eq. (18). 
iii) the conditions behind the shock are evaluated using the Rankine- 

Hugoniot relations which, after the transformation of Eq. (A) 
become: 

Ps " P. p U   (F - 1) 
00  .n 

V = V + E     W = U + uE 
S   <» S   •,n 

5c ■ Oj* 

U  = U + XE s  • 

(22) 

where 

Y + 1 

2YP„ 

(Y + i)D  U' 
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V    + uW    +  XU U       (F -  1) 
on oo <JO ■ n 

U E = —2  

y 1 + u2 + \2 J I  +  u-'  +   \2 

iv) these values and the interpolated properties at point 3 are subs- 
tituted into the compatibility relation Eq. (15) along the C-char- 
acteristic. 

v) the slope is changed, and Steps iii)  to iv) are repeated until 
Eq. (15)  is satisfied within a prescribed accuracy. 

The prediction of a better estimate of .he shock slope in Step v) is 
obtained using the Secant method.  This is an iterative procedure where 
two initial values are extrapolated to yield the next improved estimate. 

Initial Conditions 

The method of characteristics is not self-starting and requires 
that a solution be specified on an initial space-like surface.  This is 
usually a difficult problem in itself, but for the ducted bodies with an 
attached shock wave considered in this study, simple and accurate initial 
solutions are possible.  This is because the shock wave Is attached to 
the leading edge, and hence the flow field may be approximated locallv by 
a number a two-dimensional wedge flows with a transverse velocity com- 
ponent, W .  Such flows are calculated within each reference plane using 
the oblique shock relations.  It is noted, however, that the proposed 
numerical technique la not restricted to such flows, but can equally well 
be applied to blunt bodies by supplying the appropriate starting con- 
ditions . 

Interpolation and differentiation 

in  the proposed technique, the solution is obtained at the nodes 
of a coordinate grid by issuing a network from each of these in the 
upstream direction. Thus, the base points of these networks will not 
coincide with the nodes of the previous plane. Consequently the values 
of the flow variables at the base points are obtained by interpolation. 
This manner of integrating the equations may appear disadvantageous 
compared to the schemes where the networks are projected downstream from 
the solution points of the previous step.  In that instance the values 
at the base points are known exactly and no interpolation is required. 
It is discussed in Camarero (5), however, that such schemes are unstable, 
and that interpolation is precisely what is required to make them stable. 

In the present study  an interpolation procedure using Tchebycheff 
polynomials was devised.  These polynomials have the property that they 
will yield a uniformly distributed error over the interval of inter- 
polation so that equally accurate values are obtained near the end points 
as in the midrange of the interval.  Furthermore, the maximum error will 
be the smallest compared to all other polynomials.  This is achieved by 
spacing the nodes so that they coincide with the roots of the Tchebycheff 
polynomial whose order equals the number of nodes.  Since the first and 
last roots do rot coincide with the end points of the interval  of a 
Tchebycheff polynomial, it was necessary to transform the pnlynomial so 
that these roots would coincide with the computational interval.  The 
resulting algorithm is very efficient and simple, and is described in 

*•'• (3)- 19b< 

In all  schemes  using   the  method of  characteristics   it   is   required 
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to evaluate derivatives. In the present problem, the flow properties 
are calculated explicitly by means of Eqs. (19), (21) and (22), where the 
derivativer.  3U/34), 3V/3$, 3 p/ 3 ^ etc, appear through the coeffi- 
cient Aj's in the definitions of the C.'s in Eqs. (20). 

Moretti (8) has used polynomial fittings which are then differ- 
entiated.  These, however, oscillate between the nodes where they yield 
the largest error, and unfortunately this is precisely where the derivat- 
ives are required.  Another method, used by Katskova and Chushkin (7), 
uses trigonometric series.  These are well suited for variations which 
depart slightly from axisymmetric cases. 

In the present technique, a procedure using spline functions was 
devised for the numerical evaluation of derivatives.  Spline functions 
are a series of piece-wise polynomials which yield accurate and smooth 
derivatives.  Furthermore, from a series of numerical experiments carried 
out in Ref.(5), it appears that cubic splines are relatively insensitive 
to truncation errors appearing in the data to be differentiated.  This 
is particularly important in numerical techniques where the solution 
obtained at the nodes contain such errors. 

NUMERICAL COMPUTATIONS 

The various procedures fnr field and boundary points, the initial 
solution, interpolation and differentiation were Incorporated into an 
overall algorithm for the computation of three-dimensional supersonic 
flows.  The program has been coded in the Fortran IV-G language and the 
listing is given in Camarero (5). 

The input data for a given calculation are the freestream Mach 
number, the angle of incidence, two Intergers to determine the mesh 
size, the location of the Initial solution, the maximum step size, a 
tolerance for the shock wave Iteration, the angular position of the plane 
of symmefty, and other parameters for the output of the solution. The 
program can, without any alteration, compute internal and external flows. 
This is achieved by the sign of the angle of incidence; a positive value 
for internal flows and a negative value for external flows.  This auto- 
matically generates the required changes in the program.  The flow field 
may possess one, several or no planes symmetry.  This Is specified as 
input data by the angular location of the plane of symmetry.  The width 
of the computational region  is adjusted accordingly. 

The step size of the integration procedure Is regulated by an 
active procedure which determines the maximum allowable step size from 
the stability criterion at every step.  The most restrictive point Is 
used or a value specified as input data if the latter is smaller.  The 
body shape is specified in a separate subroutine, supplied by the user 
for each case.  This may be in the form of data points or as an analytic 
function. 

The accuracy of a numerical procedure depends, for a given mesh 
size, on the order of the discretization process used to replace differ- 
entials.  In the present program, these are first order accurate.  Higher 
order accuracy can be obtained, but requires iterations for the solution 
of every point.  As these can considerably increase the computing time, 
the first order explicit scheme was chosen. 

The accuracy and the precision of the program was tested by 
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computing flows over simple shapes such as cones and truncated cones. 
The number of nodes and reference planes were varied to determine the 
effect on the accuracy. It was found that a 7x7 grid, i.e. 7 nodes 
on 7 reference planes, resulted in a very good accuracy and that the 
Improvement resulting when using a 9x9 grid was less than  .5% . 
Further, comparison with the numerical solution of Katskova and Chushkin 
(7) shows that comparable accuracy can be obtained with the present 
method using a much coarser grid, i.e.  7x7 versus 25 x 7  for the 
method of Katskova and Chushkin. It was found, furthermore, that the 
essential features of a three-dimensional flow were preserved using as 
coarse a grid as 4x4. In that instance the error was of the order of 
4%. 

Similar agreement was obtained with the solution of the flow over 
elliptic cones at Mach 6. Figure 2 shows a comparison of the variation 
of the surface pressure coefficient with the experiments of Zakkay and 
Vislch (9).  The calculations were obtained using a 7x7 mesh at 
incidences of 0° and 10°, for an accentricity, a/b = 1.39.  Figure 3 
shows the variations of the surface pressure coefficient for a tangent 
ogive with a fineness ratio of 3 at an incidence of 5 degrees in a Mach 
5.05 freestre^m, at various stations along the length of the body.  These 
results agree very well with the experiments of Savin (10). 

Internal Flows 

The program was applied to the solution of internal three-dim- 
ensional problems using as a body surface a conically convergent duct 
with a tip angle of 15 degrees.  The solutions were obtained using a 
7 x 10 mesh ai incidences of 5, 10 and 15 degrees to a Mach 4 frcestream. 
The results are given in the isometric drawings of Fig, 5 to 7 which 
show the variation of the internal surface pressure with i  and X. 
Finally, a development of the shock wave surface is shown in Fig, 4 for 
oi - 15 degrees.  It is seen that on the leeward side the wave is straight, 
i.e. it is a Mach wave. This is expected since the freestream is par- 
allel to *the body surface. 

The program compute,', routinely at each step certain useful aero- 
dynamic quantities, such as the normal and axial force coefficients 
whose variations are shown in Figs, 8 and 9 for the three incidences. 

From Fig, 4, it is seen that the shock wave position on the 
windward side equals that on the leeward side at approximately X = ,93 , 
i,e. the shock wave collapses and intersect itself. There results a 
very complicated pattern of reflected and transmitted waves with possibly 
the appearance of a Mach disc.  This problem has not been solved for the 
much simpler situation of axisymmetric flow, hence a solution for the 
three-dimensional flows is much less likely.  The computation is termin- 
ated before this occurs and this constitutes a limitation of the method 
when applied to internal flows, 

CONCLUSIONS 

The end result of the present Investigation Is a computer 
program which can calculate flow fields past a great variety of body 
shapes under a wide range of conditions.  The good agreement obtained 
with experimental measurements Indicates that the solutions provide a 
realistic description of physical flows.  These are obtained at a cost 
ranging from  $3 to $40, depending on the grid size and the number of 
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steps. The remarkable feature, Is that even when using a coarse grid 
the essential nature of the flow is preserved. 

The program generates Its own initial data and different body 
shapes are easily specified. Thus making It a useful tool to the design- 
er. A possible application would be to compute the inviscid flow field 
required for boundary layer calculations. Such solutions would also be 
useful to the experimentalist in the selection of the location of press- 
ure taps on an experimental model. 

The limitation to the method of characteristics is that the flow 
remain supersonic. However, the present program is further rettricted 
to shapes with attached shock waves, and the flow can only be computed 
up to the point where the shock wave Interacts with itself. The assump- 
tion of inviscid flow has been found to be adequate provided the Reynolds 
number is high and that boundary layer separation does not occur.  The 
assumption of a perfect gas could easily be relaxed by using a different 
equation of state, presumably In tabular form. 

The development of such a program is lengthly and involves a 
large amount of work. However, once the initial effort has been carried 
out, numerous solutions are obtained easily and inexpensively.  In that 
respect, it is felt that such programs provide suitable alternatives to 
experiments. 
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LIST OF SYMBOLS 

a 
B 
C 

I 
M 
P 
r 
S 
u, v, w 
♦ v 
X 

speed of sound 
point on body surface 
local normal force 
coefficient 
local axial force 
coefficient 
field point 
Mach number 
static pressure 
radial co-ordinate 
point on shock surface 
cylindrical velocity 
components 
velocity vector 
axial distance 

c< angle of incidence 
> ratio of specific heats 
;^ body surface angle 
f; transformed radial co-ordinate 
o density 
$ circumferential  co-ordinate 

Subscripts 

b body po^nt 
ii normal component 
i field point 
9 Fhock point 
w shock wave 

'■■ freestream conditions 
1,2,3 base points of 

computational network 
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PLANES 
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SURFACES 
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FIG.   1    Reference plane  characteristic Network 
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INVESTIGATION  OF  SEPARATED  FLOW  OVER   BOUJLS  OP REVOLUTION 
IN  SUPERSONIC   INTAKE  DUCTS. 

Zakharov N.N. 

Many works are devoted to the problem of separated flow. 
The authors of these works consider the conditJons, under 
which separated flow is observed, and investigate the ex- 
tention and configuration of separated regions, while in- 
vestigating flows with separated zones, it is very important 
to study the methods of prevention the separation of boundary 
layer. The results of such investigations at low Mach and 
high Reynolds numbers and some experimental data at high Mach 
numbers and low Reynolds numbers for all kinds of influence 
on flow with separated zones are given in works (4-5). 

The increase of Mach numbers of vehicles results in the con- 
siderable losses of their intake charecteristics, which are 
mainly caused by the increased influence of air viscosity. 
In this v.'ork the invest irrt ion of viscous supersonic flow 
was made on axial symmetric bodies representing a combination 
of an original cone with semi-angle/}^5° and a flap, a ge- 
neratrix of which in a meridional plane was formed along 
a circle arc smoothly matching with the cone or along the 
straight line (see the dash line on fig.l) inclined under 
angle «L to the generatrix of the cone. 

Besides, experiments on the models of axi-symmetrical intakes 
have been carried out. 

Experimental research was ra?de at the speeds of undisturbed 
flow corresponding to/vf=6. Reynolds number based on the para- 
meters of undisturbed flow varied in the range of Re=0.5XJO - 
2.5X10°. The length of the cone generatrix to the matching 
point (fig. la) and that of the cone generatrix to the bending 
point of the central body (fig. lb) were taken as charectc- 
ristic lengths. The conditions of the boundary layer flow 
were controlled by the temperature recovery factor on the 
surface of the body. The efficiency of the boundary layer 
control can be evaluated by the decrease of viscosity influ- 
ence on the outer flow. 

Outer flow disturbance is transmitted upstream along the sub- 
sonic sub-layer of the laminar boundary Icyer, which causes 
boundary layer thickening and at at significant disturbances 
its separation and outer flow distortion. 

The problem of influencing boundary layer can be defined as 
a task of increasing its capacity to withstand high positive 
longgitudinal pressure gradients. 

Static pressure distribution (refered to thtt on the cone) 
along the surface of the models with rectilinear generatrix 
of the flap and with the angle A =15° (at the increase of sur- 
face coo]ing near separated zone) is shown on fig. 2. 
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The befinning cf coordinates coincides with the tending point 
of the contour. 

The dimension ,•■ in mm is  countered alonf: the surf&ce of the 
body. These rosu'.^s correspond to Reynolds Re = O.^XIO^. 
Nmibers 1,2,3 denote conditions (fip.2a) corresponding to dif- 
ferent wall temperature ratio. The ratio of well temperature 
and totel flow temperature at the end of boundary layer. In 
the absence of v.&ll cooling (curve I) in front of the flap 
a developed separated zone with the characteristic constant 
pressure level (the "plateau") is formed. 

The increase of cooling intensity (fig. 2b) results in a mono- 
tonous decrease of the length of separated zone. At Tw=0.]5 
pressure distribution in front of the flap corresponds to 
practically unseporated flow. The decrease of size of sepa- 
ration zone is followed by the increase of pressure gradient, 
in the region of flow reattachment. Numerous experimental 
research show (see reference 5) that the length of the sepa- 
rated zone on the adirbatic wall is determined by the values 
of M and Re numbers before the point of separation and "non- 
viscous" pressure value at the point of reattachment. 

Development of separated zones on bodies with a curvilinear 
generatrix and in canals is characterized by the change of 
pressure P in the reattachment point with the change of the 
separated zone geometry. 

Thft is why in these flows the influence on separated flow 
regions is stronger than on the bodies with rectilinear 
generatrixes in a free flow. 

The character of the flow around the model with the curvi- 
linear generatrix is shown on fig. 2b. 

Pressure distribution in a meridional plane along the surface 
of the model is shown at the left (fig. 2b). Nondimensional 
pressure P is shown on a vertical axis. The distance measured 
along the axial symmetry of the body from the matching point 
of the cone and the curvilinear surface is shown on a hori- 
zontal axis. A solid line on fig.2 corresponds to pressure 
distribution calculated on modified Newton relation. A dash- 
and-dot line corresponds to pressure distribution calculated 
on 1'usemn.n equation and dashed one to that determined by the 
method of a normal wave. Curves of relative pressure ( the 
ratio of pressu'  measured by Pitot tube and total pressure 
in a free flow)  i the section of the beginning of pressure 
waves focussirr 'X0=J.9) can be seen at the right (fig. 2b). 

The pressure ratio after normal shock wave P0 is shown on 
a horizontal axis, the distance^ in mm measured from the wall 
is shown on a vertical axis. The change of P0 for the ideal 
gas shown by a dash line (fig.2b). This was calculated on 
correlations on a simple wave. Sign ] corresponds to experi- 
mental pressure values of the models shown on fig. la at 
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Re=0.5XI0 with the extended sepereted zone on the surface. 
Sign 2 corresponds to experimental data v/hen the surface is 
cooled. 

One can see from the correlation of theoretical and experimen- 
tal values of P and P0 that aerodynamic psraraeters at some 
temperature values of the wall correspond to an unseparated 
flow around the model. These values are close to the estimated 
data for the ideal gas. 

The increase of the Reynolds number up to 2.5XIO also results 
in an unseparated flow around the curvilinear surface. 
Pressure distribution along the surface of the body at the 
value of he=2.5XlO° is shown on fig. 2b by sign 3. It co- 
incides very well with the pressure distribution at Re=0.5XT0 
in case of cooling (Tw=0.I5). Temperature recovery factor r 
in the region of matching oi  conical and curvilinear sur- 
faces was equal to 0.^8, which proves that the flow regime 
in the boundary Iryer vies  transitional. Further increase 
of Reynolds number (Re^ 2.5X10°) does not resultin a signi- 
ficant change in pressure distribution on the surface of the 
body. The superponic flow in a canal with separated zones 
is illustreted on figs. 3 end 4. Pressure distribution along 
the central body in a meridional plane is shown on fig. 3 
and fig.4 at the left. 

The pressure ratio P is shown on a vertical axis. The distance 
measured along the axis of symmetry from the summit of the cone 
is shown on a horizontal axis. 

At the right on figs. 3&4 one can see changes in the ex- 
tention of the separated zone at different Reynolds numbers. 
The results of the investigation presented on fig. 3 are for 
laminar boundary layer. 

The shock wave reflected from the cowling leads to a lami- 
nar boundary layer separation. Regions of the peak changes 
oftho static pressure along the central body (fig. 3) nearly 
correspond to the regions of the reattachment of the flov. 
At Re=0.6XI0f an extended separated zone with the point 
of flow attachment before the bending of contour is formed 
on a central body. 

Pressure at the reattachment point P+ is determined by the 
flow turning at« =2ißK4 6$)  or &* ßk*-M$i Bügle  if the re- 
attachment point is in front or behind the contour (e) 
bending point correspondingly. 

For laminar flOA the angle of the separated zone is determined 
by 9$** Re'^ • t'hus at the increase of the value of Re 
number, pressure in an isob; ric region and in the region of 
flowreattachment drops and the reettachment point moves 
downstream. At the spme time the region of separated flow 
in front of the entrance plane monotonously changes with 
the Reynolds number increase.. At He= 2,'obA10^  the separated 
region is slowly moving aownstrearri behind the contour bending. 

2G7< 



-4- 

If  the boundary layer on the central body upstream of the 
intake entrance  is not  conserved lemintr in the   whole range 
of Reynolds,   a nonraonotonous dependence   £'(Rr)   is observed. 
With the   increase of  the  Reynolds numbers  separated   zone 
decreases(fig.   4).  At   the  same  time  the  transition point   in 
the  intake canal begins moving upstream to  the  entrance  plane. 
This flow is characterized  by a  symmetrical  zone  with non- 
curvilinear borders. 
At  Re=0.9XI0^  the transition point  from one regime  to  the 
other reaches the  intake  entrance plane.  With further in- 
creare of Keynolds number  it begins  influencing the outer 
flow  in  front of the  entrance plane  thus  causing  the  exten- 
tion of  the  separated   zone. 
The  flow with an unsymmetnea]   sepr-reted  zone with  curvili- 
near edge  is  characteristic of  this  range of Reynolds number 
change.   At  the  turbulent  flow on the  conical  surface of the 
central  body  separated   zone  begins  to  decrease.   At  the  same 
time  the  separated zone  becomes  symmetrical 
With further Reynolds  number  increase  its  insignificant 
change  results  in the   sharp change of separated  zone.  At 
Re=I,63XJ0"  separated   zone moves behind  the bending point 
of  the  central body of  the model. 
At   the  theoretical analysis of a supersonic  intake   starting 
in  case  of an  ideal fluid  the flow scheme with the  normal 
shock wave   is assumed. 
However  this  scheme  is   significantly changed at   the   inter- 
action of shock waves  with  influence on  the boundary layer. 
Instead  of a  simple  front  shock wave,  a shock wave   in the 
form of      appears, which  is further transformed  into an 
inclined   shock wave.   It   comes from the  beginning of the  se- 
parated   zone  to  the  frontedge of the  intake  cowling.   The 
abovementioned phenomenon  contributes to  the  following: 
for  small semi-angles  of the  cone   (^=10°  to   T2.50)  at 
high Tach numbers  (M=4.4  to   5)  and  for laminar  flow regime  the 
throat  area  Ph which   is necessary for intake  starting  (de- 
sign flow in  front of  the   entrance  plane of the   intake  ca- 
nal)  decreases sharply  at   1.5X10°    Re    2,4X10^   in  compari- 
son v.ith Ph  found at   the  assumption  that  the  shock wave 
at   the   entrance end  sonic  speed   in  the  throat  exists   (fig 3) 

Central   body  cooling at   the  laminar  flow regime   in  the  boun- 
dary  layer results  in   the  decrease  of the  intake  area at 
starting.   Under these   conditions  the  influence  of  the  tem- 
perature  factor Tv,  onFh  increases with Reynolds  number oe- 
crease   (fig.   5^   . 
The  effect of heat exchange on  starting and  intake  charac- 
teristics deprr.ds on   the   flow regime  in the  boundary  lay- 
er.   It  the laminar boundary layer on  the  central  body  the 
extention of  the  separated   zone   in  front of  the   entrance  plane 
changes   in proportion  to  temperature  factor  (fig.   6,   sim  1,2). 
If  transition  from laminar  to  turbulent  flow regime  takes 
place on the  central  body  near the  separation point of the 
flow then  the  decrease  of  Tw leads  to  relamination of  the 
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boundary layer and to the increase of the separated zone 
before the entrance plane (fip. 6af sign 3). 

The analysis of the flow with a separated zone in a canal 
shows that the conservation of the linear- size of separated 
zone is the condition of keeping its geometric similarity 
at Re and Tw 

l0(he,Tv, ) = constant. 
Let us assume that the pressure coefficient Cp+ behind the 
region of the flow reattachment is proportional to the pres- 
sure coefficient of the throat behind the shock wave re- 
flected from the cowling Cph» 

Then if one takes the approximated correlation for the 
linear size of the separated zone l0«l/5*'*'(C"-» - Cp«) 
one can get the correlation between the Reynolds at start- 
ing and intensity of heat exchange Tw 

I Re (Tw) 
ReH) 

4       Elil-LrflM-.TwhTlMH.Twl-O   H) 
ReH)   J 

t(MH.Tw) = (fgf6)V;Y(MH.Tw) = ^^Tw 

CM+ 

Cn*  is the pressure coefficient  in the region of the "pla- 
teau". 
The  calculation of Re(Tw)/Re(T)  values  by the   equation  (I) 
for r.1=6 and5 =0  to 0.2  shows   (fig.6,   signl)  that  starting 
Reynolds number  in laminar How regime  decreases with the  de- 
crease of the   temperature  factor Tw 
Results of experimental  investigations on  intake models 
with the  central  bodies  in the  form of cones with  the  semi- 
BnpleßK=100  and   Fh=0.2T0 to 0.4^4  are  also  demonstrated. 
Design data   correspond to  experimental  ones. 
The  increase  of the  total  turning angle of the  flow  (cor- 
responding to   the  decrease of6)  reduces  to a  certain degree 
the   influence  of  the   temperrture  factor Tw on Reynolds num- 
ber at starting. 
At  the  transitional   flow regime of  separated   zone  the  influ- 
ence of wF.ll   cooling on Reynolds number at starting  is rather 
weak  if the  regime does not  change   (fig.   6,sign?). 
If the  transition from  the  laminar  to   turbulert  flov; regime 
takes place  on  the  central body  near  the  point  of  flow se- 
ptrati n,   the  decrease of temperature  factor  causes to de- 
crease  the  Reynolds number' at. starting. 
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THREE-DIMENSIONAL WAVE INTERACTIONS IN SUPERSONIC INTAKES 

R.K.Nangia 

Aerodynanicc Department,  Brltinh Aircraft Corporation limited. 
Commercial Aircraft Division, Filton, Bristol, U.K. 

SUMMARY 

It Is known that In Intakes designed for supersonic flight, 
three-dimensional shock wave distortions and interactions are present. 
In general these effects are not easily avoided and may arise both in 
design and off-design conditions.    Typical causes are Intake location 
on the alrframe and flow incidence or sideslip.    Further complications 
also arise because of boundary layer. 

This paper presents the results of an experimental programme 
designed to give better understanding of the simpler type of Intake 
Interactive flows.      Modela simulating free edge and comer flows were 
tested.      The studies included fully compresslve,  "mixed" expanslve- 
compressive, and fully expansive interaction flows.      The interference 
wave structure was defined with the aid of surface statics and multi- 
tube pi tot pressure rake measurements. 

The application of this work to the design of air Intakes for 
supersonic aircraft is discussed. 

I.       INTRCDUCTION 

Intakes designed on two-dimensional (2-D) principles are 
currently employed on a number of supersonic aircraft.    In Fig. 1, a 
few typical Installations, both fuselage side and underwing are 
Illustrated.    In some Intakes the whole 2-D compression system is fully 
enclosed within the side walls, whilst in others, the sldewalls are 
either incomplete or begin downstream of the cowl-lip.    The geometry 
of the basic 2-D compression system itself depends on the design Mach 
number of the intake  (Fig. 2).    For lower Mach numbers, external 
compression  (I.e. ahead of the cowl) is used, whilst for higher Mach 
numbers, the current trend is towards the more efficient mixed type 
(i.e. external compression upstream of the cowl and internal compression 
downstream). 

In this type of Intake, interaction flows originate at the comers 
or free edges.      These proceed downstream,expanding  'near conlcally' 
in cross-section and Interfering with similar flows from other parts 
of the Intake.    Typical causes for these interactions are alrframe 
Intake interference and sideslip or incidence effects.    The Idealised 
2-D shock structure is therefore not maintained either in "design" or 
"off-design" Conditions.    KbrkegiO) has reviewed some of the internal 
and external fid«, interactions.    He has pointed out that in some cases, 
although regions of high compression or ahock give rise to boundary 
layer flow separation and degradation of flow in an inlet, flow re- 
attachment can give rise to heat rates that far exceed those of attached 
boundary layer;    this is particularly severe at hypersonic speeds. 
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To understand the complex flow structure in 2-D type intakes, a 
study of the simpler flows such as the corner flows and the free-edge 
flows on a wedge is a pre-requisite.    The possibility of alleviating 
any adverse effects or preventing them at the onset can then be 
examined.    Figs.  3 and h show the models necessary for study of such 
flows. 

In Fig. 3, an assembly for investigating the conical corner flows 
is illustrated.      In this model, the resulting interference flows may 
be classed as (i) Fully compressive,  (ii) "Mixed", i.e. one surface 
producing compression and the other expansion, and  (iii) Fully 
expansive,  according to geometry.    For the intakes,  the flows of 
classes  (i) and (ii) are more important, although the flows of class 
(iii) can arise in certain extreme off-design conditions particularly 
on fuselage side intakes. 

Although many configurations are possible within these classes, 
most investigators have   confined  their study to the fundamental right- 
angled unswept compressive corner configuration of class (i).    In this 
configuration, the interfering flow fields from the two plates are 
mutually perpendicular. 

Fig. ii shows a simple conical free edge model.    The flows from 
both surfaces of the plate are matched across a free edge at some 
angle «T^   to the free stream.      In the case of fuselage side intakes, 
this angle J^    is related to aircraft incidence.    This type of flow 
has received very little attention;    although the effects can be very 
large, as will be seen later. 

At this stage, it is useful to review the fundamental right- 
angled, unswept comer flows, since these give the first insight into 
the interference wave structure. 

II.     REVIEW OF FUNDAMENTAL WORK ON CORNERS 

Experimental Considerations 

Charwat and Redekeopp(2) investigated experimentally the unswept 
compression comer.      They were mainly concerned with a 12.2° 
deflection model at Mach 3*17, although, limited results at other Mach 
numbers, wedge angles, and wedge intersection angles were also obtained. 
The Reynolds number of their tests was of the order of 0.75 x 10 7/m, 
and, ahead of the shock impingements, the boundary layer was laminar* 
They inferred a four-zone essentially conical interference wave 
structure  (Fig. 5).      The total extent of the interaction near the 
surface of the model was nearly twice that predicted by available small 
perturbation analyses.    The zones identified were  :- 

Zone I -       A region of conical flow bounded by a comer 
shock and two slip-surfaces (entropy waves or vortex sheets) 

Zone II       -       A region of complex flow bounded by strong 
internal embedded ('inner') shocks 

Zone  III      -       An 'outer   interaction region' characterised by 
a compression fan centered at the   'triple-shock' intersection 
point.    The   extent of this region was indicated from oil tests 
by the presence of an'oil-accumulation' line 
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Zone  IV - Undisturbed 2-D wed^e flow 

It is interesting to note  that, for a typical 2-D intake, with 
the   'internal capture' area and cowl-lip located downstream of the two- 
dimensional wed^e  shock,  the whole of the   'intake ' flow field would be 
under the influence of the  corner and lie wholly within Zones I and II 
of Fig.  5. 

/ -j \ 

West and Korkegi conducted tests on a 9.5    unswept compression 
comer at Mach 3 through a Reynolds number range of 0,26  to ^7y"r'/n* 
The main objective was to minimise the boundary layer displacement 
effects at high Reynolds number, and thus produce an improved indication 
of the  inviscid shock structure.    Fig.  6 summarises their work.     It was 
found that Zone  III although lante at lower Reynolds numbers,  did not 
extend as far as the   'triple-shock'  intersection point.    As the 
Reynoldn number increased,  the total extent of the  interference 
decre-ised. 

Theoretical  Considerations 

As far as calculition of the flow is concerned it is knowr:  that 
first and second order linear theories   (Ref. h) generally under- 
estimate the  influence of comer flows,  while the  two-shock methods 
(Ref.  2) generally over-estimate  the corner effects.    Pike(5) and 
Güebel(o) have considered theoretical models of the  inviscid compressive 
flow which require matching of pressure and How direction only.    The 
'inner'^and   'outer')   flow regions are not described, find,  according to 
Korkegil1)   the uniqutmes'; of this type of solution is open to some doubt. 

(7) 
Mikhaylov and Tamilov       have calculated a few corner flows at 

Mach 6 based on the   three-dimensional finite difference scheme of 
Dohachevsky   and Rubin(ß).      Both compression and expansion flow fields 
have been considered,  but lack of sufficient detail   in the original 
paper prevents any further discussion of their work. 

More recently,   Kut]erv      has presented an inviscid second-order 
shock-capturing finite-difference solution for the unswept intersecting 
wedges  (Three-zone theoretical modj1 - Fig.  7).      His comparisons of 
the static pressure distributions and the wave  structures for the 
configurations of Charwat and Redekeopp(2), and West and Korkegi(3) 
are shown in Fig.   8«       The numerical results compare well with the high 
Reynolds number cases of the latter  (Ref.  3) 

To enable extension of this knowledge  to 2-IJ sidewall  type intakes 
of Fig.  1,  it is necessary to Include  the effect of varying the 
leading edge swoepback of the sidewall.      The: sidewall field may be 
either  In compression ''r expansion depending on the  intake location on 
the aircraft and aircraft incidence or sideslip.    Further,  the inter- 
fering flow fields from the two plates will not be mutually 
perpendicular. 

Similarly,   it  is  important to understand the  free edge flows for 
two-dimcinsional   type   Intakes without sidewalls of Fig.   1. 

With   these objectives, an experimental  programme using a series 
of comer flow and  free  edge mode',s was started in  1969.     The earlier 
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work has been reported in Rof.  10, and the subsequent work will be 
published in due course.      In this paper, brief details are presented 
of the experimental programme and the flow structure for the three types 
of comer flows and free edge flows. 

III.    EXPERIMENTAL PROGRAMME AND WAVE INTERACTION STRUCTURES 

III.1   Modulo,  Measurements and Testing 

A series of 20.1 cm x 20.3 cm x 20.3 cm  (8« x 8" x 0") right- 
angled comer flow models were built.    In Fig.  9(a) to  (c),  three 
typical models -re  illustrated.    The configurations were chosen from :- 

base   (or horizontal) plate leading edge  sweepback ^H = 0 
edge angle ^)M =  7.5 

surface deflection        f^ ■   /.$ 
(compression) 

vertical plates leading edge sweepback   ^v= 0 , 30 ,  U5 »  60 
edge angle % = ^ 

surface deflection   T*  +7.5 ,   +5 ,   +2.5 
(compression) 

-2.5 , -5    (expansion) 

The range of sweepback variation of the vertical plates included 
nominally supersonic and subsonic leading edges. 

For studying free edge flows, three base plates with free edge 
angles    fy     -7.5° and -5°  (cut-back) and +5°  (cut-forward) were used. 

Model testing at Mach 1.6$,  2 and 2.8 was carried out in the 
0,69 m x 0,76 m (26" x 30") supersonic wind tunnel at A.R.A.  (Bedford). 
The main emphasis waa on the Mach  2 testing.    lypical  test conditions 
were   :- 

Wind tunnel  stagnation pressure      -    1  Atmosphere s 
Reynolds Munber 0.99   x lO'/m (3.0    x 10 /ft) 

Surface static and pitot pressure measurements were made in a 
cross-flow plane 3.^1  cm (1.5") downstream of the corner apex.    Static 
tappings up to a maximum of 30 at 2»Sh mm (0.1") pitch were provided 
in each plate.    The pitot measurements were made with a traversing rake 
(2  to h banks of 30 to 50 tubes in each bank at 2.5h mm  (0.1") pitch 
set parallel to the base plate   (see Fig.  9(b) and   (c)).    This rake in 
its full configuration and through its complete movement covered an 
area approximately 10»IJ cm   x    10.U cm  (ii"  x U")  in the cross-flow 
plane.    The wave structure was deduced from pitot pressure contours 
(steps of 0.01   in the  ratio of local pitot pressure  to the tunnel total 
pressure P/r0). 

As far as possible,   the boundary layer on the model was made 
artificially turbulent by means of "transition" strips near the model 
leadinr edges. 

&L0< 



111.2 Compressive Corner Flows (Class  (i)) 

The Mach 2 compressive flows with variations of leading edge 
sweepback of the vertical plate  ( ^v ■ 0°*  30°, U50 and 60o), are 
illustrated in Figs.  10 and 11,    Surface static and contours from 
pitot pressure distributions are both presented.    Fig.  10 refers to 
tests with vertical plate compression   Jv -  + 7.5° and Fig. 11  with 
rfv=  "•■50.    The horizontal base plate is uns wept  (VH

=
 

0O
) and produces 

compression rfH =  ♦7.5° in all cases.      It is observed that  :- 

(1) For the "symmetric" case - Fig. 10  (a),  the shock structure 
confirms the pattern observed by West and KorkegiO).    The 
surface  static pressure distribution illustrates a gradual 
merging of the wedge flow field with the corner flow field 
through the "inner" shock impinging on the turbulent 
boundary layer.    The comer static pressure is approximately 
1»5 times the undisturbed wedge static pressure i.e. about 
10° - 110 effective compression is indicated.    It nay be 
mentioned in passing that slight asymmetries in the shock 
structure near the boundary layer are apparent;    these are 
flue to increased local  interference when the lower bank of 
the pitot rake is in the proximity of the base plate. 

(2) With <fV decreasing, the corner influence on the wedge flow 
field decreases, e.g.  for the unswept configuration of 
Fig.  11   (a) the corner jtatic pressure is about 1,25 times 
the undisturbed wedge static pressure i.e.  indicating about 
9.^'° effective compression  (see above). 

(3) There is no shock impingement on the vertical plate for the 
configurations with^v= h$0 and 60°.    The leadinr Mge is 
effectively subsonic.    Ch the base pi ite the impin^xng shock 
weakens as ^v increases. 

(It)      The interference region r'ecreases as ^increases. 

(5) The comer static pressur i decreases with increasing sweep- 
back  ^v. 

111.3 "Mixed" Comer Flows  (Class  (ii)) 

The Mach 2 "raixied" corner flows with variation of leading edge 
sweepback of the vertical plate  (^V= Oo,  30°, U5C and 60°) are 
illustrated in Fig.  12.      The vertical plates produce expansion of Jv = 
-5° and the horizontal base plate is unswept  (0M = 0°) and set at 
compression 4yf  *7.50 in all cases.    It is observed that  ;- 

(1) The expansion contours were not purely expansive and showed 
a region of weak compression just upstream, due possibly to 
a  finite radius at the plate leading edge. 

(?)      For the unswept configuration - Fig.   12(a), in the inter- 
ference  region,  the base wedge shock is drawn nearer to the 
comer under the influence of the expansion flow from the 
vertical plate and the contours of the expanded flow move 
outwards under the influence of the wedge field.      T/ie 
static pressure distributions confirm these movements. 

•> 21< 



Thus, the static pressure Jump corresponding to the shock 
impingement on the vertical plate is about UO^ lower than 
the ideal 2-D base wedge shock location.    The corner static 
pressure is about 0.76 of the wedge static pressure, i.e. 
only about 20 of effective compression. 

(3)     The pattern depends on the leading edge condition of the 
vertical plate.    When the leading edge is supersonic, the 
wedge shock is deflected towards the comer under the infl- 
uence of the expansion fan from the vertical plate.    When the 
leading edge is subsonic, a "vortex" type flow field is 
present near the leading edge. 

(li)      Shock impingement on the vertical plate   (indicated by a jump 
in the static pressure) is apparent for all sweepbac'' angles. 
It is always lower than the 2-D shock location.    Foi ^v3 600 
the impingement is almost $0% lower than the 2-D shock 
location.    Furthermore the strength of the impinging shock 
appears to increase in strength with increasing fw. 

(5) The interference region decreases as sweepback ^y increases. 

(6) The corner static pressure rises as the sweepback fa   is 
increased. 

III.3 "Expansive" Corner Flows  (Class  (iii)) 

Fig. 13 shows an example of Mach 2 "symmetric" flow,  where both 
surfaces sweptback at 0v= PH= 12.5° are arranged to produce equal 
expansions of ^v = ^H 

= -5°.      In the Interference region both expansions 
are displaced nearer to the comer.    The comer static pressure is 
approximately Oo79 of the "unperturbed" static pressure thus indicating 
that the effective expansion is about -8.8° in the comer.    As mentioned 
earlier, this type of flow may arise in certain extreme off-design flow 
conditions on fuselage side intakes. 

III.U Free Edge Flows 

Fig. 1U shows the wave structure and static pressure distribution 
on two 7.5° wedges.    Fig.  Ili(a) refers to a wedge with cut-back edge 
( dV = -7.5°) and Fig.  1k(b) to a wedge with cut-forward edge  (/T= ♦5°). 
Static pressure distributions are compared in Fig.  1ii(c).    As stated 
earlier, using such a model, the effect of incidence on a fuselage side 
intake can be simulated.    From the wave structures it is noted that the 
wedge shock curves down under the influence of the free edge.      The 
flew is far from two-dimensional.    The static pressure distributions show 
that the extent of interference is larger than that predicted on the 
basis of Mach cones of either upstream flow or downstream wedge flow. 
The cut-forward edge gives nearer to 2-D conditions than the cut-back 
edge. 

For the cut-back edge,  the static pressure at the edge is about 
0.75 of the wedge pressure i.e. indicating an equivalent compression of 
1.7° only.    For the cut-forvard edge,  the corresponding values are 
0.81i and U0.      These values are comparable to those arising in "mixed" 
comer flows. C>?2< 



IV.      WAVE STOUCTURES  Dj KMPIKICAL DESIGN OF 2-D TYPE 3'JPEI^OKIC INTAKLS 

The philosojjhy of intake desicn for sustained supersonic flight 
has been discusseii in several papers   (e.g. Rettie and LowisOl). 
VanDuine, llhoades and Swan^^/ and Antonatos,  Surber and L3tava>'3), 
An important  requirement is that the flow presented to the engine, after 
beinn conpressed be as  free from distortion and at as high a recovery as 
possible.    Perforn.anco  requirements dictate that the external installation 
drag  (spillago draß)  should be as small   is possible.      This implies 
conditions close to shock on lip   (i.e. maxlmun capture).    It is  implied 
that for 2-1) type intakeSj an important idea to be aimed for is to 
obtain >' vniform  (?-D)  flow (distribution downstream of the front-wedge 
(i.e. af-ur the first 3ta;'e of compression) in which the  subsequent 
compression with hinged  nmp and cowl-lip can also be designed to 
operate on ?-D principles. 

It  is easy to  see  that  to  maximise   Uic  capture  area for a T'-D 
type intake the cowl-lip will  lie just -ander the 2—D shock position. 
lit Mich 2,   the present results suggest a cowl-lip location at an angle 
of 33.1i5>0 and'i'/X  = 0,7!?3«    Any departure from two-dimensionality and 
uniformity of flow will modify this criterion. 

An attempt can be made to examine how the presence of a sidewall 
or free edge modifies  the basic 2-D wcige flow field   (i.e.  the first 
stage of intake  compression) and therefore also leads to the modification 
of the Mach number - capture area relationships.    Whilst these effects 
nay not be important at desiiTi conditions, when the  sidewall or free 
edge influences may be small,  they become important at off-design 
conditions such as sideslip or incidence   (depending on how the intake  is 
mounted) duo  to increased flow turning.    For this  demonstration and 
within the constraints of present experimental data,   it must be assumed 
that the   ''low field Is not subject to any additional effect due to 
another sidewall   or i free edge. 

Three c-tpture areas   (one larger than ?-D and the other two smaller) 
with the following geometry relationships are  considered   :- 

Shock to cowl lip 
angle 

1 

I 

30. 5 
36. ?0 
10.7b' 

0.598 
0.732 
0.363 

0.7 
0.86 
1,00 

The significance of using these capture areas and the relation- 
ships to cowl location may be aided by referring to Fig,  1!;(a)  it   (u). 
In Fig.  15(a),  the cowl-lip locations correspond to  varying capture areas 
^oC  >  for a fixed length of the   intake.     In Fig.  1r,:(b),   the various cowl- 
lip location:: shew variation in the length of the   intake required t& 
keep the capture area A,*   fixed.     Tn both   these cases decreasing  ^-/x 
implies  increasing supersonic flow spillage along the span of the cowl 
lip.       Fig.   15(c)  and   (d)  show the effect on intake   size   (based on above 

•/*. values and square  capture areas)  with respect to the  corner and free 
edge configurations. OOI 



In Flg. 16, for four comer configurations at Mach 2   (/y"  ■,"7»5 , 
0v= hS0 and 60o,   <rv = ^'o and -$0)t the pi tot tube pressures around 

the perimeter of the three capture areas have been plotted against the 
angular displacement from a datum through the centre of the capture area. 
To provide a reference,  the pitot levels for +7.5° compressive flow, 
freestream at Mach 2, and -$0 expansion are also indicated.      Similar 
information for the two free edge flows  ( «^ ■ -7.5° and +5°) at Mach 2 
is presented in   Fig.  17, only two capture areas  {*%■/*= 0,590 and 0.732) 
have been considered. 

From the corner configurations of Fig. 16,  it is observed that  :- 

(i)      The lärmest capture area  (>A = 0.863) includes part of the 
freestream for both compressive und mixed flow configurations 
and the distortion therefore indicated by the overall 
amplitude  is very large. 

(ii)    In crie case of compressive  sidewall configuration,  the 
pressure distribution around the perimeter is on the average 
higher than the ideal 2-D flow («TM =  +7.5°). 

(iii) On the expansion sidewall configuration the corresponding 
pressure distributions give a lower average, and distortion 
increases with increasing capture size, particularly near 
the cowl-lip region. 

(iv)    Increase in leading edge sweepbad'C also reduces the amplitude 
of distortion. 

Taking next the free edge flows   (Fig.  17), it is noted that  ;- 

(i)      The average level of compression in the flow field is much 
less than the 2-D value   ( «TH  =  +7.5°) 

(ii)    Cutting back at the free edge worsens the situation; 
adjacent to the edge a localised region of expansion is 
found. 

It may be concluded from these illustrations that  i- 

(a) In the corner configuration, the vertical wall provides a 
sensitive means of controlling the average pressure level 
and the amplitude of distortion.      This amplitude of 
distortion is less with a compressive sidewall. 

(b) In the free edge situation,  the average pressure levels 
are less than the 2-D levels and the cut-forward edge 
provides an improved flow field, 

(c) Extension of the work to more complex configurations  (i,e 
two sidewalls, hinged ramps, etc, - Fig,  18) is recommended* 

(d) The non-uniform flow effects due to the airfrane, particul- 
arly in a critical area such as the cowl-lip can be 
compensated to a large degree by the appropriate design of 
the front part of the intake.    Further work could throw 
more light on this aspect- of. design.    Extensions of theoret- 
ical methods to some  realistic configurations would be a 
considerable advantage.     *-*5 « 



V.        CONCLUDIW RKMAUKS 

It has bc'.jn shown that.,  aa a renult of the location of a ?-D 
typo  intake on the airfxvir.e,  combined \Ath flow incjdence or sideslip 
effects,   the basic ?-U flow structure is subject to interaction frcn 
the comerr or free ed^es.    Tiic main characteristics of the sinplrr 
interaction flows based on a series of experimental models have been 
described briefly. 

.. method of ueing this information in the rmpirical  design of the 
corners and free edges associated with 2-D supersonic intakes has been 
illustrated.    Further work in this field has been suggested. 

It is hope] that the knowledge of the wave interaction structures 
will facilitate the development of satisfactory methods of calculation. 
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(a)  MODEL WITH UNSWEPT LEADING EDGES 

(b) ONE SWEPTBACK SIOEWALL MODEL WITH 2- TIER RAKE 

(e) FREE EDGE FLOW MODEL WITH 4- TIER RAKE 
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FIG.   13. EXPANSIVE   CORNER FLOW 
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MIXED COMPRESSION AIR INTAKES FOR OPERATION AT MACH 2.2 

A. J. Brooks and G. J. Dndd 

National Gas Turbine Establishment. U.K. 

Summary 

Model  tests  on a  series  of  mixed compression  intakes,  at  con- 
ditions  equivalent   to  Mach  2.2   flight,   led  to  the  development  of  an 
intake bleed arrangement which  permitted continuous  operation over an 
adequate mass  flow  range  and with  acceptable  engine   flow distortion 
levels.     An analysis  method was  developed  for  comparing   intakes   in  terms 
of  thtir effects  on  pay load.     This was   used   to demonstrate   a payload  per- 
formance   improvement   of   5^   per   cent   for  the  best  model   tested,   relative 
to typical  external  compression  intakes,  with  a potential  for a further 
2 per cent   improvement   following  further development. 

Introduction 

Air  intakes  for  supersonic aircraft  are   required  to  diffuse  the 
incoming air from a  Mach  number equal   to  that of  the  aircraft, to one 
acceptable  to the  engine,   typically about 0.4  to 0.5.     In slowing the 
incoming air the   intake  raises   its  static pressure,   and since at Mach 2 
tiiis  compression  is  of  the  same order as  that  achieved by  the  compressor, 
the  intake  can make  a  significant  contribution  to  the  overall  cycle 
efficiency. 

itie  supersonic part of   this  diffusion process may  take place 
entirely within  the   intake;   this   is  referred  to as   internal  compression. 
If  the supersonic  diffusion takes  place  over an unenclosed  ramp or  cone 
with a normal  shock wave at  the duct entry,   then  the   intake  is of  the 
external  compression  type.     Where  the diffusion process   takes place 
partly over an unenclosed bodv  and   is  completed   in  a  convergent  duct   the 
intake   is  describt'c1  as  n mixed  compression intake. 

The   internal  compression  intake   is  theoretically  the most effi- 
cient,  but  the  pi'ublems  of  operation away from  its   design point make   it 
an  impractical  proposition.     The  external   compression   type was   chosen 
for Concorde.     This   choice was  well   justified  by   its   ease  of   control  and 
generally  good   levels   of  performance.     The mixed  compression  intake   is 
generally  regarded  as more  complex and  has  control   problems   but  offers  a 
potentially   lower   installed drag  than  the   simpler  external   compression 
type.     The  drag  reductions  offered by  the mixed  compression   intake arise 
from the  reduced   inclination of   the  cowl   to  the   free   stream  direction as 
compared with  the  external   compression type   (Figure   1).     however,   sur- 
faces   inclined  to   the   free  stream produce  not  only drag,  but   lift,  and 
in considering  intake   optimisation  this   term must   also  be   remembered. 

A  researcli   programme  lias  been undertaken  at   the  National  Gas 
Turbine Establishment   to  study   the  operating problems   and  the  per- 
formance  of   the mixed   compression  intake  at Mach   2.2.     Model   tests  and a 
theoretical   investigation were  used  for  this  study.     To provide  a focus 
for  the  research,   the  Concorde  mission and  the   performance  of  the  pre- 
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production aircraft were  selected as  a basis  for design and assessment of 
intake  performance.     This was  designated  the  "reference"   intake.     The 
results  are  however,   applicable  to other aircraft  designed  for  this  speed 
range. 

The  experimental   programme 

Tests were carried out   in the   12  in.   Intake Test  Facility     at NGTE 
on models which were  approximately   l/15th  scale   representations  of  a 
single   isolated  intake   (Figure  2).     In order  to obtain  the   correct 
Reynolds  number   the   tests were   run  at elevated  pressure.     An  inlet   local 
Mach number of  2.1 was  used  to correspond  to conditions   in  the underwing 
flow  field at  a flight Mach  number of  2.2. 

A  series  of   interchangeable   parts  enabled various  builds,   as  shown 
on Figure  3,   to be   tested.     An   internal   cowl   angle   of   5    was  common  to 
all  ouilds.     The  sidewalls  extended   in a  straight   line   from ramp   tip  to 
cowl   lip with no cutback  on   the   leading  edge,   and   in  order   to assist 
schlieren viewing cc  the  flow,   no representation of  the  splitter plate 
was made.     The  ove  all   length  and  the  subsonic  diffuser were   represent- 
ative  of   the  Concorde  design,   as was   provision  for  removing  bleed  air 
from the   throat   region   to  control   the  ramp boundary   layer. 

The   factors  studied were   intake  pressure   recovery,   the  bleed 
quantity and bleed pressure  recovery   (which  together define   the   internal 
aerodynamic efficiency of  the   intake)   and the non-uniformity   (nc60)  of 
the  engine   face   flow. 

Intake  pressure   recovery was  measured  by  a pi tot   rake   at   the 
engine   face  plane.     An  axially   translatable  calibrated  plug was  used  to 
control  and meter  the   representative  engine   flow. 

The   first mixed  compression  build   tested   is   shown  on  Figure   3(a). 
The  supersonic   ramp  extended   right  across   the  bleed  slot  as   a dis- 
tributed bleed area.     The  performance  of   this  build,   shown   in  Figure  5(a), 
shows   a  slight   increase   in   intake  pressure  recovery  over   that  of   the  ref- 
erence   intake.     The engine   face pressure distribution was  also better 
than  that  of   the  external   compression   intake  at   this  Mach   number.     The 
hit   d   pressure  recovery  however was   low,   about 0.26 with   approximately 
6   per  cent  bleed at   the  exit   point.      But   no mass  flow variation was  pos- 
sible;   reduction of  flow  from  the  peak  recovery  condition brought  on an 
'unstart'   (SL. .'den expulsion  of   the   normal   shock)   in   the  manner  typical  of 
intakes  having some   internal   compression. 

2 Standard  atmospheric   variations  at  a   typical   cruise   altitude     show 
that  a   5 C   change   in  ambient   air   temperature   could be  encountered   in 0.03 
nautical miles.     At   Mach   2.2   thin   implies  a change  of  0,027 Mach  number or 
around   3 per cent  of  engine   flow  in  0.08 seconds.     So  an   intake  should 
ideally be  able   to accommodate,   say,   5  per cent  drop   in  engine   flow from 
that   at   its  operating  point.      If  unstart   is   to be  avoided  a  conventional 
mixeu   compression   intake   such   as   this  first build would have   to  cruise 
very  supercritical1y,   with   associated   loss   in  pressure   recovery  and 
worsening of  distortion   levels   at   the  engine   face.     A  fast-acting  control 
system   to by-pass  or dump   the   excess   flow  is   a possible means  of   avoiding 
unstart,  but   imposes   further  complication and weight.     An  alternative 
solution   is   to operate   the   intake with  a higher-than-optimum ramp   angle. 
By   tiiis  means   the  effects  of   unstart   can be   reduced   or eliminated 
completely.     Disadvantages  of   this  solution are again a drop  in per- 



formance,  and a need   to re-size   tlie  intake  to obtain  the  desired flow at 
tlie  new operating  point. 

In an effort   to produce  a mixed compression   inlet  not  suffering 
from these  problems   an   intake   incorporating  the   'free  boundary'   principal 
wis made,   (Figure  3(h)).     At  the   operating point   it  had  a  conventional 
mixed compression  shock  pattern,  but   the  ramp  terminated  at  about   the 
plane  of   the   cowl   lip.     The   'free  boundary'   between   the   trailing edge  of 
the   front  ramp  and   the   leading edge  of   the   rear   ramp  defined   the   internal 
geometry.     Any  reduction   in  engine   flow caused   the  normal   shock   to move 
forwards,   the   increase   in  static   pressure  across   the   shock  deflecting   the 
free boundary  to form a  local   'effective'   throat   in which  the  normal 
shock could be  positioned   stably.     The  excess   air  spilled   into   the  bleed 
system,   and continuity was  maintained without  disturbing   the  upstream 
shock  system. 

The   results   from   this   first   test  of   an   intake   featuring   the  free 
boundary were  very  promising.     Unstart was  eliminated   and  reasonable per- 
formance   levels were  measured   (Figure  5(b))'     A  peak  pressure   recovery of 
91   per cent was obtained,   at which  condition   the  \)Ch0   was 0.1A.     A  flow 
reduction of  just  over  4  per cent was  possible  between   this  point  and  the 
critical  condition -  here  quite  conventionally described  as   that  point 
beyond which any further  flow  reduction causes  detachment  of   the  cowl 
shock.     Since  stable   sub-critical   operation was  also  possible with  at 
least a  further  4  per cent   reduction   in engine   flow   this   "control  bleed" 
margin would be  acceptable.     In   the  region between   the  operating point 
and   critical,   tlie  pressure   recovery fell   slightly   to 90  per cent  and  the 
DC6o   remained at a very   low   level  with  a minimum value   of  0.07. 
Schlieren photographs   of   the   intake   flow   (Figure  h)   at  various   points  on 
the  operating  range  help   to  explain  these  performance   characteristics. 
In   the  first  photograph   'A'   on  Figure  5   the   intake   is   running with   the 
design shock  pattern.     A   local  expansion  fan   is  evident,   emanating from 
the   part of   the  oblique  cowl   shock where   the   free  bouudary  turns back 
towards   the  diffu. er   tip.     Downstream of   this  expansion   the   increased 
local Mach number  causes   a   local   increase   in   the  strength  of   the normal 
shock  and  therefore   introduces  extra   losses   in   this   region   leading  to 
the   poor  recovery  and  DC«o•     Photograph   'H'   takvn   at   the maximum recovery 
condition  shows  how   the   increased  pressure   in   the  bleed   plenum  has  modi- 
fied   the  cowl   shock   from a weak   to a  strong oblique   shock  over  approx- 
imately  half   the   duct   height.     The   local   re-expansion   is   now weaker  and 
although   the  normal   shock   is  not  as   strong  as   the   previous   case   the 
overall   recovery   is   reduced.      In   the   thirc   photograph,    '('.',   the   cowl 
shock   is  all   strnnj.'   oblique,   the   local   expansion  and   rerompression  are 
noticeably smaller  and   the  distortion   is   at  a minimum,   although   this   is 
achieved  at   the  expense   of   pressure   recovery  as   oiir   less   shock   is 
involved.     A  problem with   this   first  design was   that   the  bleed   flow at 
the   operating  point  was   high  at   /.8 per  cent.     The   bleed  recovery was 
again   low,   about   30  per  cent   of   the   free   stream   total   pressure   at   the 
operating point.     This   is   thought   to have  been  primarily  due   to mixing 
within   the bleed   system of   air with   lower   static   pressure   Jrom upstream 
of   the  cow]   shock. 

In an attempt   ;o reduce bleed flow at   the operating point,   the 
diffuser  ramp wa:-  extended  forwards   to  the   intersection  of   the  cowl 
internal   shock  and  a   line   projected   from  the   ramp  surface   (Figure  3(c)). 
Ibis  modification gave  nearly   1   per cent   higher  pressure   recovery with 
about   1   per   -ent   less   bleed,   but   DC,,,,   was   higher  particularly   in   the 
transitional   region  between   the  operating  point   and   critical 
(Figure   5 (i> J, 
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Schlieren photographs showed that the distortion over the operat- 
ing range originated from interaction of shock waves on the ramp side. A 
imall region of distributed bleed was introduced at the tip of the rear 
ramp in an effort to raise the recovery in this region (Figure 3(d)). 
This produced a further increase of about 4 per cent in pressure recovery 
and a definite improvement in distortion levels. A small (J per cent) 
increase in bleed flow in the right place brought about this improvement 
(Figure 5(d)). 

An additional test of this build was carried out at an inlet local 
Mach number of 2.0 (corresponding to Mach 2.1 flight) and a reduced 
bleed exit area.  The pressure recovery at 0.93 was not quite as good as 
had been obtained previously, but the bleed flow was reduced to 4 per 
cent with a bleed recovery of 0.3.  Control bleed margin was reduced to 
2 per cent, but since the cliaracteristic was continuous, stable sub- 
critical operation wa- possible and therefore this intake could be opera- 
ted satisfactorily. 

The success of the provision of two regions of bleed led to the 
idea that if these could be kept separate, the 'performance' bleed taken 
from downstream of the normal shock should maintain a higher pressure 
recovery than if all the bleed flows were mixed at the lower levels of 
pressure ahead of the cowl shock.  This higher energy stream could be 
used as in the present installation as secondary nozzle flow and engine 
bay cooling air, whilst the lower energy air could be discharged ovei— 
board locally (through suitable orifices).  This scheme has the advantage 
that the 'performance bleed' passed through to the nozzle should be 
essentially constant flow, whilst the 'control' bleed varied with extra 
'internal spillage' to accommodate engine flow variations.  The higher 
secondary pressure could offer further performance gains by increased 
nozzle secondary thrust.  The second ramp tip was also blunted to 
minimise the effects of varying flow direction at this point as it is 
essentially in a subsonic flow region.  Figure 4(e) shows details of 
this configuration.  The performance of this build showed further slight 
improvements in peak recovery and in operating margin (Figure 5(e)). 
The anticipated Iinprovement in bleed recovery from the aft bleed region 
was not observed, perhaps due to the difficulty of engineering the bleed 
passages and the sealing between the two zones, at the small scale of 
the model. 

Theoreticaj tnvestigation 

As has been shown, chrnges in intakt design affect the intake 
pressure recovery, bleed flow and recovery, and lift and drag, sometimes 
ir.-.proving one factor at the expense of another. It is not immediately 
obvious how to decide which iu'ake design is best for the aircraft. A 
theoretical analysis was there lore undertaken to enable the effects of 
these changes to be assessed by expressing them in the form of perhaps 
the most significant index of merit: Pavload. 

Both raupe  and pavload represent bases for making intake compar- 
isons and both, in the strictest sense, should involve the complete 
flight profile in tntir assessment.  However since typically 50 per cent 
of total fuel load (including reserves) is used by a supersonic transport 
in the cruise condition during 7" per cent of the total mission time, 
optimisations made tor the cruise condition are unlikely to differ much 
from those made for Liie complete mission.  Since fuel at take-off 
represents a major proportion of total.aircraft weight whereas payload 
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represents only a minor proportion at all times during the mission, pay- 
load changes for a fixed range art far more sensitive to intake altera- 
tions than are range changes at constant payload. For these reasons pay- 
load at the cruise condition was chosen as an index for intake comparison. 

It is convenient to start by defining a datum payload P which the 
aircraft could carry on its fixed range mission, if the intakes were 
isentropic, taking zero bleed, and had zero lift and drag.  It is shown 
in Appendix I that the actual payload P.. is given by 

1 + 
REC 

'DI 
....(]) 

'LI 

Where  nT   is   the  intake  recovery,  C     /C    and C.T/C    are  respectively  the 
proportions  of  total drag and   lift wh ch  are associated with  the  intake 
and   the  Qs  are  the appropriate  performance  exchange  rates.     In order  to 
go  further  it  is  necessary  to  select  a particular design  for which  the 
numerical exchange rates  can be  calculated.    The Concorde  pre-production 
aircraft  is  an obvious  reference  for which  these values  are  quoted  in 
Appendix  1. 

Any subsequent intake designs may be compared by substituting 
either predicted or experimentally measured values of ru, C /C and 
C     /C     in Equation   (1)   above. 

The  payload ratios  for   the  intakes   shown in Figure  3  at   the design 
condition and calculated from experimental  results  are  tabulated below. 

Reference (External compression) 0.732 

Build (a) 
1                 (b) 

(c) 
(d) 
(e) 

0.744 
0.734 
0.740 
0.726 
0.772 

it can be  seen  that  Build   (b)  showed  the best performance with  an 
imtirovement  of  some 4  per cent   in datum payload over  the  reference  level. 
This  approximates  to a 5^  per  cent  increase of reference  payload. 

It  is   felt  that  an  index  such  as  payload ratio incorporating  the 
other interrelated factors could  usefully  become a standard  parameter for 
intake   testing aid analysis. 

In order  to avoid an extensive experimental  investigation  of   the 
effect  of  cowl  angle  on  intake   performance,   further  analysis was   under- 
taken  to predict optimum cowl  and  ramp angles.    Additional  assumptions 
were  necessary;   these were:- 

1. That  the bleed   system of  Build   (e)   (the best   tried) 
taking  3 per cent  flow  in each stream at  the   local 
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static pressure prevailing at the extraction points 
would produce a viscous efficiency T\ equal to that 
of the reference intake. 

2. That engine face recovery could be expressed as the 
product of shock recovery and viscous efficiency; 
the fortnor varying against cowl angle and ramp 
angle according to Figure 7 while the latter, in 
keeping with assumption (1) above, was constant. 

3. That losses associated with the bleed system could 
be expressed as a proportion of aircraft drag - the 
variation of which is shown against bleed recovery 
and mass flow fraction in Figure 8. 

4. That cowl lift and drag were independent of ramp 
angie but varied according to Figure 9 with cowl 
angle. 

5. That pre~entry drag and lift were constant at the 
levels quoted for the reference aircraft. 

With these assumptions, the results of the analysis are shown in 
Figure 10 which indicates that the initial selection of a 5  cowl angle 
for the experimental model was quite appropriate.  The best experimental 
performance has been achieved when operating at 15 ramp angle which is 
also consistent with the analysis though actual levels of payloaid ratio 
P /? are not. A detailed examination of the factors contributing 
toward payload in Equation (1) has shown the experimental shortfall to be 
due to two effects. These are that the same viscous efficiency as the 
reference intake has not been achieved and the second stream of the two- 
stream bleed system has boen recovered at a pressure less than the 
assumed level.  In retrospect the first reason could have been anticipa- 
ted in view of the increased occurrence of boundary layer shock wave 
interactions, and while improvements may be made by development effort 
it could only be expected that the referance viscous efficiency could be 
approached and not exceeded. The low bleed recovery of the second bleed 
stream is basically an engineering problem which w;'s aggravated by the 
small model scale. 

Conclusions 

Experiments on a mixed compression intake with a 5 internal cowl 
angle have shown that, by the choice of a suitable bleed arrangement, 
stable operation can be secured with an adequate mass flow range at 
acceptable levels of intake pressure recovery and distortion.  An 
analysis was undertaken to relate payload changes to changes in the 
pertinent intake parameters (ie intake pressure recovery, bleed flow, 
bleed recovery, lift and drag).  Hence a single figure of merit was 
assigned to an intake by which means it could be compared with others. 
In these terms the intake, which was tested at an equivalent flight Mach 
number of 2.2, offered a payload improvement of 5\  per cent relative to 
a typical external intake. Deficiencies in the bleed system, caused 
partly by the small scale of the model but which could probably be 
eradicated with further development were the main item which prevented 
the full potential of 7^ per cent payload improvement being achieved. 
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An analysis on the same basis,  but relying on aerodynamic predic- 
tions of  the per^ine-.t intake variables and conducted for a series of cowl 
angles,  has  shown that  the  internal cowl angle chosen for  the  intake model 
was close  to  the optimum value. 

Improvements  of  this  scale  are considered by  the  authors   to justify 
a continuation of  this work. 
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APPENDIX I 

Ptvload Analyl» 

The variable factors which alone were considered to Influence Intake perforunce assessed on a 
payload basis were: 

(1) Intake pressure recovery 

(2) Cowl dra« and lift 

(3) Pre-entry drag and lift 

(4) Bleed drag 

A combination of theoretical and eapirlcal aethods or even direct esperlaental aeasureaents aay 
be used to evaluate each of the above factors for a given Intake geometry at the cruise Mach nuaber. 
Subsequently Performance exchange rates nay be used to convert each tern Into a payload deficit or gain 
enabling an aggregate effect to be determined. 

Intake Pressure Recovery  T|j 

Intake shock recovery   T\n  nay be derived by successive application of the equations for plane 
shock waves"' to the flow regions of the Intake, given local flow conditions ahead of the Intake. 
These equations yield shock wave orientation and both static and total pressure ratios across the shock 
waves.    A viscous recovery tern  ru.  nay be defined such that 

^V     =    fp .-..(2) 

Since   r]j   has been experimentally established and   Tjq  may be calculated for the reference Intake, ^ "/ 
aay be evaluated and applied to other intakes to predict realistic engine face total pressure recoveries. 

Cowl Drag and Lift   Cnp,   C^n 

Proa the external shock pattern of a proposed intake the i'low direction and Mach number onto the 
cowl exterior may be determined.    Th'  assumption that the flow is two-dimensional enables the static 
pressure distribution to be evaluated assuming a Prandtl-Heyer expansion;  integration of the resolved 
pressure forces leads to lift and drag forces associated with the area over which the integration Is 
performed. 

At a given intake local Mach number, variations in intake ramp angle have only a minor influence on 
the static pressure distribution on ths cowl extet lor   provided the cowl shock remains attached.    How- 
ever, the cowl shape does have a significant effect.    Figure B shows the variation of drag and lift 
coefficients referred to aircraft conditions for Mach 7.2 flight for a family of cowls described ade- 
quately by cowl angle alone and including, at 12 degrees internal angle, a cowl vary similar in shape to 
that of the reference aircraft.    The region of pressure force integration extends a distance equal to 
the intake capture height off from the cowl lip.    Pressure forces acting beyond this point have only 
second order effects on lift and drag.    The included wedge angle at the cowl lip was 3 . 

Pre-Entry Drag and Lift    C^v,   C^ps' 

The pre-entry drag, and lift coefficients may be derived from the predicted shape of the cowl 
lip stagnation streamline and the pressure forces acting on that streamline. 

Bleed Drag Cjjß 

The fact that the Concorde aircraft discharges the intake bleed flow through a two-stream pro- 
pulsion nozzle complicates this theoretical study.    It is possible that alternative arrangements would 
be made with an r.ircraft fitted with a mixed compression intake; for example, direct discharge, over- 
board could be employed.    For the sake of simplicity It has been assumed that the losses in discharg- 
ing bleed are those associated with the absolute forward momentum supplied to the bleed air due to its 
passage through the intake and bleed system ducting.    Bleed losses were therefore debited against the 
intake in the form of a bleed drag coefficient.    Assuming the bleed air to be expanded to the free 
stream static pressure and discharged in a rearward direction then 

DB    '       ipvj" ••••(3) 
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The bleed nass flow rate 
and the Intake capture flow 

nay be calculated in terns of specified bleed flow ratio   Apj/Aj 

^ rx Q^p .... ('.) 
The velocity of bleed flow discharge   VgR   (relative to the aircraft) has been derived by assun- 

Ing that the bleed total pressure is equal to the local  static pressure where the bleed flow divides 
from the main flow.    This static pressure is deterained concurrently with the evaluation of shock recov- 
ery in theoretical predictions,    A velocity coefficient   'Hyp    "as employed to represent deficiencies in 
the bleed syote«. 

The complete expression for the bleed drag coefficient,  referred to aircraft conditions is 

'DB 
AI PT0 

2   Mge    rq     h-r 

m«* 
i_-j 

v-»i 

%■■: i-^K 

l(,^,:..*)'     (wX^J^J 
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where the inviscid bleed exit Mach number is given by 

7=V  

«BE    = ,pf * Y -   1 (6) 

For several bleed systems operating at different conditions individual coefficients may be evaluated 
and then added.    Equations  (3) and  (6) above have been used in the compilation of Figure 9. 

Intake Drag and Lift 

In the context of this paper intake drag   Cnj    is the sum of pre-entry, cowl and bleed drag 
coefficients.    Similarly,  intake lift   C^j    is the sum of pre-entry and cowl lift coefficients 

CDI r:DPu   f cüC   '■ 'DB ....(7) 

'LI •LPli i- r: LC ....(6) 
Ali Ixft and drag coefficients are referred lo aircraft cmditions by non-dimensionalising with 
respect to wing area and aircraft Mach number. 

Ratioralisation of Recovery,  üra^, and Lit :, 

In order to express payload as a function ol  intake pressure recovery, drag and lift,  the sim- 
plifying uauaption  that payload is a linear function of these  three intake parameters has been made. 
The accuracy of pay.oad prtdletlona will deteriorate as e»ch of the independent variables deviates 
Trom the correspo.'idinp values applicable to the reference aircraft because,  in reality,   the system 
would not behave linearly.    'Within these limitations the datum payload Pn , is related to the refer- 
ence pavload   Pj    by the equation 

^D PR + (i - nO u 9Pi 
'DJ 

CD 
"  CLI ; 

'PR 
CL 

— (y) 

which nay be  written  in  the  form ^44< 



10 

•H 1    ♦ 
h - nji hi 8h\    cüi CD a P. CLI     h a%) 

»I     /   '   lpR ^1 CD    *   IPH '  ?CJ        CL    •  lPR 3CLj 

nj öfc Cn apu C
L 

5Pn 
..,.(10) 

^- 7!yp   -   ft vQj   p- r^~   ~   ''D>   "p" IT     = *L recovery, drag and lift performance exchange 

rates respectively. 

If it nay be allowed that     'rffj-.C i     'r>D ^   ''IJ  ^O not change «hen the intake and therefore 
payload is changed then the payload   p;     for an alternative intake will be given by 

....(ll) 

where   n ; ,  -JLL     and     kj     are evaluated for the alternative intake. 1 cD     -cr 
The performance exchangt   rates and values for the reference intake parameters used in compiling 

Figure 10 are:- 

(w 

|2) 

(3) 

- 6.21; 

= 8.;,3 

= 0.017 

- 0.000702 

= 0,000113 

= 0.00027 

Assumptiona implicit in the derivation jf Equation (ll) are:- 

lntake/airframe interference is unaltered by intake modifications. 

Propelling nozzle primary flow performance is unchanged by changes to secondary flow. 

Any changes due to lift and drag force alterations can be accommodated to maximum advantage by 
trim changes. 

^D 

CD 

CüC 

CijPE 

CD-. 

CL Ü.120 

CLC =    0.00;366 

CLPIJ 0.000627 

^3 ■-   0.'>,;.- 

'I <'9 J    lO 

V ■    0.:J7? 

•■■B 
;    0.' bO 

(4)        Possible ch2mges in intake weight due to modifications may be ignored. 

NOMENCLATURE 

A 
B 

DB 

DC 
J|JI 

bleed mass flow area at capture plane 

engine mass flow area at capture plane 

intake capture area 

pre-entry spill nass flow area at capture plane 

wing area 

overall aircraft drag coefficient 

equivalent bleed drag coefficient 

cowl drag coefficient 

intake drag coefficient (C^, + C[)C + C _ ) 

^45< 



11 

C pre-entry drag coefficient 

C overall aircraft lift coefficient 

C cowl lift coefficient 

C intake lift coefficient (L  + C  ) 

C pre-entry lift coefficient 

L)C60 engine face distortion parameter 
p .   - p 
mir^o    mean 

= YPV
1  

M aircraft flight Macli number 
00 

M inviscid bleed exit Mach number 
BL 

M Mach number locally ahead of intake 

P total pressure of bleed flow 
TB 

P__ total  pressure  at  engine  face 
IE 

P total pressure locally ahead of intake 

I' ambient pressure 

P datum pay load 

P reference aircraft payload 
K 

n . minimum mean total pressure in any 60  segment 
min,,« 

p mean total pressure 
mean 
jpV2 mean engine face dynamic head 

Q„._ mass flow crossing AT LAP I 
Q bleed mass flow 

V inviscid bleed exit velocity 

V aircraft velocity 
oo 

n bleed press recovery 

PTE 
n intake recovery factor -— -- T\    *   r\ 

TO 

•; 

'V 

!;iREC 

intake   shock   recovery 

viscous   recovery 

velocity  coefficient  for bleed ejection system 

recovery  performance exchange  rate 

lift   coefficient  performance  exchange   rate 

drag  coefficient  performance  exchange   rate 
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INTERNAL COMPRESSION 

EXTERNAL COMPRESSION 

MIXED COMPRESSION 

Figure 1 Intake typer 

Figure 2 Model intake mounted on wind tunnel hatch 

247< 



CHANGES FROM 
THE BUILD ABOVE 
ARE SHOWN 
IN BLACK 

13 

THE CONCORDE INTAKE 

BUILD (a) 
MIXED COMPRESSION INTAKE WITH DISTRIBUTED BLEED 

BUILD (b) 
MIXED COMPRESSION INTAKE WITH FREE BOUNDARY 

BUILD (c} 

AS ABOVE WITH EXTENDED SUBSONIC RAMP 

BUILD(d) 

AS ABOVE WITH THE ADDITION OF A SMALL REGION OF DIST. BLEED 

BUILD ( e) 
DIVIDED BLEED SYSTEM 

Fipiro 3    Hmve o.' intaitoe tested 

^8< 
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j:-.-.\ v." J : -. I-MBLIMC *i 

FLOW 
THROUGH 
CAPTURE 
AREA 

•'i-^re H    liitake definitions 

\  C 
. INTERNAL COWL ANGLE 

INTIME 
PRESSURE 
RECtMERVf. 

92 

M 

OISTDRTION 
INDEX 
DCn 

- 4 • 

-2 

COW. 

cfTM 

-'K-J 
coy, SHOO 
■SB i 

i 

i 
i 

BUILD («] 

'S5 «5 IS *■ 
FLOW RATIO A/A« 

H3 

\ 
INTAKE 
PRESSURE 
RECOVERY V. 

DISTORTION 
INOEX 
0C„ 2 

0 

POINT 

BUILD ( c) 

80 65 90 95 tO 
FLOW  RATIO A/A^, 

96 

92 
CRITICAL 

I         P0»«T 
1                                      ''"A. 

»«RATING 
J    POINT 

f ^^Nv J BUILD (d) 

80            65 90 96 10 

INTAKE 
PRESSURE 
RECOVERV V. 

« 

66 

DISTORTION 
INDEX 
DC« -2 

CRIUCAl 
POINT 

■90 

HKRATING 
POivr 

I 

BUILD (e! 

•65 90 95 ro 
rLOW RATIO A/A „ 

Fi?vro >     ?. ■; .-•iro rocovir" ^nr!  flow distortion 
chrracteristics for the intakes tested 

24S< 
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A 

DESIGN 

SHOCK 

PATTERN 

B 

MAXIMUM 

PRESSURE 

RECOVERY 

C 

MINIMUM 

DISTORTION 

LEVEL 

Figure 6      Schlieren photographs of Build   (o)  showinR 
shock patterns at different operating conditions 

i50< 
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M, »22 

COWL INTERNAL ANGLE. 
12* 

M«»2-2 

BLEED TOTAL PRESSURE / Pto 

Figure 7   Theoretical shock recovery     Figure 8    Variation of bleed 
for a range of cowl and drag with bleed flow 
ranp anples and pressure 

recovery 

5 

M«- 2-2 
REFERENCE A/cfCfttO 

| Co-017 

»OCLC 

100 C [XL 

COWL INTERNAL ANGLE 

M,,= 2-2 

mnau MI» 

"if^ire 9    Variation of cowl lift Figure 10    Variation of payload 
and drag with cowl angle ratio with cowl and 

ranp angle 

fc51< 



RHCOMPRESSION PAR CHOCS HANS UNE PRISE D'AIR SUPERSONIQUE 

EN PRESENCE D'UN PlEGE A COUCHE LIMITE 

Georges Mc-auzc 

Office National d'Etudes et de Recherches Aerospatiales (ONERA) - 92320 Chatillon f France) 

RESUMfi 

Afin dc comprtndre le fonctionnemcnt du piege i couche litnite d'une prise d'air ä compression suptr- 
soniquc interne ct dc connaitre l'influcnce des divers parametres sur l'cfficacitc et la stabilite dc la 
recompression, un montage pcrmettant une grande souplesse d'utilisation a etc realise. A cet etfet, 
le prohleme particulier du piege i couche limite a ^te dissocie de l'^tude generale de la prise d'air 
supcrsonique en recreant dans une tuyere le Mach terminal de recompression supersonique. Tous les 
phenomcnes se passant avant le piege ont ainsi ^te elimines. Differentes formes de piegesont etc 
essayces pour des nombres de Mach de 1,12 - 1,42 - 1,72. 

L'experiencc ■ permis de degager un modele theorique simple a partir duquel une möthode de calcul a 
etc mise au point, fette methode perrnet d'expliquer et de pr^voir les resultats experimer.taux avec une 
bonne approximation et d'optimiser, pour un ecoulement amont donne, la geomötrie du piege. 

SMOCK RECOMPHKSSION IN A SUPERSONIC AIR INTAKE WITH BOUNDARY LAYER BLEED 

SUMMARY 

In order to have a better understanding of the functioning of the boundary layer bleed of internal super- 
sonic compression air intakes, and s better knowledge of the influence of various parameters on the 
recompression efficiency and stability, a special experimental set-up, allowing a great operational 
versatility, was designed and built at ONERA. Vhe particular problem of boundary layer bleed has been 

dissociated from the general study of supersonic air intakes by supplying a nozzle with a flow whose 
Mach number is equal to that of the intake at the end of supersonic recompression ; all phenomena 
taking place before the bleed are thus eliminated. Various bleed shapes were tested at Mach numhers 
1.12, 1.42, 1.72. 

From the experiments it has been possible to devise a simple theoretical model, from which a calcula- 
tion method was developed. Vl'th this method experimental results can be explained and predicted with 
a good approximation, and the blc^d geometry, for a given upstream flow, can be optimized. 

1. INTRODUCTION 

I.'ohjet de cette note est dc presenter ure etude experimentale de la recompression par choc en pre- 
sence d'un piege a couche limite, ainsi qu'une methode de calcul permettant une prevision satisfai- 
santc de l'ecoulcmcnt, et une optimisatnn de la configuration du piege pour un ecoulement incident 
dunnc, 

St-uls sont exposes les elements principaux de l'etude, et les resultats les plus significatifs. Les 
resultats complets;et certaines precision: sur la methode de calcul, pourront ctre trouves dans le 
rapport complci de l'etude ' '. 

zsz< 



2. DESCRIPTION DU MONTAGE RÄALIS^ POUR L'feTUDE EXPfiRIMENTALE 

Conditions generatrjcas 
otmospheriqoes 

Fig.   1 

Coupe fronsverso/e 
sans p'ege       ovec pi'ege 
lateral lateral 

La partie amont du montage est constituee par une tuyere bidimensionnelle A qui comporte un element 
a section constant« dans le but d'epaissir la couche limite, et se termine par des bees interchangea- 
bles B permettant de faire varier la largeur du piege. La largeur de la tuyere est 6gale a 3,5 fois sa 
hauteur. Un jeu de tuyeres permet d'obtenir differents nombres de Mach. 

La partie aval represente le diffuseur dont chaque moiti^ est constitute par deux volets relics entre 
eux par une röle souple. 

Par l'intermediaire des deux verins C, il est possible de regier d'une part Tangle  6   et d'autre part 
I'ccart relatif du diffuseur par rapport ä la tuyere AH. 

Le diffuseur est prolonge par un Element ä section constante A2 ^quip^ d'un peigne cruciforme de 

prises de pressions totales et est termine par un col sonique reglable A 2 permettant d'ajuster la 

section critique de l'ecoulement interne. 

La partie aval du col a une forme de tuyere supersonique determin^e en vue de b^neficier d'un effet 
de trompc pour extraire les debits du piege. 

Ces debits de piege, passant de part et d'autre du diffuseur sont contröles par les cols soniques Acp 
dont les volets E permettent de regier les sections. 

Le montage permet en outre d'amenager un pi^ge lateral qui s'est av6r6 indispensable pour assurer la 
stabilite de l'ecoulement. Dans ce cas, des pbques labiales sont disposes contre la tuyere et contre 
le diffuseur avec une interruption qui constitue le piege lateral. Ce piege, et le piege principal de- 
bouchent dans un caisson commun 

3. RELATIONS feLEMENTAlRES 

L'etude exp^rimentale se conduit de la fa^on suivante ; une combinaison des divers paramttres geo- 
m6t riques ayant ete fix6e (fig. 1), nous ne faisons varier que le serond col Ac2 et nous etudions 
revolution correlative du coefficient de debit primaire £ s <?»/<?<>    et de Tefficacit^ ri*?*'t/Pco 

En admettant que les coefficients de striction des cols soniques soient identiques, nous pouvons 
ecrire, l'ecoulement ctant suppose adiabatique : 

d = 
Rco ACo 

Rtx **••»* une pression d'arret isentropique moyenne en fin de diffuseur, d^finie par cette relation. 

153< 



dont on deduit 

(1) 1 = Ac. 
AC2. 

Nous admettrons de plu- que le caisson pi^s« est suffisamment grand devant Acp pour que la pression 
piege Ph puissc ctre consideree comme la pression generatrice de Tecoulement secondaire. 

D'oii, la relation : 

(2) da   /f- 
Ac© t-o 

Nous voyons par consequent que, Acp etant connu par avance, £• est une t'onction lindaire de Pfc/to 
et que la mesure de la pression picge suffit pour determiner £ ; d'autre part, connaissant la valeur de 
Ac2 correspondante, nous dctermin    ;s 1^    facilement d'apres (I). 

?>= \' 

4. OESCRIF'TION DE L'feCOULEMENT 

Pour cctte description, nous supposons une certaine geometric du piege 
et du diffuseur  fixee ainsi que la section critique Acp et nous donnons 
ä Ac2 de > valeuts successivement dc-troissantes. 

Pour une valeur de Ac2 suffisamment grande. le diffuseur est en partie 
amorce fig. 2. La partie supersonique est termince par un choc qui fait 
dccollcr les couches limites, I'efficacite est evidemment tres mauvaise. 
Pe plus pour une configuration usuelle, la pression piege Ph est inf^- 
rieure ä la pression statique Po de Tecoulemcnt supersonique Mo. 

En refermant Ac2 le choc remonte dans le diffuseur jusqu'a I'entrec. 
Au niveau du piege, rier ne change tant que rccoulcment d'entree du 
diffuseur reste enticrcinent supersonique (fig. ^). 

En particulier, le coefficient de debit £ est constant, £ = £ , mais 
I'efficacite croft, ce qui se traduit par la partie verticale de la carac- 

teristique   i?,^   'f'K- ^,- 

La pression Pb etant inferieure ä Po il y a une detente issue des Kords 
de la tuyere tout au moins en dehors de la couche limite. 

Le Systeme de chocs ä I'entrec- est done gtossicrement constituc d'un 
choc droit central attaquc au n'?ibre de Mach Mo et de deux chocs obli- 
ques exterieurs presque droi'.a attaques au Mach Ml plus elevc que Mo 
ä cause de la detente (si les faisceaux de detente se croisent sur 
l'axe. la partie centrale ''.a choc est abordee ä M > Mo). 

Si l'on continue ä ferner Ac2, le choc se detache du diffuseur et un 
certain debit passe dais le piege derriere le choc ffig. *>). Une des- 
cription detaillee d'un ccoulement comparable dans la prise d'air 
Concorde est donnee en Kef. 2. 

Ce debit est concentre en un jet tres etroit dont la direction est a 
priori inditerminee; il a pour effet de faire croitre la pression piege 
fselon la relation 21, Cette pression augmentant, le faisceau dc detente 
s'estompe, le Mach Ml se rapproche de Mo et I'efficacite continue a 
croure ; par ailleurs, le debit secondaire augmentant, une part plus 
importantc de la couche limite passe maintenant dans le piege (point 3 
de la fig. 4) ce qui contribue ä l'elevation de I'efficacite. 

Fig. 2 

F^. fl< P, 

11 Fig. 3 

TV 
Pb=Pe 

^<P»<P. 

Fig. 4 

Fig.  5 

Ph. P. 

Fig. 6 

'i* 

En poursuivant encore la fermeture de Ac2 le choc se detache de plus en plus, le debit principal dimi- 
nue et le debit piege augmente d'autant, ainsi que la pression piege qui pusse par la valeut de la pres- 

sion statique Cfig. 6). 

A cet instant, le faisceau de detente n'existe plus, et nous sommes en presence d'un choc droit au 

Mach Mo ffig. 4, point 4), 3^54** 



F,n rcalitc, 1c choc n'est pas tout*ätait droit mais il prcsente une It-gere courhure semhlable a la cour- 

hute d'un choc dchacht devant une entree d'air Pitot en regime suhcritique ffig. 6) 

(!eci re L.tc de la divergence de I'ccoulemcnt suhsonique derriere le choc. 

Pour des valeut* dc Ac2 plus reduites, le choc Emerge toujours davantage et la pression picge prend 
des valeuts superieures ä po. 

II apparaft alots Jes chocs obliques issus des bees de la tuyere, qui se combinent avec le choc droit 
pour lormer un svsteme en A ■ de sorte que l'efticacitc moyenne de recempression de 1'ecoulenient 

est superieure a 1'cfficacite du choc droit ä Mo. 

Si I'ecoulement pnmairc est partiellement intercsse par 
les deux chocs obliques 'tin   7\ son etficacite est ame- 
liorec. Mais pendant la fermeture de Ac- le choc droit se 
rapprochant du plan de sonie de la tuyere, ä un moment 
donne, röcoulenient primairc cesse d'etre inlluence par 
les chocs obliques ' iiji. H) et I'etficacite est alors rede- 
venue celle du simple choc droit . la caracteristique pre- 
sente dans ce cas un maximum. 

Fig. 7 Fig. 8 

Pour certaines contujutations Ju pie^e, dans le cas oil I'ecoulement pnmaire est d'abord interessi- par 
les deux chocs obliques, on constate sur la strioscopie pour une certaine valeur de Ac2 la brusque dis- 
pantion du svstt-me de chocs au niveau du piv.üc associce ä une lirusque augmentation de la pression 
pioue et du debit secondaire. \ous appellerons ce phenomene : desamortjage du piege 

V Mf-T'lMm-: DE f A'.C'i'. 

II est possible de c.ilculer pour ciiaque configuration, revolution 
dc reiticactte en lonction du debit ä condition de tairc certaines    it 
hypotheses que 1'expcrience semble confirmer, 

ijne configuration du pi^gc dcterminee sera dednie par les para- 
metres ^eomeciques fixes L, AH, " Acp et les parametres varia- 
bles x, h et A I fig. 'M, Fig. 9 

A chaque valeur de h, hauteur d'ccoulement capte par le piege, correspond une epaisseur de perte de 
debit   J^(Ä) , et de quuntite de mouvement   at(**) definies par 

Jo foUo   '     J 

etfii        Sz r«) -- f I±. {A.± )du 

'.c coefficient de debit primairc correspondantf ' lie ä la pression piege par ^2)) est par definition 

C —  d on I on ueduit 
H - J<(o) 

r6l    X a   M-* 

et par consequent 

II convient tout d'abord d'etudier deux cas particuliers, dont il est indispensable de connaitre cer- 

tains elements pour appliquer ensuite la methode de calcul dans le cas general. 

^.1. Htude du cas particulier Pb     Po 

PaAcfi II est impor- '-e coefficient dc debit£ designe alors pat£o est donne par  i-o - 4 

tant de connaitre la position du choc reperee par x, ainsi que l'efficacite globale, desi^nee dans ce 

cas par (^04) Po Jt'SS^ 



Position du choc (Pb     Po) 

l.'ecoulcmcnt prt-sentc un aspect analogue a cclui d'une prise d'air Pitot en regime subcritique avec 
un choc dctache. A condition que l'entree du dif fuseur ne soit pas nettcmcnt plus large ( ^H <0   ) quc 
la sortie dc la tuvere, I'tvperience montre que les distances de detachement du choc sont effeenvement 
comparahles. 

IVapres une etude de Moeckel sur les prises d'air en regime subcri- 
tique, la distance de detachement du centre de choc est donne en func- 
tion du coefficient de debit i effectif et du coefficient de debit critique 
f par 

m£ H« . K. (4 -5^) 

oil k est une fonction de Mo 'fig. 10). 

Nous admet trons que laformule de Moeckel s'applique dans le cas 
i      to quand on v r emplace T par to, debit critique maximum correspon- 
dant ä un choc attache aux levres du diffuseur quand Pb      Po e'est-a- 
dire d'apres (M 

£- = 
H - AH - Ji(Ck») 

\o -V- 

08           _ 

 u 

t 

, __     ..So 
 !-•> 
2 

Fig.  10 

Quand   VI   "   '1, To est ^videmment       I. 

Quand \'l     0 nous conserverons io      1 Con verra que, comme on pouvait s'y attendre, les resultats 
des calculs sont moins bien confirmes par 1'experience pour ce type de disposition ; les configurations 
avec  \!I      0 sont d'ailleurs pratiquement moins interessantes). 

La distance du choc associeö fo^^ocsi d'aprds notre hypothese: 

C.alcul de I'efficacite 

L etficuite dans le cas particulicr considere peut s'obtenir, en premiere approximation, a I'aide dc la 
methoJe de;, ecoulements moyttts'*', 

')n obtient ainsi lefticacite primaire apres le choc    ( 'J'o-i ) P« 

Z. (Mo) 

Le Mach Mm est obtcnu par la relation 

*+-« 

M   \^i        -i + 4 / 

en 0(Mn,)r   0(MO)    5 
GL 

dans laquelle 

(io)   Q.= >t_ SA^ et 
H ^ + TS Mo H 

(11) 

u;(.M,) -.  P/P* (M) = ( >i4- ^J  M1) 

Pour determiner I'efficacite globale ff^oi V      '' faut ei1corc connaitre l'clficacite propre du diltuseur 
l?£.Z , la recompression 1 'face aval du choc) a e 'entree du diffuseur* etant supposce iscnt ropiquc. 

Mne expression usuelle de I'efficacite du diffuseur subsonique est 



cm Me esc le Mach k I'en tree du diffuseur ec Kd un coefficient dependant surcouc de la g^ometrie du 
diffuseur (c'est-ä-dirc de AH et 0 en particulier). ' 

Le Mach d'entree Me est ici determine d'apres la loi de recompression isentropique de I'ecoulement 
moyen depuis le choc jusqu' ä l'entree par 

(13) Z(M«") - r(M«) AC/XA< 

Le coefficient Kd peut etre obtenu soit par un calcul des couches limitesdu diffuseur soit par une 
experimentation. ' 

Nous avons alors tous ies elements pour tracer sur le diagramme l^ g,     A 

la courbe 
Choc   dre\t o Na 

M)     ^oz)^-i^)y0n ez 

Chaque point correspondant evidemment ä une valeur particuliire de 
AcpCfig. 11). ■ Fig. 11 

Dans I'ctude presente Kd a ete determine experimentalement en se r^Krant au cas particulier oü, 
toute la couche limite passe dans le piege, (ro correspond alors äh=S ). On 6ctit : 

ft      _    *loz  g<parim<nhal 

et, comme dans cecas,   D = Q = 1, le nombre de Mach Mm est le nombre de Mach demure le choc 
droit Mo, I'efficacite (l7oe, )po etant cel'e du choc droit V^« 

3.2. Etude du cas particulier oil le diffuseur est en regime supercritique 

Dans ce cas, le choc est ä l'interieur du diffuseur oil, a la limite, juste a 1'entree. Le debit du diffuseur 
est constant puisque Tecoulement ä l'entree est supersonique. ' 

II en est de meme par consequent du coefficient Je d^bit d^sign^ par f ei de la ptession pi^ge Pb qui 
lui corrtspond par la relation 

(2) tm A- 
Ac© RLO 

Pour chaque configuration, il est indispensable de determiner r et Pb correspondant a une valeur de Acp 
donnee,T etant en effet la valeur limite a donner ä f quand on applique la methode de calcul dans le 
cas general. 

Nous aliens, a cet effet, etudier I'ccoulrment supersonique au niveau du pi^ge et en d^duire une deu- 
xieme relation entreTet Pb, dependan'. uniquement des conditions locales du piige. Cette relation, 
jointe ä larelation (2) donnera la solution cherchee. 

En I1 absence de couche limite, I'ecoulement au niveau du pi^ge pr6- lij     4 

senterait ['aspect de la figure 12 avec un faisceau de detente issue 
de A' Fig. 12 

En r^alite, la zone d'ecoulemer.t de hauteur h qui nous Interesse est i nti^rement comprise dans la 
couche limite, mais nous admettrons que la viscosite est ncgligeable au niveau du pi^ge, que les 
lignes de courant restent paralleles entre-ellei, et que 4 l'exterieur de la couche limite I'ecoulement 
subit une detente par ondes simples. Ces diverses hypotheses sont ctudi^es plus en details dans 

Dans ces conditions, la figuie 12 permet de deduire hj par : 

(15) h,, =   L  S\n cToJ  +  AH Cos   tTu) 

oü Oa)    est calcule par la loi de detente de Mayer de Mo ä Ml avec     CüCvi«)  -        /Pjio 

D'apres l'cquation de continuite on montre        qu'il est justifi^ d'Retire : (16)   hs Vi/» ^-i—^i 

et en definitive nous obtenons une relation ; "" /P*o   =  jf (£« ) 

(i) 



%3. 'Etude du cas ^t-ncral 

Dans le cas ct-neral, on st doauf P^   / Po. i»» 

- Si Pb > Po unc onde de choc oblique se forme en A et rencontre le choc droit 
en I   (fi>!. n>. 

- Si Pb < Po nous schcmatisons le faisceau de detente par une liene de Macho<„ / I v v o 
(fig.  14). Cettc simplification est justufie'e       . 

Le Mach Ml et la direction Al sont determines par Pb/Pio. ' 

En aval d^ ce systeme d'ondes, I'ecoulement cesse d'etre uniforme mais ctant «. 
donne qu- les directions des diverses parties restent tres voisines de la direction      • 
de Mo, n^us tr~iterons cet ecoulement heterogene par lam^thode des ccoulements Fig.  14 
moyens   ^'. 

Nous faisons alors rhypothese que le choc terminal se compose de deux parties : 

- unc section Ad avec un choc droit dans CMo), 

- unc section Ad'j avec un choc droit dans (Mi). 

La loi de conservation des debits pertnet d'ecrire, en supposant pour I'instant que la coitche limitc 
passe enticrement par le picge ; 

(17) 
P*.*   T (Mol 

La conservation de la dynalpie permet d'ecrire, Mm etant le Mach aval moyen subsonique 

AAO AAO 

Rü, Ac© ^Ao 

ainsi que 

p^0     ^cw,    AdvAa^ ZICMO') 

Hn definitive i! vicnt : f20) »?»,.- Z fM»«") 

^Irh rcprcscnte done I'efficacitc moyenne apres le systeme de chocs, pour un ecoulement uniforme 
amont. 

En fait, la section A Ao comportc gcncralement une partie de la couche limite. 

Pour en tenir compte, nous admettrons sous reserve de verifications expcrimentales la relation : 

Cette relation cxprime que le rapport entre I'efficacitc effective  ^oe et 1'ffficacitc ^»r? de l'ccoulc- 

ment sans couche limite est le meme que d.irs le cas simple Pb     Po discutc au parag. 5.1. 

L'cfficacite totale en sortie de diffuseur sera done ; 

f21) toz = Voe ■ Vez  = Vm  ■ »?*« (%^) 
Co * 

oil l?g4 est  determine en fonction der par 12 et 13 au paragraphe 6.1. 

Pour pouvoir appliquer les caleuls [ reecdents, il est indispensable de connaftre l'e'volution de la 
section Ad en fonction du coefficient de debit i e'est-a-dire la position du choc pour chaque vaieur 
de <. 

Nous admettrons que le dcplacement se deduit dc xo par la loi lineaire 

(22) z ■ zt 
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evidemment satisfake aux limites £e £ {x*»/ et   ^ s €9\ X'^") 

Combinant ,f) et '22), il vient alors la loi general« 

Pour une configuration donnee, toutes let grandeurs du second membre sent maintenant connucs, de 
sorte que a toute valeur de >, '23^ fait correspond« une position x du choc. ' 

En assimilant toujours le faisceau de detente ä la ligne de Mach o<0 on a : 

(24) o/fio* A-   "^"■cJ**'«        et evidemment    61     ?b > ?„ 

L-'X 
(25) 

oil O     represente Tangle de choc oblique Al. 

(23), (24) ou tl")) donnent la relation entre Ad et f et la methode generale de calcul exposce ci-dessus 
donne la valeur correspondantc de t 0£ 

6. niSCUSSION DHS RESULTATS TH^ORIQUES - DfiSAMOR^AGE 

6.1. Stabilitc de Tecoulement 

Si le choc n'est pas a I'entree de la tuyere et si la partie marginale de Tecoulement primaire est inte- 
rcssec  par les chocs obliques, le calcul de la caracteristique  «T. o*5^(Oest poursuivi au-delä du 
maximum jusqu'ä ce que I'efficacitc redevienne celle du choc droit   ( A<i /><*o '■*} 

l.e calcul fait apparaitre pour une valeur de Acp, suivant la configuration (L,  \H) choisie, deux types 
differents de caracteristiques quand Pb augmente et que par consequent t diminue : 

let cas - Le rapport "Z/fc = ^~     croft continument. Dans ce cas, on passe continument de la configura- 
tion de chocs en A   a celle du choc droit. 

2C cas- Le rapport ^/fc« *—Sti,».    passe par un maximum au point M 
ffi^;   15). ' prend alors la valeur f* ; pouct££*^/£,    decroit et la 

caracteristique rejoint la courbe    (♦Z.ot..)^,        en ^ avec 'a va* 
leur>'* du coefficient de debit. 

II en resultc que dans le domaine LML', il existe trois solutions 
P, Q, R (fi^;. 15) pour une configuration  1/c    '   ^t«/'Ato. 
donnee. 

rn Fi9- '5 
On demontre    ' que seules les solutions P et R sont stables. Dans 
une diminution lente continue de Act / Ac»   . le phenomene sera done stable jusqu'ä la situation (M), 
ou plusexactement jusqu'ä une position M' teile que £ (M^-^^M^ soit juste 6gal ä la fluctuation 

maximale de f  autour de I'cquilibre. 

Des que le point figuratif de I'equilibre passera ä gauche de M', on voit que sous 1' effet des fluctua- 
tions, I" ecoulement penötrera dans la zone d'instability et le point d'equilibre viendra se fixer en M". 

II apparait ainsi un cycle d'hysteresis M'V1"LL'. 

6.2. Maximum theorique de la pression piege 

Indepcr.damment du ph6nomenc precedent, le desamor?age du piege peut avoir lieu pour d'autres rai- 

6.2.L - II existe une limitc de fonctionnement lice ä une pression pi^ge maximale correspondant ä la 
limite d'existencc du point triple I du choc en \. Henderson'^' montre que pour un Mach Mo, il existe 
une deviation limite V^* au dclä de laquelle il n'y a plus de possibility de point triple, la structure 
des chocs en A ne pouvant etre conservee, le changement qui intervient conduit ä la formation d'un 
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choc unique quusi-Jroit c'esi-a-dire au Jc'samor\-agc du pi^>;e. 

Pour un nomhre tie Math Mo ^    1,27, il n'y a plus du tout de solution dc point triple et, par consequent, 
on ne pourra esperer beneticier dans ce domaine d'un effet de choc ohlique pour ameliorer I'effitacite. 

f'. 2.2. - l.e d^samor^age peut aussi avoir lieu si le saut de pression a travers le choc ohlique est t rop 
intense et provoque le decollemcnt de la couche limite de la tuyere. Nous prendrons comnie critere de 
decollenient(1) MJ/MJ,      0,78. 

Pour comparer dans un cas limite les deux derniers types de desamorvaRC du point de vue de l'efficacitö 
maximale, nous avons represente fig.  If' I'eflicacite  l-oe calculee en fonction du Mach Mi pour diverses 
valcurs de Mo el pour une configuration teile que le choc droit terminal se produise au point de rencon- 
tre des chocs obliques sur Taxe, e'est-a-dire avec une section Ad      0, L'efficacite est alors le produit 
de cclle du choc oblique et de celle du choc droit. La courbe Mi      M   represente evidemment I'effica- 
cite du simple choc droit. 

Les courbes "iso Mo" revelent un premier maximum 
classique   •lol't pour la deviation    S'   optimum. 

Sur la figure 16 sont aussi reportees en coordonnees 
^g , Ml  les deux courbes corrcspondant respective- 

ment ä la limite d'existence du point triple et au cri- 
tere de decollemc-nt Mi/M_      0,78, 

Les points situes ä gauche du critere de dccollement 
sont inaccessi'des , il en est de n>eme des points 
situes au-dessus de la limite d'existence du point 

triple ei de la courbe Mj       M0 qui la prolonjje. 

Dans ces conditions, on constate que ; 

■   pour Mo  <    I.'IL  I'etficacite maximale est  fixee 
par la condition [mint triple ou simple choc droit, 

- pour l,'H<rMo<   l.'i^, l'efficacite optimale est 
identique a l'efficacite maximale, 

- pour 1,M< M^ l'efficacite maximale correspond au 

entere de dccollement. 

4 p. 

p—- 
Liinitt mstence point triple 

.Mo* 1.1/ 

0,95* 

0,90' 

It '.2 13 

Fig.   16 • Efficacite fheor/quc 

f".L Nombre de Mach M   optimum 

\:n report.int .^.ur un >;raphique l'efficacite maximale en fonction du Mach Mo Hip. 1^), nous voyons 
qu'il existe, en dehors du voisinage immediat de M0      I pratiquement iniitilisable pour des raisons de 
stabilite, un maximum pour M   0^  1,4, 

CONOtTtON  D£TERMINWri 

II v aurait done interct dans un pro|et dc prise d'air ä obte- 
nir un Mach terminal de recompression supersonique voisin 
vie 1,4 ct une configuration du type figure Ifi (Ad    "). 

Hn realite, il est difficile d'admettre une section Ad stric- 
tement nulle 'proMeme de compatibility de lecoulement au 
point dc rencontre des chocs obliques et des chocs droits). 

'.a valeur minimum de Ad/Ao qui depend de Ml et de Mo 
n'est pas actuellement accessible a la rheorie. 

Sur la figure 17 sont done reportees les courbes d'efficacite 
maximale obtenucs suivant lesmemes principes pour des va* 
leurs eehelonnees de Ad/Ao. 

A partir de Ad ' Ao > 0,5 il n'y a plus de maximum d'effi- 
cacite mais le choc en A offre toujours un ^ain appreciable 
par rapport ä l'efficacite du choc droit. 

^60< 

L imitt 
p     existence 
Jlk point triple 
P, 

Critere 
de 

decollement 

095 

0.90 

Fig.   17 - Ffficoc/te maximum 
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"'. RESULTATS KXPßRlMENTAUX KT COMPARAISON AVEC LE CALCUL 

Sculs quelques resultats experimentaux significatifs obtenus ä M0      1,42 sont ici präsentes ; des 
essais effectual a d'autres nombres de Mach (1,12 et 1,^2) confirment la validitc de la m^thodc de 
calcul l I - 

A Mo      1,42, en absence du pieKC sur les parois laterales, les essais ont montr^ que le choc provoque 
un decollement de la couche limite sur ces parois, II en resuite une instabilite de recoulement ainsi 
qu'une mauvaisc ttficacite. Par contre avec 
un piege lateral, tous les essais montrent 
un ecoulemcnt rcmarquablement stable. Le 
Systeme de chocs avec ou sans detente 
apparait tres nettement sur les strioscopies 
(fig. 18). 

L'allure >;ent'rale d'une caracteristique ^(t) 
est tomparee avec cclle qui est obtenue 
sans piege lateral. Le gain d'cfficacite 

est particulierement important. La tompa- 
raison avec le calcul est satisfaisantc ; 
on constate seulement de laibles ecarts 
pour les points voisins de la limite oü la 
pression piige Pb est superieure ä Po. 

Ob 

2H Q. 

Fig.   19 - Fssoi ovec piege lateral 
Ces ecarts peu\ent provenir de la loi de 
deplatement retenue pour le choc, qui donnc on fait la position du centre du choc. 

La courbure progressive du choc vcrs les paroir intervient dans le cas d'une faible largcur de piegc 
et permet de hi'-ncfitier plus longtemps de l'effet de chocs 
obliques. Fn particulier la limite pour laquelle I'elficacite 

redevient cell« Ju choc droit est repousst-e (fig.  19). Th«orieJAvB«*' 

Influence de 1*angle du diffuseur 

Le k;ain li'cffii.u itc est explique par {'amelioration de F'9- " 
rc-fficacite du ditfuscur. Toutefois, il y a une legere difference sur la limite de fonctionnement, en 

faveur de I'angle nul (fig. 2'i). 

Dans 1c calcul, la loi d'avancement du choc 
ne depend pas de Tangle du diffuseur et ne pcut 
done faire appacaitre la difference des limitcs 
de fonctionnement. Pour le reste, les caract<'- 
ristiqucs sont p.irfaiter'cnt prcvues par le cal- 

cul. 

Influence de IV-c.irt  \M du diffuseur 

Sur la figure 21 sont reprösentc-es deux scries de 
caracteristiqucs pour diverses valeurs de AM/H 

et de Acp/ Aco. 

'•F' 

4« 

Q90 

O«1. 

Fig. 20 - Influence de l'angle du diffuseur 

(avec piege lateral) 

QuanH le diffuseur est en pitot ' \H > 0), a debit 
donne, I'cfficaciie est plus faible qua  Vl     '1 
f augmentation du nombre d< Mach ä l'entree du 
diffuseur) mais par contre la marge de stabilite a debit variable est plus grande, car le desamor^age 
n'intervient que pour un debit plus reduif. Quand le diffuseur est en retrait I'cfficacite n'est que tres 
legcrement am<Miorce mais le desamor^agc intervient plus tot. Le calcul permet bien de prevoir I'in- 
ftuence de \ll sur I'cfficacite et sur la limite de desamor^age avec toutefois un glissement des limites 
calculees par rapport aux valeurs cxperimentales conime   prcccdcmment. 

Jc61< 
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CXPERICnCE 

inFLUEHCE DE L'ECART OU  OlFFU6EUR< 

(ov«c p*«gc iot-*rol) 

\   \   "   ! ' 
■\ 

\i 
AMT 

M„ 1,4» 
L U>J 

4M 
R 

MriAk 

0'. 0 

' 0 3 "O.U 

•a; 

inFLUtnCE OE L'ECABT  DU  DIFFU5EUR 
(ovec p'ige lat-cral) 

.?• 

U,9b 

0 8', 

CALCUL 

Fig. 2 I 

Influence de la lar^cur du pie^e 

Pour les points oü I'b >  Po I'influence Ju choc oblique au^mente naturellement avec la larj;cur du pie>;c 
et, par consequent, I'efficacitt* croft. Toutefois, ä partir du moment oü les chocs obliques se croisent 
sur Taxe I'exponctKC niontre que I'l-couleintnl devient instablc et I'efficacitt haisse considerabk-nicnt 
Le calcul niontre. par ailleurs, que les chocs rcllechis ne sont pas compatibles avec un choc droit ("pro- 
blemes de points triples). 

Pour une largeur encore plus gtande, 
les chocs obliques se reflcchissent 
sur la li^ne dc nt en tormant des 
detentes, et l'icoulement est insta- 
blc comme dans le cas precedent. 

Tant que les chocs obliques ne 
sc croisent pas, le c.ilcul 'li^. JJi 
met bien en evidence les divers 
phenomenes. Pour la largeur de pie- 
jte L/H       1,2 teile que les chocs 
obliques attei^nent le choc droit 
prcs lie Taxe, la correspondan«. e 
est rem.irqu.iblc   meme pour P'i> Po, 
car M n'\  a plus d'eftet de tourbure 
du choc droit central. 

A'u HEJI - a 
Hfl Fig. 22 

*-■■ CONCLUSION 

r.ctte  etude  met en evidence la possibility et l'utilite du calcul des pieces ä couche limite et permet 
de discuter le choix des differents parametres en vue d'obtenir la meilleure efficacite. 

I.a mcthode de calcul proposee semhle bicn verifiee par ['experience. On notera toutefois que les 
essais ont ete eflectues avec une couche limite de faiblc t'-paisseur relative et, hien que les calculs 
en tiennent compte,  il se peut que Jans le tas d'une couche limite beaucoup plus epaisse comme dans 
cer tames prises   I'air hyper soniques, les hypotheses faites precedemment ne permettent plus dc pre- 
voir lesresultats expörimentaux de fa^'on aussi satisfaisante. 

La forme du ditfuseur jouc evidemment un role important et le choix de profils donnant la meilleure 
efficacite meriterait une etude partkulicre. 

^62< 



12 

Les essais ont £c£ effcctucs pour un ecoulement amont uniforme et un diffuseur sym^crique. Des etudes 
complementaires seraient souhaitables pour couvrir d'autres types de configurations possibles. 
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NOISE GENEHATION BY STEADY AND UNSTEADY FLOW DISTORTIONS 

J.S.B.  Mather and M.  J.  Fisher 

Univerräty of Nottingham ISVR,  Southampton 

1.0    Introduction 

The theory of Tyler and Sofrin  (Ref.   1)  which appeared in  1961  spent 
many yearn in abeyance awaiting agreement  with a  suitably conducted 
experiment.     From  1968 onwards Rolls-Royce and  Rolls-Royce  (197'0 Ltd. 
began to see  this agreement  emerging and it  is now possible  to use the 
theory,   with come simple modifications,   to predict  the   far-field angular 
distribution of noise radiating  from the inlet  to a   fan or compressor 
that has mainly rotor-stator interaction tones.     1'. was   recognised 
immediately  that the  radiation into  the rear arc  from the by-pass section 
could not be so easily  predicted since jet  refraction obviously takes 
plcice,  and radiation of the  non-linear waveform known as'buzz-saw noise 
is  equally more difficult   to predict accurately although generally with 
low phase velocities  the waves tend to radiate  the  energy at angles 
greater than 45° to the  inlet axis.     In 1970,   the  results from a  research 
compressor rig showed a multiplicity of tones  in  the  far-field at ether 
frequencies  than blade  passing and  its harmonics  even when the tip speed 
of  the compressor was well  subsonic.    A simple  extension of the theory 
(Ref.  2)   covered  this   case and  explained  the  plane  waves  that  appeared 
on  the axis  of the   fan.     The   theory  essentially  extended Tyler and Sofrin's 
work to the  case where all  rotor blades were acoustically unequal and 
this allowed  the generation of many more propagating modes at  shaft 
harmonic frequencies. 

The work in this paper continues this logical  extension and,   retain- 
ing the blade  individuality assumption,   produces an  expression  for  the 
acoustic  pressure  in  the  duct caused  by the interaction between a  rotat- 
ing inlet distortion and  the rotor and stator flow fields.    Particular- 
cases are given when  the  cellular structure of  the  distortion  is  not 
rotating,  when the  whole  system  rotates at a  value less  than  that of the 
rotor,   when  the system has  no circumferential distribution but  rotates, 
and when the rotor passes on the  characteristics of the distortion to  the 
stator row. 

264< 



2.0    Stationary distortions 

2.0.1    Applications 

These may arise and it is  the authors'   experience that  they do arise 
in many installations of aero-engines in aircraft.    Some of these  instances 
may be common,  e.g. 

1) inlet at  moderate angle of attack on landing where a  separation 
can occur behind  the lower lip, 

2) rear-engined aircraft  where the upwash  from the wing enters 
the ir.iet and causes a  fixed maldistribution of  flow, 

3) entry into the inlet of the  fuselage boundary layer  flow 
perhaps with yaw on the aircraft, 

k)  S-shaped ducts where  the static pressure continuity along the 
duct gives rise to a distortion pattern 

5) poor operation of inlets in cross-flow situations particularly 
when the  forward speed of the  aircraft  is low, 

6) the mixed  flow pattern arising from the use of blow-in doors in 
the wall of the inlet, 

7) a maldistribution of the outlet flow in a by-pass unit giving 
rise to alternating forces on the rotor blades of  the  fan. 

The distortions may be internally generated,   e.g. 

1)   the flow field through the  fan rotor when subjected to the 
potential   field of  the  pylon or some other service-carrying 
obstacle  in the  flow path of the duct. 

Less common at  the moment although under consideration  for the  future are 
the V/STOL units which by  virtue of their mode of operation i.ubject  both 
the  inlet and the outlet  to severe aerodynamic  conditions.     There are many 
sources of information on  these  conditions and one of them  (reference 3) 
is given  here  for completeness.     The authors urn at  this moment unaware 
of the details of any recirculation of the air  flow  that  might occur but 
the advent of  this situation would obviously create a  condition that  falls 
into  this category of noise source.     It should  be noted  that  the above 
list  can  be subdivided  into  examples  where  tne distortion or maldistribu- 
tion of  the  flow  is severe and  those where the  condition can almost  be 
regarded  aerodynamically as a secondary effect. 

2.0.2    Theory 

A  general   theory ha.-.;  been  developed and  the  details of  this are laid 
out   in  the Appendix I. 

For the case of the Interference between stationary distortions arid 
the rotor field, the general formulation can be reduced by putting «0-0 
where O   represents  the  rotational  component of  the maldistribution. 

Thus  the resulting acoustic pressure can be written 
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p(0, t) - 4 21 ZI a
n ( COG [ (" + P)0 - n-fl-t + ^'l + 

f" (n - p)0 - n-n-t + 0«j I COB 

The tonal frequencies produced by this pattern are at the shaft frequency 
JV. and all of its harmonics (n). It is not possible therefore to deter- 
mine the effect of this phenomenon simply on a frequency basis. Each of 
the two terms however represents modal patterns characterised by their 
circumferential distribution n + p and their angular speed 

For a finite value of p, i.e. for the very existence of a 
nip' 

distortion,  the two  speeds at each frequency will  differ.    Additionally 
the critical  speeds of the  patterns,  above which  the modes propagate 
unattenuated along the duct,  are  determined by their circumferential 
distributions and are,   in consequence,  also different.     References  1 and 
2 show that  the spherical  radiation of modal  patterns from the  end of 
ducts or inlets into the i'ar-field depends essentially on the ratio of 
the actual pattern speed to the  critical  speed  for that pattern.     In 
general patterns with  high  ratios radiate acoustic  energy at  small angles 
to  the duct axis.    Since 

n ^   p 

the patterns may be distinguishable in the far-field acoustic distribution. 
Methods to determine  the modal  content of the  in-duct  pattern by measuring 
in the inlet  flow or  in the wall of the inlet duct are  being developed 
(references  10 and  11)  and  could be applied  to  this situation. 

If the tip speed of the rotor that  is experiencing the  distortion is 
subsonic then it  can  be  inferred  from the  eigenvalues of the modes  (Ref. 
5)   that only the higher speed patterns can propagate unattenuated along 
the duct and then only  i f 

n_n- 
P 

>     V\_       for each of the modes n c 

and a maximum value of p occurs  fur each  frequency  when 

p -   n c 

Thus 
p   < n (1 + ^ü=-) 

-Oc 

Therefore at a given  frequency   (nJu)  the  range of  p  that  gives rise to 
propagating modes follows  from 

n(l  + —VP   >     nC - -r-) 

A  particular case of  interest occurs when  p       n whence   the  speed is 
infinite and the mode  is a  plane wave which radiates  its acoustic  energy 
along the axis of the  duct  in  the  far-field. 
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2.0.5 Conclusions 

1) The theory shows that a new family of modes can be generated by 
the interaction of a stationary inlet distortion and the rotor. 

2) With a subsonic tip speed, there is a finite range of distortion 
patterns (characterised by p) that generate the propagating modes. 

3) For a wall supersonic tip speed it is possible that at each 
frequency there are two families of projagating modes; possibly 
distinguishable in the far-field by thjir directional properties. 

M If the rotor has a high subsonic tip speed, the theory shows that 
propagating modes are generated in the interaction between the 
rotor and those low order distortion harmonics associated with 
the more common inlet flow maldistributions. 

5) The amplitude of the acoustic energy in any mode is not determined. 
It should be remembered that it is not necessarily the case that 
large amplitude distortion harmonics give rise to associated large 
amplitude acoustic modes. 

6) This theory does not take into account the effect of distorted 
flow on the broad band noise level radiated by the rotor. 

2.1  Unsteady cellular distortions 

These are characterised by both the discrete nature of the circumfer- 
ential distribution of pressure and the frequency or rotation 

2.1.'' Applications 

There are a number of applications which are aerodynamic in source, 

1) It is known that for certain flow conditions in axi-symmetric 
intakes, the separation at the lip can rotate around the intake 
in an unstable way. 

2) A pre-whirling flow pattern in the duct rray be carrying distortions 
from upstream obstacles or modes. 

5) The well-known rotating stall situation where the pattern is known 
to consist of a number of cells which as a whole rotate in the same 
direction as the rotor at some fraction of the speed of that rotor. 

2.1.2 Theory 

From the  general  formulation in the Appendix it is possible  to cover 
the  rotating stall case by retaining co  and p as finite non-s'.ero values 
but considering only those terms that are generated by a distortion 
rotating in the same direction as the  rotor.     Thus 

p(0,   t)  = i   £ £    H   anjl (cos   Rn +  P)0 -(nA+  l<o)t ♦  0'j     + 
nip      np    I 

cos fin - p)0 -  (ri.n.- lt»)t + 0"J   ' 



Let   = -fl-s  » the speed of rotation of the stall pattern. 

The frequencies of the two families of modes in the duct are (nA+ loo) £ nd 
(nA.- Ito), i.e. sum and difference tones of the shaft harmonic frequency 
and what might bo termed the "cell passing frequency" of the stall pattern. 
The speed of rotation of these patterns is: 

n + PJt /jt 
Sum tone,  . _A. 

n + p 

n - p-a../a. 
Difference tone,  .-A. n - p 

Since in a rotating stall  the distortion rotates at a speed less than that 
of the rotor,   then 

£*     <      1 

Thus the speed of the difference tone is greater than the speed of 
the rotor and the speed of the sum tone is less than that of the rotor. 
For unattenuated propagation of modes along the duct the modal speed must 
be supercritical.  It will be shown later than from the experimental 
results the interaction seems to be with blade passing frequency and its 
harmonics rather than the shaft rotational frequency.  Thus 

nfl - p-n-^/n.     ^ c 
 r  ^     for the difference tone mode. 

nB -  p Jl 

This mode will appear at  subaonic  tip speeds and the sum tone will appear 
only when the  tip speed of  the  rotor is supersonic.     The  equation shows 
that  for propagation there must  be a minimum value  to p,   which will decrease 
as   the speed of   the   rotor  increases  to a   value of   A-C/SL    equal   to  unity. 
This implies  that   there  is a  frequency maximum associated with  the differ- 
ence  tone,   given by 

^O.Ji»^) 

If p  is associated  with  the  cellular pattern of  the  rotating stall  then 
there will be a minimum frequency  for the modes when p equals B the number 
of blades. 

If the  rotating stall  patt.-rn is not truly tiinu:;oidal,   then p may 
take on higher values associated with the harmonics of the pattern and 
this open;-, up a  wider-  range of acoustic  possibilities  for the  equations 
briefly outlined above. 

2.1.5     Kx|ji-rirriehta I    re.-.ul l:; 

The  first  set  of experimental  results were obtained  from  the  noise 
of a % cm diameter split  stream  fan having a  by-pass ratio of *>: l.    The 
unit has individually  controlled outlet  throttles  for each of  the sections. 
Unfortunately during the early testing of the rig it was  found that the 
by-pa;i..   flow wa;; having a   Lhrottiing effect  on th«.-   flow   in the  engine 
section giving rise   to a stall  situation on t>ome parts of the  fan blades. 
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At a tip speed of 220 m/s  the spectrum of the noise radiated into the far- 
field at an angle of 60° to the inlet axis is as shown in Figure 1. The 
analyser has a constant 20 Hz bandwidth and easily distinguishes the 
blade passing tone at 2150 Hz and its harmonics. For this work however 
the interest lies in the broad bands of high amplitude noise adjacent to 
each of the three tones shown in the spectrum. On close examination these 
difference peaks lie at a fixed frequency below the tones and this 
frequency is four times the shaft rotational frequency. 

Thus from the theory  .   = k 

Since the unit lias 25 rotor blades, the equation for propagation reduces 
to 

25 - ^ > A£ 
25 - P   A 

where A. is the critical speed for a mode with characteristic value 

25 - P 

It is possible to combine the two equations, determine an eigenvalue and 
hence, by iteration, the value of p. From this the far field radiation 
pattern can be determined. This can then be compared to the experimental 
patterns shown in Figure 2. Using the inequality criterion the value of 
p must be greater than 10, but from the radiation patterns it seems that 
p must take on values nearer to the blade number 25« This value will 
obviously give a plane wavr mode at the difference tone with the first 
harmonic but it predicts peaks for the difference tones with the second 
and third harmonics of 50° and 65° respectively. Allowing for deviations 
in the predicted angle caused by 

a) the assumption of an infinite baffle termination to the duct 

b) the assumption of a constant area duct with no inlet bellmouth, 

the agreement is reasonable. 

The second experiment used the identical rig with 33 blades replacing 
the 25 blades of the original rotor.  Although less distinct figure 3 showa 
that the broad band peaks are again present but at a slightly larger 
difference frequency. Again the distribution in the far field (Fig. 'f) 
can be matched to the equations by using a value of p equal to 2?. 

The matching will to some extent depend on the assumptions of 
propagation and radiation but the equation 

B - k ^ ?B - k >. 3B - k > <-» -  *    > 
B - p    J'B - p    3B - p 

giving higher cut-off valuet;  for modes associated with the lower  frequencies 
is reflected by  the  trend in the  results  for  the peak of the  far-field 
distributions to  move away  from  the axis  for  the higher  frequency  compon- 
ents. 

The  third  experiment   Is  from a different  source (Kef.  6),   namely  from 
a small  diameter,   low speed  fan run at Perkins Engines Ltd.  at Peterborough. 
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Immediately prior to the onset of stall in the fan, the spectrum showed 
that the blade passing tone and the second harmonic disappeared leaving 
two large bands oftoise in the regions between the tones (Fig. 5). There 
are no corresponding results in the far-field but the low 4;ip speed 
suggests that a value p equal to or close to the blade number will be 
required for ^'.j theory. 

2.1.^ Conclusions 

1) Experimental results on a large diameter fan rig using two sets 
of rotor blading show that the theory can predict both the 
frequency of the difference tone and the far-field directivity 
pattern. 

2) As predicted only the difference tone occurs at subsonic tip 
speeds. 

3) The theory requires the value of the number of cells in the 
pattern to be equal to the number of blades. 

k)  This suggests that aerodynamically the rotating stall is at an 
early stage when the stall system is beginning to propagate 
around the duct and each blade generates a cell that travels 
slower than the rotor. 

5) At the difference frequency the noise is broad band suggesting 
that the rotating stall is unstable as the noise from this source 
has a large turbulent governed component. 

6) The compretisor continued to run without any deterioration in the 
condition of the unit nor a significant alteration to the by-pass 
flow, which suggests that the conclusion four is probably correct. 

7) Acoustic meatiurements may be more sensitive to the flow changes 
in this eai'ly stage than probes and are certainly much easier to 
obtain with less disturbance to the flow and could prove to be 
the basis for future work on this aerodynamic phenomenon. 

2.2 Correlated fiuctuat Lor»; 

Suppose that the inlet distortion is rotating at some speed 6ü) but 
the distortion is largely correlated over the whole of the inlet face 
instead of being divided into a well-formed cellular distribution. This 
may occur if ifii-ge scale atmospheric turbulence enters the intake of the 
engine. 

2.2.1 Theory 

The theory reduces to the simple case where the circumferential 
distribution of the distortion is uniform and p  0.  In this case the 
patterns in the duct reduce to two modeu associated with a sum tone and 
a difference tone. The speed;; of these modes are such that for subsonic 
tip speeds only the ;,Lim tone mode can propagate unattenuated giving rise 
to a pressure field 

p(ö, t)  I   T. E a M   cos [nt) - (nJl* &J0)t + 0j 
n t 



8 

n   .    fifi n + "?r 
with the condition that ^ >   -A-    the critical speed of the mode. 

n c r 

At the  cut-on condition or point of propagation,   the inequality can be 
replaced by an equality and the minimum frequency is 

(nJW £ü))   .     =  nJV(1   + -^2. )   -  nyv. 
mm nA. c 

which is  the  frequency generated by an n-bladed rotor at sonic tip speed. 
Note that  for higher  frequencies,   such as  blade passing say,  the 
frequencies  (■CAO ) associated with the distortion must be an appreciable 
fraction of the blade passing frequency  (B./1-)  to promote propagation unless 

-r— is  near  to unity. A 
2.2.2    Conclusions 

1) For well-correlated input  distortions the  propagating modes are 
associated with sum tones of the  rotor harmonic and the  frequencies 
of the distortion. 

2) There  is a minimum frequency  for propagation. 

5)  For low  frequencies,   which might  be  expected  to be the dominant 
content of atmospheric turbulence,   propagation occurs only if the 
blade tip speed nears the sonic  condition. 

2.3    Interaction with statora 

The condition envisaged is that where a distortion enters the  intake 
and interacts with the  rotor (to produce one of the acoustic situations 
of section 2.0-2.2).     The  rotor passes  the essential  features of the  dis- 
tortion,   as  well  as   the  normal  blade  wake  systems,   to  the atator bank 
which  then  suffers acoustic  changes. 

2.5.1 Apnlications 

The applications are obvious and manifold  but   for advanced  technology 
engines  would  probably  be minimised  by moving the  stator bank away  from the 
rotor.     However in a VSTOL application using powered lift the engines are 
short  in length arid  rotor-stator spacing is  small.     Ordinarily  the  stator 
number  would   be  chosen to  cut-off  the modes at  the  offending frequencies. 
This  theory  discusses  whether in  the  presence of distortion that  condition 
is still   relevant. 

2.3.2 Theory 

The  details of  the   theory are   not  reproduced  here.     They   can  be   found 
in reference  7 or  they  can be easily  obtained  from a simple extension of 
the theory  in reference 2.    The  result  is  that  the modal  number m,   which 
characterises   the  circumferential  distribution is  given by 

m       n i kV i  p 

where  n  is  the usual   shaft harmonic,   V-is  ttie number of Stators,  k  is any 
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integer ana p is the order of  the inflow diatortion components and takes 
any value from 0 to infinity. 

2.3.3    Experimental results 

The unit used for the experiments is the N.R.C. of Canada fan-in-wing; 
installation.    The unit is ?5 cm in diameter and can give a tip speed of 
200 m/s.    There are 18 rotors and 11  stators in the configuration for these 
tests and the whole unit can be buried in a cross-flow situation.    Micro- 
phones,  measuring a complete semi-circle in the far-field,  are also sub- 
jected to the cross-flow. 

The compressor is not heavily loaded and it is thought that it is  for 
this reason that the fan speed fluctuates.    On a percentage bandwidth 
analysis the filter would be wide enough to contain the frequency change 
but on a narrow 20 Hz constant bandwidth this would not be possible.    The 
signal therefore was processed by a Federal Scientific UA-7B analyser and 
the output plotted as frequency against  time on a UV recorder.    The 
amplitude of the signal is proportional  to the density of the trace on this 
recorder.    Figure 6 shows the  result  from processing the waveform from the 
microphone on the fan axis with the unit  running at 12000 rpm with no 
cross-flow.    The blade passing fundamental and second harmonic frequencies 
appear as well as a tone at the twenty-second engine order which is a plane 
wave mode as explained in reference 2.    When cross-flow at a value of 
23 m/s is introduced the signal  from the same microphone undergoes con- 
siderable  change  (Figure 7).     Many more  tones appear each as some shaft 
harmonic and the second harmonic amplitude rises considerably relative to 
that of the fundamental frequency.    From the modal equation,  with k = -3i 
then the plane wave mode (m = 0) will appear when n - 3*+      p = -1 

n = 35      P = -2 
n = 36     p = -3 

i.e.  at  the 3i+th,   35th and 36th shaft harmonics interacting with the  first, 
second and third orders of the inlet distortion.    Other shaft harmonics 
can be explained in a similar manner using different values  of k and p» 
For each of  these modes there  will be an associated radiation pattern which 
will depend on the speed of the mode in the usual way. 

2,J>.k    Conclusions 

1) Additional modes are  generated by the multiple interaction of 
the inlet distortion  field,   the  rotor and the stators of a 
compressor. 

2) The  theory predicts these modes and  qualitatively agrees with 
experimental results of a  fan in a cross-flow. 

3) The multiplicity of modes so  generated increases the possibility 
of the acoustic energy generated by the fan being convected 
unattenuated to the  far-field. 

^f)    Considerably more tonal  frequencies are  generated. 

5) To design to cut-otT of these mo  es,   the criterion derived  from 
Tyler-Sofrin's work  remains relatively unchanged since the  value 
of p is  likely to be small. 

6) The  large modal  content  at a given frequency may reduce the 
effect  of absorbent  lim rs  in redu'ing that  frequency. 
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2.4    Tyler and Sofrin 

The stator bank of V  evenly spaced stators could be said to present 
to the rotor a "distortion" which can be written in the  form 

p(0)  =      £.   £L   cos(kV0 + 0) 
k      K 

Thus in the terminology used in the theory  p = kV,  and at the blade 
passing frequency and its harmonics 

n +  p  =  nB + kV 

Tyler and Sofrin's formulation for tho pressure field was 

p(0,  t)   =     T   Z.  ^ cos  (mO - na/tt  + 0    ) 2 mn m      n 

and thus m =  n +  p  -   nB + kV      which confirms that  the  theory is consis- 
tent with previous theories. 

3«0    Conclut-doiiH and Future Work 

Individual  detailed  conclusions are given after  each subject within 
the main text  of the paper. 

Generally  the  theory  proposes a modal  generation process for an inter- 
action between a  far: or  fan unit and some  inlet  flow distortion.    Special 
cases of steady  .state,   rotating stall,   correlated fluctuations,  and inter- 
action with statora are all  dealt with and where experimental evidence is 
available the agreement  with theory is qualitatively  encouraging. 

The work  is  not  intended to  be used as a design basis  for fans since 
it is to be hoped that  the aerodynamic situations described will be avoided 
as much ati possible  during operation of the   units.     It   is however 
particularly important  in the research and development  field in noise 
because 

1) the appearance  of  ancillary tones and  broad  band  peaks must  be 
explained away  before  the basic  noise of the unit  can be .t'ound, 

2) the effect of ensuring that the aerodynamic  situation is accept- 
able  can   now  be  quantified enabling a  given design procedure  to  be 
technically arid  economically assessed. 

From the  results on the   rotating stall  condition it  is  inferred that the 
acoustic;; are  probably more  sensitive to  the aerodynamic  situation than 
the  steady state  probes are.     There in  even  an advantage over the 
unsteady probes such as hot  wires in that  microphones  reacting to this 
effect  can be  placed  in  the  far-field if the  engine  is on an outdoor test- 
bed or the aircraft  or at  worst  in the wall   of the  inlet/outlet ducting 
if  the  engine   is  mounted   in a   test  cell.     In  both cases  there will  be no 
added interference to the  flow.    Additionally microphones can be and have 
been Uüed  in   the  duct   walls of an  engine  in   flight  where  realistic 
atmospheric   condition;;  ari;;».-. 

The  paper  doe;;  not  deal   with  effects of  distortion  on  the  broad  band 
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levels although the authors have found marked increases in this component 
under many of the conditions described here.    The theory has constantly 
referred to  fan or compressor noise since the majority of the experimental 
evidence comes from that area but the work could equally apply to any 
rotating flow machine and in particular to  the gas turbine where the 
combustion system exhausts on to it a highly turbulent and distorted flow 
pattern. 

The paper adds a little to the rapidly evolving subject of acoustic 
diagnosis but much more experimental work is still needed. 
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Appendix   1 

Reference <J discussed  the effect of the  interaction between a  rotor 
having unequal   blades   in  the   row and  a  bank of     identical  stators.     In 
the  theory   that   follows  the  Individual   nature of  the  blades will   be 
retained.     When  the  experimental  results show that  the  noise  produced   by 
the  interference  between  the aeordynamica and  the  rotor  field does  not 
depend un   the  minor  differences  between  blades  then   the  shaft  harmonic 
number n i;.  replaced by  the blade harmonic  number nB. 
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The acoustic pressure field generated by a ducted rotor with unequal 
blading can be written as 

p(0, t) =   ^ a cos (nO - nJ\.t + 0n) 
n 

where 0 is the circumferential angle, JX. is the shaft speed and n is the 
shaft harmonic number. 

For the experimental case where the rotor is subjected to an unsteady 
inflow which is distorted, then the coefficient a will also depend on 
0 and t. In general, 

a (0, t) = T    Y   a .     cos (pO + 0 ) cos (lot + 0» ) 
n        1     n^P P 

where O  characterises the unsteadiness of the flow pattern. 

Substitut ing and rearra nging 

p(0, t)   = 
1 

z 
p n 

anlp[ cos (n 
L 

cos (n 

cos (n 

+ p)0 

p)0 

p)0 

cos 

(nn.- lto)t + 0j  ♦ 

(nA, ^ l«o)t + 021 + 

(nn. + lto)t + 0,/ + 

Rn - p)0 - (aa- lu>)t + 0^1 1 

where 0,, 0  , 0-, and 0.   are the *♦ combinations of 0    10    10,. \     C-      y H n        p        x 

Terms 1 and 2 in thin expression represent the interaction between 
a n-lobed rotor pattern rotating at an angular speed -A.    and a p-lobed 
distortion pattern rotating at   •ßö/p in a direction opposite to that of 
the rotor.    Terms 3 and *♦ represent precisely the came interaction where 
the distortion pattern rotates in the same direction as the rotor. 
Collectively the  four terms represent four different patterns with 
individual and distinct  speeds,    -A., to -ft,,   where 

n - l«o^ 
-n.-, —:— .-n- 

-n~? = — .-n- 

■/X-3 

n +  p 

n +  i-vz/ji 

n -  p 

n + Iwy^rv. 

n   t   p 

n -  Itjo/ju 

-n. 

JU,   =  l— .-n. 4 n -  p 

From the circumferential distribution of these patterns the critical 
speed, 7Lc^(i = 1, h)  below which the pattern amplitude will decay with 
distance nlong the duct and above which the pattern propagates unattenuated, 
can be determined in general from the eigenvalues for the excitable duct 
modes. The acoustic condition of the pattern can tuen be determined by 
comparing Ac^ and -ft-^ for the four patterns. However certain character» 
intics appear immediately and they are 
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a) JU. is always lees than JL 

b) -f\.p is the highest pattern speed. 

c) -0-, is greater than Jt only if   is greater than JL which 
implies that the distortion pattern is spinning faster than the 
rotor. 

d) -A, r is greater than JV only if -«— is less than JL implying that 

the distortion is spinning slower than the rotor. 

e) As the speed of the rotor is increased the pattern associated 
with the speed St-2 will appear first (if it is generated and 
carries acoustic energy). 

^76< 
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CONTRIBUTION A L'ETUDE DU BRUIT DE JETS EN VOL. 

G. RICHTER et C. SCHMIDT 

S.N.E.C.M.A. 

Dans la mesure oü les exigences quant ä la limitation de la gene provo- 
quee par le bruit des avions deviennent de plus en plus astreignantes, les 
avionneurs et motoristes sont obliges d'accepter les penalites liees ä 
1*adaptation de la conception des moteurs a  une faible emission sonore et 
ä des traitements acoustiques importants. II est possible, grace ä ces 
moyens, de reduire le bruit de compresseurs et soufflantes de teile fa^on 
que le bruit d'ejection peut constituer une limite pour la reduction pos- 
sible du bruit global emis par 1'avion. Dans le cas des avions supersoni- 
ques, les jets dont la vitesse est necessaireroent tres elevee representent 
la source preponderante de bruit, meme en vol ä poussee reduite. 

Depuis des annees, des dispositifs ont ete developpes qui, d'apres des 
essais sur moteur au point fixe, permettent une attenuation sensible du 
bruit de jet, essentiellement dans la direction de l'emission maximale. 
Lorsque ces dispositifs ont ete essayes en vol, leur efficacite etait dans 
la plupart des cas fortemcnt reduite, principalement par suite d'une modi- 
fication de la directivity de l'emission sonore des jets en vol, par rap- 
port ä la directivite au point fixe. L'etude de ce phenomene a fait 1'ob- 
jet de nombreuses etudes experimentales et theoriques, surtout dans le 
dernier temps, qui pourtant n'ont pas encore conduit ä une explication sa- 
tisfaisante de ce phenomene. Les mesures du bruit d'avions en vol, qui ont 
ete publiees, montrent une grande dispersion en ce qui concerne les lois 
de variation de la directivite du bruit avec la vitesse du vol. II est 
possible que cette dispersion est due en partie au fait qu'une teile me- 
sure necessite une grande precision de la determination de la trajectoire 
et une parfaite synchronisation entre la mesure de la trajectoire et 1'en- 
registrement du bruit. Une erreur de synchronisation d'une seconde peut 
conduire ä une erreur de l'ordre de 30° dans la determination de la direc- 
tion de l'emission sonore maximale de l'avion, aux vitesses pourtant rela- 
tivement faibles de la montee initiale apres decollage ou du vol d'appro- 
che ä l'atterrissage. 

II semble toutefois possible de deceler quelques tendances generales 
dans les resultats de mesures, oü ces precautions devaient avoir ete pri- 
ses et dont nous avons des connaissances sufiisamment detaillees. Dans la 
fig. I, sont comparees les repartitions azimutales des niveaux sonores de 
jets au point fixe et en translation, mesurees pendant des survols de dif- 
ferent s avions ou pendant des passages d'un moteur monte sur un vehicule 
terrestre. Les niveaux sonores sont exprimes en PNdB, c'est-ä-dire en dB 
ponderes d'apres la sensibilite de l'oreille qui varie suivant la composi- 
tion en frequences du bruit. Les courbes montrent que la vitesse de vol VQ 
deplace l'angle de l'emission maximale du bruit vers l'amont. Ce changement 
de directivite joue un role important pour 1'efficacite de silencieux qui 

est limitee, dans la plupart des cas, ä des angles autour l'angle d'emis- 
sion maximale au point fixe. Cette directivite de 1'attenuation des silen- 
cieux ne change pas avec V0, ce qui a pour consequence une^attenuation 
plus faible ou meme negiigeable du bruit maximal en vol, meme pour des 
silencieux bien effi^aces au point fixe (fig. 2). / 



Le changement de directivite est pratiquement le meme pour des jets sub- 
soniqucs et transsoniques, il augmente avec le nombre de Mach de jets su- 
percritiques. On peut supposer que ce phenomene est lie a 1'apparition 
d'ondes de choc dans les jets supercritiques sous-detendus qui constituent 
des sources de bruit additionnelies rayonnant surtout vers l'amont et, a 
un moindre degre, vers 6 >%* 90°. La puissance des ondes de choc est une 
fonction du taux de detente du jet qui est plutot renforce par la pression 
dynanique du vol. D'apres la theorie, cette emission est amplifiee, vers 
l'amont, avec le facteur 

tf 1 ■♦• M cos 0     |M ■ (V/a) ■ nombre de Mach de vol/ •    o L o      o j 

Dans ce qui suit, nous nous limitons au cas de jets ä vitesses sub- et 
transsoniques. Fig. 3 montre les champs sonores mesures au point fixe et 
en translation, c'est-a-dire - dans le cas des vitesses transsoniques - 
sur avion en vol et sur moteur monte sur un vehicule en translation (Aero- 
train). Les niveaux sonores sont cette fois les niveaux mesures par le mi- 
crophone,sans ponderation par la sensibilite de 1'oreille. Ces mesures ont 
ete comparees avec les champs sonores calcules, en admettant que I'emission 
sonore d'un jet varie avec la vitesse relative du jet par rapport ä l'e- 
coulement ambient. Sur la base de la theorie de Lighthill, Ffowes Williams 
[ij a developpe 1'expression suivante pour la modification par la vitesse 
de translation V0 du champ sonore d'un jet subsonique, au point fixe'. 

Nsp^..e-Nsvol = -70Lo^j^; 
5/2 

K)U§W 
(4-CMJ0cc3eJ2

+o(2C'MJ0
2 (co^tSm'e)]      1 

ip-CCV^Mse]*^ C2 (M^-Mo/^e+e'si^ejp^^oca^ 
J 

avec M »V/a  nombre de Mach de vol o   o o 
M.  ■ V./a  (V: » vitesse du jet) jo   j' o v J J  ' 
C, «X, c   coefficients se rapportant ä la vitesse de convection et 

la duree de vie des tourbillons dans le jet, et ä l'ani- 
sotropie de la turbulence. 

La formule tient compte de l'effet de V0 sur la forme de la zone de me- 
lange entre le jet et l'ecoulement externe d'une part et d'autre part, sur 
1'amplification de I'emission sonore, en fonction de 6, par la convection 
des sources par l'ecoulement. Par centre, eile suppose que les sources 
memes ne sont pas modifiees par la vitesse de vol. 

La comparaison de la courbe theorique avec la mesure met en evidence 
que 1'hypothese d'une variation du bruit avec la vitesse relative n'est 
valable que dans 1'arc aval, autour de l'angle de I'emission maximale, 
tandis que l'effet de la vitesse de vol diminue aux angles plus eleves et 
a pratiquement disparu dans 1'arc amont. La fig. 4 montre que 1'attenua- 
tion, aux faibles angles, est ä peu pres la meme pour toutes les frequen- 
ces et qu'aux angles eleves les spectres sont pratiquement confondus. Ceci 
est valable pour les jets subsoniques aussi bien que transsoniques. 

En vue d'examiner, pour un cas particulier, les effets de la vitesse de 
vol sur les sources de bruit, nous avons entrepris, en ctroite collabora- 
tion avec 1'ONERA, une etude experimentale sur une maquette de tuyere avec 
corps central, en simulant le vol par un ecoulement secondaire autour du 
jet, avec un rapport des diametres d'environ 5. Ces mesures ne represen- 
tent pas une recherche sysLenatique d_e ba.se, neanmoins leurs rcsultats  , 
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permettent des observations dont la validice generale a ete verifiee par 
quelques mesures comparatives sur une maquette de tuyere convergente simp- 
le. 

Conditions et mgthodes de mesure. 

Les mesures ont ete effectuees ä une vitesse de jet Vj ■ 570 m/s et 
une temperaf-ure d'arret Tj - 850aK; le nombre de Mach etait Mj ■ 1,09, la 
vitesse "externe" Ve** 80 m/s. 

Les grandeurs significatives de la turbulence dans le jet ont ete de- 
terminees ä l'aide de son emission infrarouge. Cette methode a ete pre- 
sentee dans plusieurs publications flj  - [sj  ;  nous nous contentons ici de 
rappeler que son principe est base sur I'hypothese que les fluctuations du 
rayonnement infrarouge d'un petit volume de l'ecoulement turbulent sont 
comparables aux fluctuations turbulentes supposees etre les sources d'e- 
missions acoustiques d'apres la theorie de Lighthill. Cette hypothese de- 
vrait etre d'autant plus valable que la temperature du jet est elevee, 
dans quel cas les fluctuations d'entropie, c'est-ä-dire de temperature, 
constituent elles-memes des sources sonores importantes. L'analyse de me- 
sures acoustiques sur des jets supersoniques [6j a d'ailleurs conduit 
Tanna, Fisher et Dean a la conclusion d'une forte correlation entre les 
fluctuations turbulentes de vitesse et de temperature. 

Les emissions infrarouges sont captees par des radiometres qui sont in- 
sensibles ä des emissions ä hasse temperature, de l'ordre de la tempera- 
ture ambiante, ce qui presente l'avantage, pour 1*etude presence, que les 
signaux ne sont pas perturbes par les fluctuations turbulentes du melange 
de l'ecoulement "externe'1 avec le milieu ambiant. 

L'investigation du doraaine source a ete completee par des mesures de 
pressions acoustiques par 3 microphones implantes sur une parallele ä 
l'axe du jet, ä une distance qui correspond approximativement ä la tran- 
sition entre les champs sonores proche et lointain (fig. 8). 

Mesures preliminaires. 

Avant les mesures sur la maquette ä corps central, l'ONERA avait effec- 
tue des mesures de caracterisation aero-thermodynamique des ecoulements 
de 1'installation d'essais, sur une maquette de tuyere conique sans corps 
central, ä une vitesse subsonique du jet : Mj - 0,7; Tj - 900oK, ä des vi- 
tesses de l'ecoulement externe Ve - 0, 50 et 80 m/s. La fig. 5 montre 
l'evolution de la vitesse et de la temperature le long de l'axe du jet, 
avec et sans ecoulement externe, ainsi que les profils radiaux de vitesse 
et de temperature, ä une distance de 3,75 diametres de la tuyere. Contrai- 
rement ä la theorie et ä d'autres experiences, le cone d'isovitesse, dans 
lequel l'ecoulement central du jet n'est pas encore melange avec le mi- 
lieu ambiant, n'est pas allonge par l'ecoulement externe, mais plutot rac- 
courci. par suite d'un renforcement de l'epaisseur de la zoue de melange. 

Nous avons attribue ce renforcement ä la turbulence elevee de l'ecoule- 
ment externe. De tels epaississements, par la turbulence externe ont ete 
observes sur la couche limite sur une plaque plane [71 . Le jet d'un mo- 
teur d'avion en vol se trouve en general dans un milieu assez turbulent, 
du aux sillages de l'aile et du fuseau moteur, les conditions d'essai 
presentes devraient par consequent etre plus proche de la realite qu'avec 
un ecoulement externe ä turbulence tres faible. Une etude plus systemati- 
que de l'effet de la turbulence externe est en preparation ä l'ONERA. Un 
premier resultat obtenu avec un taux de turbulence plus faible confirme 
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U'apres les mesures de correlationsspatio-Cemporelles de 1'emission in- 
frarouge du jet, l'ucoulement externe turbulent ne modifie pas le rapport 
dc la vitessc relative de convection de la turbulence (Vc - Ve)/(Vj - Ve), 
avec Vc ■ vitcsse absolue de convection, par centre il reduit 1'ecnelle 
spatiale de turbulence. 

Resultats de mesures sur la maquette a corps central. 

La fig. 6 montre les variations radiales de l'intensite des fluctuations 
d'emission infrarouge, avec et sans ecoulement externe, a une distance 
axiale d'environ 4 diametres de la tuyere. A titre de comparaison, les me- 
sures correspomlantes sur la tuyere sans corps central sont indiquces ega- 
lement. Les signaux captes par les radiometres sont une fonction non-line- 
aire de la temperature, les courbes ne permettent, par consequent, qu'une 
comparaison qualitative. Elles mettcnt en evidence 1'elargissement de la 
zone de melange des jets, par 1'ecoulement externe, et la similitude des 
profils radiaux des jets sub- et transsoniques. Les allures des profils 
axiaux sur 1'axe (Y/D = 0) et dans la zone de melange (Y/D ■ 0,5) corres- 
pondent bien aux variations de l'intensite des fluctuations turbulentes 
de vitesse publiees dans la litterature. 

Les spectres de puissance de la turbulence (emission infrarouge) dans 
la zone de melange, qui sont representes dans la fig. 7, ont ete determi- 
nes par la transformation de Fourier numerique des fonctions d'autocorre- 
lation des signaux des radiometres. Les courbes indiquent une forte in- 
fluence de 1'ecoulement externe sur la frequence de 1'amplitude maximale 
des spectres tres pres de la tuyere, influence qui (Hminue ä des distances 
plus grandes et s'annule en aval du cone d'isovitesse. Une explication 
possible pourrait etre une modification du caractere de turbulence, par 
un ecoulement externe turbulent. D'apres le modele de Lighthill, on peut 
discerner deux sortes d'action des conditions locales sur un petit volume 
de la zone de melange d'un jet : 1'interaction entre les volumes fluctu- 
ants ("self noise") d'une part, et d'autre part, un renforcement des ten- 
sions turbulentes par le gradient local des vitesses moyennes ("shear 
noise"). Les emissions acoustiques provenant des interactions turbulence- 
gradient de vitesse sont principalement orientees vers 1'arc aval, tandis 
quc les emissions acoustiques dues ä 1'interaction turbulence-turbulence 
sont plus omnidirectionnelles. Toujours d'apres la meme theorie, la fre- 
quence preponderante du "self noise" est d'une octave superieure ä la 
frequence preponderante du "shear noise". Le gradient radial de vitesse 
moyenne est d'autant plus fort que la distance de la tuyere est faible; 
sa diminution avec la croissance de la largeur de la zone de melange est 
accentuee par la diminution de la vitesse sur l'axe, au-dela du cone 
d'isovitesse, ce qui peut signifier qu'ici les sources du "self noise" 
sont nettement preponderantes et la frequence significative n'est plus 
modifiee par la turbulence externe, contrairement aux conditions pres de 
la tuyere, oü le rapport entre l'energie des sources peut etre modifie 
par la turbulence externe. 

Un tel renforcement relatif de 1'interaction turbulence-turbulence 
devrait contribuer au deplacemcnt de la direction de 1'emission maximale 
du bruit vers des angles plus pres de 90°, en vol. Cet effet serait ce- 
pendant limite du fait que les parties du jet plus proches de la tuyere 
semblent contribuer moins au bruit mesure dans le champ lointain que les 
parties autour de la fin du cone d'isovitesse. 
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La fig. 8 montre les spectres de puissance du bruit mesure par les mi- 
crophones aux emplacements indiques. La comparaison de ces spectres avec 
les spectres de la turbulence dans la zone de melange (fig. 7) fait appa- 
raitre une difference importante : ä Ve ■ 0, les frequences de pointe des 
spectres ne varient pratiquement pas avec la distance axiale de la tuyere; 
1*influence d'un öcoulement externe est peu prononcee. 

La predominance d'une frequence essentiellement constante sur une lon- 
gueur dcpassant le cone d'isovitesse du jet, dans un plan situe entre les 
champs proche et lointain, a etc observee cgalcmcnt par Maestrello [8] . 

Le nombre de Strouhal de cette frequence etait TT—^=0,3, semblable au re- 
i 

sultat de nos mesures (fig. 8). A partir de correlations dans son plan de 
mesure, Maestrello determine les contributions des differentes parties du 
jet au champ lointain. 11 trouve que 1'energie rayonnee vers B-= 90° pro- 
vient principalement d'emissions ä X/D entre 4 et 10 environ, a fDj ■ 0,3 

VJ 
a 0,6, tandis que pour 9 = 45° le nombre de Strouhal preponderant est plus 
faible et la longueur du jet, contribuant le plus ä cette emission, est 
plus grande. 

Structure ordonnee de la turbulence de jet. 

Maestrello mentionne dans le contexte de sei  etude les travaux sur la 
structure ordonnee de la turbulence de jet, rar Mollo-Christensen [9] , 
Crow et Champagne [10] et Hardin [l l] . La ntture de cette structure et la 
question de sa contribution ä la production \e  bruit ont trouve un inte- 
ret grandissant dans le dernier temps. D'autres travaux importants sur ce 
sujet sont par exemple ceux de Fuchs |12  , Laufer et al. 113, et Pfizen- 
maier  14 . On peut resumer leurs resultats d'essais et leurs conclusions 
d'une faijon tres succinete comme suit : 

L'examen de l'ecoulement d'un jet libre met en evidence 1'existence de deux 
modes de turbulence : la turbulence fine, desordonnee, ä laquelle se su- 
perposent des fluctuations, ordonnees, ä symetrie axiale, d'une echelle de 
I ä 2 diametres du jet. Cette structure ordonnee peut etre visualisee a 
partir d'un nombre de Reyr.olds (base sur le diametre) Re ^ 103 jusqu'ä 
environ 7«10^. A des nomhres de Reynolds plus cleves, eile subsiste d'une 
faqon latente dans le y-it.   Une excitation, par exemple par une pulsation 
periodique du debit, pertnet d'etudier son evolution et ses proprictes. 
L'excitation provoque, ä une distance de quelques diametres de la tuyere, 
une onde dont la vitesse de phase est en accord avec la theorie de 1'in- 
stabilite temporelle de la couche de c.isaillement entre le jet et le mi- 
lieu ambiant. Son amplitude croit avec l'excitation et, ä excitation don- 
nee, avec X/D jusqu'a la formation d'un harmonique; I'onde fondamentale 
et son harmonique atteignent des niveaux de saturation qui •ont indepen- 
dants de 1'intcnsite d'excitation mais qui varient avec le nombre de Strou- 
hal. Le niveau maximal de saturation est atteint pour f .ü^ •=-, 0,3; e'est 

V 
done la frequence, correr    int a ce nombre dc Strouhal, qui donine lors 
d'une excitation aleatoi.   ■ ir exemple par des fluctuations du debit ou 
par In turbulence dans la  r.«j de melange. Des fluctuations de vitesse de 
l'ordre de 2% de la vitess moyanne sont süffisantes comme excitation, 
pour le nombre de Strouhal de 0,3. 

La structure ordonnee des fluctuations de pressions et de vitesscs 
ii'est pas limitee ä la largeur de la zone de melange, mais ellc traverse 
le cone d'isovitesse ct se propage aussi vers l'exterieur de la zone de 
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melange. La correlation des fluctuations dans le cone d'isovitesse avec 
celles a l'extcrieur proche du jet est plus forte que pour le cone d'iso- 
vitesse et la zone de melange, dans laquelle l'energie de la turbulence 
fine est plus forte que celle des fluctuations a grande echelle, ce qui 
explique la difficultc de la mesure de la structure ordonnee dans la zone 
de melange. 

Plusieurs hypotheses pour la generation de bruit par les fluctuations a 
grande echelle ont ete avancees, basces par exemple sur la variation, avec 
X/D, de l'extension radiale de ces structures |ll| ou sur la variation de 
leurs distances axiales |I3{ . Aucune theorie plus complete n'a pu etre 
developpee jusqu'ici. 

CONCLUSION 

Si I'on admet la validite des hypotheses mentionnees ci-dessus, Remis- 
sion sonore de ces sources devrait etre dirigee principalement vers des 
angles B> 90°. Les mesures de bruit dans le champ lointain montrent ef- 
fectivement que le nombre de Strouhal de pointe des spectres dans rette 

gamme d'angles est   J => 0,3. Ceci peut etre une coincidence, mais si 

I'on admet 1'hypothese que l'emission sonore dans 1'arc amont est dominee 
par des sources liees a  la structure ordonnee de turbulence, on peut ex- 
pliquer 1'inefficacitc de la vitesse de vol sur le bruit dans cette gamme 
d'angles. Lorsque l'amplitude de ces fluctuations ordonnees a atteint son 
niveau de saturation, qui, pour un nombre de Strouhal donne, est fonction 
de la vitesse V;, eile ne devrait pas etre diminuee par la vitesse de vol. 
Ceci est evident si 1'excitation provient des fluctuations du debit; dans 
le cas oü la turbulence dans la zone de melange joue un role important 
pour l'apparition de la structure ordonnee, l'amplitude de ces fluctua- 
tions ordonnees ne varie que tres peu avec cette excitation tant que 
l'intensite de turbulence dans la zone de melange n'est pas descendue ä 
des valours negligeables. Une diminution de la vitesse relative, ä vites- 
se absolue de jet constante, ne change pas, dans ces conditions, le ni- 
veau d'emission acoustique provenant de la structure ordonnee, par contre 
eile diminue la puissance des sources rayonnant vers 1'arc aval. 

Ces conclusions ne sont evidemment basces que sur des ressemblances de 
phenomenes acrodynamiqucs et acoustiques. Nous pensons, neanmoins, qu*Gi- 
les ont un degre de probability qui justifierait des etudes plus systema- 
tiques et plus approfondies. 
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INLET DISTOKTION AND BLADE VIBHATION IN TUKBOMACHINEKY 

Y. Tunida 

Institute of Space and Aeronautical Science,  University of Tokyo, Japan 

1 . Introduction 

The blade raws of turbomachine are designed to operate in axisymmetric 
oncoming flow.    In the actual turbomachines,  however, inlet airflow may be 
distorted asymmetrically when the turbomachine is installed in an aircraft 
with dual intakes, and when the aircraft flies at high angle of attack.    The 
inlet distortions excite rotor blade vibration,  sometimes causing blade fail- 
ures. 

For the problem of inlet distortions, an actuator disc type of analysis 
is most useful,  because the concept of actuator disc(a blade row is replaced 
by a disc of infinitely small axial thickness) can be allowed when the circum- 
ferential wavo-length of disturbance is much larger than the blade spacing. 
Ehrich(l),  Rannie & Marble(2), and Yeh(3) gave solutions for single two- 
dimensional blade row, and Dunham(4) presented a more general theory for 
multi-sta^e axial compressors.    These actuator disc analyses  ignore inevi- 
tably,   however,  thu inertial effects of fluid inside the rotor blade passages, 
as pointed out by Takala(5) in his study of rotating stall.    Then, on the basis 
of semi-actuator disc conception(5 to 7)(a blade row is replaced by a cascade 
of blades of finite chord with infinitely small blade-spacing), the present 
author gave an analysis for the inlet airflow distortions in a mixed-flow 
turbomachine with high hub/tip ratio(8). 

In this paper,  an analysis based on the semi-actuator disc theory is 
carried out remarking the mutual effects between the inlet airflow distortion 
and the blade vibration in two-dimensional axial turbomachines. 

2. ■Korniulatieii of Ihe Problem and Assuniptions 

The oon—uniform How through a lurboinachine which consists of two- 
dimensional lineal" cascades is conf<idered(f,ig.l}.    The flow is assumed to be 
stationary in space, being a parallel shear flow in the far upstream region, 
and its circumferential velocity distortion is a sinusoidal variation of wave- 
length    X    .     Then the nonsleady effects will be experienced by a blade of 
the rotor,   which is either rigid or flexible.    The outgoing flow far down- 
stream of the outlet slater will also be a parallel shear flow with a sinu- 
soidal distortion of an attenuated amplitude. 

The principal assumptions made in this study art; as follows; 
(a) The flow is ircompressible and ii.viscid,  being not accompanied with any 

energy losses. 
(b) The non-uniform flow is superposed as a small perturbation on the two- 

dimensional average flow. Its wave-length in circumferential direction 
is much larger than the blade spacing. 

(c) The blade row is replaced by a semi-actuator disc,  which is defined us 
a cascade of flat-plate blades of finite chord with infinitely small blade- 
spacing.    When the x'otur blades are flexible,  a trunslatory mode of 
vibrBtion(normal—to-chord) will be considered. 
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3. Basic Equations 

3.1 The Flow outside the Blade Rows 

In each flow field outside the blade rows, the origin will be placed just 
up-or downstream of a blade row.   In the present study, non-uniform flow 
is considered stationary in space, and any circumferential distortion of 
wave-length  >^    may be expressed as 

i-ooe _ isifi/* 
(1) 

Supposing that the perturbation vorticity is transported downstream it 
the average flow velocity ( (y , V^ )» the vorticity at an arbitrary point will 
be given by 

£=£e v^/torra/Mix-yVA ;   ta^i oc = V/U (2) 

Solving the wellknown Poisson's equation concerning a rotational flow 
field, that is    v2^3 - ^   » a general expression for the perturbation 
stream function is then obtained as 

W/«.   j^JKOr-tyjA. ge-'2'tw+4,^/\ (. Ä 
2TL 

c&i *k \lKLxiaM«-i)/A 

where    A   and    B     are arbitrary constants.   The perturbation velocity 
components in the axial and circumferential directions are then given by 

u —i^f {to1**'**** B e ^^} - (^CH • e^'w-^ 1 (3) 

Now in the case of a single-stage turbomachine shown in Fig. 1 , we 
apply first the above equations to the flow field upstream of the inlet guide 
vanes, where the origin is indicated by G1 .    From Eq.(3) and the require- 
ment to keep the perturbations finite everywhere, the perturbation velocity 
in this region where -00< X<Q     is given by 

2lUt-i<i)/K u,- Lu-'i^Me 

„,. i^_ ^e"1"-^ 
i    ^--(i*^)0^' 

Uii^  U^ifWof, 

irUtVi.wtr'tib 

(4) 

where (  Uml, t/J^ ) is the inlet distortion far upstream of the inlet guide 
vanes.    Eliminating    A     fromEq.(4), we find 

^-<"•*'-- r^wT^x) (5) 

Similarly,  in the field downstream of the outlet stator, where ihe origin 
is indicated by S4 and     0 < *<oo     , the perturbation velocity is 

(6) 

where ( U^i, VT^ ) is the outlet distortion far downstream of the uutlet sta- 
tor.    Then 
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Us**- tirS4=_ / HQ (7) 

As regards the flow between the inlet guide vanes and the rotor, 
Eqs.(2) and (3) give 

=   M. 
2KWr2 

(8) 

where G2 denotes the origin of this field, which is located just downstream 
of the inlet guide vanes, (0, 0), R2 a point just upstream of the rotor, ( L^ , 
0), and 

r 

Mz- ;     U»5f^ 

In like manner, for the flow between the rotor and the outlet stator, 
we derive 

c 

where 

Ttl^Si 

a si 

V53 

n 
— c 
a RJ 

Vv 

M3 = 

Ö**J e-j       0 a 
s-* "t* ■yw 

Cj C<!3*A Lj ,C A*^ L3 ^3~  -J-Lj 

(9) 

£    m    C<Ji^<^, ( «**/. L, - 6*   , + ita/^otj AI^LJ 

Asbuming that the flow angle at the exit of each stationary blade row 
coincides with the geometric blade angle t 

<** = B^    . «4 = ps (1°) 
where    ß^ and     ps    are the exit blade angles of inlet guide vanes and 
outlet stator, respectively. 
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3.2   The Flow through the Hotor 

The flow crossing the rotor will be treated with reference to a relative 
system of coordinates v/hich moves with the rotor at a circumferential 
velocity    V«   •    1° the following , asterisk refers to the quantities with 
respect to the moving relative system.   The circumferential distortion in 
the absolute system, Eq.(l), is transformed onto the relative system as 

f(X)e-ij*iA    «     ^e^^l^W ; CO*—^ (1*) 

We assume that, due to the nonsteady effects of the circumferential 
velocity distortion, all the rotor blades are forced to oscillate in a direc- 
tion perpendicular to the blade chord, with the same frequency and ampli- 
tude.   A rotor blade will then oscillate at a velocity   ^-e*"*4    with a phase 
angle 2ltS/\    relative to the neighbouring blade which is at the spacing 5 
apart. 

The flow through the rotor will be considered taking into account the 
effects of the blade vibration, the relative displacement between the blades, 
and so on.   The detailed analysis for the flow through the oscillating blade 
row are already given by the present author in Refs.(6) and (7), so only 
the principal procedures will be described in the following. 

Continuity and Exit Angle Conditions:       Since we are considering the 
incompressible flow, the condition of mass conservation gives 

Uw - u^ - {-^-^ (to***. hMoct)+i c, j ^   ;   £„* =5f c« (11) 

Assuming that the relative flow angle at the exit of the rotor will coin- 
cide with the blade angle irrespective of the inlet conditions, 

VK « - U^to^,- fraep*       , «I = fit (12) 

Similar relations are obtained for the flow inside the rotor, where the 
fluid must move along the blade surface. 

Energy Characteristics:        For the perturbations of flow, the equations 
of motion in the chordwise and circumferential directions are, respectively, 

*£+ *-(-&)- 0 I > - U'+ V* (13a) 
at        o^-\ j-   / JO : relative total pressure 

Integrating Eq.(l 3a) through the rotor, using no-loss condition of the 
flow relative to the oscillating blades, und applying Eq.(l 3b) to the flow 
up-and downstream of the rotor, we find finally 

Now the three equations, Eqs.(ll),(l2), and(l4), permit solution for 
the flow through the rotor as a function of the inflow conditions, the rotor 
geometry, and the blade vibrational velocity.    All the perturbation quanti- 

^95< 



ties in the relative system being directly transferee! on the absolute system, 
the asterisks on them can be dropped.   Then, Eqs.(l l),(l 2), and (l 4) can 
be arranged in matrix form as 

where 

iA.r 

IT« 

-Hi 

P 1 
U.RZ +  % Q. 

R J 

Mi 

1 

C 

0 

^fW.-'C^p,) $ D 

-T«^^, 

0 

0 J 

(15) 

Air Force acting on the Kotor Blades:       The unsteady aerodynamic 
forces acting on a vibrating rotor blade can be deduced from the Momentum 
Theorem.   In the present case, the blade is subject to the exciting force 
J   piui*t    per unit length, where 

-jfe =    UM(-»i/b4. t**X««^n4-i 0«^^)+ Unj-tCV {U^i&ftfü 

(16) 
The equation of motion for unit length of blade is 

where the terms on the left-hand side give the inertial and spring forces, 
respectively, and the mechanical damping effect is not considered. This 
can be rewritten aa 

<***,.*{ 1-(!%$}H-.fa (17) 

where   UJ>I = sLfK.       is the reduced natural frequency and     M; 
(J  « w. 

in 

is the mass ratio. 
SCgSCiUpK 
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3.3   The Flow through the Stationary Blade Rows 

The equations for the flow through the stationary blade rows are deduced 
from those concerning the rotor by letting the rotor speed and the blade 
vibrational velocity go to zero. 

Hence, the following transfer equations are given for the inlet guide 
vanes and the outlet stator, respectively, when the exit conditions given 
by Eq.(lO) hold. 

(18) 
' 1 0     o" 

U%i -Hi UCr, ;      M^- 0 1        0 
tffca Vftl 1° fcf^ oj 

[ ^1 r <4s ] Ml ^Si t 0       0 

Us4 = M, U53 ;      Hs = 0 1      0 

.   vw . ITj,   J 0 Wj^    0 , 

(19) 

4.    Solutions and Results 

4.1    Case of the Rigid Rotor 

In this case , the velocity of the rotor blade vibration being zero, 
combination of the transfer equations obtained so far, Eqs.(8),(9),(l5), 
(18), and (l9), gives for the single-stage turbomachine of Fig. 1 

•Ac 
= M5-HJ-MB-Mi-M^ (20) 

The five simultaneous equations, Eqs.(5),(7), and three of Eq.(20), may 
be solved for the five unknown quantities ( U<*i, fJn ,   Us* » ^w  » ti^^i4 I 
as a function of the inlet distortion U-^STp-i ) and the geometries of the 
blade rows. /      I 

The attenuation of inlet distortion is then given by     I STj^/Stfi I .    The 
vorticity of any fluid may be changed by the action of the rotor and main- 
tained unchanged elsewhere.    Therefore, the attenuation of inlet distortion 
is also given by    l^w/S^ I  , and its phase shift in the circumferential 
direction by arg( ^fcj/SVj). 

Simple solutions are obtained in two limiting cases.    The first is the 
case where a single rotor is isolated in an infinite flow field, when letting 
the row distances ,   L»   and   Lj   ,  be infinite gives 

1  +   J^      3te& -«  ( 1 + Cß.SKßK) 
(21) 

The second is the case where all the blade rows are so closely spaced that 
all the gaps between them can be neglected.   In this case, the transfer 
matrices concerning the gaps,  such as   /^|2  and    tfj     »  become unit matrix, 
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and then the above analysis can easily be extended to the case of a multi- 
stage turbotnachine.   If a multi-stage axial turbomachine consists of N 
similar stages in which the stagger angles of the inlet guide vanes and the 
Stators in the intermediate stages are common, the solution is given in a 
simple form as 

Scut t . -5"' -cr —— — (22) 
S.n | *   MJOL f  ♦   N-^( t^p^^tfl^^-VCwr^jc^ 

In these particular cases, it is noted that the actuator disc rotor( C> —* 0) 
achieves only the same attenuation for any wave-number of distortion. 

Calculated results for the model of a single-stage turbomachine shown 
in Fig. 1 will be given when the geometric and flow parameters taken are 

Fig. 2 shows the stage attenuation of the inlet velocity distortion when 
the stationary blade rows are placed at identical axial separations before 
and behind the rotor, comparing with the results for the actuator disc case. 
As is seen from Eqs.(8),(9),(l 5),and as shown in Fig. 2, the attenuation 
of the inlet distortion intrinsically depends on the ratios of its circumfer- 
ential wave-length to the blade row distances and the rotor chord.   It may 
be said that the effects of the blade row interference ( i, •=■ h/Zlt.L ) and 
the inertial effects of the fluid inside the rotor ( C«-2/c6>/X ) lead to better 
attenuation. 

Fig.  3 shows the phase shift of the distortion in the circumferential 
direction.   When the blade rows are closely spaced with each other, the 
phase shift varies in proportion to the wave number ( ZTZ/ä      ), but it 
becomes less dependent upon the wave number as the row distances increase. 
This suggests that the inlet distortion of an arbitrary profile may be much 
deformed in an isolated single rotor, whereas the outlet distortion may have 
a similar wave form as the inlet one in a closely packed stage. 

4.2   Case of the Flexible Motor 

When the rotor blades are flexible, the solution is obtained from the 
equations governing the motion of fluid,  Eqs. (8), (9),(l 5) ,(l 8), and (l 9) , 
together with the equatiuns concerning the rotor blade vibration,  Eqs.(l6) 
and (17). 

Calculations are made for the model of a single-stage turbomachine of 
Fig.  1 ,  when the geometric and flow parameters are the same as in the 
previous case and the parameters in Eq.(l7) for the blade vibration are 
taken as 

Gun-   1.0    - M=  /00 

Fig.  4 gives the calculated results of the sluge attenuation,  showing 
that the rotor blade vibration makes the attenuation of the distortion worse 
in sub-resonance range,  and belter in super-resonance range.    The atten- 
uation varies remarkably near the resonant condition,  that is , the inlet 
distortion is only slightly attenuated ,  sometimes ampl.fied ,  in high sub- 
resonance range and diminished intensively in low super-resonance range. 
The blade row interference makes the blade vibration effect less signifi- 
cant,  because the closely spaced rows act to suppress the perturbations 
entering the rotor and make the blade load fluctuations small. 
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Fig. 3 shows the phase shift of the distortion in the circumferential 
direction.    Near the resonant condition, prominent change of the phase shift 
is produced by the blade vibration. 

A comparison between the interference effects of the up-and downstream 
blade rows is shown in Fig. 6, when one of them is placed just before or 
behind the rotor without gap.    If the downstream row is located close to the 
rotor, better attenuation is achieved except in low super-resonance range, 
but the approach of the upstream one leads to worse attenuation except in 
high sub-resonance range. 

5.   Concluding Remarks 

The inlet airflow distortion in a turbomachine was studied on the basis 
of semi-actuator disc approximation when the rotor blades were either rigid 
or flexible.   The results obtained show that (l) the effect of blade row inter- 
ference and the inertial effect of fluid inside the rotor result in better at- 
tenuation of the inlet distortion, and (2) the mutual interactions between the 
inlet distortion and the blade vibration are rather striking near the resonant 
condition, although that may be exaggerated by the neglect of mechanical 
damping effect in the present study.    Especially the latter result is noted, 
which suggests that the blade vibration due to inlet distortion should be 
examined taking into account the mutual effects between them. 

6.    References 

1 .    Ehrich, F.       Circumferential Inlet Distortions in Axial Flow Turbo- 
machinery.     J. Aeronautical Science.  Vol.  24, p.41 3, June 1957. 

2. Rannie, W.D. and Marble, F.E.      Unsteady Flows in Axial Turbo- 
machines.     C. r. des Journees Internationales des Scieces Aero- 
nautiques (ONERA, Paris).    Part 2, p. 1 , 1957. 

3. Yeh, H.     An Actuator Disc Analysis of Inlet Distortion and Rotating 
Stall in Axial Flow Turbomachines.     J.  Aerospace Science. 
Vol. 26, p. 739, November 1959. 

4. Dunham, J.      Non-Axisymmetric Flows in Axial Compressors. 
Mechanical Engineering Science.   Monograph No.  3, October 1965. 

5. Takata,  H.     Rotating Stall in Multistage Axial Compressors. 
Bulletin of Aeronautical Research Institute,  University of Tokyo. 
Vol. 2,  No.  6, p. 305,  1961. (in Japanese) 

6. Tanida ,  Y.  andOka^aki,  T.       Stall-Flutter in Cascade, 1 & II. 
Bulletin of Japan Society of Mechanical Engineers.    Vol.  24, p. 744 
& 753, 1963. 

7. Tanida,  Y.      Effect of Blade Row Interference on Cascade Flutter. 
Trans. Japan Society for Aeronautical & Space Sciences. 
Vol. 9, p.  100, 1966. 

8. Tanida,  Y.       Inlut Airflow Distortion in Turbomachinery. 
Z. angewandte Mathematik u. Physik.    Vol.  23, p. 645, 1972. 

A.SSK 



INLET 
GUIDE VANES R0T0" 

®       |    ® ® 

t,r 

OUTLET 
STATOR 

Fig. 1      Nomenclature 

1.2 

1.0- 

(L,.L.) = 

(5, 5) 

•: SEMI-ACTUATOR DISC 
•: ACTUATOR DISC 

WAVE NUMBER 

Fig. 2   Distortion amplitude ratio through compressor stage (Rigid rotor) 

IZO*!  

I 
a -60- 

-120*, 

: SEMI ACTUATOR DISC 
: ACTUATOR DISC 

0.5 1.0 1.5 

WAVE NUMBER.^t"^ 

Fig. 3   Circumferential phase shift of distortion (Rigid rotor) 

3Ü0< 



10 

WAVE NUMBER ■2,(V
A
I'AJ) 

Fig. 4   Effect of rotor blade vibration on stage attenuation 

120* 

1.0 1.5 

WAVE NUMBER,2"^8--- 

2.0 

Fig. 5   Effect of rotor blade vibration on distortion phase shift 

i.2r —   

FLEXIBLE ROTOR 
RIGID ROTOR 

WAVE NUMBER,^"^ 

Fig. 6   Comparison of up-and downstream row effects 

301< 



EXPERIMFNTAL INVESTIGATION OF A TRANSONIC AXIAL FLOW 

COMPRESSOR STAGE WITH STEADY STATE DISTORTED INLET FLOW 

M. Lecht, H. Weyer 

DFVLR-Institut für Luftstrahlantriebe,  Porz-Wahn, Germany 

Abstracts 
A transonic axial flow compressor stage with a hub to tip 
ratio of 0.5 and a  total pressure ratio of  1.5 is  investiga- 
ted with a 60    and  12o    circ -inferential total pressure inlet 
distortion of different intensity.    The  selection of distor- 
tion  screens based on the DC-6c distortion parameter  is brief- 
ly explained.    Different test  serir3 have been carried out to 
get the stage overall performance niap and the rotor and Sta- 
tor blade element performance.     By traversing the flow in 
front,  between and behind  the  stag«   the development of  the 
distortion is followed through the stage and the rotor in- 
fluence on the upstream flow is shown by the static pressure 
and  the  flow direction in front of the rotor.    Additionally, 
the oscillating loading of a rotor blade passing the steady 
state distorted area is analysed in comparison to that of  an 
oscillating airfoil 

Nomenclature 
HiS I sen tropic total enthalpy 
< Rotor blade incidence angle 

rrire(/3       Mass  flow corrected  to the flow conditions at 
plane  3   (equivalent to      plane  4) 

N Design speed 
P Static pressure 
Pt0f. Total pressure 
Ptot Averaged total pressure 

APtof Screen total pressure  loss 
<7 Dynamic pressure in front of screen 
R Radial position 
Pa t Ri Outer and inner radius 
Ttot Total temperature 
&T(0t        Difference between total  temperature and  inlet 

total temperature 
U Rotor  tangential velocity 
UQ Rotor  tip tangential velocity 
vvy Screen mass  flow 
Ws Ideal screen mass  flow 
a Absolute flow angle 
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9 Temperatur correction T  . inie*./
288OK 

(?/f Isentroplc efficiency 
/r/0< Stage total pressure ratio 
(f Circumferential position 
9/ Work coefficient  2 HIS /UQ 

Introduction 
In modern aircraft jet engine development the engine-inlet 
compatibility plays a major role.  So in compressor design 
one often assumes that the engine will meet with a uniform, 
smooth flow at its inlet. This philosophy, however, very of- 
ten is in contrary to real flight conditions, where complex 
inlet flow distortion may occur for Instance as a steady state 
dynamic or combined distortion of total pressure, total tem- 
perature or flow direction.  Inlet flow distortions may rise 
from different sources as there are flow separation from the 
inlet lip due to high angles of attack. Interference between 
boundary layer and shock waves leading to pulsating flow se- 
peratlon or as there is hot gas recirculation. 
In order to carry out basic research work the already complex 
pattern of a steady state distortion in practice makes it 
necessary to reduce the problem to a single-flow-parameter 
distortion with simplified shapes of interest. Mainly two 
kinds of steady state inlet distortion have been the subject 
of todays investigations; first the so called radial distor- 
tion, which is a nonuniform distribution along hub to tip, 
and second the so called circumferential distortion which is 
a nonuniform distribution along the circumferential direction. 
The circumferential distortion type is found to give higher 
penalty in compressor performance, so the DFVLR Institue fcr 
Alrbreathing Engines started its mainly experimental work in 
this field with investigations on the effect of total pressure 
distortions of the circumferential type. 

Test compressor stage 

The transonic compressor that has been investigated is a 
single stage type without inlet guide vanes.  The outer dia- 
meter at rotor inlet is 4oo mm (15.75 in.) and the hub-to-tip 
ratio is o.5.  The main data at design point are: corrected 
weight flow 17.3 kg/s (38.13 lbs/sec), total pressure ratio 
1.5 and rotor tip speed 425 im/s (1392 ft/sec).  The relative 
flach number reaches up to about 1.4 at the rotor tip.  In the 
tip region the blade is shaped as a multiple-circular-arc 
(MCA) and near the hub as a double-circular-arc (DCA) profile. 
Fig. 1 shows a cross-sectional view through the test compres- 
sor. 
The casing consists of an outer cage with several Internal 
contour rings carrying the measuring instrumentation.  The 
air is drawn from the atmosphere through a filter house, pas- 
sing a venturi tube, smoothing screens and a bell-mouth in- 
let with an area ratio of 6. 
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Inlet distortion equipment 

About one blade height In front of the rotor - between plane 
4 and 5 - the spoiling section Is located. There Is Installed 
a rotatable spoiler support with 72 radial spokes of o,7 mm 
(o.o31 In.) thickness and lo mm (o.394 In.) axial length, to 
which distortion screens of various sector angles can be at- 
tached. Additionally the screen sector Is bordered on each 
side by splitter plates leading upstream from the spoiling 
section to avoid the spillage flow around the corners of the 
screen.In this way a uniform flow just In front of the screen 
may be approximately achieved. 

Instrumentation 

Fig. 2 represents the different measuring planes Inside the 
compressor and the Instrumentation arrangements.  The static 
pressure was normally measured by twelve hub and twelve ca- 
sing static taps at plane A,   5,   6 and 9. At plane 8 there 
were only six hub and six casing wall taps available. 

The compressor Inlet total pressure was measured at plane 6 
by means of two total pressure traversing probes with a five 
element circumferential rake (Fig. 3a). The Inlet total tem- 
perature was taken the same as that measured ahead of the bell- 
mouth Inlet. Additionally at plane 6 the flow angle was mea- 
sured by means of two traversing probes (Fig. 3b). 

At the outer casing in plane 7 there were several fast-res- 
ponse pressure pick-ups mounted in direction of the blade 
chord for determining the fluctuating pressure Inside the 
blade channels.  The tip gap between rotor blade and casing 
v/as observed by a capacltlve gap meter.  Behind the rotor in 
plane 8 three traversing probes for total pressure, flow 
angle and total temperature respectively were Installed close- 
ly to each other.  Stator exit total pressure and total tem- 
perature were obtained from two eight-element radial rakes 
respectively (Fig. 3c).  The contour ring at plane 9 was 
designed to be rotated over nearly two blade spaclngs in or- 
der to traverse the stator blade wakes.  In addition two wed- 
ge-type probes were used for the radial traversing of the 
flow angle between the stator blade wakes (Fig. 3d). 

Selection of distortion screens 

To simulate a steady state total pressure distortion usually 
a sector of the compressor inlet annulus is covered by wire 
screens of different porosity.  The screen total pressure 
loss is a measure for the Intensity of the distortion and, 
in the meantime, a lot of distortion parameters exists all 
based on the pressure loss.  One of them is the so called 
DC-60-fartor * ' specially defined for a circumferential 
distortion as the difference between the average total pres- 
sure and the minimum average total pressure within any 
60-degree sector related to the inlet dynamic pressure.  For 
the tests described in this paper screens were selected to 
produce at least a DC-60-factor of 0.5 and 0.75 respectively, 
which are derived from the loss coefficient of the wire 
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screens determined by windtunnel tests (Fig. 4) . 

To determine the screen losses within a compressor inlet one 
has to take into account first of all, that the screen covers 
only a part of the annulus area, leading to a spillage of 
mass flow according to the inlet Mach number and screen charac- 
teristics.  Second there is a remarkable influence of-the com- 
pressor itself on the screen flow and the spillage  "'. 
Third there is an additional loss of the spoiler support that 
can be added to the screen losses at low Mach numbers and 
will lead to primature choking of the spoiler. Screens of 58 
and 51 percent open area were selected with some estimations 
on the magnitude of the decrease of the static pressure just 
behind the screen, which is caused by the effect of the rotor 
on the upstream flow. 

Test procedure 

At first overall performance tests were carried out traver- 
sing in front of the rotor and behind the stator exit only. 
The distortion screen was rotated past the instrumentation 
in a step by step way (18 degrees) so that at least one tra- 
versing probe or rake of each type in the two planes (6 and 9) 
moved through the distorted flow regime. At each circumferen- 
tial position eight radial traversing points were taken.  In 
addition at the stator exit the radial rakes were moved over 
one blade spacing in eight discrete steps.  The tests were 
performed at 7o, 85 and loo percent design speed, which agreed 
with the cests on the undistorted compressor. 

After the investigation of the compressor overall performance 
the flow inside the stage was analysed in detail including 
measurements of the main flow parameters in plane 6, 8, and 
9 at two different mass flow rates - near maximum efficiency 
and near surge line. 

Overall performance 

The overall performance of the transonic stage with and with- 
out inlet distortion is shown in Fig. 5 for 7o, 85 and loo 
percent of corrected design speed.  The mass flow was correc- 
ted to the average total pressure in front of the rotor 
(plane 6) .  As was expected a remarkable drop of the total 
pressure ratio was found at the higher speeds. Simultaneous- 
ly the stall line retracts to a higher mass flow so that the 
working range of the compressor is reduced.  In contrary to 
the lower speeds only at loo percent the test results at the 
different spoiling sector angles and screen porosities can be 
clearly distinguished. At all speeds, however, the isentro- 
pic efficiency shows a sharp drop compared with the undistor- 
ted compressor.  The scattering of the test points gives rise 
to the problem of measuring temperatures accurately. 

Influence of the total pressure distortion on the stage flow. 

At first, the distortion parameter DC-60 as a more or less 
common definition shall be discussed.  This factor is a func- 
tion of total pressure drop and spoiled sector angle, for in- 
stance if the pressure drop remains constant the distortion 
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parameter would rise to Its maximum at 60 degrees of spoiled 
sector and then goes down as the sector Is further Increased. 

During the distortion tests the DC-60 parameter was within the 
range of 0.5 to 0.9.  In Fig. 6 It Is plotted versus the mass 
flow which Is corrected to the flow conditions ahead of the 
screen.  The dlmenslonless total pressure loss (P.Ä.  „ - 

tot,max 
P^.     )/PJ. *. over th6 whole tested massflow range was bet- 
wS§Ji'S^85 «ttS.a. 
The spillage flow of the screen Is shown In Fig. 7 as a func- 
tion of the Inlet mass flow.  The screen spillage Is defined 
as the difference between the mass flow facing the screen pro- 
jection area and the real mass flow through the screen related 
to the first one as lined out In the picture at the bottom of 
Fig. 7. 

Normally, the spillage should be a smooth function of the 
Inlet mass flow with the spoiled sector angle as a parameter. 
However, due to the influence of the rotor on the upstream 
flow each compressor speed line is evident in Fig. 7. 

In the following the distorted flow parameters are shown as 
they develop through the compressor stage.  In Fig. 8 for ex- 
ample the total and the static pressure circumferential distri- 
bution at medium blade height in the planes 6, 8 and 9 are com- 
pared for different mass flow rates at 85 percent design speed. 
In addition to the original total pressure distortion also a 
static pressure distortion is Induced at the inlet due to the 
rotor influence.  The more the compressor is throttled the 
more both the pressure distributions become asymmetric.  Be- 
hind the rotor their original form has changed too, when 
stall is approached.  Behind the stator the static pressure is 
rather smoothed.  The same tendency is revealed in Fig. 9, 
where the total pressure behind the rotor is plotted against 
the circumferential direction at three radial positions for 
different mass flow rates. 

The absolute flow angles befove and behind the rotor are de- 
monstrated in Fig. lo.  In front of the rotor a positive as 
well as a negative preswirl occures within the distorted re- 
gion.  This leads to a lower inciclence of the rotor blades en- 
tering the distorted region and to 1 higher incidence, when 
the blades leave.  Behind the rotor the absolute flow angle 
in general is higher within the distorted zone than outPide. 
The distribution of the total temperature rise Inside the 
rotor and the stage respectively is shown in Fig. 11. 

According to the flow angle distribution it is evident from 
Fig. 11 that inside the spoiled area less work is transfered 
to the fluid by the entering blades than by the leaving bla- 
des. 

To demonstrate the total pressure distortion throughout the 
compressor stage the maximum pressure amplitude is related 
to the circumferentially averaged pressure and plotted in 
Fig. 12 against the radius for different mass flow rates. 
Compared with the value in front of the rotor an amplifica- 
tion is observed near the hub at medium mass flow, which be- 
comes larger in its radial extent near stall. 



Dynamic rotor response 

A rotating blade row perceives a steady state total pressure 
distortion as a periodic change of pressure, flow angle and 
flow velocity.   During one revolution each rotor blade under- 
goes a strong variation of Its aerodynamic loading. Though 
measuring In a conventional steady state manner It Is possible 
to analyse the unsteady effects by correlating the circumfe- 
rential distribution of the flow parameters In front and be- 
hind the rotor.  However, for this It Is neccessary to esti- 
mate the streamlines as they pass through the rotor. For 
this evaluation the following assumptions have been made: 

1.) The meridional streamline was assumed to correspond to a 
constant relative blade height. 

2.) The axial velocity remains constant and Is taken as an 
average of the values measured in the plane 6 and 8. 

3.) The tangential velocity component increases linearly 
from the rotor inlet to outlet. 

Some results of this analysis are shown in Fig. 13 for the 
medium mass flow and the near stall point at 85 % design 
speed.  To characterize the dynamic response of the rotor 
blades the incidence angle and the work coefficient were se- 

taetftd   .  In the upper diagrams the circumferential distri- 
bution of the incidence and the work coefficient are plotted 
for a 6o degree spoiling sector angle.  The figure revealed 
the lower incidence and work coefficient as the blades enter 
the spoiled area and the increase of the work coefficient 
together with the incidence Inside the spoiled sector. As 
the blades leave the spoiled region a drop of the incidence 
as well as of the work coefficient occuras. At the near 
stall point the drop of the work coefficient tends to move 
opposite the direction of rotor rotation. 

To get a better view of the dynamic response, the work coef- 
ficient is plotted versus incidence in the diagrams at the 
bottom of Fig. 13.  These plots are similar to those often 
used for isolated airfoils in oscillatory flow (4).  The 
large circular and triangular symbols represent the steady 
state compressor operation within the unspoiled area whereas 
the small open and solid symbols follow the way of a rotor 
blade through the spoiled area in equal steps of 12 degrees. 

These diagrams show a rather hysteresis loop which tends to 
Increase near stall.  The time of one hysteresis cycle is 
about 1.4 milliseconds, that means that the drop of the wor- 
king coefficient will start about o.5 milliseconds after the 
incidence starts to rise.  Moreover, it should be mentioned 
that near stall the incidence within the unspoiled sector is 
nearly of the same magnitude as that for the compressor with- 
out inlet distortion.  This means that within the spoiled area 
the Incidence exceeds considerably the steady state value. 
As expected the work coefficient first increases with inci- 
dence until values of 18 and 16 respectively.  Beyond the- 
se angles no further increase of the work coefficient is 
observed. At 25 % blade height a sudden drop of the work 
coefficient appears just before the blades are leaving the 
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distorted area and that probably Indicates a break-down of 
the flow In this  zone. 
In Fig.   14 the results for a 60 and a 12o degree sector are 
compared   (85 percent design speed,   near stall,  51 % open 
screen area). 
Near the tip only the 12o degree  loop shows a heavy breakdown 
of the   flow after a  time of nearly o.5 milliseconds,   succee- 
ded by a weak recovery however at a somewhat lower level. 
In Fig.   15 the results taken at two different screen porosi- 
ties and at a constant sector angle of 12o degrees are shown 
near stall point   (85 %,speed).     Both curves indicate a drop 
of the work coefficient at nearly the same  incidence. 

Conclusions 
In testing steady state total pressure distortions the in- 
fluence of the compressor on the upstream flow has to be ta- 
ken into account.    At the exit of the compressor total pres- 
sure as well as  total temperature distortions occur which are 
amplified or attenuated depending on the operational condi- 
tions.     The  static pressure distortion created in the  front of 
the  stage is rather attenuated at its exit. 
Within the undistorted area the rotor works at nearly steady 
state conditions whereas the distorted area is characterized 
by dynamic effects like a fluctuating aerodynamic loading of 
the rotor blades. 
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EXPERIMENTAL INVESTIGATION OF THE PERFORMANCE OF SHORT ANNULAR 

COMBUSTOR-DUMP DIFFUSERS 

A. Klein, K. Katheder and M. Rohlffs 

Motoren- und Turbinen-Union München GmbH, Munich 

Summary; 

Res- Its are presented of an extensive experimental programme which was carried 
out to determine the losses of short annular combustor-dump-d iff user inlets. Outer 
to inner flame-tube annulus mass-flow ratio, flame-tube head distance and pre- 
diffuser opening angle were varied over wide ranges. Tests were run both with and 
without compressor outlet guide vanes inserted upstream of the inlet. It is found 
that its wakes cause a substantial rise of losses und also change the geometries which 
are optimum. Hence entirely wrong conclusions may be drawn from tests were the 
compressor-wakes are not carefully simulated. Loss coefficients are plotted in such 
a way that respective optimum configurations are readily obtained. 

1.   Introduction 

Turbojet combustor inlets are designed as diffusers in which the air decelerates from 
the comparatively high speed behind the compressor to the lower velocity which is 
required at flame-tube entry in order to avoid unnecessarily high losses, to achieve 
a short combustion zone and satisfactory ignition conditions. The diffusers of annu- 
lar combustors divide the air into two main strea.ns that flow along the inner and 
outer annuli which surround the flame tube, and into a third one of smaller mass 
rate. The latter enters within the stagnation region of the flame-tube head, where 
the burners are located. The major portion of the two main streams is fed into the 
flame tube through its primary and dilution ports and through cooling rings, while 
a small percentage passes by and serves as cooling medium for the first-stage turbine 
blades and disc. Conditions are shown schematically in Fig. la. 

The outer to inner annulus-mass-flow split and hence the respective area ratio, for 
which the combustor has to be designed, is mainly determined by two conditions. 
First of all, the primary combustion recirculation zones should be symmetrical with 
respect to the flame-tube centre line. This requires usually a mass-flow ratio greater 
than unity. Secondly, the radial temperature profile at the flame tube outlet has 
to be adjusted to match the requirements of turbine blade and disc cooling. This is 
achieved by suitably choosing the penetration depths of the inner and outer dilution 
port jets, and these depend on the annulus-mass-flow ratio. The combustor shown 
in Fig. la is well suited to provide the required air-flow split with low losses, pro- 
vided it is made long enough. However, this holds only true for one special design 
condition. The mission of an aircraft includes, however, a large number of various 
engine working conditions. For them different compressor exit velocity profiles 
may result, and the dividing lips within the diffuser will become misaligned then 
with respect to the flow, Therefore separation may occur which produces additional 
losses, unwanted changes in air-flow split and flow fluctuations, and hence has 
extremely adverse effects on both combustion and firft-stage turbine cooling. In 
fact intolerable pulsations have sometimes been found to exist in combustors of this 
type in such a way that the main mass passes alternatively through the outer and 
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inner annul!, respectively. Ehrich (1) proved theoretically that for those branched 
diffusers indeed such an instability exists under certain conditions. The described 
flow separation may also occur when the mass-flow ratio is changed during the de- 
velopment of a combustor, e.g. if the turbine cooling concept is altered. 

In order to avoid these difficulties, one has developed different kinds of diffusers 
in recent years. Configurations with a lateral inlet have been successfully investi- 
gated by Humenik (2) and Biaglow (3). However, the dump-diffuser concept as 
sketched in Fig. 1 b seems to be superior, since the required insensitivity with 
respect to velocity-profile distortions and design changes can be combined with a 
short length which saves space and weight. Part of the required flow deceleration 
is achieved in a short pre-diffuser, from which the air is dumped into the adjacent 
space as a jet which deflects around the flame-tube head. Therefore a second 
portion of the required diffusion takes place in a flow field that is bounded on one 
side only by walls. Because of the existence of free streamlines, the flow pattern 
can adjust itself according to the outer to inner annulus-mass-flow requirements. 
An especially stable flow will result if one succeeds in producing a stationary 
vortex by suitably shaping the casing walls (vide Fig. 1 b). 

Biaglow (3) tested a two-dimensional mode! of a combustor-d iff user similar to that 
of Fig. 1 b. He found that the radial temperature profile at the flame-tube outlet 
and hence the mass-flow split depend very little on inlet-profile changes. The 
dump-diffuser concept has hence great advantages over the combustor shown in 
Fig. 1 a. On the other hand, it produces necessarily higher total pressure losses. 
They can hardly be theoretically predicted. Therefore an extensive experimental 
programme was carried out with a simplified short annular dump-diffuser model at 
the Motoren- und Turbinm-Union München GmbH.  Pre-diffuser angle, distance 
between flame-tube head and pre-diffuser, and annulus-mass-flow ratio were 
varied over a wide range. Total pressure losses were carefully determined. The 
main results are reported in this paper. 

2.   Test Procedure and Data Reduction 

The combustor model is sketched in Fig. 2. Important non-dimensional main di- 
mensions are also listed in the figure. The flame tube possessed a hemispherical 
head. Ports and cooling rings were deleted. Cuter to inner annulus area ratio was 
1.773, ratio of total annulus area to inlet area 2.135, and outer to inner inlet- 
diameter ratio 0.911. The pre-diffuser was very short, its length to inlet annulus- 
height ratio being l/h^  ■ 0.944 only. Air flow was produced by a compressor, led 
into c. big settling chamber and from there through a smooth contruction into the 
approach passage which had a length of 22 inlet annulu; heights. Flame-tube an- 
nulus air-flow split was changed with the help of variable-area orifices at the far 
downstream end of the annuli. Generally outer to inner annulus-mass-flow-ratios 
between 0.8 ^ M /M. ^ 2.0 or 2.5 were investigated.  Five different pre-diffu- 
sers were tested having included angles 2 0 - 6°, 14°,   17°, 21   , and 25°. Flame- 
tube head distances ranged from D/h,  = 0.90 to 2.50 (definition of D vide Fig.2), 
in some cases even down to D/h, «    0.60. This wide range of distances has been 
chosen for two reasons. First of all one wanted of course to establish the depend- 
ence of losses on D/h.. Secondly, the minimum flame-tube head distance that can 
be accomplished in turbojet combustors depends on the length requirements of the 
burners used. In this respect D/h.  = 0.90 and 2.50 constitute approximately the 
lower limits for vaporizers or air spray nozzles, respectively. 
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In an engine the distance between the diffuser inlet and the exit plane of the com- 
pressor is very short. It was felt therefore that the wakes produced by its blades 
might have an effect on losses because of the velocity profile distortion and/or 
the turbulence they introduce into the flow. Hence an annular tandem cascade 
was built which could be inserted in front of the diffuser. It consisted of NACA 
65-series blades on circular arc camber lines with 9 % camber and 8 % relative 
thickness. Mean pitch-chord ratio was 0.565. The arrangement in tandem was 
necessary in order to retain axial flow direction. Most configurations were tested 
both with and without the cascade installed, so that the effects of the wakes could 
be clearly determined. Mass flow rate was measured by an orifice well upstream. 
During tests without the cascade, radial total pressure distributions were measured 
for several circumferential positions across the inlet plane 1, the pre-diffuser out- 
let plane 2 and the outer and inner flame-tube annuli (plane 3, vide Fig. 2). Be- 
sides, wall static pressures were recorded in planes 1 and 3 and along the pre- 
diffusers.   "'Momentum-weighted" mean values were computed according to the 
method of Wyatt (4) by fulfilling all the three laws of conservation. From them 
total pressure losses, referred to inlet dynamic pressure 

I fl    _2 

were obtained, where the mean velocity w, was determined from mass flow rate M 
and cross sectional area A.  by 

M 
w. 

Fi Ai 
Besides, static pressure recoveries 

C 
P- - P, 

s3        si 
p tot 

f 1       _ 2 
w. 2        "1 

were derived from the measured wall pressures by faking the arithmetic mean be- 
tween the inner and outer values, which differed only slightly. Also the static 
pressure in plane 2 was determined by extrapolating the pressure distributions along 
the diffuser walls and taking the arithmetic mean. Thus pressure recovery of the 
pre-diffuser could be obtained, too. 

Diffuser inlet Mach number was Ma.»  0.26 and Reynolds number, based on inlet- 
annulus height, was Re.«1.0'10^      throughout the investigation. 

During tests with the cascade inserted no measurements were taken in plane 2 due 
to the existence of the wakes. Also a different procedure was necessary to deter- 
mine correct mean values in pla.ie 1. To this end a separate experiment was con- 
ducted with the combustor detached so that the flow discharged into the ambient 
air. The total pressure distribution in plane 1 was obtained by carefully traversing 
the flow over two pitches in 12 radii, and this at two circumferential positions 
which were displaced by 180   with respect to each olher. Momentum-weighted 
mean values were computed according to Wyatt (4) from which followed, in con- 
nection with the pressures recorded in plane 0    (vide Fig. 2), the cascade loss 
coefficient. This test also provided the ratio of the dynamic pressures in planes 0 
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and 1. In addition the relationship in plane 0 between the wall and mean total 
pressures was established. With these informations the total and static pressure 
mean values in plane 1 could be determined for all the subsequent test runs from 
the wall pressures alone which were recorded in plane 0. 
Fig. 3 shows the diffuser inlet velocity profiles with and without wakes. While the 
flow was fairly axi-symmetric in the latter case, it was not so in the former. The 
two radial distributions that were obtained 0.25 chord lengths behind the blades by 
momentum-weighting circumferentially (vide Fig. 3) have de/pressions close to the 
hub and casing due to the secondary flows generated by the cascade. Its presence in- 
creases also their blockage factor somewhat. For their arithmetic mean (vide Fig. 3) 

B,       .-1 *      =0.135 
1   rad 01 w. 

y]   max       1  max 
is obtained, where subscript "max" refers to maximum values, as compared to 0.107 
for the naturally developed profile. The true overall blockage factor, however, 
which includes the circumfer ntial wakes, is substantially larger, viz. 

IK- Bi=Är lU'-rf^-^l^i -0-™- 
1        ü J  \ 91  max 1 max 

(A,) 

The kinetic-energy- and monentum-flux velocity profile parameters 

•■■VftfUvN'^ 
(A,) 

which are also listed in Fig. 3, exhibit a similar increase due to the wakes. 
Diffuser performance is known to depend strongly on inlet blockage, vide e.g. Sovran 
and Klomp (5). For two-dimensional and annular configurations several authors have 
shown that it deteriorates appreciably if inlet distortions with high blockage are pre- 
sent. This behaviour may hence also be expected for a dump diffuser immediately 
downstream of a compressor as simulated In the present investigation, since B,   is found 
to be very large. 
3.   Results 

As an example for the dependence of loss-coefficients on annulus-mass-flow ratio 
for different flame-tube head distances. Fig. 4 gives these distributions for the 
2 0    =17    - pre-diffuser. It Is seen from the plot that losses have a minimum at 
a certain mass-flow ratio. For dump-diffuser flows without wakes Its value is about 
MVM. =  1.3, for those with wakes about 1.0. In both cases the minimum depends 
little only on flame-tube head distance, but as D/h,  decreases It becomes more 
pronounced. However, even with rather small flame-tube head distances (D/h, = 
0.90 and 1.00) losses rise by 15 % to 20 % only as MVM. increases from Its mini- 
mum value to 2.00, and by just 25 % when M /M. attains 2.50+' .  For still smal- 
ler flame-tube head distances the change with MJ^M. becomes more pronounced. 
Because of the necessity to install the burners it appears unlikely, however, that 
such small distances could be realized In turbojet engines. The results for the other 

Configurations without wakes were not tested with such large ratios M^/M.. 



pre-diffuscr angles are similar to those of Fig. 4. In addition to the favourably low 
loss changes with annulus-mass-flow ratio also no fluctuations whatsoever were ob- 
served during the tests. These findings mean that dump-diffuser combustor inlets 
are indeed suitable to cope with a large range of working conditions or design 
changes. In spite of its shortness, the tested combustor-inlet has losses which, for 
flows without wakes, exceed those of much longer inlets of the type shown in Fig. 
1 a, by 25 % to 30 % only. For the latter   f ■ 0.30 to 0.40 is generally taken 
to be representative (vide Höper (6) ). With the compressor blade wakes simulated, 
however, strikingly high losses are found to exist which are up to about twice as 
large as those measured with wake-free flow. Even for mass-flow ratios that provide 
the minimum loss coefficients, values are in the order of   £ = 0.65 as compared 
to 0.40 without wakes for not too large distances D/h.. 

It appears unlikely that wakes should increase the losses in dump-diffusers only and 
leave them unaffected in diffusers of the type shown in Fig. 1 a, though the extent 
of the increase might be different. Since data as those given by Höper (6) have 
been measured without wakes simulated, one must conclude, that the losses of com- 
bustor inlets have generally been underestimated. In this connection one should re- 
call that the cascade-loss coefficient used in the data reduction is a momentum- 
weighted value. Hence the mixing losses which occur while the wake-type flow is 
transformed into a uniform profile have been deducted. This is reasonable, because 
these mixing losses are usually included in the compressor efficiency, so that Fig. 4 
represents genuine diffuser loss coefficients. Mass-weighted values would be by at 
least another 10 % larger. 

Fig. 5 presents the dependence of jj' on flame-tube head distance for the 17 -pre- 
diffuser with fixed mass-flow ratios.  For the other angles similar curves were ob- 
tained. In case of wake-free flow, losses rise continuously with D/h.  within the 
range investigated. This appears to be plausible, because with very large distances 
D/h.   the high loss of the sudden expansion to the entire flame-tube casing cross 
sectional area would result. The curves for flow with wakes, on the other hand, 
display a minimum at D/h, Ä 1.25. 

They are very similar to those measured by Deich et al.   (7), when investigating 
annular diffusers of turbomachines with a downstream deflector baffle. With these 
configurations losses started to rise when the baffle distance decreased so much that 
the cross-sectional area of the two annuli made up by the baffle and the diffuser 
walls, through which the flow has to pass radially, became smaller than the exil 
cross-sectional area oi the diffuser. A similar phenomenon Is to be expected In the 
pre.snt case.  It will olso happen for fI JW v/ithout wakes, but apparently does so 
only for D/h.-values that are smaller than the lowest Investigated. The different- 
magnitudes or the values and the behaviour displayed by the curves f -  f (D/h.) 
for flows with and  vlrhout wakes Is confirmed by the static pressure recovery coef- 
ficients plotted for 2 0 =   17°^ Fig. 6 '.   From their :*; pectlve distributions for 

For numerical comparisons note that C    is based on measured static pressures In 
the entrance plane In one case and on those calculated when momentum-weight- 
ing total pressures In the other. 
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the pre-diffuser alone, which are also given in Fig. 6, follows in addition that with 
wake-free flow and large D/h.  nearly the entire static pressure rise takes place in 
the pre-diffuser. Flow with wakes has very small C -values, and hence nearly 
the entire speed reduction between planes 1 and 3    is achieved by losses. Their 
largest portion seems to occur behind the pre-diffuser, because according to Fig. 7 
losses within it amount to 15 up to 25 percent only of the total value (for wake- 
free flow at least) 

Optimum configurations for M /M. -   1.50 can be selected from Fig. 8, where to- 
tal pressure loss coefficients are plotted versus pre-diffuser angle. It is immediately 
seen that the wakes not only affect the magnitude of losses but also the geometries 
for which they are minimum. With wake-free flow losses change gradually and 
rather little, viz. 7 % at the most, within the range of angles investigated, grow- 
ing slowly for large values of D/h,  and decreasing somewhat for small D/h,. Losses 
of flow with wakes, on the other hand, have a minimum ut 20 ä 12   for any D/h,. 
They rise up to 15 % between 2 0=   12   and 17  . A second minimum is likely to 
exist for 2 0 >   25  . Fig. 9 gives the respective static pressure recoveries. Finally, 
loss-coefficient distributions vs. 2 0   are presented in Fig. 10 for M /M. ■   1.00 
and 2.00 and various D/h    and In Fig.  11 for D/h.       0.89 and 2.5(fwitfi M /M. 
as the parameter. The same trends are found as in rig. 8. 

4.   Conclusions 

In the present Investigation the total pressure losses of a short annular dump-diffuser 
combustor inlet have been determined for various valuer of relevant geometric and 
aerodynamic parameters. Optimum configurr^'ons providing minimum losses have 
been obtained. The results also suggest that pressor-wake simulation is absolute- 
ly necessary when testing the flow in combusts.   Inlets. The compressor-blading 
introduces viz. distortions which increase losses considerably. They also change the 
distributions of the losses with outer to inner annulus-mass-flow ratio, with flame- 
tube head distance and with pre-diffuser opening angle of dump-diffuser inlets.Two 
main reasons are suggested to explain this behvaiour. First of all It is obvious that 
wakes become more pronounced as they trail down the pre-diffusor. Hence the dis- 
tortions which leave at Its exit will be larger than those at its entry. It is quite 

ly K' ' -i that the wcl es ray bs rttc>-ded to en extent where backfiow is created 
' v:ally. This kind of "internal stall" was e.g. described by Wolf and Johnston (8). 
-   conaly,  it is known that secondary flows wi^h njditional losses are created if 
directional changes are enforced on shear-flows,  vide e.g.  Hawthorne (9)    The 
r jn-unirormities produced by the compressor bidding are a shear-type flow. While 

( , ore deflected bv the presence of -he flome-h be head, secot.daiy flo./s are 
therefore likely to be generated in a similar way as those fc-und In the wakes of 
stators in turbomaruires. This would Hso explain fhe !   is-i.'se with decreasing 
flame tube head distance dlspbye:1 by Fig. 5.   In spit«" of ihese explanntions,  the 
phenomenon Is, however,  not undersfood In detail. 

+) Note when compcing the cur 'es of Fig, 7 with those of C    _,-,  in Fig. 6 that 
he latter are th»    ^ss tellable the smaller D/h.. They are Viz.' based on thr 

arithmetric mean of the inner and outer wall static pressures which becomes less 
.ppresentTtive the more :he cfoss sectional static pressure  distribution departs 
from a constant value as D/h,   decreases. 
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Cooling ring 

o o Baseplate ( Flame tube head ) 

Combustor centre linie 

\Oj    Stationary vortex 

Pre- diffuser 

Combustor centre line 

Fig. 1:    Two different types of turbojet-combustor inlets 
a) Conventional type 
b) Dump-diffuser type 
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Fig. 4:    Dependence of loss coefficient on outer to inner flame-tube annulus- 
mass flow ratio (1/ - pre-diffuser) 

0 90 

Fig. 5:    Dependence of loss coefficient on non-dimensional flame-tube head 
distance (17 -pre-diffuser) 
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Fig. 6:    Static pressure rise coefficient vs. non-dimensional flame-tube head 
distance (17 -pre-diffuser) 

Fig. 7:    Pre-diffuser to total loss-coefficient ratio vs.   non-dimensional flame- 
tube head distance (1/ - and 25 - pre-diffusers) 
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Fig. 8;  Variation of loss coefficient with pre-diffuser 
angle for outer to inner flame-tube annulus 
mass-flow ratio MQ/MJ* 1.50 

Fig. 9:    Variation of .tatic pressure rise coefficient with pie-diffuser angle 

forM/M. -  1.50 3£8< 
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Flg. 10; Variation of loss coefficient with pre-diffuser 
angle for M0/Mi= 1.00 and 2.00. 

Fig. 11; Variation of loss coefficient with pre-diffuser 
angle for non-dimensional flame-tube head 
distances  D/hj^ = 0.89 and 2.50 
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DYNAMIC FLOW DISTORTION IN SUBSONIC AIR INLETS 

J. R. Jones and W. M. Douglass, Douglas Aircraft Company, USA 

SUMMARY 

Subeonia-transport engine-air-inlets were tested In a wind tunnel to 
measure perfomanae during static operation with cross wind.    The models 
were instrumented BO that fluctuating pressure could be measured in 
addition to steady-state pressures.     The principal instrumentation con- 
sisted of 36 fluctuating and steady-state total-pressure probes at the 
end of the inlet. 

It was determined that fluctuating pressure data are necessary to detect 
inlet boundary-layer separatio>is when the separations were intermittent. 
Also,  comparison of steady-state and time-dependent  "instantaneous1' 
total-pressure distributions at the end of the inlet showed that the 
maximum total-pressure losses were two to four times as large as those 
indicated by the steady-stc^c data,  and that the maximum extent of the 
low total-pressure regions was much  larger than that indicated by the 
steady-state data. 

Spectral analysis of the total-pressure fluctuations showed that inlet 
separation resulted in large fluctuations at low frequencies.    Inlet 
separation was not characterized by high fluctuating-pressure energy 
levels at any one particular frequency, 

INTROUUCTIOil 

Past practice to establish conpatibility between an airplane's air inlet 
and a turbojet or turbofan ennine has been to follow a nrocedure of 
separate tests of the two components.    Inlet distortion was measured in 
wind-tunnel  tests with instrumentation that had slow response capability, 
that is, the total head probes measurod a time averaged or "steady state" 
pressure.    Compatibility of this measured flow with the enqine was then 
demonstrated by simulating the inlet flow with anpronriately configured 
screens that produced an equivalent total pressure distribution. 

The concept of component testing is not questioned.    Component testing, 
with proper interpretation, is considered to be most useful.    Rather 
the purpose of this oaper is to identify a better description of the 
inlet flow, in this case for an inlet of a subsonic transport, and to 
describe a wind-tunnel test and test instrumentation that is aporopriate 
to measure the inlet flow.    As will be evident, flow in a subsonic inlet 
is far from steady and requires aopronriate tests and instrumentation to 
acquire meaningful results. 

Discussions 

The design of an inlet for a subsonic transport is a relatively easy 
task when compared to that of an inlet for a supersonic airplane or 
some of the long and contorted inlets of military aircraft.    The 
subsonic-transport air-inlet considered here is the short, nearly axi- 
symnetric inlet of a pod mounted, winn engine. 
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For the norwal range of operation, the Inlet provides an airflow with 
a uniform velocity to the engine.    The only flow distortion Is an 
inconsequential boundary layer at the duct perineter.   This unlfomity 
of flow Is assured by giving the Inlet lip sufficient thickness to 
■tlntaln attached flow when the airplane is operating at the two condi- 
tions where the inlet flow is most likely to separate.   These operating 
conditions are at takeoff when the airplane Is at a high angle of attack, 
and when the airplane is operatinq on the ground with a crosswind. 

Increasing the thickness of the Inlet lip reduces the adverse pressure 
gradients that the inlet boundary layer must traverse.    This reduces the 
tendency for the boundary layer flow to separate and as a consequence 
extends the region that the airplane can operate without subjecting the 
engine to an inlet flow distortion.   There is, however, a limit to the 
amount of lip thickness that is prudent for an inlet design because of 
other considerations.    One such consideration is cruise drag.    For this 
reason, the engines of subsonic transport will, at times, be subjected 
to the flow distortion that results when the boundary layer separates at 
the inlet lip.    Infrequent as this may be, it is important to correctly 
determine the flow distortion because a consequence of excessive distor- 
tion is engine compressor stall or flane-out which in turn affects 
safety of flight and engine integrity. 

Albeit that flow separation has always been known to be an unsteady 
phenonenon and it is recognized that inlet flow distortion is most 
frequently a result of flow separation, inlet flow is usually measured 
with pressure Instrumentation incapable of responding to the rapidly 
varying flow.    The error of this method of measuring inlet flow was 
forcefully demonstrated a few years ago when it was found for some 
supersonic airplanes that both the inlet flow and the engine's response 
to that flow had to be considered as dynamic  (unsteady) if Inlet- 
engine cormatibility were to be achieved.    The lesson learned from 
the supersonic inlet problem suggested that the flow in a subsonic 
inlet should also be treated as dynamic. 

The opportunity to examine the dynamic flow within a subsonic Inlet 
came with the development of the DC-10.    The wind-tunnel tests of the 
air inlet, the special instrumentation, the analysis of the data, and 
results of the Investigation are described in this paper. 

DESCRIPTION OF APPARATUS 

Test Method 
The tests were conducted at the McDonnell-Douglas Aerophysics Laboratory, 
El Segundo, California.    The blowdown wind tunnel with a test section 
Measuring 4 by 4 feet was used.    Figure 1 is a schematic diagram of the 
wind tunnel, the inlet model, and the ducting behind the inlet. 

For the crosswind tests, the inlet nodel and the ducting were installed 
in the test section through a window blank.    The incltided angle oetween 
the inlet centerlinc and the tunnol  con tori i tie was (ln dogrees.    The 
main wind-tunnel duct was blocked off at the wind-tunnel supprsonic- 
diffuser throat in such a way that all tunnol  flow that did not enter 
the inlet passed out of the tunnel  through the porous walls of the tran- 
sonic test section installed between the model and the tunnel-diffusor 
throat.    Crosswind sneed was controlled by varying the amount of flow 
allowed to nass Wvpouqh the norous '..'.ills with the butterfly valves In 
the transonic section. 331.** 



WINC ENGINE INLET SHOWN INSTALLED IN 
MCDONNELL DOUGLAS AiROPHVSICi LABORATORV 
FOUR-FOOT TRISONIC WIND TUNNEL 

BUTTERFLV VALVE 
TO CONTROL INLET 
FLOW 

-MUFFLER 
SECTION 

-ORIFICE PLATE TO 
MEASURE INLET FLOW 

MUFFLER- 
SECTION 

-DUCTING DOWNSTREAM 
OF INLET 

STILLING CHAMBER- 

WING ENGINE INLET ' 
MODEL INSTALLED 
FOR CROSSWIND TEST 

|- TRANSONIC TEST SECTION 
BYPASS VALVES FOR 
CROSSWIND CONTROL 

j -J~rrrriz 

- TRANSONIC 
TEST SECTION 

TUNNEL DIFFUSER 
BLOCKED FOR 
CROSSWIND TESTS 

FIGURE 1. SCHEMATIC DIAGRAM OF TEST APPARATUS 

The inlet flow uas ducted out of the wind tunnel and exhausted into the 
atnosphere.    The wind-tunnel  total pressure was between 36 nsia and 
72 psia, which allowed the inlet niass-flow rate to be controlled by the 
butterfly valve at the end of the ducting.    Just upstrea:'1 of the butter- 
fly valve was an orifice plate for noasurinn inlet mass-flow rate.   Most 
of the testinn was done at a tunnel total  pressure of 36 nsia, at which 
the Reynolds nunber was approximately 25 percent of full-scale DC-in 
inlet Reynolds nunber. 

Pressure Instrumentation 
The fluctuating-pressure transducers were located at 1 static-pressure 
and 1 total-pressure port in the wind-tunnel test section upstream of 
the model, at 2 static-pressure ports in the ducting downstream of the 
!'odel, at 6 static-pressure ports on the inlet duct wall at the end of 
the inlet,    at several wall ports upstream of the end of the inlet, at 
36 total-pressure ports at the end of the inlet.    Steady-state measure- 
ments were made with pressure ports adjacent to the fluctuating-oressure 
transducer ports (except for steady-state pitot neasurenents in the 
free-stream) and at additional  locations on the inlet duct wall upstream 
of the end of the inlet.    The location of the instrumentation at the end 
of the inlet is shown in Finure 2. 

SCREEN STATION 

COWL 

STEADY STATE TOTAL PRESSURE PROSE 

FAST RESPONSE TOTAL PRESSURE PROBE 

INLET CENTERLINE 

TUNNEL WALL 
FOR CROSSWIND 
TESTS 

-END OF INLET STATION 

TOP OF INLET 

ENGINE FACE PRESSURE 
PORT LOCATIONS FOR 
CROSSWIND TESTINO 

STEADY STATE STATIC PRESSURE PORT 

FAST RESPONSE STATIC PRESSURE 
PORT 

FIGURE 2. WING-ENGINE INLET WITH INSTRUMENTATION AT END OF INLET 
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FTuctuatlno-Pressure Measurements 
Fluctuating pressures In the inlet were measured by the system shown 
schematically In Figure 3.   The fluctuatlnn-pressure transducers were 
flush-mounted for static-pressure measurements and mounted In the nose 
of the probe for total-pressure measurements.   This arrangement elimin- 
ated errors In the measurements caused by finite tube lengths between 
the pressure transducer and the point where the pressure was to be 
measured. 

A.  TOTAL PRESSOBt INSTRUMENTATION B   STATIC PRESSURE INSTRUMENTATION 
FLOW DIRECTION IS OUTWARD FROM PAGE 

FLOW DIRECTION 

- FLUCTUATING PRESSURE TRANSDUCER 
IMTREX MODEL MFOZbtCI 

0 076 IN 

MILLIPORi FILTER SCREEN 

— „.^,, MODEL SURFACE 

«—REFERENCE PRESSURE 

11 *—Ei iirT[ 

STEADV STATE 
PRESSURE 
TRANSDUCER 
UN SCANIVALVEI <— FLUCTUATING PRESSURE TRANSDUCER 

IBITREX MODEL HFDZfrSBI 

lSt= 
FIGURE 3. FLUCTUATING-PRESSURE INSTRUMENTATION 

The transducers were Uytrex HF0-25-SC serilconductor strain gage 
transducers.    The dynamic sensitivities of the transducers (volts/psl) 
were determined by experiment and found to be constant for frequencies 
between 30 and 3000 Hz.   The measured amplitudes of pressures with 
frequencies below 30 Hz were too low by roughly 5 percent, because of 
variable transducer sensitivity In this range. 

The fluctuating-pressure transducer outnut was recorded on magnetic 
tape by the VIDAR High-Frequency Data Acquisition System and a CEC VR 
3700 tape recorder described In Reference 1.   The fluctuatlng-pressure 
transducer signal was filtered by low-pass and high-pass filters before 
being recorded.    The purpose of the low-pass filter is describod in 
later naraqrnphs.    The high-pass filter attenuated frequencies below 
0.6 Hz.    The high-pass filter modified the transducer output, so that 
only the fluctuating pressure component would be recorded on tape.    The 
actual tine varient pressure was calculated by adding the steady-state 
pressure component, measured at the adjacent steady-state pressure port, 
to the fluctuating pressure conoonent measured by the Bytrex transducer. 

TFST PROGRAM 

The inlet Mach number was varied between aoproximately 0.20 and 0.85. 
Crosswind speeds were varied from about 15 to 60 knots. Most of the 
test was conducted at a free-stream total pressure of 36 psia, which 
corresponded to 25 percent of ftill-scale DC-10 inlet Reynolds number 
at sea-level standard-day conditions. Comparison with data taken at 
higher Reynolds numbers showed only slight Reynolds nunber effects. 

ÜATA REDUCTION 

The steady-state reduced data included crosswind speed, inlet-throat Mach 
nunber, full-scale engine airflow corresponding to the inlet Mach number 
and inlet total-pressure recovery, total-pressure ratios for each of the 
total-pressure probes at the end of the inlet, orossuro coefficients for 
duct-wall static-pressure oorts, area-average total-oressure recovery, 
and inlet distortion parameters.    The inlet distortion narameters were 
(1) distortion number (PTmax - pTnin)/PTo;  (2) Pratt and Whitney circunfer- 
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entlal distortion Index; (3) Pratt and Whitney radial distortion Index; 
and (4) Pratt and Whitney total distortion Index. 

The McAIr Analog Computing Editor System used the steady-state pressures 
and the outout from the fluctuatlnq-pressure transducers for the 
36 total-pressure probes at the end of the Inlet to compute the varia- 
tion In the distortion parameters with time.    The fluctuatlng-pressure 
data were taken after the steady-state data had been acquired which 
allowed the distortion parameters to be computed during the run. 

The Analog Computing Editor Systeri was an Innortant aid In on-slte 
monitoring of the test results.    The output from the Analog Conniitlng 
Editor Systeti was displayed on an oscillograph and recorded on magnetic 
tape by an Aiipex FR 1300 tane recorder.    Also, the naxlnuni value of each 
distortion parameter obtained at each test condition was recorded and 
displayed by the Editor Systeri at the conclusion of each run. 

The Editor System was equipped with peak detectors that "marked" the 
VIDAR tape at the occurrence of maximum distortion at each test condi- 
tion.    This was done so that the instantaneous total-pressure distribu- 
tions that resulted in maximum Pratt and Uhltney distortion Index and 
maximum (PTt^x " pTrnin)/pT2 could be computed later from digitized data 
without requiring digitization of the entire run. 

The fluctuating total-pressure data recorded on the VIDAP. tape were 
converted into digital format and combined with the steady-state data to 
enable the instantaneous total-nressure distributions at the end of the 
inlet to be determined.    Distortion Indexes as a function of time and 
standard deviations were also computed from the digital data.    The data 
were digitized for a 0.1-second segment of selected runs.   The segment 
began 0.05 second before the occurrence of maximum distortion as com- 
puted by the analog computer. 

The distortion Indexes computed by the analog computer and the distortion 
indexes, total-pressure distributions, and standard deviations computed 
from the digitized data were calculated after filterinq the recorded data. 
The filtering reduced the amplitude of pressure fluctuations with fre- 
quencies greater than 1000 Hz.    A limited amount of data was reduced by 
using a 3500 Hz filter.    There were two reasons for filtering the data so 
that frequencies greater than 1000 Hz would be attenuated. 

The primary reason was that experimental data (Reference 2) have shown 
that the occurrence of compressor surge can depend on total-pressure 
distortion at the engine face due to inlet total-pressure fluctuations. 
However, the compressor is sensitive only to pressure fluctuations with 
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frequencies below a certain "critical" frequency.   The critical frequency 
probably depends on the specific configuration of the fan or compressor, 
but was rouqhly equal to the compressor rotational speed for the case 
considered In Reference 2, or frHt (Hz) " w (n>s).   For the subject test, 
a nore conservative value of critical frequency, fcrlt ■ ht was assumed. 
For the DC-in engines at takeoff pov/er, twice the fan and low-pressure 
compressor speed was Zu ■ 100 rps approximately, or fcrit " 10f) Hz' 

The equivalent scale-nodel critical frequency was detemlned by using the 
Strouhal number.    Data presented In Reference 3 show that the scale-nodel 
power-spectral-denslty function and the full-scale power-spectral-density 
function are equivalent If expressed In terms of Strouhal number Instead 
of frequency, as shown In the sketch below. 

POWER 
SPECTRAL 
DENSITY, 

a2(Uf| 
4f 

FULL-SCALE DATA 

MODEL-SCALE 
DATA 

POWER 
SPECTRAL 
DENSITY, 
_2i 

MODEL AND 
FULL-SCALE DATA 

FREQUENCY, f STROUHAL NO., S 

A critical frequency of 1000 Hz for the 10-percent-scale node! is 
equivalent to a full-scale critical frequency of 100 Hz, since the 
Strouhal numbers for the scale model and for the prototype are the same at 
these frequencies. 

Statistical functionG vero conputed for a limited amount of the fast- 
response data.    The computations included the pover-spectral-density 
function, amplitude-probability-dcnsity function, autocorrelation 
function, and cross-correlation function. 

TEST RESULTS, IMSTAMTAMEOUS FLOW DISTORTION 

There are two narts to the discussion of the test results:    the first part 
describes the measurement of the "instantaneous" flow distortion and 
compares it with that measured with "steady-state" instrumentation.    It is 
these data that clearly identify that the flow in subsonic inlet when 
separated is not steady state and requires high response instrumentation 
for proper evaluation.    For most purposes, these results would be suf- 
ficient.    However, there is another aspect of unsteady flow that must be 
considered.    This is whether the unsteady flow varies in a random way or 
whether it has deterministic (natural frequency) characteristics.   This 
aspect of the unsteady flow is the subject of the second part of the dis- 
cussion of the test results. 

Detection of Separation 
Figure 4 shows the wlnn-engine inlet distortion number at the end of the 
inlet as a function of engine airflow per unit area for various cross- 
winds.    The steady-state distortion number presented In Figure 4A was 
calculated from the steady-state total-pressure measurements.   The peak 
distortion number. Figure 4B, was determined from the steady-state meas- 
urements and the flucturating-pressure measurements.    The flagged sym- 
bols are the neak distortion"numbers calculated from the digitized data. 
All other peak distortion numbers were calculated by the Analog Computer 
Editor System. 'ir\ei< 
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FIGURE 4. WING-ENGINE INLET CROSSWIND PERFORMANCE 

The onen syribols in Finurc #B are for test conditions that did not res-jlt 
in inlet boundary-!<?.yer separation.    The half-onen lynboll indicate test 
conditions that resulted in intermittent sonaration.    The closed synbols 
indicate that the boundary layer was separat.-y all of the tine.    The 
occurrence of intomittent separation was iry   ,ate<J by 

(1) 

(2) 

noncntfiry laroe chan-ies in tht pressure levels an !/"r in the 
i.iignltuda of the pressure fluctuations within the inlet, such as 
shown by the pressure tine history (oscillocraph tr-ro) in 
Figure sB- 

larje increases in the rate of chafKte of noal'. distortion nunbtr v.'ith 
airflow ecconpanied by only snail changes in the ratr; of change of 
steady-state distortion number with airflow (Firuro ^, inteme'iatc 
crosswirvl (square syribols), To/'^i  ■ 4C Ib/sec/sn 
an' 

"or exanple); 

(3)    total■pressure  iictributions at the end of the inlot that would 
Indicate an attached boundarv layer if base' on steady-state 
data, but sho1./ very low total  pressures on the u^.-in'1 side of the 
inlet when the fluctuatinn-pres-.ure data are use! (Fi"uro 6D). 
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At a niven crosswlnd, the naxlnun inlet airflow that could be attainc! 
v/lthout separation, was estimated fron the fluctuatlnn-pressiiro data, 
as explained above,    '.lithout the fluctuatlng-pressuro data, 1t would not 
have been possible to detect intemlttent separation.    For exanple, 
Fi^uro 4B shen/s that at the Intencdiate crossv.ind (square synbols), 
the naxlnuri obtainable airflow ner unit area was 46 lb/sec/sq ft before 
separation occurred.    The steady-state distortion data (Figure 5A) show 
a gradual Increase In the rate of change of distortion with airflow for 
airflows above about 45 lb/sec/sq ft at this crosswlnd.    Interoretatimi 
of the steady-state data with regard to occurrence of separation would 
have been uncertain If the fluctuatlnq-pressure data had not been avail- 
able.    For exanple. It would not have been known whether the steady-state 
data characteristics were Indicative of boundary-layer thickening (as 
occurred with 16 knots crosswlnd, for exanple) or of Intermittent 
separation. 

Total-Pressure Distributions 
A cormarlson of steady-state total-nressure distributions and the total- 
pressure distributions corresnonding to peak distortion at the end of the 
inlet is shown in Figure C,    Tlie data are presented for a variety of inlet 
flow conditions. 

1.     Figure 6A shows inlet boundary-layer separation at high crosswirvl 
with low inlet airflow.    The separation resulted fron the adverse 
pressure gradient along the upwind inlet wall.    The Magnitude of the 
adverse gradient is decreased as the inlet airflow is Increased at a 
qiven crosswlnd. 
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2.      Figure«; 6C and 6C show attached flow at intemediate crosswlnd and 
high inlet airflows.    In Figure RC the boundary layer on the Ufft/lnd 
wall of the inlet is becoming thicker due to increased crosswin'l 
speed. 

3.     rinure PO shows intcmiUent inlet separation and Floure ft is for a 
constantly separated bouiHary layer at ver" hioh inlet airflows.    In 
this case separation is probably due to a shock-wave boundary-layer 
interaction near the throat of fie inlet. 

In wery case, the steady-state total-pressure distributions do a poor 
job of describing the nagnitu-'e and extent of the low-nressur'-' region 
that could influence ennine operation. 



TEST RESULTS, STATISTICAL ANALYSIS 

An unsteady flow can be random, deterministic, or a combination of both. 
For the flow to be detomlnlstlc, It must be cyclic.    This Is the cnse of 
an ornan pipe and a He!mho!z resonator.    There are two reasons to Identify 
that the flow has a detemlnlstlc pattern.    These reasons are:    (1) If the 
air Inlet Is In resonance, a change In geometry could larqely reduce the 
anplltude of the resonance and, hence, the flow distortion presented to 
the engine; (2) the resonance night be caused by the test facility and 
Is, therefore, spurious. 

Frequently, the unsteady flow In Inlets has both randon and detemlnlstlc 
pressure fluctuations where with casual  observation, the latter are iiasked 
by the randon variations.    For these reasons, a statistical analysis of 
the unsteady flow test results 1s required.    In the following paraqranhs, 
the spectral  analysis, anplltude probability density function, and the 
autocorrelation function will be discussed.    The cross-correlation con be 
very useful to find the nature of the resonance.    However, the cross- 
correlation was not required for this test. 

Spectral Analysis 
The variance, o^. Is equal to the square of the standard deviation and is 
proportional to the energy content of the pressure fluctuations.    The 
power spectral density at center frequency, f. Is the quotient of the 
variance of the pressure fluctuations with frequencies between f - Jd. and 
f +Jlf and the frequency bandwidth Af. ' 

2 2 it   f\ 
Power Snectral Density = a   ^A" 

Power spectral densities were conputed with a bandwidth of one Hz for 
center frequencies of 3 Hz to 20 Hz; a bandwidth of 5 Hz was used for 
center frequencies of 25 Hz to 525 Hz; a bandwidth of 25 Hz was used for 
higher frequencies.    The naxinun center frequency was 5000 Hz in some 
cases and 1500 Hz in others. 

Th2 power-spectral-density function is the locus of the power-spectral- 
density-points.    Figure 7 shows the power-spectral-density function 
calculated fron the free-strean total-pressure neasurement and from 4 
of the 36 total-pressure neasurerients made at the end of the inlet. 
Three of tl-r total nressures were noasured upwind of the bullet and ttie 
fourth total  pressure was neasured downwind of the bullet.    The data 
of Figure 7 ire for inlet separation at intermediate crosswind with 
high inlet airflow« x   , 
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FIGURE 7. POWER-SPECTRAL DENSITY FUNCTIONS FOR SEPARATED INLET FLOW 
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Figure 7A shows high enerny peaks (high values of power spectral density) 
In the free-stream total-pressure fluctuations at frequencies of 12, 16, 
and 20 to 25 Hz.    The highest peak occurred at 20 to 25 Hz frequency. 
This pov/er-spectral-density function Is the sane, regardless of the typo 
of Inlot flow (separated or attached).   This Indicated that these total- 
pressure fluctuations were characteristic of the wind tunnel and do not 
depend In any way on the Inlet characteristics. 

Reference 4 suggested that these enerny peaks were due to longitudinal 
standing waves In the wind tunnel.    The wind tunnel Is 145 feet long from 
the main tunnel valve 120 feet upstream of the Inlet model  to the blocked 
wind tunnel supersonlc-dlffuser throat 25 feet downstroam of the Inlet 
model.   The first l.avnonlc (fundamental frequency) of the wind *       1 
acting as an organ pipe with both ends closed Is 4 Hz.   Twelve 5 Hz, 
20 Hz and 25 \\z correspond anproxlrately to the third, fourth, fl.  .), 
and sixth harmonic frequencies, respectively. 

The power-spectral-density functions for the total  pressures at the enJ 
of the inlet showed a large Influence of the wind-tunnel pressure 
fluctuations, provided that the inlet measurements were not made in or 
near the separated wake or in the boundary layer.    This influence is 
shown by hinh values of nower spectral density at 20 Hz and 25 Hz in 
Figures 71) and 7E. 

For inlet total-pressure measurements made In or near the separated 
wake, the power-spectral-density functions showed little or no effect of 
the wind-timnel nressure fluctuations on the measurements (Figures 7li and 
7C).    For these cases, the high-energy levels of the pressure fluctua- 
tions in the wake obscured the wind-tunnel effect.    These power-spectral- 
density functions show highest energy at the lowest frequencies, with 
no high energy spikes at any particular frequency. 

For total-pressure measurements made in the Inlet boundary layer where 
the flow was attached, the total-pressure fluctuations were of much 
greater magnitude than the free-stream total-pressure fluctuations and 
were therefore not significantly affected by the free-stream fluctuations. 

Since the magnitudes of the wind-tunnel total-pressure fluctuations were 
not large enough to significantly affect the total-pressure fluctuations 
in the inlet boundary layer or in the separated wake, it was concluded 
that the maximum values of the distortion parameters and the correspond- 
im total-pressure distributions were not significantly affected by the 
froo-strean fluctuations for either attached or separated flew. 

Amplitude-Probability-Density Function and Autocorrelation Function 
Figure 8 shows the amplitude-probability-density function and the auto- 
correlation function for the free-stream total  pressure.    These data are 
shown to describe further the character of the free-stream total-pressure 
fluctuations and to give an example of a way In which these statistical 
functions can be used to describe pressure fluctuations. 

The amplitude-probability density for a particular value of fluctuatinq 
pressure amplitude, y. Is defined as the fraction of the total run tine 
that the pressure amplitude is between y - ^y and y + AV, divided by AV, 
or Z ~T 

amplitude probability density ■ 1    At(y, Ay) 

3G9< ^    ^ 
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sure fluctuations  (pressure fhtctuntions v/here the 
specific oressure nnplitu'le is a r^rnJon event), the shane 

e-probability-density function is similar to that of a 
1an probability-density function, 
sure fluctuations (a sine wave for 
^nificantly different fron that of 
itudc-nrobabilitv-'lensity function 

For deteministic or 
exannle] tfic shane of 
n GMlSSian 'Mstrihu- 
is therefore useful  in 

ther or not the data contain significant deteministic 

Ficure 8A shoi/s the annlitude-probability-density function for the frce- 
strean total-nressuro fluctuations.    The shane of the curve is practi- 
cally that of a Haussian distribution.    Tfierofore, the annlitudos of the 
pressure fluctuations './1th :?n Hi to 25 Hz frequency, which doninate the 
invisciJ flo1..', are not deteministic in nature.    This type of pressure 
fluctuation is called narrov/banri randon noise, 

FREESTREAM TOTAL-PRESSURE FLUCTUATIONS 
INLET AIRFLOW/AREA  •  45.1. INTERMEDIATE CROSSWINÜ 

A.  AMPLITUDE PROBABILITV DENSITY FUNCTION 

07 

B.  AUTOCORRELATION FUNCTION 
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FIGURE 8.  AMPLITUDE PROBABILITY DENSITY FUNCTION AND AUTOCORRELATION FUNCTION 

The autocorrelation is defined by the equation 

.t, 

R(- T)   ■ -r-VJ    y(t) y(t-T) dt. t2"trt] 

The quantity T is the delay tine.    The autocorrelation is calculated for 
various values of delay tine, and the locur. of the points is the auto- 
correlation function. 

The autocorrelation function for tiic free-strenn total-oressure 
fluctuations  is shoi.m in finuro 3B,    The ncriodir characteristic of 
the lu'incorr^lation function defines the freaurncy of the pressure 
fluctuations  that doiinate the flow (f = 2.1 \\i).    The damped char- 
acteristic of the autocorrelation function is indicative of narrowband 
random noise.    If a sine wave with 21 I'z frequency were dominant, 
instead of the narrowband random noise, the autocorrelation function 
would not be damned. «-~ 
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CONCLUSIONS 

1. Detection of Intermittent boundary-layer separation In an Inlet Is 
possible only with fluctuatlnq-pressure data; steady-state data 
are not adequate. 

2. The total-pressure distributions at the end of an air Inlet that 
can affect engine operation are adequately described only through 
the use of fast response pressure data.   In this test peak distor- 
tions were measured that were 2 to 4 times as large as the steady- 
state distortion numbers.   Also the maximum extent of the low-total- 
pressure regions was significantly larger than Indicated by the 
steady-state data. 

3. Simulation of the Inlet flow for engine compatibility test should 
represent the real t time-dependent flow-distortion.   When this Is 
not possible and screens are used to produce a steady-state flow 
distortion, the distortion represented should be based on the 
appropriate "Instantaneous" distortion measured In a properly 
Instrumented Inlet test, 

4. Inlet separation was characterized by high-energy total-pressure 
fluctuations in the separated wake.   Spectral analysis showed 
highest power spectral density at the lowest frequencies, with no 
energy spikes at any particular frequency.   This would appear to 
be a ran.loni "noise" generation at the flow separation with greater 
attenuation of the higher frequencies prior to arrival of the 
disturbance at the measurement location. 

5. The wind tunnel produced an energy spike at 20 and 25 hertz.   This 
did not compromise the validity of the Inlet distortion measurement. 
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NOMEiMCLATURE 

inlet throat nrea 

tine-dependent area-averaqe total pressure comnuted from the 
36 tine-dependent total-nressures neasured at the end of the 
inlet 

PT naxinun total pressure at engine face 

PT . nininurn total pressure at engine face 

Pj free-stream total pressure 

area-averaqe total pressure at end of inlet computed from 
steady-state total-pressure and static-pressure data 

17a inlet airflow 

y(t) fluctuatinq-pressure component 

oT total temperature at end of inlet (0R) divided by 519° R 

^To PT-? (Ps^a) divided by 14.7 psia 

V2 engine-face corrected airflow ■ ^Ve-j- /6j, 
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DIRECTIONAL EFFECTS IN 3-D DIFFUSERS 

Hermann Vlets 

Aerospace Research Laboratories/!^,, WPAFB, Ohio 

1. INTRODUCTION 

The diffusion of flows which are not completely mixed (I.e., have 
a non-uniform velocity profile) Is of Interest In various fluid dynamic 
systems. This Is particularly true of aircraft applications where the 
overall length of a system Is of primary Importance, thus leading to 
situations where unmixed flows must be diffused.  Renewed Interest has 
recently focused on this problem In relation to the development of a 
highly efficient thrust augmenting ejector1. 

It Is the purpose of this paper to examine the effect of direction 
on the three dimensional diffusion process.  Consider an unmixed veloc- 
ity profile at the inlet to the diffuser. The question then arises:  Is 
there a preferred direction of diffusion? That is, is it more efficient 
to diffuse the flow In the plane of the velocity profile (Fig. la) or 
in the plane normal to that of the velocity profile (Fig. lb)? The 
schematics in Fig. 1 show a square inlet in order to separate the 
directional effect from that of aspect ratio. 

The method of attack is to linearize the governing boundary layer 
equations about an average streamwise velocity and assume the cross 
flow velocity component to be small. After some transformation the 
equations are reduced to a single equation of the form of the classi- 
cal heat conduction equation for a single variable including both 
velocity and pressure. The known solutions to the heat conduction 
equation are then applied and the results for diffusion in different 
directions are compared. 

The linearized attack is an extension of an analysis of rectangular 
Jets In coflowing streams due to Pal and Hsieh^'^. 

2. ANALYSIS 

For diffusers of moderate expansion angles, the character of the 
flow is that the cross flow velocities v and w are small compared to 
the streamwise velocity component u.  Therefore, as in Refs. 2 and 3, 
the boundary layer assumptions are applied in both the y and z direc- 
tions. The resulting non-dimenslonalized boundary layer equations 
are 

^-|H+w|H.-|* + i   [0 + 0] a.) 
|* - 0 db) 

. 0 (1c) 
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and continuity 

9u    .     3v    .     9w 
3x 3y 3z 

(Id) 

The velocities are non-dinensionalized with respect  to the average 
velocity at  the diffuser inlet,  U0;   the distances with half  the  initial 
wall separation L0;  and the pressures with the dynamic head p U       (see 

P UQ Lo 
Fig.   2).     Thus R is the Reynolds number,  defined as R -  . 

Now U(x)   is defined as  the average non-dimensional velocity in the 
duct  or diffuser.     Then from the  conservation of mass 

U(x) U(x - 0) 
A(x) 

1 
A(x) 

(2) 

where A(x)   is  the streamwise area distribution. 

Consider initial velocity profiles   (at x " 0)  such  that  the devia- 
tion of  the velocity from the average velocity,   [u(o,y)  - U(x)],  is 
small.     If,  in addition,   the diffuser angles are small,  the transverse 
velocities,  v and w,  are small.     Then  the  streamwise momentum equation 
(la)  may be linearized about  U(x)  by  introducing u <■ u - U(x),  noting 

Jill 
that  u,  v,  w and -r- are small and neglecting terms of higher than  first dx 
order in these variables. 

The  resulting streamwise momentum equation is 

»€ +   u iu' 
3x dx 

1    fW   .    gi 
R    [3y2 9z2J 

(3) 

and  from Eq.   (2) 

1 
A(x) [dx +    3xJ dx 

1 
R 

32' 
to* 

(A) 

In order to simplify this equation,   the velocity and pressure may be 
combined into one variable. 

then 

Q(x,y.z) -j^j-   +    u'(x,y.z) + A(x)   [p(x) - p(0)] 

3x dx 
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Equation (4) becomes 

A 3x    R  [äP + 3Z2J 
+ A di Ip(x) - p(0)]     (7) 

Now to eliminate the pressure,  Integrate Eq.   (5)  over the cross 
sectional  area,  A(x), 

// /    h ß   h 
J jip(x)  - p(0)] dydz - jj   fcflydz - \f f    u'dydz - J, (8) 

O *0 "o ^O 

where g(x) and h(x) are the locations of the walls on the y and z 
axes, respectively, and A(x) ■ h(x) g(x).  The variable u is defined 
as the deviation from the average velocity; thus 

/8  /* . 
j     n  dydz - 0 (9) 

The pressure  is  constant over any cross  section and 

rg rh r?  / 
^IPCX) - po)]   J I   J   V 

dydz - Ji /    / dA 
(10) 

Then the governing Eq. (7) becomes 

1  30    1 3*0 .  3fQ  ,  1  dA /" /* n . ,   1  dA    ,„. 
Ä  3^ B R IV + ^J + X3 d^ / /  0 dydZ " V    -& (11) 

o^o 

The wall contour may be transformed out of the problem by defining 

then 

«h  9x " R [g- i^ + h2 i?J + ^T2 ^ cg 7 / Q dnd; 
O  "O 

(gh)3    dx (13) 

or multiplying  through by  the  area  squared,   the governing equation  is 

o      o 
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with the initial condition   Q (0, n, O - F (n.O 

and the boundary conditions at the centerline (from symmetry) 

3n 
o and la 

3C 
0 

0 

0 

The boundary conditions at the walls are based on an inviscid 
wall assumption and are derived in the Appendix.  They are 

(15) 

(16) 

12 
an 

and 52 
9^ 

n = 1 

(17) 

The inviscid wall assumption precludes the prediction of separation 
(and hence stall) in the diffuser, but separation is not permissible 
anyway under the assumptions previously made to linearize to govern- 
ing equations. 

3.  DIFFUSION IN THE PLANE OF THK VELOCITY PROFILE [FIGURE la] 

0.  The walls 

Now consider the flow situation illustrated in Fig. la.  The 

velocity is not a function of z, and therefore —* 

intersecting the z axis are parallel, so h(x) = 1, while the walls 
intersecting the y axis diverge as g(x).  The governing Eq. (14) 
then reduces to 

g 3x    R 9n2    dx / 
Q dn 

l dg 
g dx 

By the use of  the  transformation 

x 

I     j 
o 

i     J S(s) 
ds 

vhe re 
3 3      3x ,   , 

ar 
i 

3x    31 3x 

(18) 

(19) 

(20) 

The  governing  Eq.    (18)   becomes 

12    _    i    Ü2    + k   *&   f Q dn 
l   dg 

g2 ^ 
(21) 

with  the  Initial  condlMon, 

q (o, n) = u (o, n) + i - F] (n) 
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and the boundary conditions. 

3n and 3n (23) 

The governing equation Is now In the  form of the well-known 
unsteady heat conduction equation and will be solved In Section 5. 

4.     DIFFUSION NORMAL TO THE PLAIIE OF THE  VELOCITY PROFILE   [FIGURE  lb] 

Consider the  flow Illustrated  In  Fig.   lb.     Again,   the  velocity is 
afo 

0.  The walls Intersecting not a function of z and therefore, 

the y axis are parallel, so g(x) - 1, while the walls Intersecting 
the z axis diverge as h(x).  The governing Eq. (13) then reduces to 

1 Ml 
h  9x 

1  3^ 

R 3n2 
_L    dh   f 

Qdn-13 » 
h3 dx 

(2A) 

Now by the use of the transformation 

x 

/ 
C2 - I  h(s) ds 

(25) 

where 9  3 1   3 
3^    3x 3?,   h(x)  3x 

2 2 

(26) 

Eq. (24) becomes 

^2   R  3Tl2  
1  h  ' 

1 dh  /* 
Q dn 1  dh 

h2 d£ 
(27) 

with the initial and boundary conditions as in Eqs. (22) and (23). 

Thus the transformed governing equations and boundary conditions 
are precisely the same whether the flow is diffused in the plane 
of th(! velocity profile or in a plane normal to that of the velocity 
profile.  The difference between the two situations enters through 
the transformation of the streamwise coordinate.  It is now of 
Interest to solve the governing equation and examine the difference 
between the two transformations of the streamwise coordinate. 

5.  SOLUTION OF THE GOVERNING EQUATION 

Th(   form of the governing equation (21) [or (27)] may be recognized 
as the unsLeady heat conduction equation with a heat generation term. 
There are several classical techniques available to solve such 
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equations.     The method chosen here  is  to separate  the problem into 
two simpler problems and superimpose  the  resulting  solutions.     This 
approach is  justified by  the  linearity of  the  governing equation 

Let Q (c.n) ■ G a.n) + H (C.n) 

where G and H are solutions to the following problems; 

ac 1  92G (A) 
9C R an2 

B r        12 

n = o 

(28) 

(29) 

I.C. G(o,n) = F(n) 3G 
3n 

(B) 

i 
R 3n2 

i  da 
g  3? 

i.e. H(o,n) » o 

[f0dr]-im\ 
o 

B.e 8H 

dB 
an 

n = o 

n = i 

(30) 

It may be verified, by addition of the two governing equations 
and by addition of the two sets of boundary conditions, that the 
governing Eq. (21) is equivalent to the two simpler problems. 

The solution to problem (A) has been found (Ref. 4, pg. 101) 
to be 

G(>-,n) 
/ 

2    ? -n n 
C 

F(n) dn + 2  e [F(ri) cos ttnr\ dn] cos nTTn  (31) 

n 

That the first Integral Is equal to unity may be seen from the Initial 
condition Eq. (22), and a consequence of the definition of 11, Eq. (9). 

The solution to problem (B) may he.  verified by substitution to be 

HU.n) = H( ,) / * [/" -M (i- (32) 
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The complete solution for Q(£,n) la then 
2    2 oo -n  TT 

If1 1 I    F(n) cos mrn dn I Q(C,n) - 1 + 2     2^      e i   /     F(n) cos mrn dn I   cos mrn 

n - 1 

(33) 

This Is the solution to Eq. (21).  The corresponding solution 
for diffusion In the opposite plane, Eq. (27), Is obtained by re- 
placing g(T) by hd). Thus, If the contour of the expanding walls 
Is the same, that Is g(x) ■ h(x), then the mathematical solution, 
Eq. (33), Is Independent of the direction of diffusion.  However, 
In transforming the solution back to real coordinates, the effect 
of the direction of diffusion becomes Important since the trans- 
formations of the streamwlse coordinates, Eqs. (19) and (25), are 
quite different In the two cases. 

PRESSURE DISTRIBUTION THROUGH THE ÜIFFUSER 

It should be noted that. In this linearized treatment of the 
diffuser, the pressure distribution Is Independent of the Inlet 
velocity profile and depends only on the geometry through the stream- 
wise distribution of average velocity.  This may be seen by examining 
Eq. (10), which Indicates that the pressure distribution In the physical 
streamwlse direction depends on the area and the integral of Q over 
the area.  The variable Q is a function of area, pressure and the 
deviation of velocity from the average velocity, u.  However, the 
Integral of Q is independent of u by definition (see Eq. 9).  Thus 
the pressure distribution is Independent of the inlet velocity pro- 
file and may be found by a far simpler method.  Returning to Eq. (4) 
and setting u' ■ 0, 

_i2 
dx 

or 

■*-i*(i) 

(34) 

(35) 

Then integrating 

2  \   A2(x)/ 
P(X) - p(o) - f II - -frri (36) 

The effect of direction on the diffusion process, therefore, is 
not evident in terms of the pressure distribution through the diffuser 
but rather in the degree of mixing found in the velocity profile at 
the diffuser exit.  This effect is discussed in the following section. 



7.  EFFECT OF DIFFUSION DIRECTION ON THE STREAMWISE COORDINATE 
TRANSFORMATION 

In order to Illustrate the effect of direction on the diffusion 
process, consider the simplest case of a straight walled diffuser. 
Then, the equation of the expanding walls for diffusion in the plane 
of the velocity profile, Fig. la, is 

g(x) - ax ■»■ 1 (37) 

where  a is  the  slope of  the expanding walls.     The  transformed 
streamwise coordinate is 

x 

r'i = / ITTI dS = I Än <ax + D ^ 

Now for diffusion in a direction normal to the plane of the velocity 
profile. Fig. lb, thr equation of the expanding walls (for the same 
area ratio between exit and inlet) is the same as above, 

h(x) = ax + 1 (39) 

Then the transformed streamwise coordinate is 

x 

■/ 
?2 = I  (as + 1) ds = ^ + x ^0> 

Now the question arises:  if there exist two diffusers of equal length 
but different sets of diverging walls, as illustrated in Figs, la and 
lb, what will be the difference between their exit velocity profiles? 
The simplest way to examine this question is to compare the two stream- 
wise coordinate transformations, as shown in Fig. 3.  The two trans- 
formed coordinates are plotted versus non-dimensionalized physical 
distance downstream for the case of the wall slope a = 0.1.  Then at 
any x position downstream, the corresponding value ^ is directly 
related to the amount of mixing having taken place up to that stream- 
wise position.  Thus it may be seen from the figure that diffusion 
normal to the plane of the velocity profile always leads to Improved 
mixing in contrast to diffusion in the plane of the velocity profile, 
since f, > K    everywhere. 

The difference in the degree of mixing indicated above, can be 
substantial.  Defining a variable D as the difference between the trans- 
formed coordinates at any x position divided by that x position, the 
value of D is 19% at an x location of two.  The difference D grows 
very rapidly, reaching values of 28% and 44% at x locations of three 
and five, respectively. 

Some insight into the problem of concurrent mixing and diffusion 
may be obtained by noting that for no diffusion the transformation 
of the streamwise coordinate degenerates to r, = x.  (It should be 
kept in mind that the walls are assumed invlscid).  This situation 
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Is depicted In Fig. 3 by the dashed line  Then it can be clearly 
seen from the figure that diffusion in the plane of the velocity pro- 
file (£ ) Inhibits the mixing process while diffusion normal to the 
plane of the velocity profile (£ ) enhances the mixing process. 

8.  EFFECT OF ARBITRARY STREAMWISE EDDY VISCOSITY 

In the preceding analysis, there is an implicit assumption that 
the Reynolds number term, R, be constant.  This limits the treatment 
to laminar flows or turbulent flows where a Boussinesq approximation 
to the eddy viscosity is made, namely, that the eddy viscosity is con- 
stant.  However, the implications of the preceding results are un- 
affected by the use of an arbitrary streamwise eddy viscosity, al- 
though the numerical values will change, as shown in the following 
argument: 

Let 

c'" / W*l " (41, 
o 

and 
x 

/ 

x 
h(s) ds 
R (A2) 

where R is an arbitrary function of streamwise distance. 

Then the governing differential Eqs. (21) and (27) are unchanged 
except for the disappearance of the Reynolds number, R.  The corres- 
ponding solution of the governing equation, Eq. (33), Is likewise 
unaffected except for the disappearance of the Reynolds number from 
the equation.  Thus a figure equivalent to Fig. 3 may be generated 
with the x axis replaced by x/R.  The curve for C2 will lie above 
that for Cjf and the same qualitative arguments as those presented 
with reference to Fig. 3 follow.  Thus the basic conclusion holds, 
that diffusion normal to the plane of the velocity profile is more 
effective than diffusion in the plane of the velocity profile. 

9.  SEPARATION OF Q INTO PRESSURE AND VELOCITY 

It has previously been argued (Sec. 6) that the streamwise pres- 
sure distribution is independent of the velocity distribution.  In 
this section the function Q is separated into its component parts in 
order to isolate the velocity component for the calculations of some 
specific examples. 

From Eq.   (10), 

1      1 

P(ü - p(0) " A /   /   Q(r-n) dndc - ±2 (A3) 

o 
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Now Q(C,n)  has been found (for the case of  diffusion In the plane 
of  the velocity profile)  In Eq.   (33).    The  Integral In Eq.   (43) can 
be easily evaluated by noting that the second term on the right hand 
side of  Eq.   (33)   drops out  upon Integration with  respect  to n. Then 

p(0 - P(O) - A 
A 

n n •* f 

(A4) 

Now by equating Eq. (33) with the definition of Q Eq. (5), and solving 
for u and substituting for p(0 - p(0) from Eq. (44), 

2   2 -n TT 

u^.n) - 2   2J 
^ \r F(n)  cos mrn dn      cos ] nTTn (45) 

The result for diffusion normal to the plane of the velocity profile 
is Identical to the above except that £ replaces Cj. 

10.  EXAMPLE 

As  a simple example,  consider the  deviation  from uniformity  of  the 
velocity profile  at   the entrance  to  the diffuser  to be F(ri)  = b cos TT n< 
Then  the  coefficient of  the  Fourier  series  solution,  Eq.   (45),   is 

/ 
cos irri cos mrn dn 

(b/2    B * 1 

0        n # 1 
(46) 

and the  solution  for u reduces  to 

-T 

u  (C,n)  »be COS   TTH 

(A7) 

Thus the shape of the velocity profile remains qualitatively unchanged 
whilf the deviation of the velocity from uniform flow decays as the 
exponential 

■Jill 

Now suppose a = ü.i, R = 100 and the diftuser length is xe = 4 (here 
R may be viewed as the inverse of an eddy viscosity term). Then the 
transformed streamwlse  coordinate  is   (from  Fig.   3)   £.  =  3.36  for 
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diffusion in the plane of the profile and f!2 - 4.80 for diffusion 
normal to the plane. The ratio of the magnitudes of u at the exit 
of the diffuser in the two cases is 

R  ^2 

R S 

- 1.153 

Thus the mixing rate has been improved by approximately 15% by 
diffusing the flow normal to the plane of the velocity profile rather 
than in the plane. 

11.  CONCLUSION 

The foregoing analysis indicates the importance of diffusion 
direction on the linearized mixing process within the diffuser. The 
same effect may be of even greater importance in the nonlinear case 
and should therefore be examined both theoretically and experimentally. 
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Figure la.  Square inlet diffuser with diffusion in 
the plane of the velocity profile. 

. 

Figure  lb.     Square  inlet  diffuser with diffusion 
normal  to  the  plane of the velocity 
profile.     ' 'tA< 
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Figure 2.     Inlet conditions. 
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Figure 3.     Effect of diffusion on the streamwlse 
coordinate transformation. 
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APPENDIX  DERIVATION OF THE INVISCID WALL BOUNDARY CONDITION 

The outer boundary condition is that the wall is inviscid and 
thus cannot support a shear stress. The boundary condition may be 
expressed as (see Fig. Al): 

iwl 

I wall 
(Al) 

Expanding by the chain rule 

9w _ j)w jhi dy_ dv   _9u dx 
9T    9u 3y 3T    3u 3x 3T 

= (A2) 

or 

From Fig. Al, 

— ■  ^S   in 
3T 

(A3) 

3T V 1 + K I 2 

and 

3x      h J 

Figure 
01   V1 + h'2' Al. 

so that 

3u 
dy 

l 
= h 

3u 
dx 

wa 11 

or from the definitl on of u. 

Figure Al.  Boundary condition at the wall. 

(A5) 

ay 
wall 

-h ;   + h 3^ 
h2 (x)     %* 

(A6) 

It has been previously  assumed  that   the perturbation velocity 
u and  the wall  slope   h  are   small,   and  second order  small  terms  have 
been  neglected   in  the   development  of Eq.   (12).     Thus   the  velocity 
derivative  at  the wall,   Eq.   (A6),   is zero to first  order  and may be 
expressed  as 

Jin 
= o (A7) 

n = i 
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SOME AERODYNAMIC DESIGN CONSIDERATIONS  FOR HIGH BYPASS  RATIO FANS 

L. H. Smith, Jr. 

Group Engineering Dlv., General Electric Co., Cincinnati, Ohio 45215, USA 

Abstract 

If the hub/tip radius ratio of a fan is kept low in order to provide 
high airflow per unit frontal area, it may be necessary to limit the work 
input at the fan hub to a level substantially lower than that near the 
fan tip.  For some applications, such as the General Electric CF6-6 
engine, it is desired to bring the hub energy level up to that of the tip 
in the fan component through the use of a tandem part-span stage called a 
quarter stage.  The optimum design of such an arrangement involves con- 
sideration of special aerodynamic design features and phenomena such as 
secondary flows due to non-constant blade circulations, diffusion of non- 
uniform flows, and employment of stator vanes with significant sweep and 
dihedral.  The manner in which these concepts were applied in the design 
of the CF6-6 fan are discussed, and it is concluded that the employment 
of the classical aerodynamic design approach to an unusual arrangement 
can lead to a satisfactory solution. 

Introduction 

Since the blade speed near the hub of a low hub/tip radius ratio fan 
is substantially less than near the tip, and since the energy addition 
process in a turbomachine stage is strongly related to the blade speed, 
it is natural to consider fan designs that have lower work addition at 
the hub than at the tip.  For aircraft flight speeds in the medium to 
high subsonic Mach number range, fan bypass stream pressure ratios in the 
range of 1.5 to 1.8 are required, and these can be obtained satisfacto- 
rily over the outer two-thirds of the span of modern single-stage fans 
that operate with tip speeds of 400 to 500 m/s.  It would appear that 
lower pressure ratios near the fan hub would cause no significant engine 
penalty, since additional stages in the core stream can be added aft of 
the fan, either on the fan sp ol or subsequent spools, to produce the 
high core-stream pressure ratios employed in modern high-temperature 
turbofan engines.  There are, however, potential problems in fan design 
for non-constant-energy fans that must be dealt with to obtain an 
efficient and stable engine compression system.  These are best under- 
stood through a discussion of the flow patterns that occur in different 
fan arrangements. 

The simplest type of fan arrangement is shown in Figure 1(a).  Down- 
stream of the stator vanes, where the flow direction is mainly axial, the 
static pressure is nearly constant from hub to tip.  Therefore, if the 
fan rotor has added less energy to the flow in the hub region than else- 
where, the lower total pressure near the hub will result in a lower 
dynamic pressure behind the stator near the hub.  This leads to in- 
creased velocity diffusion through the stator for this fluid, which 
could lead to a stalling condition.  Because of this tendency for over- 
loading near the stator inner diameter, only small spanwise variations 
in rotor work input can be used with this type of fan arrangement, with 
the consequence that either rather large hub/tip radius ratios or 
rather high tip speeds must be employed. 
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In the arrangement shown in Figure  1(b),   the high  loading difficulty 
at   the inner end of the stator when the  rotor work input is   low there  is 
overcome by the splitter.     With it,   the annulus area  through  the  inner 
part ol   the stator can be contracted,   and a reasonable velocity diffusion 
can be had.     High  loading on the  inner stator does occur with  this 
arrangement,   however,   for certain engine power settings and  transient 
conditions that cause the bypass  ratio  to rise and the flow-dividing 
streamline  to appear as shown in  the dashed   line.    And  if the splitter 
nose is close   to the trailing edge of  the rotor as shown,  an increase in 
rotor hub  loading also occurs during such operation.     These  loading 
increases may  lead  to the  formation of stable regions of separated  flow 
in  the blading, with no discontinuous   flow breakdown.     Of course,   rela- 
tively poor flow profiles may be  passed on to the core engine at such 
times. 

Figure  1(c)  shows an arrangement  in which there are several core 
stream booster stages attached  to  the   fan spool.     Substantially reduced 
fan hub energy  levels may be  safely employed here because the  close- 
coupled booster rotors can be designed  to flatten,  or even reverse,   the 
fan rotor work gradient.     The  increased-bypass-ratio off-design operating 
modes must now be specially handled,   however,   to prevent stalling of the 
booster stages.     This can be done by employing a bypass valve   (or bleed 
valve)  as  shown in Figure  1(c),   which can be opened  to dispose of  the 
excess  flow delivered by the booster stages during high-bypass-ratio off- 
design operation.    Alternatively,   the stators in the booster compressor 
can be made variable,   as shown in Figure  1(d), with their angles con- 
trolled   to match the booster and core compressor flow pumping capacities 
for all operating conditions.    As another alternative,   the booster stages 
can be placed on a separate spool,   Figure 1(e),  and the individual spool 
pumping capacities  can be matched  by  spool speed  ratio changes. 

The  schemes shown in Figures   1(c),   1(d)  and  1(e)   all require an 
additional degree of engine complexity in one form or another  to achieve 
matching of  the compressor components.     For some applications   it is 
desired  to avoid this complexity,   and also to avoid both the  increased 
hub diameter required for the arrangement of Figure  1(a)  and  the reduced 
hub pressure ratio and off-design inefficiencies of the arrangement of 
Figure   1(b).     This  can be accomplished  by employing a  fractional-span 
stage as  part of the basic  fan.     Figures  1(f)  and 2 show two means  for 
accomplishing  this.     In Figure   1(f)   the part-span stage is placed ahead 
of  the main rotor.    With this arrangement very low values of  the ratio 
of  first  stage  hub radius   to second  stage  tip radius can be  obtained, 
leading  to  large values of airflow per unit  tip-circle area even after 
an accounting is made of the area blocked by the ring splitter over the 
first  rotor tip.     The main disadvantage  of  this configuration  is  its 
acoustics;   inlet guide vanes must be employed to support the middle 
stator,   and  it  is difficult  to achieve  substantial axial spacings  be- 
tween blade and vane rows without excessive overall length. 

In  the scheme shown in Figure 2  the  fractional-span stage is placed 
aft of the main rotor.     It  is obvious   that  this arrangement is acousti- 
cally preferable,   and it is  this design type that was selected for the 
General  Electric CF6-6 engine.     The purpose of this paper is   to describe 
the  aerodynamic design  features  of  this   fan,   to point  out the  reasons 
for employing  swp^p and dihedral  in certain of the stator vane  rows,   and 
to demonstrate  that  the classical aerodynamic design approach can be 
successfully applied  to  the design of a novel arrangement. 
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Selection  of Levels  of Overall Design Parameters  For The CF6 Fan 

Engine  thermodynamic  cycle  optimization studies carried out  to meet 
the  anticipated  requirements  of  the  initial CF6 engine   led   to  the 
selection  of a bypass  ratio of about  6 and a  fan bypass  stream pressure 
ratio of   1.62  for altitude cruise operation.    Aerodynamic  preliminary 
design studies aimed at achieving a configuration that would have a good 
efficiency potential with adequate stall margin resulted  in  the speci- 
fication of a tip speed   (corrected  to   15 C)  of 423 m/s,   an?inlet  hub/tip 
radius  ratio of 0.37,  and  a  specific  airflow of 202 kg/s m    annulus  area. 
Concurrent and  interrelated  aeromechanical design studies  yielded  a main 
fan  rotor employing  38 titanium blades  having part-span shrouds  at  the 
707, span  location. 

Further  thermodynamic  cycle  studies  indicated  that  an existing 
General Electric high performance core engine was well suited  to match 
the   178,000 newton  (40,000   Ibf)   take-off  thrust  requirement  of early  CF6 
engines if  the  fan could deliver  the same pressure ratio in  the core 
stream as   in the bypass stream.     This  provided an added  incentive   to use 
the  arrangement of Figure  2,   since  the  hub/tip radius  ratio of 0.37 was 
low enough  to prevent  the employment of  radially-constant work addition 
in  the main fan rotor. 

Factors Affecting Design Configuration Details 

When designing high performance  fluid machinery,   the  avoidance of 
boundary   layer separation  is  a major goal.     In classical  fluid mechanics, 
such  separations are  avoided  or minimized by shaping  the  boundary sur- 
faces  so  that velocity diffusion rates  sufficient  to separate  the  bound- 
ary   layer  are avoided.     In  the  field of compressor design  these diffusion 
rate   limits  are reasonably well known and  the problem,   then,   when design- 
ing a novel arrangement   like  a  fan with a  fractional-span stage,   is  to 
shape  the  annular boundaries  and   to select  the work distributions  so  that 
these   limits will be  observed. 

Early  calculations  using  the  circumferential-average   (axisymmetric) 
flow model  of Reference  (1)   to determine meridional streamlines  showed 
that   there  are  two  locations   in a   1-1/4  stage  fan arrangement where 
careful design control  is  necessary  to  obtain acceptable diffusion rates: 
along  the   island upper surface  near  the   trailing edge and  along  the main 
hub  contour aft of  the quarter stage.     Other items of concern  identified 
during early studies  relate   to  the  stability of  the  ring vortex sheet 
shed  by  the quarter stage  island,   and  the ability  to properly account   for 
the  secondary flows   that  result   from the  non-constant circulation distri- 
butions  in  the blading.     The manner  in which  these items  affected  the 
design will be  taken up in  the  following sections. 

Selection  of Spanwise Circulation Distributions 

The  spanwise distribution of work  input  for the main  fan rotor was 
affected  by  the  following  three  considerations.     First,   there was  no 
point  in employing a high  loading at  the  hub because  the quarter stage 
rotor  is  capable of accepting substantial  loading.    Also,   in  the  Inter- 
ests  of h'   h efficiency,   a   light   loading on  the  first  rotor hub  is de- 
sirable b   .ause  it keeps  the   inner stator hub Mach number   low.     Second, 
the   loading at  the  island  streamline  should be  as  high as   the  rotor can 
safely  take  in order  to minimize   the diffusion  in  the  outer  outlet  guide 
vanes.     The  logic  here  is  the  same as was described  in connection with 
Figure  1(a) ;   low  total pressure  at  the  inner end of a stator vane  row 
leads   to high diffusion  there.     Another  reason  for keeping  the  island 
streamline   total pressure up  is  because   this makes  the  bypass  stream 
total pressure more uniform and  reduces   the strength of  the  ring vortex 
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sheet  that  is shed  from the island trailing edge.     Although calculations 
had shown that  the   loss in propulsive efficiency associated with the 
employment of a non-uniform jet stream was very slight,   there was some 
concern  that  the dynamic pressure might approach zero at certain  loca- 
tions  in  the bypass duct where  the static pressure  tends  to be high if 
the total pressure were  locally too  low.     There was also some concern 
that the  inherent instability of the  ring vortex sheet might  lead  to 
turbulence of a moderately  large scale and  Increased   losses in the bypass 
duct.     No evidence of this was ever found,   however.     The third consider- 
ation was   that  it would  be best  to  let   the work addition drop off  some- 
what at   the  outer wall.     This  reduces   the  rotor aerodynamic   loading at 
the   location where  stalls  initiate.     It also  leads  to slightly  lower 
velocities near the  outer wall of the  bypass duct,  which might help 
reduce duct scrubbing  losses. 

The distribution of  fan  rotor exit   total pressure  that was  finally 
selected  based  on  these considerations   is  shown  In Figure  3,   together 
with the   fan discharge distribution.     Streamfunction  is employed as  the 
display variable  rather  than radius  so  that  the work distribution of  the 
quarter stage will be more clearly indicated.     It  is seen that  the 
quarter-stage  rotor  is designed so  that,   allowing  for anticipated   losses 
in the  stator vane  rows  adjacent  to  it,   a uniform total pressure will  be 
delivered by  the quarter stage.     The  anticipated   total-pressure  fall- 
off s of  the annulus wall and island boundary layers are not shown;   the 
displacement   thicknesses of  these boundary  layers were accounted  for in 
the design process,   and  the   losses  that  they cause were partially 
reflected  in  the design  loss  coefficient distributions. 

The  stator circulation distributions  resulted  from the  following 
considerations. 

Both outlet guide vane  rows were  designed  to remove  all swirl  from 
the flow.     The  general  level of swirl   from the  inner stator was chosen 
to yield  a  good  loading balance between it  and  the  inner outlet  guide 
vanes.     This  is a  secondary,   but significant,   advantage of  the  1-1/4 
stage  fan arrangement compared with  the arrangements  of Figures   1(a)   and 
1(b):     the   losses  in  the stator near  the hub can be  substantially re- 
duced by eliminating  the need  for  the   fan  stator   to remove all,   or al- 
most all,   of  the  fan rotor swirl. 

The  selection  of the spanwise distribution  of  inner stator exit 
swirl angle was  guided by  loading and  axial velocity distribution con- 
siderations.     Since   the  flow  leaving   the main rotor has  a considerably 
high  -  total  pressure at  the  island   than at  the  hub,   there is  a strong 
tendency  for  the meridional streamlines  to move  radially outward when 
passing  through  the  inner stator.     This  can be partly offset by allowing 
the  inner  stator  to discharge  the  flow with  larger swirl at  its  out- 
board end   than at   the hub.     Such a swirl distribution is  also consistent 
with  the work addition of the rotor   that  follows;   the quarter stage 
rotor  increases  the  flow swirl much more at its  hub  than at its  tip.     In 
the distribution  finally selected,   the  swirl angle aft of  the  inner 
stator varies   from 8    at  the hub to   18    at  the  Island,  measured  from the 
axial direction. 

Selection of Outlet Guide Vane Configurations 

As  previously mentioned,   the  two  regions where  the achievement  of 
satisfactory diffusion rates presented  the  greatest challenge  are 
associated with the outlet guide vanes:     (1)   the inner end of the outer 
outlet  guide  vanes,   and  (2)   the hub  surface downstream of  the  inner out- 
let guide  vanes.     The radial distribution  of static  pressure  just  aft  of 
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the island contributes to both of these difficulties.  Although the flow 
has no swirl at this location, the meridional streamline curvature dis- 
tribution Is such as to cause a high static pressure at the island trail- 
ing edge and a low static pressure on the convex hub surface.  The high 
static pressure at the island trailing edge contributes directly to the 
velocity diffusion required in the outlet guide vanes, and the low static 
pressure on the hub increases the diffusion required in the transition 
duct leading to the core compressor. 

Various island shapes and locations were studied while attempting to 
find the best geometry.  At this point in the evolution of the design the 
outer outlet guide vanes were in their final swept position, this having 
been done to increase their axial distance from the main fan rotor for 
acoustic reasons, but the inner outlet guide vanes were still radially 
oriented.  These studies showed that the outer outlet guide vane diffu- 
sion could be reduced by removing some of the convexity from the upper 
surface of the island, for this reduced the inlet velocity to the outlet 
guide vanes.  But with the island thickness already reduced to the mini- 
mum value consistent with structural integrity, this led to a reduction 
of the hub radius of the quarter stage rotor, which ultimately led to 
an undesirable increase in convex hub curvature at the exit of the inner 
outlet guide vanes.  A further outboard placement of the whole island 
was also studied.  The fraction of the total flow that passes through 
the quarter stage was not a firm design requirement, but it was initial- 
ly chosen to match that expected to be needed in growth versions of the 
CF6 engine that would employ the arrangement shown in Figure 1(c).  This 
flow is somewhat larger than the initial CF6-6 core engine flow, a desir- 
able feature because it places the island wake fluid in the bypass 
stream rather than in the core stream.  No advantage was found by the 
further outboard placement of the island.  Apparently, the Increased 
blockage of the annulus area caused by moving an island of fixed thick- 
ness to a larger radius is sufficient to nullify the gain of an in- 
creased total pressure at the inner end of the outer outlet guide vanes. 

No substantial gains were made in overcoming these difficulties 
until the inner outlet guide vanes were swept and leaned.  It had been 
appreciated from the start that the backward sweep of the outer outlet 
guide vanes is helpful because their thickness blockage tends to reduce 
the effective flow area and increase velocities at the island trailing 
edge.  Sweeping of the inner outlet guide vanes has the same effect, but, 
more importantly, their sweeping places them in a position where they 
can be used to relieve the radial static pressure gradient that aggra- 
vates both difficulties.  By leaning them such that their concave 
surfaces face generally toward the hub, a component of their lift helps 
to turn the flow radially inward toward the core compressor.  Employment 
of this approach led ultimately to a configuration for which the NACA 
Diffusion Factor of Reference (2) at the inner end of the outer outlet 
guide vanes was held to 0.54 and for which the Mach number on the hub 
aft of the inner outlet guide vanes was kept below 0.60. 

Airfoil Desifin Special Considerations 

The same general approach was employed when specifying airfoil 
shapes for the CF6 fan as has been in use at General Electric since 1959. 
A detailed circumferential-average (axisymmetric) flow solution was 
first carried out at the aerodynamic design point using the method of 
Reference (1).  For this solution the calculation grid included several 
stations inside the main fan rotor and inside the outlet guide vane 
rows so that their effects upon the meridional streamline pattern would 
be represented as accurately as possible within the framework of an 
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axisyrametric model.  Initially, an island contour was assumed and the 
forward 90 percent of its chord was specified as a boundary in the flow 
field.  A calculation station extending from the fan hub to the outer 
casing was placed at the trailing edge of the island; this guaranteed 
a static pressure match there for the upper and lower island surface 
streamlines.  The island contour and the hub contour were then adjusted 
slightly until a smooth island resulted.  Stations downstream of the 
island also extended from the hub to the outer casing, matching static 
pressures across the island vortex sheet.  Stations further downstream 
were interrupted by the main splitter that separates the core flow from 
the bypass flow.  The final meridional streamlines are shown in Figure 2. 
The radially-inward force component on the flow imparted by the inner 
outlet guide vanes is reflected in the shapes of the streamlines passing 
through them. 

With the meridional streamlines and swirl velocity distributions 
thusly established, compatible airfoil shapes were designed.  This in- 
volved the specification of departure angles* along each meridional 
streamline at each calculation station in a blade row.  For the main fan 
rotor, the forward parts of the airfoils were shaped so as to keep the 
suction surface Mach number as low as possible back to the location where 
the shock from the adjacent blade was expected, consistent with the re- 
quirement that no net upstream swirl be induced, and consistent with the 
attainment of the desired throat area.  A program previously conducted 
under NASA sponsorship on research rotors, reported by Gostelow, 
Krabacher, and Smith*- ', provided data useful for this purpose.  Trailing 
edge angles were selected to match deviation angles calculated from a 
form of Carter's rule that included an accounting for changes in radius 
and axial velocity across the blade row, plus an empirical adjustment 
based on past experience.  Calculations of deviation angle perturbations 
caused by the secondary flow field in the rotor that results from the 
non-constant circulation distribution employed were made using the method 
of Reference ('+).  These showed that the maximum perturbation was a one 
degree deviation angle reduction, occurring at the hub.  This perturba- 
tion was not incorporated in the airfoil design, as it was felt to be 
small and in a favorable direction. 

Since the inner stator and quarter-stage rotor operate with moderate 
subsonic Mach numbers and do not incorporate special features such as 
sweep, their designs followed conventional lines.  Standard airfoil pro- 
files were employed, and incidence and deviation angles were specified 
according to standard General Electric practice.  Secondary flow calcu- 
lations were also made for these blade rows.  For the inner stator the 
secondary flow caused by the non-constant vane circulation was partially 
offset by the secondary flow resulting from the entering vorticity 
generated by the main rotor (circumferentially averaged), with the result 
that the deviation angle increase at the hub and deviation angle decrease 
at the island were both less than one degree.  For the quarter-stage 
rotor these effects were additive, and the deviation angle increase at 
the hub and decrease at the tip were both about 1.5 degrees.  Again, 
these secondary flow perturbations were not included in the original 
blading designs. 

*The departure angle is the difference between the circumferential- 
average flow angle and the airfoil meanline angle.  It is equal to the 
incidence angle at the leading edge and the deviation angle at the 

trailing edge. «r»o-* 



The swept outer and inner outlet guide vanes were designed according 
to  the method presented by Smith and Yeh^.     The blade axes were  chosen 
so as  to be approximately parallel  to the   leading edges of  the vanes. 
For  the outer row the blade axis was   leaned slightly in  the circumfer- 
ential direction in order to keep the dihedral angle near zero where the 
vanes  intersect  the island.     The sweep there  is  12 degrees.     For  the 
inner row the blade axis was   leaned  substantially so as  to accomplish the 
inward  force  component described previously.     The resulting sweep angles 
are 27 degrees at  the  island and  -40 degrees at the hub,  and  the result- 
ing dihedral angles are  23 degrees  at  the  island and  -30 degrees  at  the 
hub. 

Departure angles  for the outlet guide vanes were chosen so that  the 
resulting airfoils would approximate  standard General Electric  subsonic 
airfoil profiles when viewed  parallel  to  the  blade axes.     The  sweep and 
dihedral magnitudes  in  the inner outlet guide vanes were  sufficient  to 
justify  the calculation and  inclusion of  the end-effect  perturbations of 
Reference   (5).     The calculated  perturbations were as   large as   10 degrees 
in departure  angle at  the island and   -17 degrees at  the hub,   both occur- 
ring near mid  chord.     Substantially  lower values were calculated  at  the 
leading and  trailing edges,   and  since all of  the perturbations were 
calculated  to be rather   localized  near  the end walls,   the perturbation 
levels  actually used in  the  blade design were  reduced  to about 4 degrees 
at  the  island  and  -5 degrees at  the  hub. 

A photograph of the outlet  guide vane assembly in a CF6-6 engine  is 
shown in Figure 4. 

Performance Demonstrations 

The CF6  fan was  initially  built  in 900 mm size  for scale model  rig 
testing.     The  scale model performance  program,   carried  out  in  the 
General  Electric  compressor  test  facilities  at Lynn,  Massachusetts, 
during  the spring and early summer of  1968,   proved  that  the   1-1/4  stage 
concept was  sound and demonstrated   that  the  design methods employed were 
basically satisfactory.     Noise   tests  on a duplicate scale model  fan  rig 
at   the  General Electric Peebles,   Ohio,   Proving Ground also demonstrated 
that  the   fan  had excellent acoustic  qualities. 

Spanwise  distributions  of   total  pressure and efficiency measured at 
fan exit with  the  fan rig operating at design speed and with a  back 
pressure  close   to  the design value  are shown  in Figure  5.     Each plotted 
point  is  based  on  the average  of data  taken  from sensors mounted  in arc 
rake arrangement,  with the sensors  spaced across outlet guide vane 
pitches  so as   to permit a uniform sampling of a vane passage.     The  outer 
seven arc  rakes were composed  of   12   temperature and  12  pressure  elements 
each.     The  rakes were constructed  such  that   the odd numbered  elements 
were  pressures  and  the even numbered  elements were  temperatures.     This 
construction enables pressure  and   temperature  sampling  from a  common 
fluid  region and minimizes  the effects  of any gross  circumferential 
variation when computing efficiency.     The  five outermost  rakes  spanned 
three outer outlet guide vane  spacings.     The  remaining  two outer panel 
rakes  spanned   four spacings.     The  three arc  rakes  behind  the quarter- 
stage were of  similar construction with six pressure and  six  temperature 
elements  each.     These rakes  spanned   two inner outlet guide vane 
spacings. 

It  is seen in Figure 5  that  the desired discharge profiles were 
closely achieved.     Full-scale  engine   tests  carried  out   later  in  1968 
generally confirmed  these profiles.     The engine  tests  showed,   however, 
that  the weakness at  the hub of  the quarter stage shown in Figure  5 



had been eliminated,  either as a consequence of small airfoil trim 
changes,   or,   more  likely,   as a consequence of the improved dimensional 
control that  is possible with large hardware. 

Total-pressure and swirl-angle profiles measured at the fan rig 
rotor exit with the  fan operating at design speed,  but with a slightly 
increased back pressure,   are shown in Figure 6.     A cobra-head  traversing 
probe was used  to obtain these data.     Similar measurements at quarter- 
stage rotor exit are shown in Figure 7,  except  that   the  fan back pressure 
was slightly   less  than design when these were  taken.     The data in 
Figures  5 and  7 were  taken after some  trimming changes were made to the 
original blading.     These consisted of an opening of  the main fan rotor 
leading edge near the hub,  a closure of  the  inner stator  leading edge 
at the hub and  trailing edge at  the island,   and an opening of the quarter 
stage rotor at  the hub.     Although the need  for these modifications was 
based on tests of the initial configuration,   it is interesting to note 
that the quarter stage blading changes were  in the direction indicated 
by the secondary flow calculations. 

The stall  line of  the  fan was found  to meet or exceed design pre- 
dictions at all speeds.     Stalls always initiate at the fan rotor tip 
regardless  of speed or bypass ratio.     In fact,   during the rig test pro- 
gram it was demonstrated  that the fan stall  line remained essentially 
unchanged at a bypass ratio of 24,  obtained by operating with the core 
stream throttle nearly closed.    Tests with tip radial,  one-per-rev,   and 
combination distortion screens indicated  that the fan had an adequate 
tolerance  to inlet  flow mal-distributlons.     Because of these favorable 
results it was possible  to safely raise the fan operating  line somewhat 
by closing  the bypass  nozzle area when  trimming  the  CF6 engine  to best 
meet the needs of McDonnell Douglas DC-10 Aircraft customers. 
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1 (a): Fan With Remote Splitter Kb):   Fan  With Split Stator 

1(c): Fan With Core Boost 
Stages; Off-Design Matching 

With Bypass Valve 

1(d): Fan With Core Boost 
Stages; Off-Design Matching 
With Variable Stators 

1(e): Fan With Core Boost 
Stages; Off-Design Matching 
With Third Spool 

1(f): Fractional-Span Fan With 
Remote Splitter; Short-Span 
Stage Ahead of Main Rotor 

Splitter Streamline, Normal Operation 

Splitter Streamline, Off-Design Operation 

FIGURE 1: HIGH BYPASS RATIO 
FAN ARRANGEMENTS 
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FIGURE 4: CF6-6 FAN OUTLET GUIDE VANES, 

VIEWED FROM BYPASS DUCT 
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A COM PAR BON OF THEORETICAL AND EXffiRIMENTAL INVESTIGATIONS OP TOO 

DIFFERENT AXIAL SUffiRSONIC COMIRESSORS 

H. Simon & D. Bohn, Institute for Jet fropulalon and Turbine Machines, 
Aachen Technical University. Responsible for this Research ft-ogram: 
Prof. Dr.-Ing. W. Dettmerlng * B-of. Dr.-Ing. H. Oallus 

1 . Introduction 
According to the conventional definition the supersonic compressor 
differs from the subsonic or transonic compressor In that the absolute 
or the relative velocity in at least one of the axial clearances remains 
supersonic over the entire blade height. Pig. 1 shows different super- 
sonic compressor stages based on this requirement. If we restrict our 
attention to those stages with especially high load distributions, that 
is those stages in which rotnr and stator hftve a supersonic upstream 
flow, there remain three different types (Qj,  (^,   ^y) >  All these work 
witn a compression shock in the stator, but differ in the flow of the 
rotor. 

In type (V), the rotor flow is fully supersonic. The static pressure 
rise takes place essentially in the stator. 

Tynes (^ and ß) operate with a shock at the rotor inlet and differ 
from one anothgr in the stabilisation of the compression shock. In the 
cast of type (2), a minimum of the cross sectional area exists at the 
rotor blade exit. This reduction in area must be obtained by the hub 
contour, because deflection causes an additional increase of the cross 
=ectlonai area. In view of the continuous reduction in the through-flow 
area from inlet to exit of the rotor blade channel, the supersonic flow 
cannot get started. In such a rotor type, the shock at the inlet of each 
blade cnannel reduces the supersonic velocity to subsonic. The high sub- 
sonic flow downstream of tne shock is accelerated, reaching ultimately 
sonic velocity at the rotor exit. The shock at the inlet changes the 
flow conditions at tne inlet and upstream of the rotor, so that the mass 
flow is reduced in proportion to the through-flow area. Therefore the 
location of tiie shock is, within broad limits, determined by channel 
geometry and the cross section at tne rotnr exit, but not by the back 
prassur*. This rotor type may be called a rotor with compression shock 
stabilized by sectional area or, for short, "shock-in-r.itor" type. 

In the case of the rotir of type ß), the location of the compression 
s.:ock Is determined by the back pressure; the back pressure can at first 
only Influence tne shock in the stator, but It seems extremely doubtful 
whether the shock can be simultaneously stabilized in its optimal 
position in the rotor. Therefore the investigations were concentrated 
on the first two stage types. 

g. One-dimensional_stage calculations 
In order to calculate tne performance characteristics ajjd estimate the 
optimal inlet and exit flow conditions for the stages Qj  and (2), 
exhaustive stage calojlatlons were made. The following assumptions 
were maintained: 

a) one-dimensional calculations of a representative stream line 
b) adiabatic flow (q > 0) 
c) an ideal gas with constant specific heat (c / f(p,T)) 
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d) no radial oomponent of  velocity In the axial clearances  (c    = 0) 
e) axial flo*( apstream and downstream of the stage 
f) constant tip radius  (r    = constant) 
>y) conslant stator blade    height,   (r p =- r ,) 
h) hub-tip-ratio *f r^/r^ 0.75 ö 

i)   tbsolut« Mich nirnber 'A.   r 0.7 4 f(r) 

Ti.o flow  losses  ir t'w rotor and stator wore sttimtHd after an exhaubt- 
Ive  stidy  nl   liLera'. 're about   investigations of superaonic   compr^SEora 
p ii-11" ■•'i   JD to datt;,  ■• ;!lc   for1  the Bt^tor UJO losses wnre d'jrlvjd  fro:n 
:vur   >wn t'jsl.i on kup^soni • deceler itlag  tande.n cascades. 

The  relativ.- rotor  inl^t Mach  number K.     nnd thi dtfltfutlon of the  t'luiu p 
In  Ki.t   "o+or lia'p a   large  influence on    tYn energy transfer, and thtre- 
for».* these? w.?ri   clioscn a^   I idependcnt  .arlables for the precalculation.'"; 
or  tho  stago desiiin   'alios.   In order  to get an idea of the  possible stage 

■haractorlr.tl :K,   the static   pressure ratio and the  polytropic efficiency 
of Ml.'-  +,h" stage types havfl btien plotted  (Fig.  2 and 3) «*s a funotlon of 
thrt   lefletitlnn  ^8 a'id of the relative rotor  Inlet Wa ;h number. The  in- 
creasing stage  pressure ratio with  increasing rotor inlet Mach number and 

rfnfx« 'tlon can be cL-trly sot-n  for both the stage types.   It  is evident 
t.VjM   Bpecislly hl£h  prpssur'» rntlos  e^n only be obtained with a strong 
'io-TeaFf   In «fffclwry, The f»urvs located on t>ij right In ^ig.  ? in- 
•lades u  rpglon of mxlfflUifl nolytropic efficiency  (,,    . >0.8), where 
p^SSSUre ratios between P.3 and  5-5 wore  reached. The  optimum 
efficiency shlftfi with  Increasing Inlet Mach number to smaller defleet- 
l in an^le.T. 

Bee.Ausn of the very flat nature of  thfl efficiency curves  in the M1   - and 
• 3-dtractions,  an optimal  point  is r**th«r difficilt to obtain from 
Fig.  3-  ^ler^^ore exhsustlve calculations -vi-re made to determine for 
exi'it.'.-3 the influenoe of the different   flow losses  in the rotor and 
st^-or  |?l.  Thougt. such studies towards the design of a supersonic com- 
rr^soor stag-; are mainly 'lUSlitfttive  In ohc-'acter,  they ar^ nevertheless 
?^1^  to rWe a  n\esr  picture as to t.he approxlmatr, range of design 
/Hi;ep,   In order to nake a direct cnrnnarlson between the two stage 
lypes,  both  the types were designed  for a relative  inlet Mach number 
M1 ,       '■ A and a  rotor deflection of  ^8 -  ^5   .  ^rom these results of the 

stari^ calculations,  the stage  pressure ratio of the shocK-in-rotor 
ty»*»  (typ»;   (?})  must he higher   in comparison with the values of tho 
S'iperuoniü rotor  (type  Qj) •  E-'OSUSe of  ths simultaneous existence of 
9uhaonio and supsrsonis regions and  of the strong shock-boundary-layer- 
Int'.-ractlrn?,   thfl design of  the snock-in-rotor type still   presents  con- 
T id pra '■ 1 -» problemB. 

"*>,  r":~lr'ri  or  »•iito^a and  BtfttorP 
7).i riMpitrn n1' thg gupgrsmiio ^o^0'" ('type  CO) 
^hr- aim has  ber-j to  ImpPOve  the overall   ncrfonnance of axial  flow com- 
if'SSnr stsires by deslyinlng With data obtained  froni ir./estigHtiGns or 

stationary   iisscadei    tnd   from  orecalculations  based on attainments of 
top  flow  In rotating blade channels.  All  expurinentl or, rotating machines 
being rather costly,  the  precalculation of the flow through a rotor must 
take   Into account,  an HI curately ar,   possible,  the  influence of rotations. 
This   permits bettr"   Interprr Leit Ion of t},^  sebsequent experimental   in- 
•er „l/a tioMo.   Tlie supersonic  eotor was designed with the i'.?lp of thS 
ohara.'tertfltic  metDd  or   P^ppam surfaces   I 3,  ^1   and  Is exhaustively de- 
:■,  rlh'd   In   l1),   ßl ,  Fir.   ^  ^hows  the  ch^racterlstl-  networks  on mean S. 
»rid  "^  'irracs.   '«'Ig.  '; sivowa  the design of the aupersonie  rotor. 
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3.2 Design of the  shock-ln-rotor type (type G?)) 
Because of the complexity of the flow in the shock-in-rotor type, no 
satisfactory calculation method was available, and therefore the design 
of this rotor has been executed in accordance with the following con- 
siderations. In order to enable a direct comparison of the experimental 
results of both the rotor types, the rotor blade angles of type (2jGhosen 
were similar to those of type Qj.   In determining the blade and hub con- 
tours, the following asoect^, resulting from cascade and rotor investi- 
gations, were especially taken into account; 

a) The rotor channel through-flow area should remain constant over a 
wide range and should have a clear minimum at the exit. The minimum 
channel ar^a must not come before the exit, as otherwise supersonic 
flow may oocur at the exit and involve other additional losses at 
the rotor exit. The acceleration of the subsonic flow downstream of 
the normal shock to sonic values at rotor exit section may be 
achieved as far as possible in the flow separation region, and this 
could keep the separation losses to a minimum, perhaps preventing 
flow separation. 

b) To avoid separation In the supersonic region the blade suction sur- 
face up to the point of normal shock must have no curvature. An ac- 
celeration In this region would be accompanied by higher losses, not 
only because of the Increase of shock losses with higher Mach num- 
bers but also because of the losses arising out of strong shock- 
boundary layer Interaction. 

c) To avoid flow separation on the suction surface of the blade profile 
one must hav* a very small curvature. On the other hand, a curvature 
Is needed to obtain deflection. Hence, as discussed above, for a 
given rotor width and deflection a compromise has to be arrived at 
between the transition region that connects the straight blade inlet 
and the curvature at the point of maximum camber. 

Fig. 6 shows a rotor blade channel based on this concept. 

?.3 Design of the stator 
One of the main problems in tho  development of a supersonic compressor 
stage is the deceleration of the fluid in the stator. Based on the in- 
vestigations conducted on a supersonic decelerating cascade at this In- 
stitute ft, ?|, a tandem cascade combination was chosen for the stator. 
In Pig. (  a part of the shock-ln-rotor type can be seen through the 
optical window and also the tandem arrangement of the stator. 

h,  J-'xperlmental investigations of the rotors 
For the experimental Investigations on rotors and Stators a supersonic 
corrpr'jssor test rig was developed. These have been exhaustively de- 
scribed In |5, 6|. The flow medltun was a mixture of Freon (CF9Clp) and 
air (15 ^ by volume). ^Itr. 8 shows schematically the location of the 
measuring nolnts ahead and behind of the stagr. ^igs, Q and 10 show 
the wall static pressure distributions for different speeds and throttle 
positions. The distance distribution of the measured length has been re- 
presented to scale beneath each diagram. At n/n = O.jft  it Is seen that 
both the rotors operate suhsonlcally. With Increasing speeds the press- 
ure before the rotor also decreases correspondingly. In the supersonic 
rotor a pressure minimum is established at the rotor inlet. The press- 
ure rise begins firs', in the region whore the characteristic from the 
hub contour meets the tip. In the region of the rotor, the casing wall 
pressure distribution calculated according to the characteristic method 
has been presented in |6|. These pressure distributions show clearly 
that at design point the flow In the rotor Is fully stable and super- 
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sonic. In the shock-In-rotor type (Fig. 10), with Increasing speeds a 
compression shock hullds up at the rotor Inlet which always travels In 
the rotor channel thereby developing a pressure Increase. The character- 
istic pressure minimum of the supersonlo compressor rotor does not occur 
In this rotor as a result of tne compression shock and of the light 
curvature of the suction side of the blades at Inlet. 

The bottom-most distributions In the two figures show the casing wall 
nressur^ distributions '"or an unthrottlcd flow. The values downstream 
of the rotor are rather low because of the supersonic flow. With In- 
creased throttling, a strong compression shock travels upstream, and 
the pressure distribution upstream of the compression shock remains 

unaffected. By these measurements It Is seen that the condition is the 
same in both the rotors. The maximum pressures obtained differ from one 
anotncr only to a small ext.?nt. 

In order to measure the rotor oerfnrrrance charactoristics, tests w/•».• 
conducted at '» llfferTt -i.» is with different throttle settings and 
probe measuremerts made in front of and behind the rotor. The values 
obtained by orobe moas'irements in the measuring plane S.. before the rotor 
indicated very little deflation from design point values because of the 
indisturbo  upstream flow, and henc wiJl not be dismissed further. 

The following figures 11 to IJ show the values obtained at the measuring 
plane Sp behind the rof.or with the help of a 5-hole probe. They show a 
sple-jtion of a large number of experimental investigations, which have 
been exhaustively discussed In 1^,6 I. In Fig. 11 the diagram on the left 
shows the radial variation behind the sunersonic rotor, and the diagram 
on the right that for ths Fhock-in-rotor type. The design point values 
have also been superimposed. Both the rotor types deflect the fluid less 
than design (f,p > ^p,  .  ) . With increased throttling the measured angle 
^P approximates the    "  design angle (tr).  Thereby it has been found that 
by the supersonic rotor a greater change in angle is obtained than by the 
shock-in-rotor tyne. While the fluid In the shock-in-rotor type with 
strong tiirottiing apaches, on an average, values close to design over 
tne radius, the flow in the supersonic rotor, on the other hand, is 
strongly deflected. The results of the relative Mach number at the rotor 
exit are again given in Fig. 12, The supersonic rotor (left) reaches, 
witr unthrottled flow, anproximately the design values, while for the 
shock-ln-"otor tyne (right) the relative Mach numbers are supersonic and 
not sonl • Rfl expected. With increased throttling the relative Mach 
number* get reduced. By heavy throttling the design point /alues arc 
approximately reached in the shock-in-rotor type. Fig. 13 shows the 
arlatlon of tiie absolute Mach number Mp at the rotor exit. In the dia- 

«rarr  (left) th.- values for the supersonic rotor with unthrottled flow 
lie above the expected values. This implies that the stator, located be- 
hind, has an Incorrect incidence (see ^Ig. 11) and also a higher upstream 
/ach numl'^r. Doth these effect«! tend to Increase the loases in the 
Stator. In the 'asc of the shock-ln-ro*or tyne (Pig. 15, right) it is 
•.nnn ': at witr; unthrottled flow a highr-r downstream Mach number Mp, 
than design, is reached, '^hls Implies indirectly a higher relative Mach 
number Mp . By throttling, the exit Mach number in both the rotor types 
is shifted to less supersonic Mach numbers, corresponding more to the 
design point. In order to obtain the average values for the rotor per- 
formance characteristic0 the total nressire and efficiency distribut- 
ions, as well as the mass flows, were Integrated from a very large 
number of nrob» measurements (^ig. 1^). The left diagram shows the 
pf'rformance rharacterlstlc:; of the supenonic rotor. The highest total 
pressure with the best efficiency at an unthrottled flow Is obtained in 
t-.e vicinity of ;-r.e design point. The cause of the fall In the total 
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pressure ratio with Incrpaspd throttling la attributed to the losses a- 
rlslng becauso of the mmprcsslon shock. The best values were obtained In 
the region of the design point with a total pressure ratio of about 3-9 
at a total Isentroplo efficiency of 89 ^. The variation of mass flow due 
to throttling at constant speed was very low. This can perhaps, at high 
speeds, be attributed to the 0<mall variation of the location of the shook 
waves. At the lowest speed (n/n = 0.72) a comparably large variation of 
the mass flow was possible, because of the larger subsonic regions In the 
rotor. The performance characteristics of the shock-ln-rotor type (Flg.l4, 
on the right) show the total pressure ratio variation against nass flow 
for 4 rotor speeds and 5 or 4 throttle conditions. These values were 
obtained from calculations based on nrobe mnaaurements. The average 
Isentroplo efficiencies In comparison to the supersonic rotor were some- 
what low. These relate to the measured values of deviation fror the 
design nolnt. Besides, somewhat higher losses due to the strong com- 
nr^sMnn Shock at Inlet and the associated shock-boundary layer Inter- 
action are to be expented. At the design speed a total pressure ratio of 
J.B with a total Isentroplo efficiency of 81 %  was reached. As In the 
supersonic rotor the variation of the mass flow by throttling at constant 
speed was rather low. Rut here the shock system at the Inlet of the shock- 
In-rotor type, had a definite Influence on the mass rate of flow. At 
rotor sperds lower than design, the efficiency Increased to about 86 %. 
This Is perrons because of the lower Intensity of the shock-boundary 
layer Interaction In the Inlet region of the rotor. 

7. flxnerlmental results from Investigations on a supersonic compressor 
steige 

The described nhocK-ln-rotor ty;*? was co.nhlnei with a supersonic deceler- 
ating tandem cascade, which was based on the design of the rotor. This 
comprised the new supersonic compressor stage. Of the large number of ex- 
perimental Investigations that were made, only a few can be discussed. 
Pig. 15 shows the blading of the supersonic compressor stage with the 
rotor on the left and the tandem arrangement on the right. The design 
of the stator was carried out in accordance with the exhaustivel" dis- 
cussed criterion in ref, 12}• At the top edge of the picture are the wall 
static pressure orifices located along the stage. In comparison to Pig. 
10, Fig. 16 shows the static pressure distributions for the different 
rotor speeds at an unthrottled flow. It shows, that the stator Imparts a 
throttling effect and leads to a strong Increase of pressure In the 
Pol <r, .^.«.dally In front of the rotor. The cümnression shook in the 
"ot.-ir- pe^f-s to hf» pushed unstream. This is shown by the earlier Increase 
In the wall static pressures. Comparing the pressure distribution n/n = 
1 .OP in Pigs. 10 and 16, one finds that because of this retroaction dr 
the stator a pressure Increase in the rot or is effected, which would be 
the same effect when the -otor alone was to be throttled. Because of this 
"ntroActlon of the statnr diif» to throttling on the rotor, the rotor exit 
flow angle now matches the stator inlet angle. Within the stator, strong 
•ir^ssur0 peaks appear because of the possible leading edge and compress- 
ion shocks in the stator blades. The lower pressure downstream of the 
stator at higher rotor speeds indicates the possibility of a supersonic 
flow behind the stator. In Pig. 17 the caalnB1 wall pressure distribution 
''or the stage at design speed for different throttle positions has been 
presented. The bottom-most -urv^ shows the dl^tributlor along the stage 
for 'inthrottl^d flow. With Increased throttling the strong compression 
shock shifts .pstrearn, leading to a pressure increase. With maximun 
tl r-t 11 jrig the compression shock stablllz.,s itself in the inl^t region 
or the first row of the tandem oasoade, as was exported at design. At 
the casing a static nr'ssure ratio of ?,7 was attained. 
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In Fl,?. tfi t\w  measured static pressures at the hub At  design speed for 
<1trrPrent tVwottl« ponltlon? In th" stator region have h^en presented. 
Prom the top pl'-ture (.-an bt- of;en the location of static pressure orifices 
at tit« stator hub. ^t the botteffl of Pig. IB at the rl^ht are presented the 
irvasurem^nts obtftinod from the IJ static pressure measurement points, 
located near the suction sld;, whila in th« figure at the left are the 
pressure diatrtbuticiUl taken of static pressures near the pressure side. 
With Increased throttling, the movement of the compression shock c*. n well 
he seen. With heaviest throttling, the compression shock reaches l^s first 
stable poslMon In the Stator. * rM^llfflhl« increase In throttling in- 
flitnnoDfl the ^low In front of the rotor and leads to an unstable location 
of tM comoresslon shock. In the figures that follow some of the results 
of t'.e measrre'nent made behind the rotor are presented. Poth the diagrams 
a^e for th« design speed. The presented curves refer to a wear plane and 
the nrobe was traversed over one to two blade pitched. 

Ir .'ig. 19 the distributions of total pressure, stati--: pressure. Mach 
number and the total Isentropic efficiency for an unthrottled flow are 
collectively presented. The letters A to S represent the tralll>-v; edges 
nf the tandem cascades ar r'presenteü In the sketch below. The variation 
of th« total pressure ratio (Pig. 19 a) <inri the flach number O'ii,.   19 c) 
allow for a clear ohservatlon of the wakes. Characteristic for a stator 
with tandem arrangement are two wakes per pitch, namely the strongly in- 
duced wake downstream of the second blade row, and the reduced wake caus- 
ed by energy exchange with the main stream of the first blade row. In the 
middle a total pressure ratio p ,'p.. ^. J.4 is reached. The Mach number 
M_ for an urthrottled flow lies In' the high supersonic region. This can 
bp exnlalned by the deviation of the flow in the axial direction associat- 
ed with an area Increase. Accompanying trils strong acceleration for an un- 
throttled flow la the low static pressure ratio 1 below (Pig. 19 b). The 
distribution of the total isentropic efficiency is presented in Pig. 19 d. 
Prom the total pressure and Mach number distributions can be seen the 
associated Increased boundary layer losses. The exhaustive probe measurj- 
ments at different radii helped to determine a t. Inal average value of the 
«^age efficiency, hardly over 70 ^. In the Pigs. 20 a and d the flow 
parameters for a heavily throttled condition are discussed. By the In- 
crea?" of t;ie pressure behind the stage, the normal compression shock is 
shifted to the entrance region of the first blade row, where It is 
Stabilised. This curve series of measurements resulted in the hub wall 
pressure distribution as shown In Curve ? of Pig. l8 and gives an Idea 
of th« position of the compression shock In the stator blades at this 
throttle setting, ^h^ downstream Mach number M_ lies In the expected 
rang«« of about M, M.0.5« However, the two wakes per blade pitch noticed 
at 1 he unthrottle'd flow (Pig. 19 a. c, d) are not perceptible. 
fnhe •■--»vt-ia or the stre«"! 1 Ines emanating from the suction side of the 
^Irst blade row practically vanish. Thlr, Is perhaps the reason for In- 
Teased losses due to flow separation on the suction ölde of the first 
Made row, and this can be very clearly seen from the efficiency 
dlstrloutlon of wlg. ?o d. For an average total pressure ratio p /p  ~ 
3.0 at a heavily throttled flow a mean value of 70 .' was recorded 
or the total iaentroplo efficiency. The static pressure ratio Pt-,/Pt1 
as about .'.P. '"his value lies son,-what below the static pressure 
ratio obtained rvnn i- ■->  wall pressure distributions, p-/p1 ~ 3-5 with 
hea"ler throttling. 

■;a 

R.  ^nn'luslon 
In the present paper two different rotor types In combination with a 
tandem stator Ciscade, Mhic> arc practicably suited for a supersonic 
compressor stage,  have? been  presented,   fhe design  of the suj^rsonic 
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rot-or was effected with the help of the quasi-three-dimensional character- 
istic! method after ref. |4, 3, 6l. The experimental Investigations for 
the>se rotor types Indicated an overall agr^Rment of the experimental 
values with the design data. 

Because no satisfactory solution for the calculation of the shock-ln- 
rotor type exists, only qualitative aspects were taken Into considerat- 
ion for Its design. Roth the supersonic and shock-ln-rotor type were 
designed for the same capacity. The experimental values of the shock-ln- 
rotor type showed deviations from the design data. The shock system at 
the Inlet of this rotor as a result of the shock-boundary layer Inter- 
action produced an uneconomical boundary layer and the desired reduction 
In area at the rotor exit was already formed In advance and the flow up 
to the exit was accelerated to supersonic values. The experimental In- 
vestigations on the supersonic compressor stage with a shock-ln-rotor 
type and a tandem stator cascade Indicated a strong throttling effect 
of the stator on the rotor. At unthrottled flow, the measured rotor wall 
pressure distribution was similar to that measured If the rotor alone was 
heavily throttled. This axial retroaction of the stator resulted In an 
Incidence to the stator approximating design values. For this supersonic 
compressor stage, a static pressure ratio of about 5.5 was obtained. The 
total Isentroplc efficiency at heavily throttled flow was about ^ = 7C$. 

The not entirely satisfactory efficiency values of this supersonic com- 
pressor stage are attributed to the flow deviations from design In the 
rotor. As a result of the thicker boundary layer In the rotor exit 
region, higher upstream Mach numbers and Incorrect incidence angles 
to the btator were obtained. It therefore follows that with Increasing 
losses In the rotor and stator, the stage efficiency Decreases. To In- 
crease the stage efficiency, the design of the shock-ln-rotor type must 
be Improved and from the experience gained the matching of the stator 
undertaken. With an Improved design of the shock-ln-rotor type, which 
leads to lesser upstream Mach numbers of the stator and a proper match- 
ing of the tandem uascade, It is lioped that a better stage efficiency 
^ould be rea.jhed. 
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Flg. 7: Supersonic compressor 
bladlng (shock-ln-rotor 
type and stator) 
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Flg.   15: Supersonic compressor 
stage 
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ABSTRACT 
This paper presents some detailed low-speed 

observations of the mean and unsteady flow fields downstream 
of the rotor in a single-stage axial-flow compressor 
comprising inlet guide vane, rotor and stator rows.   Both 
the mean velocity and the apparent turbulence level are 
found to vary periodically in the circumferential direction 
due to interactions between wakes from the inlet guide vane 
and rotor rows.     The rotor wake decay also changes with 
circumferential position, and cannot be modelled by the wake 
decay behind an isolated aerofoil or a single cascade as 
assumed in current blade row interaction theories. 

A physical model for the wake-wake interaction process 
is proposed, and some implications for the design and 
performance analysis of axial flow turbomachines are 
discussed. 
1. INTRODUCTION 

The problem of unsteady flow in axial turbomachines 
has received an increasing amount of attention in recent 
years.    The reduction of noise and vibration arising from 
blade row interactions is now one of the most important 
design considerations, and has a significant bearing on the 
choice of blade geometry and axial row spacing.    There is 
also greater interest in the effects of periodic flow 
variations and free stream turbulence on the machine 
performance, and in predicting the magnitude of unsteady 
blade forces from measurements of the time-mean flow 
downstream of a blade row. 

Various theoretical analyses have been produced for 
describing the unsteady response of a blade row to an 
upstream disturbance, and reviews of these methods can be 
found in Refs. 1 and 2.    But whatever the mathematical 
model employed, predictions of unsteady effects can be no 
more accurate than the estimate of the initial disturbance 
field.     It is with the latter problem that this paper is 
primarily concerned. 

For axial row spacings used in practical turbomachines, 
the viscous wakes of neighbouring upstream blade rows are 
usually the main source of periodic inlet flow unsteadiness 
experienced by a following downstream row.    Present 
analytical methods for predicting unsteady blade forces due 
to these effects rely on experimental data from isolated 
aerofoil tests to describe the wake decay.    This is not 
an unreasonable model when there is only a single blade 
row upstream, as Lieblein and RoudebushO) have found the 
wakes of isolated aerofoils and single cascades to be 
generally similar in most respects.    Where there are two 
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or more rows upstream, however, the wakes of these rows 
will interact to produce a viscous flow field which differs 
markedly from that downstream of a single cascade, and the 
use of isolated aerofoil data to describe the wake decay 
is no longer valid. 

Consider, for example, the case of an inlet guide vane 
(IGV) - rotor stage as shown in Fig. 1.   Neighbouring 
rotor blades chop the IGV wakes into segments which are 
rotated by the effects of blade circulation as they move 
through the rotor passages.   At exit from the rotor row, 
the initially continuous IGV wakes have been transformed 
into a street of discontinuous segments.   The individual 
segments are no longer parallel to the local mean flow 
direction» and they are terminated not by other IGV wake 
segments but by '-.he wakes of the rotor blades which caused 
their dispersion.    The presence of IGV wakes adjacent 
to the rotor wakes leads to interactions which can 
significantly modify the rotor wake decay. 

The dispersion of blade wakes in axial machines as 
outlined above has been described previously by several 
workers, for example Darrieus (4).   Visualisation studies 
of this phenomenon have been reported by Werle (5), and 
observations of the resulting unsteady velocity field have 
been published by Smith (6).    Studies of wake dispersion 
and related effects undertaken at the University of 
Tasmania have been described by Boxhall (7), Oliver and 
Walker (8,9) and Lockhart (10). 

The present paper describes some detailed measurements 
of mean and unsteady flow properties downstream of an axial 
flow compressor stage.    These observations are then 
used to develop a physical model of the wake-wake 
irteraction phenomenon.     In conclusion, some implications 
fcr the design and performance analysis of axial 
turbomachines are discussed. 
2.   EXPERIMENTAL DETAIL 

(a) Research Compressor 
The axial flow compressor used in this investigation 

was designed and built at the Australian Department of 
Supply's Aeronautical Research Laboratories in Melbourne, 
and is now operated at the University of Tasmania in Hobart. 
Only brief details of this machine will be given here: 
a more complete description can be found in Ref. 11. 

Air enters radially through a cylindrical screened 
inlet 2.13m diameter and 0.61m wide.   A flared bend with 
a 6V to 1 contraction ratio then turns the flow through 
90 into a concentric cylindrical duct with 1.14m outside 
diameter and 0.69m inside diameter which contains the 
compressor blade rows.    Downstream of the compressor 
there is an annular diffuser, and a cylindrical sliding 
throttle at the outlet is used to control the throughflow. 

The compressor is a single-stage machine with three 
blade rows:   inlet guide vanes (IGV), rotor and stator. 
The present tests were conducted with the standard blading 
configuration of 38 blades In each of the guide vane rows 
and 37 blades in the rotor, giving a space/chord ratio at 
mid-blade height of 0.99 and 1.02 respectively;   the 
axial row spacings at mid-biade height were 91mm (1.20c) 
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IGV-rotor and 80mm (1.05c) rotor-stator.    The blades 
are all 228mm long, with a constant chord of 76mm giving an 
aspect ratio of 3.0.    The blade profile used is the 
British C4 section (10% chord maximum thickness) on a 
circular arc camber line.     The blade sections were 
designed to give free vortex flow with 50% reaction at 
mid-blade height at a flow coefficient (V./U b)of C76. 
The blade anqles at mid-blade height are 1  m  as follows: 

Pl(0) ß2  (0) 
IGV 0.0 27.8 
Rotor 4 5.0 14.0 
Stator   45.0       14.0 

Instrument slots in the outer shell of the compressor 
allow for radial and axial traversing of measuring probes 
at a fixed circumferential position.    The IGV and stator 
rows are each mounted on rotatable supporting rings to 
permit circumferential traversing of those blades relative 
to a stationary probe. 

The compressor speed is set by reference to a 
strobodisc on the end of the rotor shaft, or by a photocell 
and electronic counter arrangement;   timing is by a 
crystal clock accurate to 1 in 10b. + At 500rpm the speed 
can be held constant to better than -1 rpm.   The inlet 
velocity is monitored with a pitot-static tube just upstream 
of the IGV row and a Betz micromanometer reading velocity 
head to 0.01mm water. 

(b) Measurement Techniques 
Hot wire anemometer measurements were obtained with 

a Disa 55A01 Constant Temperature Anemometer and 55D10 
Lineariscr;   a 55D31 averaging digital voltmeter and 
55D35 averaging RMS voltmeter were used to measure the DC 
and AC components of the lineariser output voltage. 
The single wire probes (Sum diameter vangsten about 3.5mm 
long spot-welded to 0.5mm diameter nickel supporting prongs) 
were aligned with the sensing element along the radial 
direction of the compressor.     The AC component of the 
lineariser output was displayed on a cathode ray 
oscilloscope and recorded photographically;   the 
oscilloscope sweep was synchronised with the compressor 
rotation so that a number of records showing wakes from 
the same rotor blades could be superimposed.    Due 
allowances for calibration drift and variations in 
atmospheric conditions were made in reducing the 
experimental results.     The hot wire probes were 
calibrated in a closed-circuit wind tunnel with a 225mm 
square by 915mm long working section. 

Detailed pressure probe measurements were obtained 
with a three-hole Conrad-type yawmeter.    This 
instrument was calibrated to allow measurement of total 
and static pressures, velocity and  yaw ^ngle without 
having to null the difference in side-hole pressures. 

All measurements in this investigation were obtained 
at mid-blade height with a compressor speed of 500 rpm 
and a flow coefficient (V./U .) of 0.73.    The axial and 
circumferential position ^^  m  of probes relative to the 
compressor blade rows was measured optically to 0 2mm. 
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3. FLOW OBSERVATIONS DOWNSTREAM OF THE ROTOR 
(a) Nature of Unsteady Velocity Field 

Fig. 3 shows some pnotographic records of velocity 
fluctuations obtained during a circumferential traverse at an 
axial distance of 44.5mm downstream of the rotor trailing edge 
(corresponding to a distance of 0.785 C in the mean absolute 
flow direction, where CR is the rotor chord).   These records 
illustrate the main features of the unsteady flow field 
resulting from the dispersion of IGV wakes by the rotor (see 
Fig. 1) which was discussed previously in Section 1. 

Each photograph in Fig. 3 consists of about 30 traces of 
linearised anemometer bridge voltage fluctuations, which are 
directly proportional to the local velocity fluctuations; 
velocity increases upwards.   Triggering of the oscilloscope 
sweep was synchronised with the compressor rotation so that 
successive traces would show the wakes of the same rotor 
blades.    The temporal variations in fluid velocity shown in 
these records correspond, to a first approximation, to the 
spatial variations along the mean streamline passing through 
the probe position. 

Figs. 3(a) - (f) all show marked velocity defects 
(appearing at intervals of 3.25 ms) which correspond to the 
passage of rotor wakes.   The scatter of traces within these 
velocity deficient regions is due to turbulent mixing within 
the rotor wakes.    In Figs. 3(b) - (c) the traces outside 
the rotor wake regions, while showing some vertical scatter, 
are relatively smooth in nature and give little evidence of 
turbulent flow:  these are essentially regions of potential 
flow where the temporal variations in ensemble-average 
velocity are due to the moving potential flow field of the 
rotor, or to displacement effects and flow curvatures 
associated with the moving and decaying wake system;  the 
vertical scatter of the traces is due to free stream 
turbulence or low-frequency unsteadiness from the compressor 
inlet. 

In Figs. 3(d)-(e)-(f)-(a) there are regions outside the 
rotor wakes in which random velocity fluctuations much 
larger in amplitude and higher in frequency than the inlet 
unsteadiness can be seen:   these arise from turbulence in 
the IGV wake segments.    In Fig.3(e) the probe is located 
at the centre of the IGV wake street, and the IGV wake 
turbulence is continuously evident;   but in Figs. 3(f)-(a)- 
(d) the probe lies toward the side of the IGV wake street 
and the turbulence is only observed for part of the rotor 
wake passing period because of the manner in which the IGV 
wake segments have been dispersed.   Variations in ensemble- 
average velocity are observed as the IGV wakes pass because 
of their associated mean velocity deficiency ;  this is most 
evident in Figs. 3(e)-(f). 

The characteristics of the rotor wake velocity 
disturbance vary continuously with posiLion relative to the 
IGV wake street.  Moving from Fig. 3(c) to (a), i.e. from 
the suction to the pressure side of the IGV wakes, there is 
a continuous decrease in both the width and velocity defect 
of the rotor wake:  the physical process responsible for 
this change is evidently rather intermittent in nature as 
the individual velocity traces in Fig. 3(b) appear to 
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fluctuate in shape between those of Figs. 3(a) and (c).  The 
presence of IGV wake fluid adjacent to the rotor wake also 
seems to modify the shape of the rotor wake velocity 
disturbance, tending to make the outer edge much more 
sharply defined.    Within the IGV wake street the rotor wake 
width and velocity defect are both appreciably smaller, being 
reduced by a factor of about two from their maximum values 
outside the street. 
(b)  Mean Velocity and Apparent Turbulence Level Measurements 

(i) Introduction 
Fig.4 shows the circumferential variation of time- 

average velocity and apparent turbulence level obtained from 
hot wire anemometer measurements at five axial stations 
downstream of the rotor.   The measuring positions range 
from x'/Cp = 0.055 to 1.10, where x1 is distance from the 
rotor trailing edge in the mean absolute flow direction and 
C- is the rotor chord;   the stator leading edge at mid- 
blade height is at x1/C„-   1.41.    The circumferential 
position is specified   by yVs   . where y1 is the distance 
from the centre of the IGV wake     street (measured from 
the pressure side towards the suction side) and sTrv is the 
blade spacing in the inlet guide vane row;  the     origin 
for y1 is determined from the unsteady flow records as the 
position where the IGV wake turbulence component appears to 
remain nearly uniform with time.    The range of y /s   over 
which IGV wake  turbulence is evident has been marked 
"IGV wakes" in Fig. 4 and the region external to this where 
the velocity traces between passing rotor wakes are 
essentially free of IGV wake turbulence has been marked "pure 
rotor wakes". 

Throughout each traverse, the difference in 
circumferential settings of the IGV and stator rows was 
maintained constant to keep each stator blade in the same 
position relative to the neighbouring IGV wake streets. 
Traverses were made at all five axial stations with the stator 
leading edges at mid-blade height lying roughly midway 
between the neighbouring IGV wake streets (yc/sTGv

= 0•52)' at 

the station furthest downstream (xVc = 1,10?      the 
measurements were repeated with the  * stator leading edges 
at mid-blade height lying near the centre of the IGV wake 
street (ys/sIGV

= 0.02). 

(ii) Velocity measurements 
The curves of time-mean velocity plotted in Fig.4 have 

been corrected as far as possible for changes in velocity 
associated with the upstre »m potential flow field of the 
stator.    This was done by subtracting the velocity 
variations at the various measuring stations as obtained by 
Oliver (12) from a potential flow calculation for the stator 
row;   the calculation assumed a steady ,two-dimensional, 
uniform inlet flow and neglected the presence of stator blade 
boundary layers and wakes.    The residual values of velocity 
(denoted by V) in Fig. 4 have been non-dimensionalised with 
respect to the circumferential mean velocity V to eliminate 
variations between different traverses arising from wall 
boundary layer growth and blade wake decay. 
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The curves of V/V in Fig. 4 all vary regularly with 
yVs v with a peak^to-peak amplitude of around 2%.  The 
minimum value of V/V occurs around yl/sIGV = 0.95, close to 
the centre of the IGV wake street.  The  drop in V/V on 
entering the IGV wake street is clearly evident on one side, 
around y1/sIGV =0.8, but not on the other: this is partly 
due to the asymmetrical shape of the dispersed_IGV wake 
segments and partly due to the way in which V/V varies outside 
the wake street. 

Even after subtracting the effect of the IGV wake 
disturbance, the curves of V/V would still exhibit a regular 
variation of roughly sinusoidal form with a maximum around 
yVs v = 0.3 and a minimum around 0.6.  There is a notable 
tendency for the velocity to increase further around 
yVs v = 0.3 and decrease further around 0.6 with 
increasing distance downstream of the rotor. 

Changing the relative circumferential settings of the 
IGV and stator rows by 0.5sIG produces a significant change 
in the (corrected) distribution of V/V at xl/CR =1.10, the 
station closest to the stator leading edge.    Part of this 
change may simply be due to inaccuracies in the correction 
applied for the stator potential flow field;  however, it 
is considered that the effect is largely a genuine one 
reflecting changes in the viscous flow field upstream of the 
stator row produced by the stator pressure field, and 
vice versa. 

(iii) Apparent turbulence level measurements 
The apparent turbulence level Tu is defined as the ratio 

of the RMS velocity fluctuation (measured by the radial hot 
wire probe) to the local time-mean velocity.  The term 
"apparent" turbulence level has been chosen because the 
observed velocity fluctuations are actually the sum of a 
periodic unsteadiness and random turbulent fluctuations. 
This problem has been discussed by Evans (13) who measured 
the relative magnitudes of the unsteady and turbulent 
velocity fluctuations in an axial flow compressor by 
ensemble averaging techniques. 

The variations in Tu_shown in Fig. 4 are even more 
striking than those in V/V.    Nearest the rotor trailing 
edge (at x1/CR=0.055) there is already a marked 
circumferential variation in Tu, with the minimum value 
occurring within the IGV wake street and the maximum value 
occurring in the pure rotor wake region.   A local 
minimum in the curve is seen to develop near y1/s1G=  0.2, 
and the value of Tu around this position falls      very 
rapidly with increasing *■*/C-,     by xl/CR  = 0.225 this local 
minimum has become the overall circumferential minimum value. 
But the most remarkable feature of these measurements is that 
the maximum value of Tu remains essentially constant with 
increasing xVc •  the maximum is located within the pure 
rotor wake region and moves steadily towards the suction 
side of the IGV wake s'.reet with increasing xVc«. 

At XVCQ = 1.10, the circumferential       maximum 
value of Tu is just over twice the minimum value.   It 
should be noted that the minimum value of Tu occurs towards 
the pressure side of the IGV wake street around yV«IGV " 
0.2-0.3, where the value of V/V is increasing with 
xVCp and the rotor wake disturbance is at a minimum (see 

Fig. 3(a)); the maximum value of Tu occurs towards 
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the suction side of the IGV wake street around yVs  . =0.5- 
0.6, where the value of V/V tends to fall as      IGV 

x'/C  increases and the rotor wake disturbance is a maximum 
(see Fig. 3(c)). 

Circumferential movement of the stator blades relative 
to the IGV wake streets can produce changes of several 
percent in the values of Tu at xVCj, = 1.10 (about 30% chord 
streamwise distance in front of the stator leading edge). 
The apparent turbulence level is increased in the neighbour- 
hood of the stator stagnation streamline and decreased 
near the centre of the stator passage:  a possible explanation 
is that the velocity defect of an approaching wake is 
amplified as it enters the region of strong deceleration near 
the stagnation streamline, and diminished in the region of 
accelerating flow near mid-passage. 
(c) Decay of Apparent Turbulence Level Downstream of the Rotor 

Fig. 5 shows the variation of Tu with x'/C« for several 
different values of y'/s      Changes in the circumferential 
maximum valueof Tu and trie local minimum value in the pure 
rotor wake region around yVs  7 = 0.2- 0.3 have also been 
plotted. IGV 

The rate of decay of apparent turbulence level with 
distance downstream of the rotor is seen to vary widely with 
position relative to the IGV wake street.  The most rapid 
decay is observed around y'/s  „ = 0.33,where the rotor wake 
disturbance is at a minimum.      At yVs „ = o the rate of 
decay is much lower, and at yl/slcv  = 0.6/  the value of Tu 
is actually increasing with distance downstream of the rotor. 
The latter result is quite the reverse of the normally 
expected trend for wakes to decay with distance downstream 
of a body:  in these circumstances the use of isolated 
aerofoil data to describe the rotor wake behaviour is clearly 
inappropriate. 
(d) Flow through the Stator Row 

Fig. 6, taken from Lockhart (10) is a typical diagram 
showing the instantaneous location of the various wake 
regions through the stator row for a particular blade 
geometry.     This diagram was constructed from photographic 
records of the unsteady velocity field similar to those of 
Fig. 3.     The flow pattern downstream of the stator is more 
complex than that downstream of the rotor due to the presence 
of the stator wakes and the additional viscous interactions 
which occur through the stator row.    The relative flow 
within the rotor wakes discharges fluid into the stator 
pressure surface boundary layer and entrains fluid from the 
stator suction surface boundary layer;   the latter 
phenomenon explains the absence of any discontinuity in the 
viscous flow region near the suction surface. 

Fig. 7, also taken from Ref. 10, shows the 
circumferential variation in total head at a fixed  distance 
downstream of the stator for several different relative 
circumferential settings of the IGV and stator rows. 
Neglecting the total head defect within the stator wakes, the 
total head is seen to vary in a roughly sinusoidal manner over 
a range of around 5% of the stage total head rise.   The 
maxima and minima in total head always lie in the same 
positions relative to the IGV wake street, which correspond 
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respectively to the locations of maximum and minimum time- 
mean velocity V/V plotted in Fig. 4.   Changing the relative 
circumferential settings of the IGV and stator rows alters 
the amplitude of total head variation outside the stator 
wakes by less than 20%:  evidently the viscous interactions 
within the stator row contribute relatively little to the 
variations in time-mean flow properties at the stator outlet. 
In particular, there is no general tendency for rotor wake 
fluid to accumulate at the stator pressure surface as 
observed by Kerrebrock and Mikolajczak (14) in studies of a 
single rotor-stator stage where wake-wake interactions 
downstream of the rotor were absent.   Although an 
accumulation of rotor wake fluid at the stator pressure 
surface can be seen in Fig. 7, this has resulted mainly from 
wake-wake interactions upstream of the stator. 
4.   PHYSICAL MODEL OF WAKE-WAKE INTERACTION 

The significant streamwise changes in the circumferential 
distribution of time-mean velocity and apparent turbulence 
level downstream of the rotor in the research compressor are 
clearly associated with the tendency of fluid within the 
rotor wakes to collect near the suction side of the IGV wake 
street.    The measured streamwise changes in V/V are similar 
in magnitude to those expected from the streamwise changes 
in rotor wake displacement thickness determined from the 
unsteady flow records. 

Two main processes appear to be responsible for the local 
accumulation of rotor wake fluid.   These are: 

(i) the flow restriction  associated with the reduced 
width and velocity defect of the rotor wakes within 
the IGV wake streets,   and 

(ii) distortions of the rotor wake boundaries produced 
by relative flows within the adjacent IGV wake 
segments (see Fig. 2).   The magnitude of this 
effect should depend on the width and velocity defect 
of the IGV wake, and on the rotor blade lift (which 
determines the rotor blade circulation and the 
degree of IGV wake dispersion). 

Some of the circumferential variations in rotor wake 
properties tending to restrict the cross-stream transport of 
rotor wake fluid could have arisen from viscous interactions 
within the rotor row itself:  IGV wake-rotor blade boundary 
layer interactions could arise from periodic changes in the 
instantaneous pressure distribution over the rotor b_ades, 
and from changes in shear stress and turbulence level at 
the outer edge of the boundary layer as the IGV wakes are 
convected past.   The remaining circumferential variations 
in rotor wake properties must have been due to direct 
interactions between the IGV wakes and rotor wakes. 

The behaviour of a boundary layer growing under a 
turbulent free stream has been studied by Charnay et al (15) 
and Evans (13) :   the turbulence was found to produce a 
fuller velocity profile with a lower wake component, thus 
making the boundary layer more resistant to separation. 
The behaviour of a wake in a uniform turbulent shear flow was 
examined by Ahmed et al (16) who found that the wake grew 
slower on the side where the velocity gradient within the 
wake was opposite in sign to that of the external flow: 

a93< 
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a plausible explanation for this behaviour is that large mixing 
eddiea reaching outside the wake experience a reduction in 
turbulent energy when the local velocity gradient changes 
sign. 

The processes described above provide at lease a partial 
explanation for the observed variations in rotor wake 
properties near the centre of the IGV wake street.    Here the 
vorticity and velocity gradients in shear layers of the 
adjacent IGV and rotor wakes are opposite in sign, and mixing 
of fluid between these layers will tend to reduce the rotor 
wake width and sharpen the boundary of the rotor wake velocity 
disturbance.    The larger ; ixing eddies within the adjacent 
IGV wakes might also enhance the mixing of fluid between shear 
layers on either side of the rotor wake, and so accelerate the 
rotor wake decay. 

Not all of the variations in mean velocity and apparent 
turbulence level downstroain of the rotor can be explained in 
terms of viscous interaction effects.   The residual 
variations must be due to potential flow effects associated 
with fluctuating lift on the rotor blades.    Horlock and 
Daneshyar (17) have shown that lift fluctuations may produce 
periodic circumferential variations in time-mean flow 
properties downstream of a rotor row in an axial turboraachine; 
this result has been confirmed by Henderson (2) who used time- 
mean total pressure measurements to estimate the magnitude of 
lift fluctuations on a rotor subjected to periodic inlet flow 
distortions.      In the present investigation, the unsteady 
flow records obtained close to the rotor trailing edge do 
show evidence of the rotor circulation varying with 
circumferential position relative to the IGV wakes, and this 
is mirrored by the similarity of the mean velocity and 
apparent turbulence distributions at x]/C     =  0.055 (see Fig.4). 
5.   DISCUSSION AND CONCLUSIONS 

(a)  Performance Measurements 
The present study has shown that wake-wake interactions 

downstream of a low-speed IGV-rovor stage can produce 
circumferential variations in time-mean velocity and stagnation 
pressure similar in magnitude to those arising from other 
effects such as unsteady blade lift.     In turbines or high 
Mach number compressor stages the local accumulation of wake 
fluid associated with wake-wake interactions should lead to 
variations in time-mean stagnation temperature as well.  It is 
therefore possible to obtain non-axisymmetric distributions of 
stagnation pressure and temperature downstream of both rotor 
and stator rows in a multi-stage machine, and the circumferential 
variation of these quantities should always be determined if 
accurate performance measurements are to be obtained. 

Kerrebrock and Mikolajczak (14) have developed a method 
for predicting the viscous losses of rotor blades in a single 
rotor-stator stage from measurements of the stagnation 
temperature distribution at the stator outlet.   The present 
study indicates that this analysis will be inapplicable in a 
multi-stage machine, as the variations in mean flow properties 
produced by wake-wake interactions upstream of the stator will 
tend to dominate over those ,diie to intra-stator transport of 
the rotor wakes. ■M 
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Viscous interaction effects should also be considered 
when using the procedure of Henderson (2) to estimate the 
unsteady lift on a rotor from measurements of the time-mean 
flow properties downstream of the row.   Variations in mean 
flow properties due to wake-wake interactions may be 
eliminated by measuring very close to the rotor trailing edge, 
or by measuring at a number of axial stations and 
extrapolating back to the trailing edge;   but there will s'^ill 
be some uncertainty about the effects of wake-boundary layer 
interactions within the rotor passages, as has already been 
noted in Ref. 2. 

(b)  Machine Design 
Circumferential variations in the unsteady flow field 

produced by wake-wake interactions should significantly 
influence blade vibration and noise generation in blade rows 
further downstream, as discussed previously in Ref. 9. 
Where adjacent pairs of moving or fixed blade rows contain 
unequal blade numbers, the amplitude of blade vibrations in 
the downstream row of a pair will also exhibit circumferential 
variations;  blade vibration levels may then locally exceed 
those predicted from flow models which assume the time-mean 
disturbance field to be axisymmetric. 

It was suggested in Ref.9 that noise and blade vibration 
and/or axial row spacing could be reduced by choosing equal 
blade numbers in adjacent pairs of rotor or stator rows, 
and aligning the rows circumferentially so that the downstream 
blades were subjected to the minimum disturbance level (which 
for the case shown in Fig. 4 is obtained at the pressure side 
of the IGV wake street).   The present measurements indicate 
that row spacing could be limited to a streamwise distance 
of about 40% chord by this procedure:   no practical decreases 
in disturbance level would be achieved by further separating 
the blade rows (see Fig.5).   Performance could be slightly 
enhanced by thi . procedure due to the beneficial effect of 
upstream wake turbulence on the boundary layers of the 
downstream blades, and the slightly higher mean velocity in 
the region of minimum disturbance level. 

The circumferential variations in mean flow properties 
produced by wake-wake interactions could possibly play a 
useful role in reducing the amplitude of mean flow distortions 
in an axial machine.   The blading configuration suggested 
above for limiting blade vibration would tend to attenuate 
flow distortions because of the phase difference between 
wake-wake interaction effects in alternate rows. Alternatively 
it might be possible to vary the phase difference between 
mean flow variations arising from unsteady lift on a blade 
row and from wake-wake interactions downstream of that row: 
in the present investigation these two effects were nearly in 
phase, and this accentuated the flow distortion downstream of 
the rotor. 
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NOTATION 
s Circumferential blade spacing 
C Blade chord 
x1 Streamwise distance from rotor trailing edge 
y Circumferential position coordinate 
y1 Position relative to centre of IGV wake street 
V Time mean velocity 
V Circumferential mean velocity 
H Total head 
U .   Rotor velocity at mid-blade height 
mb 
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X« 

Tu   Apparent turbulence level 
ßi   Blade angle at inlet (from axial) 
82   Blade angle at outlet (from axial) 

Subscripts, 
1 Inlet 
IGV Inlet guide vane 
R Rotor 
S Stator leading edge 

FIGURES 
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Fig.l.   -  Dispersion  of  Inlet  Guide  Vane  Wakes  by  Rotor  Row 
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Fig. 2. - IGV Wake - Rotor Wake Interaction 

297< 



13. 

l/l 

or 

C 

II 

c 

c 
II 

> 
b 
H 

N 

S 

;- 

N 
4J ■* 
C i-l 

C 
u B 
O 
*J > 
O -H 

c      c 

%       C 
Ü 
VJ 

4-) 
■o 
c 
o 
c 

01 

ai v 
—* IT" 
u. 

:■      ^c 

rsi 

6 

a<js< 

'0 
c 



14. 

»= 
2  - 

*ms**s&l 
^r^^ 

x/q, &'/*** 
0 055 ost 
Oll 

0 ZZ5 * 5 
0 45 t* i 
0-785 
i-IO 

n 

i 
'r o- oz 

0-2 0 4 

y'A 
0-6 0 8 10 

/ev 

Fig.   4.   -  Circumferential  Variation  of Time-Mean Velocity  and 
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Fig.   5.   - Variation of  Apparent Turbulence  Level  Downstream 
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Fig.   6  -   Instantaneous Flow Pattern Through  Stator Row 
Showing Location  of Blade  Wakes 
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Fig.7.   -  Circumferential Variation  of Total  Head 
0.17CS Axially Downstream of Stator 

(for  Different  Relative Settings  of  IGV and Stator) 
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TURBINE COOLING  -   A   REVIEW  OP  THE  VARIOUS   INTERFACE 

PROBLEMS 

A.   Moore 

Rolls-Royce (1971) Ltd., Bristol Engine Division 

INTRODUCTION 

The object of this paper is to discuss, in very 
general terms, the relationships between aero engine gas 
turbine cooling and the various systems and disciplines 
which interface with it, thus attempting to put turbine 
cooling into perspective in the overall requirements of a 
gas turbine power plant. 

Initially the paper considers the effect of the 
present trend in the parameters which dictate the overall 
thermodynamic efficiency of an aero engine on the turbine 
cooling requirements, and these are shown to make the 
cooling problems more difficult. 

The paper then summarises each of the turbine cooling 
interface areas in turn, bearing in mind the requirements 
imposed on the turbine cooling system by the overall 
thermodynamic cycle performance considerations. 

There arc two types of interface considered, namely 
those concerning adjacent systems, i.e. turbine/ combustor 
and air systems, and those concerning the inter-relationships 
between disciplines.  Those include the relationship between 
turbine cooling and turbine aerodynamics, failure criteria 
and manufacturing technology. 

THERMOPyNAMIC CYCLE C()NÖ .DERATIONS 

Perhaps thi_> most significant relationship to be 
considered when discussing turbine cooling is that with the 
overall thermodynamic cycle requirements. 

This relationship can be inferred from figure 1, 
whi ;h shows the variation in specific fuol consumption 
(fuel flow/net thrust) and specific thrust (not thrust/ 
inlet air mass flow) with the compressor pressure ratio 
and the engine bypass ratio for two values of turbine 
entry temperature.  A typical subsonic aircraft cruise 
rating has been assumed with realistic cooling flows at 
each value of   turbine entry temperature.  This figure shows 
the advantages, to the overall powerplant performance, of 
using high values of compressor pressure ratio and bypass 
ratio, for specific fuel consumption considerations and a 
high value of turbine entry temperature to give increased 
specific thrust. 
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Wien one r.onsiders the Implications of these trends on 
turbina coolina requirements it Ls apparent that: 

a)    As the compressor pressure ratio increases, the 
temperature of the air available for turbine cooling 
increases which reduces the coolant cooling potential.  Tho 
increase in pressure also increases the heal flux to bo 
absorbed by tho cooling air, fot a liven valuo of turbine 
> ntry tempo r.. t u re . 

b) As the bypass ratio increases, the si^e of the gas 
generator decrea es naking ' IK' nianufaciure of blade and vane 
cooling systems rr ,■ difficult.  In addition, the number of 
Low i^ressurc turbine stages also Increases as the bypass 
rat if) is 'ii'-rea  ■! , which Increases the cooling requirements, 

c) As the turbine temperature increases tho required 
degree of cooli in increases. 
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The thermodynamic porformance requircmonts therefore, 
create a situation making it more difficult to achieve those 
requirements, as it creates the neid for more turbine coolincj, 
whilst using hotter cooling air, in smaller blades which are 
more difficult to cool. 

This inter-relationship between the various thermo- 
dynamic parameters and the turbine cooling requirements and 
the effect on the powerplant, in terns of thermodynamic 
efficiency, cost and weight, is shown diagrammatically in 
figure 2.  This diagram, although! sinplified, shows the 
complex manner in which the turbine cooling requirements 
influence the overall powerplant performance, either 
directly or indirectly by influencing other systems or 
disciplines which in turn influence the powerplant per- 
formance. 
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It   is  worth   romombGrinfj   these overall   turbine cooliruj/ 
cycle performance   requirements  when  considering   the relat- 
ship  between   turbine   cooling  and   the other   relevant inter- 
faces as  discussed   in  the  remainder  of   this  paper. 

TURaiNE  COOLmG   [NTERFACBS 

Turbine  cooling   is   an   engine   system,   which  must   relate 
tu all   of   the other   systems  and  disciplines   in   the  engine. 
For   example,   a  conbustor   designed   to  burn   fuel   efficiently, 
without   regard   for   the   turbine  cooling  requirements,   would 
impose  considerable  extra  difficulties  for   the   turbine and 
a  combustor   designed  primarily   to minimise   the   task  of   the 
cooling   requirements  would produce a  poor   combustion 
chamber,   and  engine.     Similarly   the air   systems   which   supply 
the   turbine  cooling air   must   compromise,   and  be   compromised 
by,    the   turbine  cooling   requirements.     The optimum   supply 
requirements  for   turbine  cooling  air,   for  example,   is  air 
at   the   lowest   temperature consistent  with   the  pressure 
requirements.     As   far   as   engine  air   systems  design   is 
concerned,   it   is   far   more  convenient   to   use a   relatively   low 
pressure   supply   system   (dictated   by   the  blade   root   static- 
pressure)   and a   relatively  high  cooling  air   temperature, 
namely   that   at   the  exit   from   the   high pressure   corapressor. 
Alternatively,   the  overall   cycle  performance   requirements 
would   suggest   a  coolant   supply   taken  at   as   low  a  pressure 
from   the   compressor  as   possible  .is  being   the  optimum.     Thus 
each   system  has   Its   own   optimum  cooling   supply  point,   and  a 
compromise   solution  must   be   used.     Likewise,   there  are other 
conprom.ise  situations   involving   the   turbine aerodynamics, 
blade and  nozzle guide  vane  failure modes  and manufacture, 
all   of  which  must   be   interfaced   to  give   the   'best   overall 
system'. 

With   theso more   general   considerations   in   mind 
consider   now  each of   the   turbini'   cool i ig   interfaces   In 
turn. 

TIIR«INE COO'-ING/riiRBINE   AERODYNAMICS   IMTERFACE 

Ihr purpose of   the  aero  engine   turbine   is   to  extract 
energy   from  the mainstroam   flow   to drive  compressive 
components   in   the  cycle   whilst,   at   the   same   timo,   minimising 
losses   in   the expansion   side  of   the engine  cycle. 

Turbine1   lo^t-s   result   from   viscous   dissipation   of 
energy   in   th«   blading  and  annulus   boundary   layers,   growth 
of   secondary   flov/s   in   the  blade  passages,   blade   base   drag, 
shock waves,   windage and  overtip   leakage.      In  an   uncoolcd 
turbine«   these   effects   are   minimised  by  careful   choice   of 
blade  and   van«'   aspect   ratios   and   numbers,   low   .vcvljo  angles, 
th.n   trailing  edges,   blade   thickness,   incidence   and   cambers 
which   minimise   boundary   layer   growths,   and   minimal   tip 
clearance-..     However,   cooling   reqairoraents  an'   often   Incom- 
patible  with   those  established  non-cooled   turbine aerody- 
namic   criteria  and   result    in   a   partial   increase    in   the 
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inefficiencies the increased temperature is attempting to 
reduce.  This is in addition to   the basic loss in cycle 
performance caused by bypassing the combustion chamber and 
reducing the energy of the coolant flow 

Some of the more important effects of cooling turbine 
blades and vanes on turbine efficiency are listed below :- 

a) Aerofoil shape to accommodate a cooling system. 

When significant cooling is introduced into a turbine 
blade the basic aerofoil shape must be compromised to accept 
the cooling.  Generally this means that the thickness/chord 
ratio of the blade is increased to give sufficient cross- 
sectional area for the cooling air passages to be incorpor- 
ated and the trailing edge wedge angles are increased to 
enable the cooling passages to be positioned as close as 
possible to the trailing edge of the blade.  It is also usual 
to increase the trailing edge radius as this reduces the 
length of the uncooled trailing edge part of the blade, 
effectively reducing the critical trailing edge temperature. 
On engines with higher relative gas temperatures, it is 
necessary to cool the blade trailing edge, more directly. 
If an internal convection system is used, the coolant is 
discharged from the blade trailing edge.  This increases 
further the trailing edge thickness and will, with the 
other cooling air system features already outlined, reduce 
the efficiency of the turbine. 

b) Number of blades . 

In an uncooled turbine the number of blades is large 
(typically 140) and the chord of the blades small, as this, 
with snail thickness/chord ratios and small trailing edge 
wedge angles and radii gives the best turbine efficiency. 
Wh' i cooling is introduced these parameters increase thus 
tending to increase the blockage to the gas flow through 
the turbine and also the base drag of the blade trailing 
edges.  Both of these performance limitations are reduced 
by decreasing the number of blades, but this must be 
accompanied by an increase in tho  blade chord length (blade 
pitch/blade chord approximately constant) in order to 
minimise the turbine efficiency loss.  This is particularly 
relevant in small turbines as this effectively increases the 
size of the blade. 

There are two main disadvantages to Increasing the 
chord of a rotor blade, namely that the thickness of the 
turbine disk rim to accommodate the blade must also increase, 
which further increases the thickness ai   the bore of the 
disk, thus increasing the weight of the disk, and that thr 
corresponding increase in blade pitch '.v i 1 1 increase the 
length of the blade shrouds, assuming that a shrouded 
turbine1 is being used.  As the shroud length is increased 
both the weight and the stress caused by the bending moment 
due to tne centrifugal forces on the shrouds increase.  In 
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order to reduce the bending stress Ln the fillet radii of 
the shroud it is often necessary to increase the thickness 
and hence further increase the weight of the shrouds.  This 
in turn increases the centrifugal stresses in the blades 
which will, if the original design was stress limited, 
require increased section blades, and this will add to the 
increase in the disk stresses.  Similarly for a given stress 
level, the disk thickness will require increasing, thus 
giving a cumulative increase in the weight of the system. 

Further complications are given at higher values of 
the turbine entry temperature as the rotor blade shroud will 
itself require cooling and This can again increase the 
weight producing a cumulative weight effect in the disk and 
blades. 

The various penalties concerning the turbine rotor 
blade shrouds quoted above, can be eliminated simply by using 
unshrouded blades, but this involves other compromise 
situations which must be considered.  The first of these is 
that the overtip leakage on an unshrouded blade cannot be so 
accurately controlled, as the total perimeter for leakage 
increases and thr  degree of sophistication of the sealing 
arrangement is more limited.  This, in turn increases the 
penalties on turbine aerodynamic efficiency.  The second 
disadvantage of such a systein is that the liner, which 
controls the leakage over the tips of the rotor blades must 
also be cooled and this is subject to the turbine gas total 
temper-it are, not the relative temperature which a shroud 
rotating with the turbina rotor would feel.  The third 
disadvantage is that shrouds are often made interlocking in 
order to dampen vibrations in the rotor system.  This 
facility would not be available in an unshrouded turbine. 

c)    External cooling effocts. 

As turbine entry temperatures increase the ability to 
coo] the blades and vanes using only internal convection 
becomes more difficult and eventually it is necessary to 
use external cooling.  The majority of the external cooling 
sy-tem-; used at this time are films of air exhausted from 
the surface through rows of discrete holes, and these cannot 
be ejected without increasing profile losses both because 
they inevitably result in transition in a boundary layer and 
because in regions of high Mach number they are likely to 
produce shock-boundary layer interactions and separation. 

<1)    Coolant supply system leakages. 

The leakage paths, through which cooling air can 
escape from a supply system into the turbine annul us are 
numerous und, despite considerable effort to reduce these, 
s<ime leakage docs take place. This not only detracts from 
the overall cycle performance but also affects the turbine 
efficiency directly, as these leakages are often normal to 
the direction of the turbine annulus gas flow. 
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As the need for external cooling is increased the 
pressure of the coolant supplies must also increase in order 
to provide sufficient pressure to enable the coolant to be 
exhausted against the local gas static pressure.  This 
increased pressure requirement will increase the leakage 
into the turbine annulus, thus reducing the turbine 
efficiency. 

e) Thermal Boundary Layer Effects 

Turbine blades are subject to a very high centrifugal 
acceleration (circa 40,000 g) thus promoting high natural 
convection circulations on the cooled thermal boundary layer, 
This radial flotv will presumably affect the aerodynamic 
characteristics of the turbine blading. 

f) Nozzle Guide Vane/Rotot Blade Perturbations. 

As the degree of cooling of turbine blades and vanes 
Increases the thickness of the wakes from the aerofoils also 
increases.  The amplitude of the perturbations on both the 
hydrodynamic and thermal boundary layers of a rotor blade 
will therefore increase as the cooling of the nozzle guide 
vane (N.G.V.) upstream of the rotor increases.  These 
perturbations can be expected to influence both the aero- 
dynamic and heat transfer characteristics of the rotor blade. 

g) Pumping Work on the Cooling Flow 

Work is exerted when coolant is accelerated to the 
rotor blade velocity.  The magnitude of the work is directly 
proportional to the coolant flow (and consequently a 
function of the degree of cooling) and is also a function of 
the method of introducing the coolant to, and exhausting the 
coolant from, the rotor blades.  Typically 1% of coolant 
flow through a rotor blade will give |% loss in turbine 
efficiency but if preswirl nozzles are used, for example, 
tho work requirements can be reduced very considerably ana 
if trailing edge, or pressure side ejection is used this can 
also reduce the work requirements. 

TURBINE COOLING/COMBUSTOR INTERFACE 

Turbine cooling is tho means whereby turbine blades 
and vanes are permitted to function in a hostile environ- 
ment created by the combustion chamber.  Although the mean 
temperature level from the combustor is determined by cycle 
considerations, the distribution of the combustion chamber 
exhaust temperature can   be influenced to ease the task of 
the turbine cooling engineer, and this involves optimisation 
of the combustor dilution and film cooling air flows and 
geometries.  The overall temperature distribution factor 
(O.T.D.F.) value which specifies the peak temperature for 
the hottest gas, and is used for nozzle guide vane thermal 
assessment, is typically 35% and the radial temperature 
distribution factor (R.T.D.F.) value which specifies the 
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peak value for the circumferentially averaged radial 
temperature profile will have a value of the order of 10%. 
This is used for rotor blade cooling studies.  In each case 
the factor takes the forra:- 

peak gas temp, relative to blade or vane - turbine entry temp, 

combustion chamber temperature rise 

In general, the requirement, from a N.G.V. cooling 
point of view, is for as flat an overall temperature 
distribution as possible as this limits the maxtTium gas 
temperature relative to the vanes.  An alternative approach 
which is being considered on engines with a small number of 
N.G.V.'s is to position the vanes so that the local hot gas 
streaks pass between them.  This entails linking the number 
of N.G.V.'s directly with the number of combustor primary 
zone segments and dilution holes.  Theoretically an effective 
gas temperature reduction of up to about 400K could be 
achieved this way, but a more realistic value would possibly 
be only 10 or 20% of this value. 

The optimum value of radial temperature distribution is 
not so easily defined as it is a function of the blade radial 
stress distribution, and the variation in cooling performance 
up the span of the blade.  In an uncooled blade, because the 
stresses are higher at the root, it is advantageous to use a 
tip hot profile, but in cooled blades often the optimum 
position of the peak radial temperature is nearer the blade 
mid span. 

Turbulence level is another factor which is directly 
influenced by the com' ustoc and which is known to have 
significant effects on the turbine blade profile loss and 
heat transfer coefficient.  Rolls-Royce (1971) Ltd. has 
measured turbulence values of between 13% and 22%  behind 
and engine combustor using ? laser duppler anemometer 
compared with 14?c without combustion.  It is thought that 
even higher values will oe given when combined thermal and 
velocity turbulence effect are measured. 

TURBINE COOLING/AIR SYSTEMS CMTERFACE 

The obvious air system/turbine interface is the turbin 
coolant feed system.  Ideally, this system supplies air to 
the turliiv blades at the lowest temperature consistent with 
the pressure requirements and with no loss of air.  In 
prad ice air is lost from the system to exhaust into the 
turbine at the root of the rotor blade, causing a loss in 
turbine efficiency as well as contributing to a loss in the 
overall therrnodyna.nic efficiency of the cycle.  The extent 
of   the leakage is dependent upon the type of system used, 
for example, a high pressure supply system will affect the 
turbine efficiency more than a low pressure system, and a 
system incorporating large diameter seals will be worse 
than one using split discs or a cover plate. 
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The actual temperature of tho cooling air supplied to 
the turbine blades is dependent upon the food system used, 
which is in turn, influenced by the feed pressure require- 
ment.  Such factors as the thermal boundary layer growth in 
the compressor at tho tap off point, heating of tho cooling 
air due to work input from rotating components, the type of 
coolant transfer system to the cooled blades, (preswirl 
nozzles, cover plate,split disc) etc., must be considered. 

This is further complicated as turbine cooling is only 
one of a number of functions which must all be accommodated 
in a restricted space and which are often incompatible.  For 
example the turbine blade cooling air is too hot, because of 
the pressure requirement, to cool bearings and consequently 
there is often a conflict requiring involved designs to 
separate and to ensure, oven in a failure situation, that 
the hot turbine cooling air can never pressurise an adjacent 
turbine bearing.  Other systems functions such as the 
pressurisation and venting for bearing load optimisation, 
bearing feed, scavenge and vent systems, shaft, casing and 
liner cooling and seal thermal matching must also bo inte- 
grated into the overall engine systems. 

Tho seal thermal matching requirements arc becoming 
particularly important as the trend towards higher bypass 
ratio, higher compressor pressure ratio and higher turbine 
entry temperature engines continues, as these are producing 
engines with small blades, which makes a given increase in 
tip seal clearance more critical and with larger component 
temperature ranges, which promotes increased thermal move- 
ment.  Fortunately the size of the components also decreases 
which helps to reduce the movements but since such factors 
as tolerances and minimun build clearances cannot be scaled 
directly and the mechanical strain due to rotation can even 
be higher for a smaller engine (the rotational speed 
increases as the linea*' size decreases to give a similar 
vilue of linear blade speed) then it is apparent that 
engines with small hijh pressure systems are at a dis- 
advantage. 

The actual value of the turbine overtip seal clearance 
is the difference of two large numbers, namely the radii of 
the static and rotor soil members.  Tho movement of each of 
these members, although snail in respect to the dimension of 
each member is probably the largest component of the radial 
gap between the two members.  Fortunately, since both 
members move generally in the same direction, i.e. radially 
outwards during acceleration and Inwards during deceleration, 
the gap tends to remain approximately the same, the 
variations in the seal gap being due to transient variations 
in the movement of the two components.  This is due to the 
varying heating and cooling rates of the components which 
influence  the static and rotating seal element movements, 
caused by differences in air and gas temperatures, heat 
transfer coefficients a'id thermal masses. 
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The transient thermal movement of a turbine rotor 
during an engine accele'-ation is made up to parts, 
firstly the rapid thermal expansion of the rotor blade in 
perhaps the first ten seconds of the cycle, followed by a 
much slower radial expansion of the turbine disk.  The 
characteristics of the movement of the outer static member 
is determined by the geometry of the seal and the associated 
structure.  Three basic arrangements can be used for the 
static seal Tiember, as follows :- 

a) An independent ring dogged to the casing or N.G.V. so 
that it can move independently.  This has the advantage that 
it does not have the movement constraints of the surrounding 
structure and can therefore be independently optimised to 
give the best seal performance.  Unfortunately this is only 
possible for a single engine transient as the temperature 
parameters, which define the movement of each member, have 
an independent effect on each member. 

The disadvantages of this system include the 
difficulty of maintaining concentricity witli a thin liner 
mounted independently of the casing and N.G.V.'s, the prone- 
ness of such a system to sticking and the increased toler- 
ances due to additional parts. 

b) A segmented liner secured to the casing so that it 
follows the movement of the casing.  This is attractive on 
bypass engines where the casing is cooled with bypass air, 
as this limits the movement of the casing and hence the 
static member of the seal.  It also has the advantage of 
having, in general, the smallest tolerance problem of all of 
.he systems. 

c) A segmented liner to the N.G.V.'s which are mounted 
from the inner combustion chamber casing.  This has the basic 
advantage that the movement of this member is subject to the 
same parameters as the movement of the rotor system (the 
expansion of N.G.V. is similar to that of the rotor blade) 
and will therefore, if matched correctly, closely follow the 
movement of the rotor system.  The build up of tolerances 
will depend upon the continuity paths from each seal member 
to the turbine location bearing, and this will, in general, 
be worse than tho tolerance situation for a casing mounted 
seal. 

TURBINE COOLING/FAILURE CRITERIA INTERFACE 

Ihr basic aim of cooling turbine rotor blades is to 
prevent failure by reducing the blade metal temperature to a 
value ivhich gives adequate material properties. 

Typical operating metal temperatures to give adequate 
properties aro 1100 and 11 "JOK for civil and military rotor 
blade ncan temperatures respectively and 1250 and 1300K for 
maximum rivil and military blade temperatures respectively. 
The mean blade temperature influences the creep characteris- 
tics of the blade and the maximum temperature relates to the 
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oxidation, corrosion and thermal fatigue characteristics. 

Considering these failure modes in turn:- 

a) Creep is defined as the continuous increase in 
permanent deformation under stress and is used, in the 
context of this paper, with reference to the behaviour of 
high temperature alloys under tension at elevated 
temperatures. 

In uncooled turbine blades, where there is little 
variation in metal temperature, creep is the predominant 
thermal failure mode.  As turbine gas temperatures increase 
and blade cooling becomes necessary then the situation be- 
comes much more complex.  One result is that, in practice, 
considerable variation in metal temperature is given which 
increases the relative importance of thermal fatigue and 
oxidation as failure modes.  This metal temperature 
variation is due to the large variation in heat flux rates 
around the surface of an aerofoil, a factor of perhaps ten 
from the minimum to the maximum values, which, even with 
cooling systems designed to attempt to match the heat flux 
rates, still gives considerable metal temperature variation. 

Another effect of introducing cooling into a turbine 
rotor blade is that the metal cross sectional area is 
reduced thus increasing the centrifugal stress and hence the 
creep life.  In a design where cooling is introduced into an 
existing uncooled rotor blade, there is a compromise between 
cooling rate and metal cross sectional area reduction to 
give an optimum creep life.  In a new design the shape of 
the aerofoil and the number of blades can be compromised, as 
discussed in the turbine aerodynamic section, to give a 
better overall solution. 

The relationship between creep life and temperature is 
exponential, as shown in figure 3.  Typically an increase in 
metal temperature of onl> 15K haxvos the creep Life of the 
blade. 

b) Thermal fatigue is ,i failure mode caused by icpeated 
thermally indue-' ! strain.  The acutal mechanism is very c< i- 
plex involving dit/erential thermal strain in spanwise 
elements of the blade and subsuequent relaxation, which 
eventually fails the blade In   the wirst affected element. 
This failure mode is therefore most critical in regions which 
are subject to high tonrjeratures , high cyclic variations in 
temperature and high metal temperature gradient. 

Typical values for these parameters in a turbine rotor 
blade are 1 . >0K  for the maximum metal temperaturo, 7UOK. to 
1250K temperature rise in r)   seconds for the cyclic temper- 
ature variation and 50K.nirir1 for the local metal temperature 
gradient.  The most effective methods for increasing the 
thermal fatigue life of a blade is to use thin shell blades, 
With a cooling ii I < 



system designed to match the heat flux rates as defined by 
the external gas heat transfer coefficients and a constant 
design value of blade metal temperature.  However this 
solution can increase the centrifugal stress in the blade 
and can, if thin blade section^ are used, reduce the proper 
ties of the blade material.  Both of these factors will 
reduce the blade creep life. 
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FIG 3 

Thermal matching can bo achieved by varying the coolant 
heat transfer coefficient, perhaps by using impingement cool- 
ing at the Leading edge of the blade and at the transition 
regions where high values of heat flux are given or by using 
external cooling through film cooling holes whoro internal 
convection cannot adequately control the local blade temper- 
atures.  The situation concerning thermal fatigue is further 
confused .vhen external cooling is used as, although the 
temperature of the metal aijacent to the cooling holes is 
reduced, the local temperature gradients are increased in a 
plane where the surface is weakened by the presence of the 
cooling holes.  Simple laboratory tests show for example, 
that the thermal fatigue strength of uncooled blades are 
reduced by an order of magnitude when drilled to represent 
blades with film cooling holes. 
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c)    Oxidation/corrosion is caused by oxidation or chemical 
atta:K of the surface of the blade at the high yas and blade 
temperatures experienced in a turbine.  Since oxidation rate 
increases significantly with netal temperature the same cool- 
ing techniques arc required for this failure mode as for 
thermal fatigue, i.e. to reduce the maximum temperature of 
the blade. 

The main conflict between cooling and corrosion is 
given when external surface cooling is used, as an oxide 
layer thickness which is acceptable on a solid surface may 
not be acceptable on a porous blade, owing to the increase 
in surface area of tho surface and the tendency to block the 
surface cooling holes.  In addition oxidation is an unstable 
process since the coolant rate through the surface holes is 
reduced as the oxide layer thickness increases.  This in- 
creases the blade surface temperature which accelerates the 
growth of the oxide layer. 

It follows, therefore, that surfaces with small cooling 
passages must be cooled more than solid surfaces for a given 
corrosion/oxidation life.  Typically 'coarse' transpiration 
systems (woven wires, etc.) need to be cooled about 100K more 
than solid surface blades, and 'fine' transpiration systems 
(powered metallurgy) require about 200K. more cooling than 
solid surface blades.  Hence the optimum overall system for 
a blade, from an oxidation point of view, is a compromise 
between cooling effectiveness and transpiration or film pore 
size. 

It is usual, in modern aero engines, to use oxidation 
resistant coatings to increase the oxidation life of blades. 
This is very straight forward on solid blades but it is 
difficult to coat the surfaces on the inside of small 
perforations an;' this can leave these surfaces, which are 
particularly  • >' ical to oxide layer build up, unprotected. 
It has been known, for instance, in cooled blades with a 
numbe, jf small iiv-u.  r holes drilled through the trailing 
edge of the blade, for the coated external surface of the 
blade to be reJ i iv >!  I re fron oxide and the1 trailing edge 
cooling passages  J be c "ipletely blocked with oxide from 
tlit. »urface of tl'C cooling holes. 

The • .o''nn design of a blade has therefore to accomm- 
odate all o Ui'      aiiurc J

1
 >de= and ••. optimum overall 

solution e t.,..blism I.  Figure ''>   shows tie results of such an 
exercise, which indicates, at the design vain«1 of the blade 
meai cooling oi .,• i Lv/ene^s (defin >d as the1 difference be- 
tweei. the lo< ." hot gas temperature ; id i he blade temperature 
divi led by the 1 M al hot gas temperature minus the coolant 
inl' i I ?mperatur> ), th.^t the design blade life is limited by 
both the   ee]  nd thermal fatigue failure modes.  If the 
design coo. Lng i fe tiveness is not achieved i.e. the blade 
i-; hotte; * han ♦''e design temperature then creep will limit 
the life of the blade and if the cooling is more than the 
design value thornal fatigue will be the cause? of the 
fai lure. *.* *» 4i3< 



TURBINE COOL JNG/MA NU FACT DRING TECHNOLOGY IiVTHRFACE 

Ovex the past five years siynifleant advances have been 
made in the manufacturing technology associated with cooled 
turbine blades, particularly in the precision casting aid 
non-mechanical machining processes.  Cooled turbine blades for 
a iDodern high temperature aero engine probably represent 
manufacturing technology at its best and yet there are still 
limitations in this technology which impairs our ability to 
mako the blades capable of withstanding the turbine entry 
temperatures of modern engines without some compromise to the 
aerodynamic and thermal efficiency of the turbine.  This 
situation is becoming more critical due, in part to the in- 
crease in performance requi n-ments and in part to the reduced 
size of turbine blades. 

Figure 4 shows the variation in size of four turbine 
blades, the span of the blades ranging from 12mm for the 
small lii ih pjressure turbine rotor blade tu   260nira for the 
Olympus 593 low pressure turbine rotor blade.  The manufact- 
u:-iTg problems of these two extreme blades are different in 
nature and each has its own difficulties.  The Olympus 503 
L.P. blade| for instance, is forged, rather than cast, as 
this gives the blade better impact strength (necessary 
because of the large aspect ratio of the blade) and this 
eliminates the possibility of casting the cooling holes into 
the blade.   Consequently it is necessary to drill, using 
electro discharge machining techniques, eight holss ranging 
from I'Qtnra to 4,lmm (•o~V' to O'leV) diameter the full 
length of the blade (i.e. length/ diameter ratio-, up to 160) 
within small tolerance limits and to communicate these radial 
holes ,vith transfer holes from the blade roots. 

• f I 
AERO ENGINE GAS TURBINE ROTOR BLADES 
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The nwrnfacturing problems associated vitn the smallest 
blade are associated .v;. f.h its swall sizi?, and als-j the low 
••j-;t requirenients.  For example if the cool i vj holes used in 
the Olympus J

1
)'J [I.P, turbine rotor blade were scaled to 

this blade size, in order to give the --.vne cooling efficiency 
the radial holes would be only 0,12min {»003")   diameter. 

Manufa"turinj technology has increased at such a rate 
over the past feiv years that the manufacturing limitations of 
a few years ajo are now the limitations of other iisciplines. 
F>ir example the ability to manufacture small holes down to 
approximately 3'2ini (•008") Cur   film cooling blades can now 
be achieved.  The present limitation to reducing cooling holes 
lr?ss than about 0'3.iii (•012") is due to blocking the holes by 
debris and oxidising the internal surface of the holes.  Trie 
hole si.je limitations are therefore now due to the lack of 
suitable engine cl^an air bleed designs and the metallurgical 
properties of high temperature alloys and coating techniques 
used to prevent oxidation.  A similar situation exists with 
reference to casting thin wall sections for blades.  Tne 
limitation is not now the ability of the foundries to cast 
thiil sections, but rather the reduction in creep strength 
which the thin sections exhibit.  Again the critical require- 
ment is for improved properties of the alloys. 

The limitations on manufacturing technology arc not so 
much the ability to produce a given blade or vane but rather 
to manufacture the blades consistantly, within small toler- 
ances, with adequate surface finish, in the required time 
scal^, and at low cost.  The aerofoil tolera.i.e limits for a 
large turbine, typically + 0*12mffl {•003")   can give significant 
variat ions in turbine efficiency in .a small turbine for 
example, and '. le tolerances on the position of cooling holes, 
can significantly affect the life of a blade. 

The overall limitation on manufacture xs cost, and since 
the manufacture of coraplax cooled turbine blades ('high 
technology1) is considerably more expensive than that for more 
modest cooled blades a compromise to be considered in addit- 
ion to those already discussed in this paper, is the degree of 
turbine cooling and the increase in the overall cost of the 
powerplaut. 

COMCiJJSIONS 

Turbine cooling is one of the major limitations to 
the current trend in increased engine performance as the 
trend in all of the performance parameters is to increase the 
difficulty of cooling gas turbine aero engines.  As A rasult, 
in addition to an increase in bla-Je cooling technology, with 
an appropriate increase in manufacturing technology, being 
necessary, the various interface components, systems and 
disciplines can be expected to be further compromised to 
achieve the necessary cooling performance and )lade life 
requirements. . . _ 
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FILM COOLING OF TURBINE BLADES 

M. Saarlas 
U. S. Naval Academy, Annapolis, Maryland 

1.  Introduction 

The use of film cooling for practical engineering pur- 
poses has been the subject of study during the last thirty 
years.  A great number of investigators have attacked the 
problem (and the associated Coanda effect) with a rather 
modest degree of success.  The success, and the lack of it, 
has been founded in experimentation and resulting empirical 
correlations.  The success is evidenced by the fact that the 
consideration of a simple energy balance sufficiently far 
downstream from the injection area loads to simple corre- 
lation formulas which are capable of correlating a majority 
of experimental flat wall film cooling data.  The lack of 
success is manifested by the lack of a fluid mechanics-ther- 
modynamic model capable of describing the cooling (effec- 
tiveness) for the entire surface.  Furthermore, little can be 
said about film cooling in the more practical cases where its 
knowledge is now urgently needed, e.g., for turbine blades 
and buckets where the effect of the pressure gradient (or 
variable external flow velocity) is an important factor. 

Most of the published literature is concerned with the 
experimental investigation of the problem and serves to 
extend and to improve the earliest work of Wieghardt in 
1943(1) who established the basic (asymptotic) correlation 
curve.  The more recent papers, being essentially variants 
of the Wieghardt's correlation, seem to correlate - on the 
average - the published data.  Thus, the overall phenomena 
are partially understood and the data for a given configura- 
tion can be correlated locally, but engineering predictions 
and the design for new configurations cannot yet be approached 
with any great degree of confidence. 

This paper attempts to formulate a more general film cool- 
ing equation which can describe the entire flow region down- 
stream from the slot and is capable of handling flows with a 
pressure gradient.  The success of this attempt is demon- 
strated by combining available boundary layer models, with 
fluid injection, with the effectiveness equation derived 
below and comparing with the published flat wall and turbine 
blade cooling data. 

2.  The Basic Effectiveness Equation 

In order to obtain the film cooling equation the energy 
equation is written in the total enthalpy form, which by 
integrating first with respect to y, and then to x direction, 
yields an energy integral equation.  Defining a new variable 
called effectiveness and considering the flow regions near 
the slot and far downstream from it two different solutions 
can be found.  Combining these two solutions by evaluating the 
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constants at chosen boundary conditions an equation is obtain- 
ed, which gives the effectiveness over the entire range of the 
flow in downstream direction.  The effects of a pressure 
gradient and the heat transfer are also included.  The basic 
parameters involved are the boundary layer thickness - with 
injection and the enthalpy thickness.  Thus, a general equa- 
tion is available which is valid for only one basic restric- 
tion - steady flow.  Due to the formulation of the problem 
that is presented below the effectiveness is defined here as 

rjs(Hw-H«.)/(Hc-He) (i) 

2 
where H stands for the total enthalpy H = h + U /2.  It 
follows that for slow speed flows the velor-ity tern can be 
neglected.  If one assumes that the coolant and external flows 
are the same and have constant properties, the previously 
obtained results can be recovered.  In high speed flows the 
effectiveness will refer to the total temperature. 

The general physical model is given in Figure 1 which 
shows the two basic schemes for injecting the coolant fluid 
into the main stream.  The coolant issues from the slot of 
height (or width) s and and begins mixing with the external 
stream and boundary layer.  In this process a new and differ- 
ent boundary layer is formed, which the experimental evidence 
shows to be a turbulent one.  The rate of growth of this now 
layer near the injection slot is larger by an order of magni- 
tude than the initial undisturbed flow.  In the vicinity of 
the slot the velocity profiles vary greatly and are indicated 
schematically in Figure 2.  The velocity profiles are not 
similar over the entire thickness of the boundary layer.  On 
the other hand, a number of experimental investigations have 
shown that the temperature profiles can be reduced to a single 
form given by Wieghardt for a great number of flow situations 
which fact plays a key role in the developments below by pro- 
viding an indirect means for separating the energy and the 
momentum equations. 

It is further assumed that the coolant injection repre- 
sents only a perturbation of the external flow and that the 
physical model is amenable to analysis by the usual boundary 
layer techniques.  Thus, the momentum, energy, and continuity 
equations can be written for compressible steady flow as 

which are valid for both laminar ana turbulent flow time-mean 
quantities if the symbols are appropriately interpreted. 
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Thus, the normal barred notation for turbulent flows is omit- 
ted. 

The momentum equation is now multiplied by u and added to 
the energy equation which then will be integrated with 
respect to y from wall (y=0) to the edge of the boundary layer 
y = 6,  Integrating by parts and using the Leibnitz's rule one 
obtains after some rearrangement 

4 [^u#64(H€-Hw)]-mCHt-Hc)--- f M 
where at, and over, the injection area Hw = He, and 

,6 

^4r J^UU-HJ - (2) 
0 

is the enthalpy thickness, and A - p V = p u w w   c c PY th 

Integrating with respect to x one obtains 

which is the fundamental equation for all further developments 
below.  To obtain a basic equation for film cooling, it is 
necessary to specialize eq. (3) to two separate regions:  one 
near the slot, and the other the far downstream asymptotic 
region. 

The latter region is the area where similarity of the flow 
profiles has been found to exist and where aJI the previous 
work applies.  It follows from eq. (3) that '   constant c, 
for the far region, is either very small as c  )ared to the 
other terms or even zero depending on the injection configura- 
tion.  Thus, c will be neglected and eq. (3) can be written 
as M 

where ( , 

(4) 

Q 
fL-H C  "l^ 

To arrive at the expression that is valid for the region 
near the injection slot a slightly different approach must be 
used from the one that led to eq. (4).  This is necessary 
because 64 may approach zero near the injection region. 

To this end, eq. (3) will be written 
M -a'- -c- 

Near the slot where the wall temperature changes very little, 
the last term can be assumed to be constant.  Call it C2. 
Thus one gets f^\ 

Lnear     ^e6^-CZ4-Q' (5) 
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Since eq. (3) has been specialized now for the near and 
far regions, it is of interest to investigate if there exists 
a more general form of the effectiveness equation which would 
be valid for both near and the downstream asymptotic regions. 
Comparing equations (4) and (5) the following form is sugges- 
ted for a general solution 

.,   sin  
with the following boundary conditions: 

x = x   (5/. = 6,   n ■ 1 or n o   4   40 o 

x -> oo   n ■* n  =  M  
as    p u yr+Q1 Ke  e  4  ^ 

Thus,   at  x  =  xo C^M   =   n^ ug64o  - C2 i-Qo 

7o 
and one gets 

^o(^u^64 + Q' -C2) 

To satisfy the asymptotic case where x > " and n *• n 
the above will be solved for C-. 

Upon substituting for the asymptotic value of n one obtains 

Farthermore, for the asymptotic case 

r[0(pgug64 ^-Q7)        j 

Mo 
and one gets  finally 

C2 = p« ue S4o -+- Qo - -^ 

Substituting into the effectiveness equation above n becomes 

no d/ 

Vo   fig- -H^ 
In general, the last term in the denominator is zero, and 
n  =1.  Equation (6) is the basic equation for film cooling. 
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3.  Applications 

Since most of the published data refers to film cooling 
with an adiabatic wall, eq. (6) can be written as 

^= [M(6<-^0)/m5]" (7) 

where m = Pc
u
c/Pe

u and s is the slot height (Fig. 1) or an 
equivalent injection distance (total coolant holes area/ 
width of the injection area).  64 can be obtained from eq. (2) 
with the assumption that the thermal and velocity boundary 
layer thicknesses are the same, as 

S I ^«li^Te +2cP(W-T« ( L^l ' Ji   ! (8) 
0     ~ 2 Whence  6.     = ms(uc/ue)   .     Then  the effectiveness becomes 4o 

pc 5    UeV  ueA  wc/ (9j 

Since n£l» eq. (9) implies that for optimum cooling 
uc/ue<l, which is in agreement with similar results of 
Spalding (2),  For practical calculations it remains now to 
evaluate 64 for specific cases.  This has been carried out 
below and compared with the published data for flat wall and 
turbine blade cooling.  The general features and typical 
results are presented here.  For details see Ref. 3. 

3.1 Flat Wall Cooling 

The simplest method of evaluating 64 is to use the turbu- 
lent noninjection boundary layer results u/ue = (y/ö)1/" and 
the temperature distribution as obtained by Wieghardtd) 

fr-T«V(T«w-T,) =. eKp[-CiC*/6)-h*2] 

whore [ T f LtlD.^*2        ^-768   ,"=7 
C," ['   ( i+2n/j -      776.   / neio 

Substituting  into eq.    (7)   with  l/n<<2  and ue /2C   (Taw-TePl» 
one obtains _ -,2 

8,4 = a 6 = a c2 x k
,cx '4 

where n   7   10    R~ = Pf.upx/lJe 
a  .512  .575     x 

Then the effectiveness becomes with   04o = O 00 
-I 

where 

A = l/ac2 

C2 .37   .514 

64«, = 06, 

ri^l^'/l'T1 (10) 



and ni can be recognized as the asymptotic film cooling cor- 
relation used by previous investigators.  Eq. (10) has been 
applied to the data of References (4), see Fig. 3, and (5) 
Fig. 4.  On the average, eq. (10) represents a fair correla- 
tion of the data.  Other data cannot be correlated well 
because this method suffers from the following shortcomings: 
the boundary layer model does not take into account fluid 
injection, similar velocity profiles have been assumed with a 
constant n, and the starting distance x0 has been difficult 
to determine. 

In order to eliminate the most serious shortcoming, lack 
of the effect of fluid injection, the following approach has.- 
been used.  The two-layer boundary layer model of Abramovich^ 
provides the velocity profiles for evaluating the boundary 
layer thickness 6 from the momentum integral equation 

According to i-he model in Fig. 2 the momentum thickness can 
be expressed by the following velocity profiles 

y<6m u/u^ = (y/6mV
/n 

S^y<8       u/Ue= I i-(uw/ua-.)('-(V/^)'5;2      (ID 

9 - f^ (,-^Wy = Q(W<Mw/ue;o) «5 (12) 
Integrating, one obtains   i _ _L | ^V^^'dx t S0 

The wall shear, which is essentially determined by u and 6 , 
can be obtained in similarity to basic turbulent boundary 
layer development as 

/>» 

as        f 

,033 C.Cn) 

where C (n) = Sr"/  fn-MHizn-M) 
Upon rearranginc), one gets 

nz 

ITS' 1.75        nllC* 

^'[Ttj   [117]     ("jL**>\y* peue'      \"<l    1^1       (U^) 
Calculations indicate that 1.09 <u /u <1.15, thus an average 
value of 1.1 is used.  Furthermore, experimental evidence 
indicates (7) that the two layer interface 6m varies linearly 
with x.  Assuming then 6m~.01x, and substituting into the 
integral for 6    0SJCJ f*/u   .'"jx 

b'QtW*iw   ~IS     * (13) 
Abramovich^^ has calculated the wall velocity uw variation 
as an implicit function of x and the coolant velocity ratio 
uc/ue*  Since practical turbine coolant velocity ratios tend 
to be less than unity Abramovich's results were recalculated 
and the following parametric curve fit obtained for uw/ue 
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where D = 2.16767-.170965(ue/uc)+.1667(ue/uc)
2 

B = .005963+.02925(ue/uc)-.049396(ue/uc)
2+.02057(u/uc)

3 

.25<uc/ue 
<.85 

Thus, all the integrations here have been rendered into simple 
quadratures. 

The calculation process requires now the substitution of 
the velocity profiles, eq. (11), and eq. (14) into eq. (8) 
and (12), which yields 64=3 (6m/ö, uw/ue;n)6 (15) 
where 6 is evaluated from eq. (13) after calculating Q from 
eq. (12) ,  Although an iterative procedure is indicated above, 
since the ratio (5m/6 is not known initially, the method is 
very insensitive to this ratio and it can be expressed by 
means of 

Thus, the enthalpy thickness 5. is obtained as a function of 
\ and uc/ue, and the effectiveness can be calculated from eq. 
(9). 

s     .»7 ypjj. 

The method outlined above was applied to the cases shown 
in Fig. 4 and the new results are shown in Fig. 5.  Although 
this approach incorporates a number of assumptions and empiri- 
cal data, the improvement in the trend and consistency of 
results is good. 

3.2 Turbine Blade Cooling 

In practical turbine cooling with a pressure gradient the 
enthalpy thickness will still be calculated from an equation 
of the form of eq. (15) if, consistent with the integral 
method approach, it is assumed that the velocity profiles (11) 
and the t?ieghardt temperature distribution hold.  The boundary 
layer thickness must be calculated from the momentum equation 
valid for flows with variable external velocity: 

Assuming, similadyto eq. (12), that the displacement thickness 
can be given as 

6*- [(i-flrj^ s P(W6,uw/u€jo)6 
o 

then  the  resulting momentum  equation 
5 dQ   +Qd&+J_4^(2Q-fp)6 «TWpui 

dx 
can  be integrated  to give 

where T = 2 + P/Q. 
Thus, the blade cooling problem iö reduced to the same essen- 
tials as discussed above.  The shear stress will be taken from 
Bradshaw and Gee(7) results, which yields 
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Which,   upon  substitution into eq.   (16)   gives 

-           31^) (Ol) 
O =  — z— 

^fäj m (17) 

Eq,   (17)   is  similar  to  the  flat plate equation,   eq.   (13) ,  with 
the  exception of   the variable external blade velocity ue 
which,   for practical purposes,   is  available as a polynomial 
of x calculated by the potential  flow methods. 

The effectiveness was calculated for the turbine vane 
data as given in Ref. (8) and the results are compared in Fig. 
6. Although the experimental data is obtained on a blade with 
injection through discrete holes it is expected that the model 
presented above will give satisfactory results with the possi- 
ble exception of the near injection region. Calculations were 
based on an equivalent slot thickness. As Fig. 6 indicates 
the  results  are  satisfactory. 
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Fig. 1  Film cooling configurations 

Fig. 2  The two layer model 
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Fig. 3  Effectiveness data from Ref. 4: m =.28, 
Re  = 2310, s = .123 in. 
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AERODYNAMIC AND HEAT TRANSFER INTERACTIONS IN HIGH 

TEMPERATURE TURBINES 

J.  R.   Fagan,   D.  J.   Helton and Ü.  A.  Nealy 

Detroit Diesel Allison Division of CMC 

INTRODUCTION 

The advantages of very high turbine inlet temperatures are readily 
recognized as offering a great potential for efficient,   lightweight,  gas 
turbine engines.    To achieve the high temperatures within currently 
available materials,   air is commonly bleed from the compressor 
discharge and used to cool the turbine.    This paper presents the results 
of a brief parametric study to establish the interaction between cooling 
air requirements and turbine efficiency in a high temperature turbojet 
engine.    Based upon design experience at Detroit Diesel Allison,  blade 
chord,  blade solidity and blade height have been established as the most 
effective blading parameters available to affect the cooling air require- 
ments.    Therefore,  these three blade properties were investigated 
parametrically.    The basic question is whether it is useful,  in terms of 
overall engine performance,  to bias the turbine blading design toward 
reductions in cooling air requirements at the expense of some turbine 
efficiency. 

In order to answer this question,  a blade heat transfer model was 
developed to predict the cooling air flow required to meet a fixed stress 
rupture life as a function of blading geometry and stress levels.    A base- 
line blade was designed and six additional blades were designed having 
±20% variations in blade chord,  solidity and annulus area, respectively. 
The design point efficiency for each turbine was predicted by means of 
the Ainley-Mathieson^ turbine performance model as modified by Dunham 
and Came^' and supplemented by a cooling air loss model developed at 
Detroit Diesel Allison.    The efficiency and cooling air differentials were 
then evaluated in a cycle analysis of a high temperature turbojet engine 
to assess the impact on specific thrust. 

COOLING PERFORMANCE MODEL 

The combination of high stress levels and gas path temperatures 
characteristic of advanced single stage drive turbines emphasizes the 
importance of the turbine blade thermal/structural design problem. 
Consequently,   a turbine blade cooling model was developed to evaluate 
turbine mechanical design feasibility,  and to provide realistic estimates 
of turbine blade cooling air requirements as a function of turbine aero- 
dynamic design.    The results of this study serve to establish the impact 
of turbine aerodynamic design configuration on blade cooling air require- 
ments subject to the following general conditions. 

o       Fixed turbine rotor inlet temperature 



o       Fixed turbine rotor stress rupture life 
o       Cooling air supplied from compressor discharge 

The turbine airfoil cooling requirements were established on the basis 
of simple overall energy balance procedures which essentially equate 
the convective heat load on any cooled structural component to the 
coolant heat absorption.    The latter is strongly influenced by the 
efficiency of the internal cooling system design.    Throughout this study 
the internal cooling efficiency was held constant at a level representative 
of current high temperature blading technology. 

The convective heat load,  Q,   imposed on any cooled structure is 
essentially proportional to the difference between its surface temperature 
and the gas stream relative total temperature,   and is inversely proportional 
to the thermal resistance of the boundary layer formed along the cooled 
surface. 

Once the heat load for a given airfoil is established,   the cooling air" flow 
requirement is obtained by equating the imposed heat load to the coolant 
energy absorption.    If   x   represents chordwise surface distance 
(measured from the leading edge),  and   y   represents spanwise surface 
distance (measured from hub or tip section),  then the following overall 
steady state thermal energy balance must be satisfied, 

it ii 

Q =   //qs  dxdy + //qp dxdy = WcCpcATc (1) 

The left side of Equation (1) represents the integrated convective- heat 
load for the two surfaces of the airfoil,  while the right side represents 
the coolact heat absorption.    For either airfoil surface,  the local heat 
flux,  q ',  can be expressed as 

q"  = q" (x.y) » h (T    - T    ) (2) 
g W 

where   h   is the local gas to wall heat transfer coefficient.    In general, 
h,  T  ,  and T    may all vary with   x   and   y   so   q'1   is a local heat flux. 
HoweVer,  for preliminary coolant flow estimation purposes,  it is useful 
to define average values of T    and T... so that 

(T W 

Q =   (Tg-Tw)    [//hs  dxdy + //hp dxdy]  =  WcCpc (Tw-Tc)nt (3) 

where 

nt  = ATC/(TW-TC) and 

T    = coolant supply temperature. 
c 

;;< 
In general,  the radiative contribution to airfoil heat load is negligibly 
small. 
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The overall thermal effectiveness, nt,   represents the ratio of the actual 
coolant temperature rise to the maximum possible coolant temperature 
rise, (TW - Tc) •    I" cooled airfoil designs,   the value of T\t   is dependent 
on the nature of the blade cooling mechanism and as noted above was 
held constant for this study. 

For the case of a fullv developed turbulent boundary layer (which can be 
assumed to exist over the greater portion of the cooled airfoils con- 
sidered herein),   the local surface heat transfer coefficients can be 
reasonably approximated by the relationship 

St  = h/p V C   ,  =  0.0296   (Rex)"1/5   (Pr)"'4 ()) 

Substituting Equation (4) into (3) and carrying out the indicated integrations, 
then yields the basic relationship from which the cooling air require- 
ments can be determined.     Making the further approximation that   h 
is essentially invariant with spanwise distance (y   coordinate) and that 
the effective length,   f ,  of both the suction and pressure surfaces is 
equal to one-half of the airfoil perimeter,   Equations (4) and (ä) can be 
combined and cast into a form which better reflects engine geometric 
and cycle parameters, 

Wc/tfg = ci C2 (*/nt)e  fAs/Ag)(^/C3 Pg)1/3  ('0"1/5 ( ') 

The coefficient,   Cl,  accounts for the difference in Stanton number on 
the blade surface due to coolant injection as shown in Figure 1.    Figure 
I also shows the surface velocity distribution coefficient,   ? . 

Inspection of Equation (ä) permits several observations to be made 
relative to the parameters which influence turbine cooling air require 
merits: 

o       Percentage coolant flow requirements W   /VV'    are directly 
proportional to level of cooling (({>),   and inversely proportional 
to thermal effectiveness (r\t) . 

o      Percentage coolant requirements are directly proportional 
to blade surface area/gas flow area ratio.    Since for given 
airfoil settings,   As/Ap is proportional to solidity,   percentage 
coolant flow requirements tend to increase directly with blade 
row solidity. 

o       Percentage coolant requirements decrease slightly as mean 
airfoil surface length (~true chord) is increased.    Other 
factors being equal,  long chord airfoils will require less air 
(on a percentage basis) than short chord airfoils. 

o      Airfoils with high exit/inlet relative Mach number- ratios will 
require higher percentage air flows because the parameter   ry 
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is increased (see Figure 1). 

The relatively simple formulation ^iven as Equation (,')) has been shown 
to provide quite reliable estimates of airfoil cooling requirements. 
Typical comparisons between detailed analyses and projections obtained 
from Equation (5) are shown in Table  I,   which illustrates the usefulness 
of the technique. 

Table 1.    Comparison of Cooling Flow Predictions 

Cooling    Air   Kequirement 
Engine 
Type Airfoil 

w /w,. To 
c       1 

Del, ul Analysis Equation f) 

Turbos haft HP1 Vane :;. 70 ■ ',. Bf) 

Turboshaft HP1 Blade 1.35 1. 43 
Turbo fan HIM Blade 2. (»0 2. (>0 
Turbo fan HP2 Blade 0.i'2 0. 82 

Cooling performance curves Hi   vs   W   /W  ) were established for each 
of the six parametric turbine blade designs l)\  means of Equation    "'. 
The cooling air flows calculated via Equation (.")) strictly apply to a 
relatively small spanwise segment of the air-foil where T., and T..   can 
be considered constant.   The calculation can be repeated for several 
spanwise segments each of which is characterized by a different 
combination of Tg and Tw values reflecting the radial gas temperature 
profile and allowable metal temperature distribution.    These flows 
could then be summed to provide the total airfoil cooling flow.    Extensive 
experience has shown that the latter (summed) value is approximately 
equal to 90"'n of the value predicted by Equation (5) when it is assumed 
that the entire airfoil is characterized by the midspan values of f     and 
Tw.    Thus in the present study,   all cooling air flows were taken to be 
90"',i of the value calculated from Equation (;">) where Tg and Tw are taken 
to be midspan values.    Figure 2 shows the resultant cooling air require- 
ments for each of the parametric blade configurations.    In order to 
obtain the specific cooling requirement for each blading configuration, 
the wall temperature was established at a value which would j^ive the 
same stress rupture life as the baseline blade.    Tin.- stress level was 
obtained by multiplying the untapered stress by an appropriate linear 
taper factor which reflected the blade geometry and the need to provide 
an internal coolant flow passage.    The internal flow passage was sized 
to hold the coolant inlet Mach number the same in each of the blade 
configurations.    The resulting coolant flow percentages are indicated In 
the symbols in Figure 2. 

AERODYNAMIC PERFORMANCE MODEL 

The prediction of aerodynamic performance of turbines is quite difficult 
principly because of ti.e importance of three-dimensional effects 
(commonly referred to as secondary losses) in the highly cambered 
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blade rows of turbines.    The importance of blade tip clearance is also 
accentuated in most high temperature yasifier turbine designs.    In 
addition,  in high temperature turbine applications,   there is a significant 
impact on turbine performance or efficiency due to the addition of low 
momentum cooling air through the blades and vanes.    This element is 
termed cooling losses.    There are also parasitic losses due to the 
addition of low momentum air which has been used to cool the endwalls 
and wheels of the turbine.    These parasitic losses have been assumed 
independent of the blading changes that are under investigation in this 
study. 

The complexity of the aerodynamic performance prediction problem 
has lead to extensive use of empirical data as the basis for prediction 
of turbine efficiency.    One commonly accepted model is that proposed 
by Ainley-Mathiesom 1' with a modification of the secondary loss 
treatment as proposed by Dunham and Came'    .    Throughout this work, 
the aerodynamic performance will be assessed on the basis of the 
Ainley-Mathieson model augmented by a cooling loss mode] developed 
at Detroit Diesel Allison. 

The profile loss for zero incidence as proposed by the Ainley-Mathieson 
model and used in this study is given by 

YP =   i hih'O) + (3l/a2)2  ^pCßi-az)  - ^1=0)  >   1   (t/c/o.2)  h   X2 (6) 

The effect oftooling air mixing on the aerodynamic performance is not 
accounted for in the basic model of Ainley-Mathieson.    DDA has 
developed a coolant mixing loss model based upon hypothesis that the 
losses are governed by the momentum mixing of the secondarv jet and 
the primary freestream flow.    Following the work of Shapiro'   ',  the 
total pressure variation can be written as 

dPg/Pg=(-kMg
2/2)dTg/Tg  -(kMg

2/2)(2-2 Vc/Vg  Cos  ^c)   dMc/Mg (7) 

Assuming a constant heat capacity,   Cpg,   and adiabatic flow,  the 
linearized form of the energy equation can be written as 

dTg/Tg =(dMg/MgKTc/Tg - 1) (8) 

Further,  the secondary mass addition is given by 

dMc = GdA =  G Hy dx (9) 

Substituting (8) and (P) into (7) and rearranging,   the differential equation 
for the change in total pressure,  due to coolant addition is given by 

dPg/Pg =(-kMR
2/2)(l + Tc/Tg  -  2(vc/VR)cos i^) GHy/Mgdx (10) 
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or integrating over the length of the coolant injection region,  the total 
pressure recovery is given by 

•; 

.x2 

(kM2/2)(l  + Tc/T    - 2(V /V  )cos  lp  )GHy/M dx    (11) p  /p .-. .wv* T ic,lg -«vv 

xl 

Equation (11) can be used to calculate the total pressure change due to 
transpiration or film cooling of blades by integrating along the suction 
and pressure surfaces using the blade surface Mach number distribution. 
Figure .1 show^ a comparison of the measured and predicted total 
pressure losses.    Throughout this study.  Equation (11) has been used to 
assess blade cooling losses. 

(U) 
In 1970,   Dunham and Came       suggested a secondary loss model based 
upon meanline blade loading parameters given by 

s - 0.0334   (C/H)(cos  ^/cos  ßj Z 

=  0.1336   (C/H)(cos3 (Wcos  ßj  cos 0% >(Tan c^ - Tan a7)
2 

(12) 

Again following the work by Dunham and Came the tip clearance loss 
for unshrouded blades is given b\ 

Yk - 0.47(C/H)(6/c)0,78 Z (l.i) 

The impact of the blading parameters,   namely chord,   solidity (or 
chord to spacing ratio) and blade annulus area (height) have been 
assessed with respect to their impact on turbine efficiency by means 
of the models described above.    The total change in turbine efficiency 
is taken as a linear sum of the changes in component efficiencies.    Thus, 

An    = AH   + AHj, +   * Hy + A nk (14) 

The influence of blade chord,  blade solidity and blade height on turbine 
efficiency are shown in Tables 2,   i,  and 4,  respectively. 

ENGINE PERFORMANCE 

The interaction between cooling air requirements and turbine efficiency 
is illustrated here for the case of a high temperature turbojet engine. 
The engine cycle analysis assumes that all of the cooling air is pro- 
vided at compressor discharge conditions with appropriate modifications 
to total temperature and pressure to deliver the air to the base of the 
blade.    Thus,  the burner and turbine vane inlet flow are the difference 
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Table   2.    Blade Chord Effects of Turbine Efficiency 

Component Loss Change   in   Turbine Efficiency 

Profile, Arlp 

Cooling, ir^ 
Secondary,; an« 
Clearance,^ 

Total 

Decreased Chord 

0.0 
- 07 

+1 12 
+0 24 

+ 1. 3 

Increased Chord 

-0. 04 
K). 07 
-1. 19 
-0. 21 

1. 4 

Table   3.    Blade Solidity Effects on Turbine Efficiency 

Component Loss Change   in   Tur bine   Efficiency 

Profile. Änp 

Cooling, AiTg 
Secondary, An 
Clearance, Ani. k 

Decreased Solidity 

-0. 28 
-0. 14 
-0. 29 
-0. 08 

Increased Solidity 

+0. 20 
+0. 04 
-0. 17 
+0. Of) 

Total -0.H +0. 5 

Table   4.    Blade Height Effects on Turbine Efficiency 

Component Lost Change   in   Tu rbine   Efficiency 
Decreased Height Increased f{eight 

Blade 

Profile, -■"., +0. 38 -0. 38 
Cooling, Anc -0. 16 -0.07 
Secondary, An -0. 23 H). 23 

Clearance, An 

Total 

-0. 10 +•0. 20 

-0. 1 0  0 

Vane 

Profile, Anp +0.;i0 -0. 21 
Cooling, Anr ^0.04 -0.03 
Secondary, ^n 

s 

Total 

Total 

-0. 12 +0. 10 

+0. 2 -0. 1 

Stage +-0. 1 -0. 1 
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between the compressor discharge flow and the cooling air flow.    Using 
the engine cycle analysis program a sensitivity analysis was performed 
to assess the impact of the cooling air and turbine performance on 
thrust per pound of compressor discharge air.    This specific thrust 
parameter,   which affects engine size and weight directly,   was used to 
assess the tradeoff in cooling air and turbine efficiency.    Figure 4a 
shows the change in specific thrust as a function of the change in turbine 
efficiency and cooling air flow,   respectively.    Figure 5 shows the change 
in specific thrust that results from the changes in blade chord,  blade 
solidity and blade height,   respectively. 

CONCLUSIONS 

In drawing real conclusions from a design study of this type,   it must be 
recognized that the results are specific to one engine and that future 
technology advances will change the quantitative results.    Therefore, 
important general conclusions should reflect only upon the observed 
basic technology trends. 

First,   there is a clear trade in specific thrust between cooling air use 
and turbine efficiency.    In all cases,   except those involving blade height 
variations where the predicted efficiency change was nearly zero,  the 
thrust increment due to the change in cooling air was opposite in sign 
to that due to the turbine efficiency change.    That is to sa\ that the 
higher turbine efficiency blading configurations ail required higher 
coolant flow rates.    It must be noted,  however,  that the specific turbojet 
engine studied herein was not particularly sensitive to changes in turbine 
efficiency or cooling air.   The observed performance balance indicates 
the need to quickly and accurately assess a number of blading and flow 
path contigurations with respect to cooling requirements and efficiency 
within the preliminary design phase of any high temperature turbine. 
This fact emphasizes the importance of a simple,  quantitative cooling 
flow model such as described herein. 

A similarly efficient aerodynamic performance prediction capability is 
offered by the Ainley-Mathieson model.    However,  advanced design 
concepts incorporating controlled radial work distributions and specialized 
endwall configurations to modify the three-dimensional flow losses cannot 
be represented by meanline properties such as incorporated in the 
Ainley-Mathieson model.    It is generally accepted that profile losses 
can be predicted for vane and blade cascades and the coolant loss model 
described herein has proven to be quite effective.    However,   secondary 
loss levels and particularly the radial distribution of secondary losses 
are not sufficiently well understood to allow accurate predictions based 
upon the controlling flow physics.    Considering the component loss 
increments shown in Tables 2 through 4,  it can be seen that three- 
dimensional effects represented by the secondary and clearance losses 
provided a major influence in this study and therefore must be more 
adequately modeled.    Finally,   tentative conclusions about high tempera- 
ture blading can be made.    Optimum' performance of an air cooled 
turbine will occur at somewhat lower solidity than for unrooled turbine. 
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There is apparently an optimum chord blade where increasing turbine 
efficiency balances the increasing cooling requirements resulting from 
the reduced taper ratio available as the blade chord is shortened.    It 
also appears that blade annulus height should be made as small as 
possible to reduce the untapered stress levels without introducing 
excessive shock losses resulting from the increased Mach numbers and 
at the same time assuring that limiting loading will not occur within the 
operating range of the turbine.    Further, any annulus reduction must 
allow growth capability if a practical production engine is to result. 
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LIST OF SYMBOLS 

A, Total blade surface area 
b 

A. Gas stream flow area at rotor inlet 

C Blade chord 

Cp Heat capacity 

C, Blade loading coefficient 

CL = 2 ^   cos *m (Tan ^ - Tan o^) 

Cl Boundary layer blockage coefficient in cooling flow model 
(Equation 5) 

C,  3   . 018K » 0. 18 St/St 1 o 

C2 Fluid transport property coefficient in cooling flow model 
(Equation 5) 

C23(Pr1)"2/3(u >1/5       Cp /Cp 1 1 1       c 

C.3 Corrected blade inlet flow per unit area 

w yr 
c, - ^-^      435< 



10 

et Gas angle 

F Blade   angle 

5 Blade tip clearance 

Surface velocity distribution coefficient in cooling flow 
model (see Figure 1) 

vv-o.a .xro.2   d(x) a    r , ! Mr0-» (1 
5     1       r    V   ' ? 

0 

n Turbine efficiency 

^ t Blade overall thermal effectiveness 

U Viscosity 

Density 

^ Overall cooling performance parameter 

T,  - T 
A 1 vv 

T     - T 
w        c 

^ Coolant injection angle measured from blade surface 

Subscripts 

c Coolant 

g Mainstream gas 

k Tip clearance 

m Mean value 

p Profile 

s Secondary 

1 Blade inlet station 

2 Blade exit station 
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G Coolant mass flow per unit area 

H Blade height 

h Blade external film coefficient 

K Boundary layer blockade parameter (see Figure 1) 

k Ratio of specific heats 

' Mean airfoil chordwise surface length (1/2 perimeter) 

M Mach number 

P Total pressure relative to blade row 

p Static pressure 

Pr Prandtl number 

Q Total blade heat load 

q" Blade surface heat flux 

Hex Reynolds number based upon   \ 

S Blade meaniine spacing 

St Stanton number 

T Total temperature relative to the blade row 

t Blade maximum thickness 

V Fluid velocity 

W Fluid mass flow rate 

x, y Blade surface coordinates in chordwise and spanwise 
directions,  respectively 

Y Aerodynamic loss parameter 

Z Ainley blade loading parameter 

,, 2 
Z -  (CL / S/C)" Q2 

Cos     n m 
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(a)   Velocity   Distribution 
Coefficient 

(b)   Effect of Injection on 
Stanton Number 
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Figure   1.     Cooling   Flow   Model   Correlations 
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LINEARIZED  THREE-DIMENSIONAL  POTENTIAL  FLOW  THROUGH  A 

RECTILINEAR  CASCADE   OF   BLADES 

A.   F.  de 0.   Falcao 

Instituto Superior Tecnico, Universidade Tecnica de Lisboa, Portugal 

1 - INTRODUCTION 

In most of the so-called three-dimensional flow thcorie;; for ixial 
turbomachines, the analysis of the flow through a blade row is carried out 
as the combination of two different approaches. The first one is blade 
element or strip flow, which supplies two-dimensional performance data for 
a given profile, isolated or in a two-dimensional cascade, from analytical 
or experimental investigations with plane flow. The second type is related 
to the overall flow induced by the whole blade row or rows and allows the 
aerodynamic interference between the different radii to he taken into 
account. Due to mathematical difficulties in the full three-dimensional 
analysis, the classical simplification consists in assuming the flow to be 
axially symmetric by taking the circumferential average of the flow 
variables and thus reducing the general flow equations from a three- 
dimensional to a two-dimensional system. 

There are three-dimensional effects that cannot be accounted for by 
the combination of axially symmetric theory and two-dimenslunal strip 
theory. One of these is due to the fact that the vorticity shed by the 
actual blade row is concentrated in the blade wakes rather than clrcum- 
ferentially uniform. This effect is particularly important for small 
numbers of blades and large spanwise variation of the blade load, as is 
the case of screw propellers. 

Lifting-line theory no longer assumes circumferential uniformity and 
it is not surprising that, among all turbomachines, it was first applied 
to screw propellers and later extended to include the effects of the walls 
of ducted machines and of compressibility' '.  The theory replaces each 
blade by a bound vortex line or lifting line and is based on the assumption 
that the velocity and pressure distributions about a blade section in a 
three-dimensional configuration are equal to the corresponding values for 
an identical blade section in two-dimensional plane flow, with the 
direction of the approaching stream modified by the induced downwash angle 
evaluated at the corresponding point of the lifting-line. Among the most 
relevant works based on the lifting-line model with compressible flow, we 
mention the theory developed by Namba and AsanumaV ' ) for linear cascades 
with shear flow and the papers of Okurounmu and McCune' ) and MrCune and 
Dharwadkar(5' concerning the potential flow through an annular cascade ol 
rotating blades. 

It was only recently that some theoretical works have been published 
allowing an estimate of the range of validity and the errors connected 
with the quasi-two-dimensional relationship between blade section geometry 
and aerodynamic performance which underlies 1 i 1 t i ii)',-1 ine theory ol turbo- 
machines. This is done by using lifting-surface theory, which is free from 
such quasi-two-dimensional assumptions and replaces each blade by a (usually 
p'ane or helical) vortex sheet.  The strength of the vortex sheet varies 
in both spanwise and chordwise directions and the theory relates its 
distribution to the blade row geometry. This is the approach lollowed by 
Nanba^6»7) in his analysis of the compressible shear flow through a linear 
cascade ot untwisted blades with constant profile. The compressible 
potential flow about an annular cascade of rotating blades was delt with 
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by Okurounmu and McCune(8), who presented a method to solve the direct 
(prescribed load) problem, and by Namba(9»10), who developed a method of 
solution for the more difficult inverse (prescribed geometry) problem. 
These authors showed that there is relatively good agreement between the 
results given by lifting-line and lifting-surface theories for the lift 
distribution and deflection angle in the case of incompressible or low 
relative Mach number flow, but lifting line theory is clearly inadequate 
for high subsonic and transonic relative Mach numbers. 

In this paper, we consider the potential flow through a linear cascade 
of blades with prescribed twist and profile, using the lifting-line and 
lifting-surface methods. The resulting expressions involve elementary 
transcendental functions and are considerably easier to compute than those 
encountered in the analysis of shear and annular flows, making it possible 
to obtain accurate numerical results and to compare between the different 
theories without excessive computing time. The paper is based on, and 
constitutes an extension of, part of an earlier work of the authorC11). 

2 - RECTILINEAR CASCADE OF LIFTING-LINES 

2.1 - Assumptions and Basic Kquations. We consider the incompressible 
inviscid flow through an infinite row of lifting-lines perpendicular to, 

coord inates 
and spanning, two parallel plane walls, and 
choose a system of cartesian coordinates 
x,y,z (with unit vectors i ,j ,k), which are 
made dimensionless by taking the distance 
between the walls equal to unity (Fig. 1). 
The walls are defined by z*0, z=l, and the 
1ifting-1ines by y=Ü, x=nt (n=0,* 1,♦2,...), 
t bein^ the pitch to span ratio. The bound 
circulation is supposed, in general, to 
vary alon>; the span and is denoted by r(z). 
The undisturbed flow is uniform, with stream- 
lines forming an angle t with the x-axis. 
Following small perturbation theory, we 
assume the trailing vortex filaments to 
coincide with streamlines of the undisturbed 
flow, thus farming a row of vortex sheets 
defined by x-ytanL=ut, y>0. 

If, in Kq.(A2) derived in Appendix 1, 
a is replaced by z, ß by u=x-y tanc, B0 by 
nt and 0 by y, then the expression of the 
disturbance velocity V, induced by the whole vortex system, is found to be 

V = V.;. - (i-j tane)H(y)r(z) I    6(u-nt), (1) 

where $  is a pott-ntial function. Introducing the equation of continuity 
V.V=0, we obtain the following equation for $ 

V2'.'. = sec2f. H(y)r(z) £  6,(u-nt) - tan c «5(y)r(z) [  6(u-nt) (2) 
n = -o 

2.2 - Solution oj the Potential Kquation. The difficulty due to the 
discontinuities of the potential function downstream of the cascade fy® 
across tht- vortex sheets (see Appendix 1) can be overcome by writing 

.;.d = -r(z)S(u) ♦ •tf,  where 

S(u) = " j + 7 " IK") - I   [ll(u-nt)-H(-u-nt)] 
n = l 

- — Ke I     - exp( ini-Hi),, 
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with w^ir/t, is a saw-tooth function of period t, varying linearly between 
-1/2 and 1/2 in the interval 0<u<t. Now ijiy is continuous across the vortex 
sheets and is found to satisfy 

72..d 
V'^1 = S(u) dT(z)/dz' (3) 

The complete solution of this equation will be obtained as the superposition 
of three terms 

id   .d . .d 
0" + «" + Cy. (A) 

where $J is a solution of the complete equation (3), 03 satisfies Laplace's 
equation and C is a constant to be determined. 

A solution of (3), which is a function of z and u alone, is 

with 

■^2 = ~ Re I    n fn(z^ oxp(inwu), 
n = l 

(Xi 

f (z) =  7  Y Tl + ( r 2"  )21-1 cos(pirz) 
n     -, p1-   pt cos e J 

(5) 

(6) 

(7) 

The terms Y are the Fourier coefficients in the expansion 
* no 

r(z) = I    y    cos(prz). 
P=0 p 

Kxpressions for the potentials ^u upstream, and (j)" downstream, of the 
cascade plane are obtained as double series of eigensolutions of Laplace's 
equation 

' 3 

00 oo 

Re     I       I 
np 

.d 
n=0 p=0 A 

'     L   n 

cos(pTTz)   exp(in(i)x-X     |yl)t (8) 

f[(2n/t)2
+p2]1/2     and  A^ , A^ where  the eieenvalues  A       are  civen  bv A 

np np 
are constants to be determined by the matching conditions at z=0. The 
constant of Eq.(A) can now be determined by setting equal to zero tin- 
disturbance total mass flow rate across a plane y=eonstant;-0 and its value 
is found to be C"-(Yfl/t)tane . If we now introduce the conditions ol 
continuity at y=0 for the potential 

(0U)....n - ('>d) y^+O* 
xjtnit  (m-0,±l,±2,...) 

and for the y-component ol the velocity 

we f i ml 
O*U/9y)y.-0 

= ^ ^y-O'  **mt' 

A  = v (M -iN  ), 
np   p  np  np 

\  = Y (M +iN  ) , 
np   p  np  np 

tan c 
OP   2pTit 

P-1,2, 

iü_fl + 
t ' Dt COS f 

.2-1 

np 

2nr ■ —: 4ir + (')t cos L) • i ' , 
n ;>   ü L      '        J 

n=1,2,... 
p-ü,l,2,... 

Only the coefficients A  and A  are left undetermined, but, as their 

terms in (8) are constant, we are allowed to write, tor convenience, 
M  -.N',.-0. The expression for the potential then becomes 
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',*> = ll(y) x *    T    y     cos(p-Tz)  )  cxp(-A  ^y ) [M „ cos(nu)x) 
n     ? n      "P    L np p=0 n=0 

- sign(y) N  sin(nu)x)], (9) 

where  sign(y)"2H(y)-l  is equal to 1 for y>0 and to -1 for y<0, and x is 
given by 

x = -r(z)S(u) + va - 
■y - tan e 

(10) 

wliich,  wich  the help of   the expansion'   '' 

sir.':!  a('-0 2     r     n sin(na) 
sinh(a-) (0<u<27i), 

can be writtei 
n-1 

v , Can E 

:r +a' 

y - (nS{u)   + 0, 
with 

3(u,z) 
1 

p=! 

I (u+t,2) =  (U,Z). 

y  COS(PTIZ) 
D 

sinh[22(u-t/2)cos el 

s in:i(.—p" t cos e) 
(0<u<t) 

(11) 

(12) 

A difficulty arises if these results are to be used in a lifting- 
surface theory, due to the singular behaviour at the lifting-lines of the 
double series, and its x- and y-derivatives, iiiEcj. (9) • This can be 
OVi 

ouble series, and its x- and y-derivatives, in Eq. 
vercome in part with the aid of the expansion^  ' 

and we obtain 

arc can 

r(z)-7 

s i n i 

e -cos a n-1 
— e  sin(na) (;>o) 

v = , + IKy)«' x + v.  — - S(u)  + ') + ^ v cos(piiz) 
' l p-1 P 

xp(-A  jy!) cos(n,x) - sign(y) V [N  exp(-X t!y|) 
n-O np n-1 

np 

■xp(-:i. y ) 

2nTi 
where 

SIIH:I..X); , 

, = ;(z) Re  - -— in(i s i n-p-) 

• f   •, "(z) siv,n(y) —j~— arcCan- 

2l' 

sin(u)x) 

(13) 

(14) 

r(z) __ - ii(y)_l±lx  (15) 
expO-.yi)-cos(ll.x)    

v/' t  » %  ' 

with ,',-x+;y. In (1A), the expression in square brackets is the complex 
potential of the plane 1 low due to an infinite row of vortices of unit 
strength, along the x-axis, witli zero velocity at y—«> (13). It follows that 
y is tlie quasi-two-d ir.uusiona] potential due to tlic cascade ol 1 i i t ing-l ines 
of strength r(z). The remaining terras in the right hand side of (13) 
represent the three-dimensional effects (i.e. the interference between the 
different spanwise stations) and their values, as well as those of their 
derivatives, arc everywhere finite. 

2.3 - Uownwa.- ucitv and >•' t <. ■ i ■ > c;ivc Anv1e o i" Attack. The velocity 
v(z) induced at a liiting-line by the vortex system can be obtained with 
the aid of Eqs. (',') to ('.';) by writing 
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v(z) - j lim  [v(x,y.z)+V(-x,-y,z)]. (16) 
2 x.yO 

For the x- and y-components, we easily find 

vx - -j Vx(y tan c,y,z), v - j V (y tan c,y,z) ,     (17) 

with y»00. This means that the x- (or y-) component of the induced velocity 
at a lifting line is one half of the x- (or y-) disturbance velocity 
component at a corresponding point (with equal coordinates u and z) far 
downstream. If E=0, a similar relation is found to hold for any point of the 
plane y=0, in agreement with a more general result given by von Karman and 
Burgers (1'4)for unstaggered lifting systems. Except if c=0, no simple relation 
of the same kind can be found for vz. 

If the lifting-line method is to be used to obtain the effective angle 
of attack of the blades, the downw.-.sh velocity V^-VJJCOS c+Vysin c is 
required. Equations (9), (10), (16) and (17) yield 

Yccos c  ^  <» 1 

v (z) = ——j  + -r    ^  PY cothOypnt cos e) cos(pTiz).      (18) 
p=l       P 

In  a  similar way,   we  obtain  for   the   streamwise   component v   =v  sin i:+v  cost /1 r 2     x y 
Y0sine 

v !   . (19) 2 2t 

The velocity v can be splitted into a quasi-two-dimensional contribution 
v  and a fully three-dimensional term v-^ . For two-dimensional flow it is 

V =-r/(2t), v^  -0,   and thus we obtain 

3d • v^;    ' n IT     r 1 
v      = r -cose + -r    )    PY    cothCs-oirt cos e)co8(pit*) , (20) 

l       2t        4 p^  p    2 

v^ = 0. (21) 

In order to relate the bound vorticity strength to Che cascade geometry, 
we uso an approach similar to classical lifting-line theory of wings with 
finite span JIU; assume that the lift characteristics ot each blade section 
are identical to those in two-dimensional cascade flow, with the direction 
of the incoming stream corrected by an angle equal to the three-dimensional 
downwash angle at the corresponding lifting-line station (Fig. 2) 

3d   3d 
v,    v. 

a.(z) = arctan-rr-Ä —— , (22) 

where U is the indisturbed flow velocity. Let 
u(z) be the angle between the direction of no 
lift of the blade section (in two-dimensional 
cascade flow) and tin.1 undisturbed stream 
direction, ami c(z) the blade chord. We assume 
the lift coefficient ol the profile in two- 
dimensional cascade conl iguration tti be a 
linear function ol the angle of attack and 
denote by k(^) the corresponding slope. Hence 
the lift force per unit span can be written 

I.(z) • - | c(z) k(z) ( .+ ..),       (23) 

where p is the fluid density and d+a, tlic 
i 
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effective angle of attack. Assuming the two-dimensional relation L"pUr to 
hold, we obtain, by eliminating L, 

ck ,,,   ,   3d. 
— (UüI+V1 ) (24) 

.3d Using (7) for F and (20) for v^u, we find 

oo on 

V      /•   \    c(z)k(z) /,, , , 
I  Yn cos(pnz) = ■■  - ■ ^Ua(z) 
P-OP 

1 \ p=l ' 

/  s rP"'  , /I      \ coscil 
COS(PTTZ) [■^-cotlU-^pTit cos £)~~2^"J|- 

(25) 
Assuming the cascade geometry to be known, this equation can be used to 
obtain the coefficients Yp. If the product ck is constant, which is in 
general a good approximation for blades of constant chord, the values of Yp 
can easily be found by replacing u(z) by a cosine series of the type of (7) 
and equating the coefficients of cos(p^z) on both sides of the resulting 
equation. A numerical method with variable ck was used in(li). 

3 - LIFTING-SURFACE THEORY 

3.1 - Basic Assumptions.  In this section, a fully three-dimensional 
theory is developed, based on the use of lifting-surfaces. Small 
perturbation is still assumed and the analysis is restricted to blades of 
constant chord and zero thickness. 

In lifting-surface theory, the blade is replaced by a bound vortex 
sheet containing the camber lines of all its sections (camber surface). 
For small camber, twist and angle of incidence, this surface may be 
approximated by a plane (chordal plane), in which the bound and trailing 
vorticity is supposed to lie, and which is not, in general, parallel to 
the undisturbed stream nor will necessarily contain the leading and 
trailing edges, particularly in the case of twisted blades. The bound 
vorticity is then constituted by a plane distribution of lifting-liues, 
normal to the walls and approximately parallel to the leading and trailing 
edges, and the free vorticity consists of rectilinear vortex filaments 
parallel to the walls. The linkage between blade geometry and vorticity 
distribution is established by setting the condition of resulting velocity 
tangent to the camber surface. This condition is again simplified by 
calculating the flow angle at the plane where the singularities lie and 
neglecting the induced velocity components except the component 
perpendicular to the plane (downwash velocity). 

The system of coordinates x,y,z is 
chosen as in Sec. 2, but here the z-axis 
is made to coincide with a blade leading 
edge or its projection on the chordal plane 
(Fig. 2). The blades' chordal planes are 
then defined by  x-y tan e"nt (n=0,'I,!2 ,.. 
E being the angle ol stagger as before. In 
order to analyse the flow about a blade 
section z"constant, it is convenient to 
introduce two additional coordinates 
•■. = :■: sin • +y cos c and ■=-:•; cos e+y sin c, which, 
together with z, constitute another 
cartesian •stem of   coordinates. Th< 
direction is parallel to the trailing vortex «/\\ 
filaments, with '-0 at the z-axis, and ■; is 
measured perpendicularly to, and from, the 
chordal plane. The projections oi the blade 
loadin;; and trailing edRes on the chordal 
plane are then defined by 

«0, where is tl b 1 :u 

>0 am 
churd . 

,=c, and 
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3.2 - Induced Velocity and Blade Geometry.  Let q(f.»z;?,') be the 
velocity induced at a point (>~,n=0,z) by an infinite row of lifting-lines 
of strength TCC'.z), the location of which is defined by f,' and n=ntcose. 
Then 

qU,Z',l')   = V[a-f,')cosf:,0>.r,,)sim,z)],       (26) 

-V 

where V(x,y,z)=V.}>, and C is given by (13) to (15). 
Ke consider now a row of plane lifting-surfaces, i.e. a continuous 

distribution of lifting-lines at each chordal plane between ?.'=0  and C'^c, 
with strength r(z,fJ') per unit length along the chord. The total induced 
velocity Q(^»z) at a point of the chordal plane is given by 

c 
Q(f.,Z) = / q^.z^'H^'. (27) 

0 
Let n"f(fJ.z) be the equation of the camber surface of the reference 

blade n=0. With the assumptions of §3.1, the boundary condition at the 
blade surface can be written 

a ♦ -^ - If . (28) 
where Q« is the downwash component of Q, perpendicular to the chordal 
plane, and a is the angle between the undisturbed streamlines and the 
chordal plane. 

If the distribution of the hound vorticity is given, the shape of the 
camber surface is obtained by integration of the differential equation 
(28). A more difficult problem arises if the cascade performance is to be 
determined for a given cascade geometry, for in this case the integrand in 
Kq. (27) is unknown and the obtention of the vorticity distribution 
requires solving an integral equation. 

Additional difficulties arise from the fact that the integrand in 
(27) becomes infinite at f,'=.r, and the bound vorticity is in general 
infinite at the blade leading edge. A method for overcoming this type of 
difficulties was given by dauert^  ', in two-dimensional aerofoil theory, 
by expanding the bound vorticity distribution in a trigonometric series in 
terms of a variable 0' related to the chordwise coordinate, which replaces 
the integration variable .'",'. This procedure was later used by Schlichting 
(:6' in two-dimensional cascades and by N'amba^ * " ^ in three-dimensional 
cascade problems. Applying this method to our case, we write 

r(z,'/)   -  G0(«)   tan(l),/2)   + £ (.^(z)   sinduO'), (29) 
, m=l 

where u0 

G  (z)   =    T  B      cos(pi!z) (m-0,1,2,...) (30) 
m n   Pm 

p"0 
and  .r,'=c(l+cos'.'')/2 ,  with   O'-TI  and   O'-O  for   ^'«O and   ^'»c   respectively. 
In   this  way,   the  Kutta  condition at   the  trailing edge   is  satisfied  and   the 
singularity  at  the   leading  edge   is  suitably  represented  by   the  term 
tan(0,/2). 

It is not difficult to conclude that the singularity of the integrand 
in (27) at r,l=^ is introduced by the deri vat ivc of the quasi-two-dimensional 
potential v of (14). More precisely, it is due only to the contribution of 
the reference blade n-ü. As in Bchlichting's method^  ' for two-dimensional 
cascades, the singularity can be discarded from q(^,z;f/) by subtracting 
the contribution q'(0) due to the quasi-two-dimensional potential 
concerning the reference blade. Its ''-component is 

„('-')(: jj.f) . Ulli!) 

Then,   changing from variables  f,  and  •','   to      and  "'   respectively,   and 
performing  the   integration   indicated   in   (27),  we  find   (see(     )) 
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Q(0)(^,z) '\    I      l*      cos(mO) COS(PTTZ).       (31) 
1 p=0 m-0 P 

The integration of the remaining terms presents no major difficulties 
and the final expression for the downwash velocity is found to be 

oo   oo 

Qn(5,z) ■ I  I  Bpfi  (C) COS(PTTZ). (32) 
p^O m=0 

The expressions of fipm(0 are given in Appendix 2. 
If a solution is required for the direct problem, the form of the last 

equation suggests developing the function f(CtZ) in the following cosine 
series ^ 

f(C.z) = I  3 (O cos(p7rz). (33) 
p-0 P 

Then Eq. (28), expressing the boundary condition at the blade camber 
surface, is replaced by as many equations as the number P+l of terms which 
are retained in the cosine series of (32) and (33). We obtain 

,x + -    y  o    n    (£)  = —R  (D. 
U    ^  8om om*'"'       df1 ov j; • 

M    m=0 

ü 1*PJW
0
 

m-&?{0     (p=1'2 p)' ni=0   r     r ' 

(34) 

where finite series with M+l terms replace the infinite ones. These 
equations show that the spanwise harmonics p=0,l ,2,. . . ,1' can be delt with 
independently from each other. For the harmonic of order p, the unknown 
coefficients gpm (m"0,l,2,... ,M) are determined by writing the corresponding 
equation (34) at M+l different points ^j,52,...,CM+I in the interval 
0<r,<c. The problem then consists in solving, for each value of p, a set of 
M+l linear equations with M+l unknowns. 

4 - COMPARISON OF DIFFERENT THEORIES 

4.1 - Cascade Geometry. Numerical results were computed for some test 
cases, mainly to illustrate the degree of agreement obtained when different 
theories are used, namely lifting-surface, lifting-line, actuator screen 
and two-dimensional theories (by order of decreasing approximation). For 
shortening, in the following text, these will be abbreviated as LS, LL, AS 
and 2D respectively. The calculations were carried out for twisted 
compressor blades of prescribed geometry (concave side facing the positive 
redirection), with constant chord and (for simplicity'! constant parabolic- 
profile (maximum height of parabolic arc h). The undisturbed stream 
direction was taken tangent to the mid-span section camber line at the 
trailing edge, the geometric angle of attack (defined, for each value of z, 
by the unperturbed flow direction and the blade chord) increasing linearly 
from z^O to z = l , with total variation A. 

4.2 - Lifting-surface Calculations. With this geometry, the independent 
terms in (34) become 

«U (C) - u-M , JL, (f;) 
df, 0 t,i df, p 

-A/(pii)2 (p-1,3,5,...) 

10   (p=2,4,6,...) 
Therefore, only terms of order p=(), 1 ,3,!),.. . were kept in the calculations. 

Results were obtained with several geometric configurations, and 
2r       (z) 

curves  were   plotted   for   the   total    load   coefficient  C, (z)=—tö* . Luc 
2 re .    . «—/T(z,f)dfy     (Fig.   4),   the   linearised   blade   surface  pressure   coefficient 

Uc' 0 
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Cp-2Qf-(£;,z)/U (Fig. 5) and the ratio qz(£.,z)/V    (Fig. 6). The values 
h/c-0.05 (camber angle 22.61°) and A=10o were kept constant, and several 
values were given to t, c and c. 

The integrals appearing in Appendix 2 and in the expressions of Qr and 
Qz were computed with the aid of Simpson's rule with 15 points. For 
engineering ci]culations, it was found that sufficient accuracy is obtained 
by retaining cerms up to p«! or p=3 (p=5 or p=7 if Qz is required) in the 
series expressing variation with z. The number of terms to be kept in the 
series giving the chordwise load distribution (Glauert's series) depends 
on tha camber line shape. For parabolic shape, terms up to m=3 were found 
to be sufficient, but additional terms shall pcsibly be required for other 
shapes. In the series of circular functions expressing variation with x, 
the number of required terms increases with the pitch to span ratio t, but 
terms up to n»l were found to be enough for t<l. The results shown in this 
paper were actually computed witli larger numbers of terms (up to p=m=n"7), 
in order to make sure that the, sometimes small, differences between values 
calculated by different theories were not significantly affected by errors 
of numerical approximation. 

A.3 - Two-dimensional Calculations. Assuming the flow to be two- 
dimensional at eacli plane z=constant, it is easy to see that the expression 
of the velocity component Q^"(^,z) at the chordal plane can be obtained 
from (32) by discarding the harmonics of order p^l and replacing the 
remaining coefficients g  by C,m(z).   We then find 

om    m 
OO "O     CO 

Q"(C.z) = l  Gm(z)ß0m(O = I  I  g n0m(O COSCPTTZ),       (35) 
m=0 p=0 m=0 

the double series having been obtained by replacing the coefficients Grn(z) 
by their developments (30). The way of determining the values of gp,^ is now 
identical to that described for LS in §3.2, in the text following Eq. (32), 
with the difference that, in (34), the coefficients npm  are to be replaced, 
for p>l, by n  , as follows immediately from the comparison of (32) and (35). 

4.A - Lifting-line Calculations. The theory being based on the 
assumption of quasi-two-dimensionality, the calculations are similar to 
those described in §4.3, with the difference that the three-dimensional 
downwash velocity v^tI(z) is added to Q^tl(^,z). The expression of Vj  is 
given by (20), with the Fourier coefficients YD, of the total bound 
circulation distribution, obtained by integration 

Q UU 

Yp  = /[gplCan(öV2)   + I g    sin(me')]d?'  - ^(g      + ±8    ). (36) 
^0 m=l 

The  final   equations  are   then  obtained   from   (34),  by  replacing,   for  p>l,  il 
byQoo+V"pi     ^    ^'o/V2'   and V  by "cm     (>n=2.3,...),   with 

"er , A \       2 -i 
J     = -5-I pir  cothOs-pTCt cos e)   - —cos tl . 
p   0 ^       z t    J 

This procedure is in part formally different from, but equivalent to, that 
described in §2.3, and is more suitable if the object of the calculations 
is the comparison oi different theories. 

4,5 - Actuator Screen Calculat ions. The three-dimensional downwash 
velocity at the blades is now calculated assuming that the vorticity is 
uniformly distributed in the x-direction, in such a way that the bound 
circulation per unit pitchwise length remains equal to I1tot: (z)/t > with 
rt t(z) being the total hound circulation about the actual blade. This is 
equivalent to replacing the actual cascade by another one with vanishingly 
small pitch tiu and blade circulation rtot ^(z) , such that ^t;ot:(

z)/t = 

■ rtoL ,1,(z)/tUJ. Introducing this condition in Kq. (20), the following 
expression is found 
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v?iU) - Tt(?%2Zt'yn sin e tan e • (37) 
The remaining calculations follow as in §4.4, with obvious modifications. 

4.6 - Comparison of Numerical Results. The numerical examples were 
worked out using all four theories and some of the results were plotted 
together in Figs 4 and 5. In Fig. 4, the scales of CL were chosen so as 
to give equal slopes for the straight lines representing two-dimensional 
results. In this way the influence of cascade geometry upon three-dimensional 
effects becomes more easily apparent. Figure 4 shows, in all cases, that LL 
and AS underestimate three-dimensional effects, which, of course, are 
unaccounted for by 2D. In Fig. 6 only results from LS were plotted, since 
the other theories are unable to provide an adequate description of the 
distribution of the spanwise velocity component at the blade surface. 

The curves of Figs 4 and 5 show a remarkably good agreement between 
LS and LL results for the total blade load and blade surface pressure 
distribution, even with values of the aspect ratio 1/c as low as unity. As 
pointed out in (5), this may be explaned by the fact that the images in the 
walls of the bound vorticity makes the effective aspect ratio much greater 
than the actual span to chord ratio. 

With constant e and t/c, both LS and LL show (Fig.4b) three-dimensional 
effects becoming more important as c increases, while the variation of c 
does not affect AS and 2D results. Also, in this case, LL is found to give 
poorer approximation as the aspect ratio 1/c decreases. 

If t and c are kept constant, three-dimensional effects increase with 
the angle of stagger e (which could be explaned by the increasing over- 
lapping of, and decreasing distance between, the trailing vortex sheets), 
while the results given by LL and AS improve, especially for e>450. 

With c and e unchanged (c=0.5 and e=450), the variation of t was found 
to have little effect upon the shape and relative position of the curves 
of Fig. 4a,b,c. 

Figure 4 shows that, in most cases of practical interest, AS is 
clearly inadequate to describe the effects due to spanwise gradient of the 
blade circulation. An easy and general method for comparing AS and LL 
consists in taking the ratio i;=(v^d-v^ä)/v3(1, where v^d and v^ are the 
values of the three-dimensional downwash velocity given by LL and AS 
respectively. Using (20) and (37), and neglecting the harmonics of order 
p>2, we find fr  , .1      .     1 r -T-coth^Tt cos c) - TT-  

4    2         2t cos e .-QV 
u =  :  . (38) 

TT      1 COS C 
rcothwrrt cos c) - —TT— 

Figure 7 illustrates the variation of the relative error \i  with t and e, 
and shows v decreasing when t decreases and e increases. 

4.7 - The Downwash Velocity at the Walls. In Fig. A, the curves given 
by LS and LL show values of dC](z)/dz approaching zero at the walls, in 
contrast with the straight lines obtained from AS and 2D. This is due to 
the fact that the downwash velocity, induced at the blades by the discrete 
trailing vortex sheets, is infinite at the walls except if the spanwise 
derivative of the bound vorticity distribution is zero at z=0 and z=l, as 
will be  shown for LL. The extension to LS is straightforward. 

We start by considering (20). Since  1 -cothx-'-O exponentially as 
x-*^, it follows that    . M 

V, (Z) = F(z) + 4  I pY C08(pTTZ), (39) 
p-1 

with F(z) finite for any z. Next, by integrating by parts twice, we find 

1 , 1 
Y  = 2 / r(x)cos(pnx)dx - -~ [(-1 A'(D-r''0) - / r"(x)cos(pTlx)dx] . 
P   0 P ^ 0 (40) 
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It can easily be shown that the last integral, which wc denote by !„, is 
OCp"1) if r"(z) is finite. Then substituting (40) in (39) and using the well 
known cosine series of the functions S,n sin fl (0<0<TT) and An cos 9 
(-TT/2<G<7I/2), we find 

Vj (z) = F(z) + ^[rVO) iadain--)  -  T'd) Jln(2cos^) - I    -^ cos(pTTz)] . 
Z   P=lp 

The last Fourier series is uniformly convergent, since its coefficients are 
0(p" ). It follows in'.mcdiately that vf" cannot be finite at z=0 and z=l 
except if T'(0)=r'(1)=0, as we wanted to prove. These conditions agree with 
the results obtained, by different ways, in (5) and *•11). 

5 - CONCLUiION 

It has been found that the descriptions given by lifting-surface and 
lifting-line theories for the three-dimensional effects due to spanwise 
variation of blade circulation are in remarkably good agreement, at least 
for the distribution of the blade surface pressure. Such effects can affect 
the flow field about the blades strongly and the assumption of uniformity 
of flow along the bladc-to-blade direction (actuator screen theory) has 
been found inadequate to account for them in most configurations of 
practical interest. The derivations have been based on potential incompre- 
ssible flow. However, the results ~an easily be extended to compressible 
flow with moderate subsonic Mach nunber with the help of Gothert's rule. 
It should be pointed out that effects due to large spanwise gradient of 
relative flow Mach number would not be present in that case. These are 
known to be inadequately described by lifting-line methods and can arise 
in shear flow problems and in potential flow about rotating cascades. 

Finally, we mention that the results derived here can also be applied, 
by neglecting small quantities of second order, to those cases where the 
three-dimensionality is due to spanwise variation of the incoming flow 
skew angle w(z), provided that the vorticity of the undisturbed stream is 
everywhere small (i.e. düj(z)/dz«l). The angle u, defined in S3.2, is then 
a function of z,  which, for the direct problem, should be developed in a 
cosine series, together with 3f/3^ (see Eq. (28) and (33)). 
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Cultura, Lisbon, through Grant NEEM-TLE3. 

APPENDIX 

:in; 1   "   li? 

iider  a  cartesian  system o 
ine  Velocity Field  with  Arbitrary Geometry.   Let   us 

coordinates   x,y,z,  with  a   lifting-line L ^ — _    ..,_,,— ,     —     -- 0   — — 
lying  on   a  surface  a(x,y,z)"0  and  bounding  a  vortex  sheet   S defined  by 
ß'(x,y,z)=.;;?,   O>0   (Fig.   Al).   We   assume 
further   that   the  vortex   lines of   the 
sheet   are   the   intersections  of  the  surface 
£=30   with   a   family  of  surfaces a(x,y,z)~ 
constant.   The   strength 
line will 

'orttn sht«! 0>|)a 

of the lifting- 
be expressed by a function r(cx). 

Le be a point oi and 0 no mt 
of the sheet's vortex line starting at P. 
If we assume the flow outside the 
singularities to be irrotational, then, 
introducing the potential function ;, we 

the velocity V-Vv everywhere 
singularit i es. Apply i ng 

..ke's theorem to a circuit enclosing L 
and containinj.' Q, with a diaphragm which 
intersects S along the vortex line I'O, 
it may easily he shewn 

can wrJte for 
except at the 
Stoke';-    theorer 

\shcd »ortt« 

A I a .comt 

Surfte» 
a. const 

th.u /.:„=:';,, wi ich Fig,  Al 
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means that the discontinuity of ((> across the vortex sheet at Q is equal to 
the strength of the bounding lifting-line at P. 

Let s be a coordinate with scale factor equal to unity and measured 
along the lines of flow of the vector field VS, with s-0 at the vortex 
sheet. From the result obtained above, it follows that the discontinuity 
of 4» can be removed by writing (J)'!»^+r(a)H(s)  (0>0) ,  where ^ is continuous 
across the vortex sheet and H(s)  is Heaviside's unit function. The 
gradient of <$>  then becomes 

V(J) - VIIJ + H(s)r,(a)Va + r(a)6(s)n  (a>0), (Al) 

where 5(s) is Dirac's delta function, the prime denotes derivative with 
respect to the argument, and n is the unit vector normal to S, pointing in 
the positive direction of s. For sj'O (i.e. ß^ß ) , we have 

V = V4) = V^ + H(s)rl(a)7a. 

At the vortex sheet, where s=0, the last term of (Al) becomes infinite. 
However, the velocity should remain finite and this condition is satisfied 
for any s by putting V=V(|)-r(a)6 (s^-Vilj+ms)?'(a)Va   (o>0) . We can write 
6(s)n-6([ß-ß0J/|Vß|)Vß/|Vß|-(S(ß-ß0)Vß, where the relation 6(x/a)-a6(x) vas 
employed. It follows 

V = V({) - H(a)r(a)6(ß-ß0)Vß. (A2) 

That this equation represents the velocity field everywhere will become 
apparent by taking the curl 

Vxv = r(a)6(a)6(ß-ß0)VßxVo + F'(a)H(a)6(ß-ß0)Vß*Va. (A3) 

The  first  term in the right hand side of   (A3)   is  zero everywhere except  at 
ß-ß  ,  a=0,  and  it   is  obvious  that  it describes  the vorticity of  the lifting- 
line L.  The   last  term corresponds   to a vector  field which is different  from 
zero only at   the  surface  ß=ß0,  ö>0,  where  its  lines of  flow coincide with 
the  trailing vortex  lines.  Clearly  it  represents  the vortex sheet. 

2  -  Expressions  of   the Functions Ü     (£). —»-     pm 
1 ^ 

ßeo(0   - 7 + f /(l-cosO'mC-DdO', 

1 v 

n0[n(O   - ycos(me)   +  y /sinO' sinduÖ^UC-DdO' (m-1,2,...), 

1 ^ 
fip0(O   - Y +T/(1"COSÖ')[L(^,)+Tn(^,)]d0, (p-1,2,...), 

0 p 

ÜJO   . ico8(m9)+|- /sine1 8in(me,)[L(fJ-r/)+T   (C-OjdO1    \ll1'2'"' 

where 
1   exp[ (2TTf, cos c)/tj cose -  cos [f:+(2itC sin t)/tj i 

2t co8h[(2TrC cos e)/t] - cos [(2TTC sine)/t]        2^' 

m   , r^       „,r\ rl             ,/l                 x       cos Ei          .     -r.sinetane        ,       iri N T   (fj   = 11(C) [^p" coth^p^t cos c) J   -  sign(0 j^ exp(-pTr|C| COSE) 

* rl  {   2n"    ^xP(-A     k|cose)[M    sin t '•, ^os e        K      np1   ' L np 
n"l 

sin  G   . 2ivnf sine    i 
+   siBn(0(Nnp-"2-^r   )cotJ 

2niilrlcos c    ,       f 2niif, sine ,c\        i     ^mr  c, cog t    ,        I ^nlit, sine .      ,r\     11 sign(fjexp( L—^  )co8| '-- sign(OeJ}   . 
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Fig.5.   Variation of  blade surface pressure  coefficient with chodwise 
coordinate at   root   and  tip. 

Fig.6.   Distribution  of  spanwise Fig.7.   Relative value of  discrepance 
velocity component at blade surface,     between 1 if t ing-l ine and actuator screen. 
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DESICar OF BLADE SECTIONS FOR AXIAL-FLOW COMPRESSORS 

D.A, Frith, Principal Rosearoh Soientiat, Meohanioal Engineering 

Division, Aeronautical Research Laboratories, Melbourne, Auet. 

Introdttction 

The blade sections employed in such axial-flow turbomachineiy at 
the compressors of gaa turbine engines play a crucial role in changing 
the angular momentum, across the blade row vith low loss« 

Accordingly considerable effort has been devoted to the develop- 
ment of mean« of designing these sections.  Tet, even today, the 
sections employed are generally those developed empirically and shorn 
in application to have a satisfactory level of performance.  The term 
satisfactory is used here because there seems to be no criterion for 
the achievable performance of such blade sections» 

The design methods have been developed around the framework of a 
model of the flow through the blade row - a model that by necessity is 
a major simplification of the real flow.  In particular the two- 
dimensional flow through a linear cascade of aerofoils is often taken 
to represent the flow through the analogous section of a blade row. 

Other major simplifications that have been invoked in various 
design methods include t 

(l) regarding the fluid as being incompressible, 

(ii) ignoring the effects of viscosity to the extent of regarding 
the aerofoils as boundaries of the invisoid (potential) 
model flow with a circulation being defined by a Kutta- 
Joukowski hypothesis. 

Naturally, the weaker the model of the real flow the less likely 
It is that flow features designed into the model will be present in the 
real flow. 

For example, if a method based upon a two-dimensional, incompress- 
ible cascade flow was used to design a section having a prescribed 
velocity distribution over its suction surface in order to give a 
specified boundary layer development, it must be expected that the 
section would have a boundary layer development in real flow only 
superficially similar to the design one because of the effects of - 

(a) three-dimensionality, 

(b) compressibility, 

(o) cross-flow in the boundary layer and wake, 

(d) varying inlet conditions, 

in the real flow. **.** 45b< 



Even with the computational paver of the ooqputer, there ere Unite 
to the accuracy   of practical flow modele«     It follove that there ie a 
corresponding limit to the flow detail that nay be encompaaeed in any 
design method. 

The development of a practical method of designing bled« sections, 
taking this important factor into account, has been the sv.bjeot of a 
programme at the Aeronautical Research Laboratories, Melbourne (1) ♦• 

übe broad approach being adopted is discussed in this paper and 
some of the computational methods developed for its implementation are 
commented upon« 

The Design Problem 

The basic objective in designing blade sections is to give them 
an Improved perfozmance over their operating range«     This is simply 
stated but not so simply translated into an effective procedure - as 
noted by Kuohemann (2) in 1966 in commenting upon the lack of progress 
in the design of aerofoils since the formulation of the problem by 
Frandtl some fifty years earlier« 

In a more formal manner it may be stated as follows t the perfo; 
anoe of a physical system, defined by a set of values (dimensions etc) 
D, over a range in operating conditions I can be measured by some 
performance index, P«     The objective in designing the system is to 
specif^ D, subject to imposed constraints, in such a manner as to 
optimise P for the specified range in I« 

This definition is in a form more suitable for critical appraisal. 
Specific points in the case of section design aret 

(i) it is often not possible to specify an absolute perfozmance 
index.     To obtain an optimum value for an index arbitrarily 
selected has little value, 

(il) the relationship between P, D and I is generally provided by 
a model of the system.     If the model is relatively inexact, 
then the performance index calculated may bear little 
relationship to that for the real system, 

(ill) a system is generally a component of some larger system, so 
the operating environment, I, of the system being designed 
Is only approximately known. 

For example, cascade aerofoils are often designed for use as 
blade sections by prescribing a distribution of velocity over the 
■notion surface for some particular inlet angle (FVD method)«     This 
Telocity distribution is the design requirementi it is thus a measure 
of the performance Index.      It may represent some optimum - such as 
that having the lowest theoretical drag under particular circumstances, 
but, as pointed out below, it gives no indication of the performance 
at other inlet angles. 

Further, of course, the inaccuracy of the model used may mean 
that this prescribed distribution Is only roughly replicated in the 
real situation. 

Numbers in brackets designate References at end of the text. 
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Equally as important is the fact that at the particular design 
oonditlon for the compressor, the actual inlet angle to the blade rev 
may be somewhat different from the nominal design value used with the 
PTD method. 

It seems« therefore, that the design of blade sections is not 
amenable to a direct attack: it does not appear possible to specify 
some input into a design method that will then yield a design that can 
be accepted as being an optimum« 

Instead, it seems necessary to start from a specified section, 
analyse its performance over the complete range of operation envisaged 
in the application, then compare this performance with that of others, 
bearing in mind such other relevant points as the accuracy of the cas- 
cade representation of real flow* 

In comparing the relative merits of various sections, two 
approaches can be envisaged, an objective evaluation suitable for mech- 
anisation on the computer and a subjective one, scrutiny by experienced 
personnel. 

The former would be based upon evaluation of a performance index 
but with special measures to counteract the arbitrariness of the definit- 
ion of such an index.  For example, a number of indices could be 
specified by different people and a section would then be adjudged as 
being good for a particular application if it rated well for a high 
percentage of these indices. 

However it seems unlikely, due to the many unknowns implicit in 
the general approach, that the objective evaluation methods will provide 
more than an indicator of the better sections. 

Synthesis of a Design Method 

The design method under consideration (3, 4) is therefore baaed upon 
the scheme indicated in figure 1.  For a particular application, para- 
meters are to be fed into the scheme in order to yield a section 
basically suitable to the application, and then to Judge it by its cal- 
culated performance over the staged operating range«  Of necessity, a 
range of such sections would have to be evaluated with possibly feed- 
back leading to progressively better sections. 

There are two major calculating procedures required in this schemei 

(a) a procedure to translate input information into the shape 
of a blade section, 

(b) a procedure to analyse the flow over this section for a 
range in conditions. 

The nature of these procedures depends upon the simplifications used. 
It seems that, at this stage anyway, the usual simplification of using 
cascade flow must be retained, mainly for clarity of Interpretation 
rather than fox computational reasons. 

However, with the availability of the computational power of the 
computer there is no reason to invoke the assumption of incompressibility, 
nor is it necessary to completely ignore the effects of viscosity. 
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IHPUT OP DESIGN PARAMETERS 

I 
DETERMIHATION OF SECTION SHAPE 

I 
ANALYSIS OP THE FLOW THROUGH THE CASCADE 

MODIPICATIOH 
OP PARAMETESS. 

CALCULATION OF THE PERFORMANCE INDEX 

I 
EVALUATION OF MERIT OP SECTION 

FIGURE 1.        CASCADE DESIGN SCHEME. 

Turning to the first part of the computational scheme, there are 
essentially three possibilitiest 

(i) synthesis - a calculation scheme synthesises the blade section 
from input flow characteristics, 

(ii) specification - the blade section la specified, 

(lii) generation - a calculation scheme generates the blade section 
from input parameters related to both the geometry of the 
section and the flow characteristics« 

The first of these is typified by the prescribed velocity distrib- 
ution (FTD) method.      This take various forms, as indicated by the 
considerable literature (for example, references 3 to 16), but is 
essentially based upon the use of either conformal mapping, a represent- 
ation of the aerofoils by singularities or an adaptation of a channel 
flow approach*     Each of these approaches is characterised by certain 
computational difficulties which have been overcome to some degree in the 
published methods. 

However,  there are a number of fundamental characteristics of all 
PVD methods that mitigate against their successful application to the 
problem of design.      These fall into two areas - (i) specification of 
the required velocity distribution so that the overall performance of 
the section is good, and - (ii) realisation of a practical section for the 
distribution. 

There have been a number of studies (11,  17 to 20) relating to 
the velocity distribution required to give a boundary layer development 
that is an optimum within a narrow sense.     However, such a distribution 
relates to one inlet condition and the performance over a range of 
conditions, including inlet angle, can, until the section has been 
analysed, only be inferred to follow the trends at the design condition. 
This consideration is amplified in the Appendices where the difficulties 
in obtaining a praotical section are enlarged upon.      The principal 
point there being that a prescribed velocity distribution generally has 
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to b« modified in order to yield a closed section with a smooth oontour. 

There is therefore little point in using a PVD method to derive a 
section for analysia and evaluation especially aa it entails a complex 
calculation*  On the other hand9 there would seem to be even leaa reason 
to describe a aection on geometrical grounds only, especially as the 
methods for analysing such sections are also computationally quite 
ooaplaz. 

Accordingly, a generation method has been adopted (21). 
It la a development of a confoxmal mapping method (22) in which the 
mapping function is expressed in a closed fozm«  That is, it ia to some 
extent analogous to the vall-known Joukowski for isolated aerofoils but, 
by virtue of additional parameters defining the section, it is more 
general in application«  The advantages claimed for this generation 
method are that» 

(i) it is numerically simplir and more accurate, 

(ii) the section shape is precisely defined and is smooth, 

(ill) the parameters defining the section shape may be system- 
atically varied to yield a family of sections with related 
properties, 

(iv) the section shape may be controlled to satisfy mechanical 
requirements, 

(v) the section shape may also be controlled so as to maintain 
good flow characteristics over a prescribed range of inlet 
angle, 

and (vi) the confoxmal mapping function of the generation method also 
serves to define an orthorgonal grid in the cascade plane 
in which the section lies on grid points (figure 3)« 
This greatly facilitates the subsequent flow analysis for the 
section - incompressible or compressible. 

The generation method, being based upon conformal mapping, is only 
applicable to incompressible flow but as the primary purpose la to 
provide a section shape that can subsequently be analysed, this is not a 
significant disadvantage so long as a method of analysis for compressible 
flow is available» 

Before turning to this question, it is appropriate to discuss 
viscous flow effects«  Most models are essentially potential (inviscid) 
flows for vhlch the aerofoils are boundaries and in which the indetex^ 
minateness of the circulation is removed by application of the Kutta- 
Joukowski hypothesis, or the like, to give the trallingt-edge stangation 
point« 

This basic flow model has the distinct disadvantage in that, for a 
particular section, the circulation (or exit flow angle) and the velocity 
distribution are separately functions of the inlet flow angle and the 
position of the rear stagnation point. 

In order to reconcile measurements with calculations it is then 
necessary to take positions of this rear stagnation point vhlch produce 
grave inconsistencies with respect to the velocity distribution near the 
trailing edge« 460< 



Furthttf for cambered sections the basic flow model gires distrib- 
ution of Telocity over the aft section of the blade that imply a pressure 
gradient in the viscous flow that Just can not exist* 

These objections can be eliminated by utilising a potential flow 
model for which the boundaries are essentially at the displacement flux 
width of the boundary layers and wake away from the aerofoils« 
Such a flow can be generated (23) by construction of a cascade potential 
flow in which within the streamlines representing the aerofoils there is 
* net source strength, so producing a potentialt psuedo wake (figure 2)* 
In such a model the first circulation condition, which positions the 
stagnation point at the trailing edge, is necessary in order for this 
psuedo wake to leave the trailing edge smoothly«  However, it is also 
found that a second circulation condition has to be satisfied in order 
that the curvature of the psuedo wake is continuous.  This second circul- 
ation condition introduces a slight modification to the usual relation 
between inlet angle and circulation given by the first condition« 

PIGtJHE 2« DISPLWJEHIST POTENTIAL        FIGURE 3. ORTHOGONAL GRID IN 
PLOW FOR CASCADE - AEROFOILS NOT        CASCADE PLANE FOR COMPRESS- 
STREAMLINES OF THE FLOW, IDLE FLOW CALCULATIONS, 

Turning again to the question of analysis for a compressible flow. 
Sells (24) developed a method for computing the tvo-dimensional, sub- 
sonic, compressible flow past an aerofoil by using confomal mapping to 
essentially define an orthogonal grid for calculating numerically the 
compressible stream function«  With the definition of the grid, the 
aerofoil naturally lies on grid points and application of boundary 
conditions is thereby materially simplified.  Further, the stream 
function may be divided into analytical and numerical components with the 
former being dominant in most cases.  This simplifies problems of numer^ 
leal accuracy. 

The author has applied this approach to the cascade problem (23) to 
yield a convenient mians of analysing the compressible flow through cas- 
cades of aerofoils generated by the method of reference 22, 
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Th« orthogonal grid produced In tht caacade plant la ahown in figura % 

in Arolioation 

Sooa time ago the author employed a simplified form of thia 
technique in the design of blade sections for a large water pump« 
Hart the requirement was that the blading should be free from cavitation 
over a apaoified range in operation.  This requirement oould be trana- 
latad to read that the maximum Telocity over the surface of the section 
should not exceed a specified value over the prescribed range in inlet 
angle« 

Sections were generated, using the mapping function of equation 
67 in reference 21, in which the pressure rise of the lightly loaded 
blading was obtained principally over the after region by suitable oholoe 
of the parameters of the mapping«  An example is shown In figure 4* 

These parameters were then varied until an optimum performance was 
obtained over the operating regime*  If the parameters were such as to 
give thin aerofoils then the maximum velocity over the section was low 
at the design inlet angle but Increased rapidly off-design« 

On the other hand, for a thick section this maximum was high at 
the design angle but only Increased slowly off-design« 

The optimum section was therefore one of moderate aectlont 
the one ahown In figure 4* 

The important point of this application was that the parameters in 
the mapping function were chosen to satisfy mechanical requirements for 
the blading, to satisfy hydrodynamic loading by control of the form of 
the velocity distribution and then were varied within these limits to 
give the section that best satisfied the cavitation conditions« 

Conclusion 

A method for the design of blade sections for axial-flow compress- 
ors is discussed.  Its structure differs from other design procedures 
discussed in the literature in order to permit an overall appraisal of 
the merit of a section« 
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Appendix 1,        Practical problems relating to the synthesis approach* 

There are a number of fundamental properties of the relation 
between cascades and the flow through them that have an important influ- 
ence on the synthesis procedure»      Enumerating: 

(l) an arbitrarily defined distribution of velocity over the sur- 
face of an aerofoil in cascade will not yield a closed aero- 
foil shape as the compatibility conditions are not satisfied, 

(il) even if closure is ensured,  there is no certainty that the 
resultant aerofoil will have positive thickness along its 
chord, 

(iil) nor la there any control of the thickness of the trailing 
edge,  as may be required for mechanical reasons, 

(iv) and neither Is there any control over the size of the leading 
edge and so the response of the aerofoil to varying incidence, 

(v)    in fact there is little control over the thickness and camber 
distributions of the aerofoils in the cascades, 

and   (vi) the form that the prescribed velocity distribution takes up 
when the incidence is changed to some off-design value is not 
known until the design has been largely affected« 

These six factors greatly reduce the usefulness of the synthesis 
procedure: they are discussed in further detail in Appendices 2 to 5* 

The restrictiveness of (i) may be removed to some extent by intro- 
ducing parameters into the form of the velocity distribution the values 
of which have to be determined In ensuring that the aerofoils close« 
For example, as the suction surface is the most important In the deflect- 
ing cascade, presoription of the velocity distribution over this surface 
to give a controlled boundary layer development can be considered whilst 
the distribution of the pressure surface is allowed to be determined by 
the compatibility conditions.      However certain precautions are then 
necessary to ensure that the resulting aerofoil is  'reasonable* namely, 

(a) the velocity at the trailing edge on the pressure surface must 
closely align with that on the suction surface otherwise the 
section will have a "trailing edge loading" (see Appendix 4) 
and a spurious hook will result, 

(b) the prescribed suction surface velocity distribution should 
not be taken as far as the stagnation point as the shape of the 
acceleration region, GM of figure 5f  whilst having an insign- 
ifleant effect on the flow at that incidence, has a profound 
effect on the shape of the leading edge and so the velocity 
distributions at other inlet angles  (eee Appendix 5),       If 
conformal mapping is the basis of the design procedure then 
this problem can be overcome by ensuring that the mapping 
function is well behaved in tills region,   but this Increases the 
complexity of the procedure« 

Even with these precautions,   the resultant aerofoil may still have 
negative thickness or other 'unreasonable'  attributes.      But,  even more 
importantly, its aerodynamic performance may be prejudiced.      One of the 
principal reasons for prescribing a velocity distribution la to control 
the boundary layer development over the aerofoil   to give high lift and/or 

4G5< 



11 

low drag«  Integration of the prescribed auction surface velocity 
distribution over its arc length leads to a potential for this surface 
that is indicative of the deflection, hence lift.   However, if two 
different distributions have the same potential but distribution A has a 
lesser predicted drag than distribution B, it does not follow that after 
application of these distributions to yield aerofoils, that yielded by A 
will have a better predicted performance than the one yielded by B,  One 
of the principal reasons for this is that a suction surface velocity 
distribution only partly determines the shape of the section.  Thickness 
and camber can vary markedly between sections having a particular form of 
suction surface velocity distribution at some inlet angle, but different 
pressure surface distributions. 

Appendlz 2.   Cascade aerofoils with negative thickness. 

The flow K ween two aerofoils of a cascade may be considered as 
analogous to the ilow through a channel with walls shaped like the stagn- 
ation stream!lues, figure 6.  Suppose the velocity distributions are 
prescribed along ehe walls NPT and NST. 

Aa resultant wall shapes depend upon these distributions, if the 
prescribed velocity is appreciably greater than the free stream value then 
the channel will tend to converge over the region NT, as depicted in 
figure 6 (a).  The resultant section will have positive thickness. 

However, should the prescribed velocity fall appreciably below free- 
stream values over part of the arc, then the channel could well bulge 
over KT with the result that the section has negative thickness over part 
of the chord, figures 6 (b), 6 (c) and 6 (d). 

In the normal case of a deflecting cascade, the levels of velocity 
producing this effect cannot be simply estimated.  As a consequence, 
calculation of a section shape from a prescribed velocity distribution can 
often lead to sections having some degree of negative thickness. 

Appendix 3.   The compatibility condition. 

When conformal mapping is used to generate cascades of aerofoils by 
transformation of the unit circle, e.g. as in reference 21 , two complex 
conditions have to be satisfied in order that the resultant aerofoils are 
closed and periodic in <.c|that is, spaced 4   apart along the imaginary 
axis. 

These conditions may, be application of complex variable theory and 
Poisson's and Schwarz's Integrals in particular, by reduced to (3) 

~(ßjU v(Q)    k(0) ciO   m     6n-(a*: oCrtoC OC^) (3.1) 

&&h "(0) Hol&jfciO *    oc, - oci ' (3.3) 

where u is the non-dimensional velocity over the cascade aerofoil, 
written as a function of the circle angle 0   and 

W'tSfekzo es) 
is the cascade function. mt-g* 46b< 
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Thest equations may be combined to yield 

I^T^rvV tt(^j ^ 4.!- aCz-*- '(aM,ocl,&x<UCaCl (5*6) 

u a necessary- but not sufficient, condition that the conditions of 
equations (J.l) to (3*4) are satisfied« 

i- 
The advantage of equation (3*6) lies in the fact that the Integral 

nay be evaluated when a velocity distribution is prescribed whereas the 
integrals of equations (3*1) to (3*4) can only be evaluated after a con- 
siderable amount of computational work in relating the prescribed distri- 
bution as a function of arc length on the aerofoil to a function of circle 
angles 

Another way of looking at this question of closure (compatibility) 
is by reference to the channel flow discussed in Appendix 2 and illustr- 
ated in figure 6.  For a given Inflow condition and arbitrary velocity 
distributions along the arcs NPT, NST, the width and orientation of the 
exit from the channel Is calculable, that is, it is a function of the 
values specified*  Clearly it will only have the requisite spacing and 
orientation if the velocity distributions prescribed along NPT, NST 
satisfy certain conditions. 

The circulation about an aerofoil in the cascade is ( 21) 

£ v d^/d)  =   W QC, - ^ oCo (3,7) 

so if a velocity distribution is prescribed, equations (3*6) and (3*7) 
yield two relations for the QC^ OC^CC^OC^O be taken with the distrib- 
ution to define the mapping, hence the required section shape* 

These flow angles, ocj^ «^/represent the only values compatible with 
the prescribed velocity distribution.  But as equation (3*6} is not a 
sufficient condition, it is possible that the section will not be closed* 
In this case the particular prescribed velocity distribution will not 
yield a cascade of aerofoils* 

Alternatively, there is no cascade of aerofoils that will have this 
flow distribution« 

Appendix 4*   On loaded trailing edge* 

The use of analytical mapping functions to generate aerofoils in 
cascade (21,22) is also a convenient method for relating certain aspects 
of the aerofoil shape and the flow properties, as the nature of these 
functions simplifies Interpretation as compared to numerically defined 
functions*  For example, the relation between leading edge in isolated 
aerofoils and velocity peaks at incidence is treated by this method in 
reference 26 « 

This mapping function, over the region of the trailing edge, may be 
separated into two components ( 3 )  s  (i) that governing the shape of 
the trailing edge, whether it be cusp, sharp or rounded, and having little 
os no effect upon the velocity distribution* (ii) that related, to the 
camber of the aerofoil in the region of the trailing edge and so to the 
gradient of the velocity distribution (aside from the local effect due to 
the type of trailing edge)* 

For aerofoils having a physically realistic camber, the gradient of 
velocity at the trailing edge must be small*  Alternatively, if the 
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gradient la not small BO that essentially there is a difference between 
the Telocity on the suction and pressure surfaces near the trailing 
edge, then the section will have excessive camber in this region* 

Essentially then, a basic flow model does not admit to a sign- 
ificant trailing edge loading.  If such a loading were to be applied 
in a rigorous synthesis method, the resultant section would have a 
hook trailing edge. 

Appendix 5.    On leading edge flows. 

Perhaps one of the most cogent disadvantages of the prescribed 
velocity distribution approach is that there is insufficient control 
over the form of the velocity distributions at other inlet angles. 
This is not a practical problem over most of the aerofoil surface as 
it la known that, aside from non-linear effects due to viscous effects, 
the velocity increases monotonlcally with Incidence on the suotion 
surface and monotonlcally decreases on the pressure surface. 

However, this does not apply in the region of the leading edge aa 
here an Increment of arc may be on the suotion surface for a high inlet 
angle but on the pressure surface for low inlet angles.  The behaviour 
of the velocity distributions in this region will be well-conditioned 
for a smooth leading edge.  However, if the velocity in this region is 
prescribed then it may be basically ill-conditioned: an example of thla 
la shown in figure 5»  The pressure surface distribution near the 
leading edge looks to be reasonable at the design inlet angle but is 
not as for a lower inlet angle.  The reason is obvious on reference to 
the shape of the section. 

This lack of control is an Important factor against prescribing 
a velocity distribution. 
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THE CHORD-WISE PRESSURE DISTRIBUTION ON A ROTATING AXIAL-FLOW 

COMPRESSOR BLADE 

H. L. Moses and W. F. O'Brien, Jr. 

Virginia Polytechnic Institute and State University 

Abstract 

An investigation of the chord-wise pressure distribution at the mean 
radius of a rotating axial-flow compressor blade is described.  Six 
miniature pressure transducers were spaced along the chord and mounted 
flush with the surface of the blade. Mean and fluctuating pressure 
measurements were transmitted from the rotating blade by a frequency 
modulated, radio telemetry system. 

Photographs of the fluctuating pressure waveforms are presented, 
including those obtained by signal averaging techniques.  The signal 
averaging techniques clarify repetitive components of the signal, such 
as those due to stator wakes.  Mean pressure measurements are compared 
with the results of two-dimensional cascade tests and with inviscid 
flow calculations  ased on simple radial equilibrium. 

Introduction 

The description of the flow through the rotor of an axial-flow 
compressor is among the most difficult analytical and experimental 
problems that are encountered in fluid mechanics.  This is particularly 
true when considering such limiting factors as losses and stall, and 
unsteady effects due to inlet distortion.  Analytical difficulties 
stem from the fact that the flow is turbulent, three-dimensional, 
unsteady, usually transonic, and often separated.  At best, there is 
only a qualitative understanding of some of the phenomena involved. 
Experimental difficulties are associated with the measurement of flow 
variables on a component rotating at high speeds and transmission of 
data to a stationary observer. 

The need to continue to effectively design new compressors with 
even more stringent requirements makes a better understanding of the 
flow extremely important.  In particular, there is a need to design for 
high speeds, perhaps with inlet distortion, and for more heavily loaded 
blades.  To design more heavily loaded blades requires a better under- 
standing of the stall phenomena, especially on the rotor. 

Throt'jhout the years of development of the jet engine there has been 
a great deal of experimental and analytical work in this and related 
areas. Much of this work was summarized in reference 1.  The experi- 
mental work has been confined mostly to stationary, two-dimensional 
cascades and to measurements on the stationary components of compressors. 
There have been some on-rotor flow studies reported (references 2-7, 
for example) but this work is definitely limited. 

Although there has been a large amount of work in the boundary 
layer area, most of the analytical work that can be applied directly 
to the axial-flow compressor has been for non-viscous flow. Two- 
dimensional techniques (as summarized in reference 8, for example) 
agree reasonably well with cascade experiments near the design angle 
of attack.  And it is generally believed that existing quasi-three- 
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dimensional methods (as discussed in reference 9) will adequately 
predict the flow through the rotor near design, but few actual 
comparisons with experiment have been made. 

The purpose of this paper is to report some on-rotor surface 
pressure measurements and to compare them with analytical predictions 
as well as cascade data.  This work is part of a long-range program 
involving instrumentation research, experimental studies on both low- 
and high-speed machines, and analytical methods. The overall program 
is intended as a contribution toward a better understanding and anaylsis 
of the flow through the rotor of axial-flow compressors. 

Experiment 

The expuriraents were conducted on a relatively low-speed axial flow 
compressor as shown in Fig. 1. This machine was employed because it 
was felt that a basic study of this type should be first attempted at 
low speeds. Thus the difficulties in experiment and analysis associated 
with high-speed machines were avoided while retaining the essential three- 
dimensional effects due to rotation. 

The compressor has a tip diameter of 45.7 cm and hub diameter of 
31.4 cm.  It can be operated as a one- or two-stage machine, but only 
one stage was employed in the present experiments. The rotational 
speed can be varied from 500 to 3000 rev/min. and the flow rate is 
adjusted by a valve in the discharge duct.  The compressor is directly 
coupled to a cradled dynamometer for torque measurements. 

The stator section has 37 adjustable, thin-plate guide vanes with 
a total blade twist of 8 degrees. A stator blade angle of 36 degrees 
at the mean radius, measured from the axial direction, was used for 
the present study.  Thus, the blade angle varied from 40 degrees at the 
hub to 32 degrees at the outside diameter.  The vanes were arranged to 
give a whirl velocity in the opposite direction from the rotor velocity, 
as indicated in Fig. 2. 

The rotor has 24 adjustable blades with a twist of 4 degrees.  The 
rotor blades have a RAF 6 cross-section (Fig. 3) with a thickness-to- 
chord ratio of 12 percent.  Since the pressure sides of the blades are 
flat, all angles are measured from these surfaces.  The blades have a 
chord length of 4.28 cm and a nominal tip clearance of 0.038 cm. For 
the present experiments,  the blade angle was set at 65 degrees from 
the axial direction at the mean radius, 63 degrees at the hub, and 67 
degrees at the tip. 

Rotor blade surface pressures were measured with 6 miniature trans- 
ducers spread along the suction surface at the mean radius. The 0.32 
cm diameter by 0.080 cm thick transducers and lead wires were inserted 
In slots milled in the blade such that the diaphram was flush with the 
surface. The transducers were calibrated under static and rotating 
conditions as described in reference 10. 

Transmission of the data from the rotor to the stationary components 
was accomplished with a miniature, frequency modulated (FM) telemetry 
system, which is described in detail in reference 11.  Power for the 
transducers and transmitter was supplied by rechargable batteries. The 
transmitter and batteries were contained in a small cylindrical housing 
mounted on the end of the shaft, as shown in Fig. 1.  The FM signal was 
received by a stationary antenna without sliding contact and then demo- 
dulated to reconstruct the pressure signals.  The six pressure signals 
were recorded on tape along with a reluctance transducer signal that 
indicated the circumferential position of the instrumented blade.  In 
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addition to separating the mean and fluctuating components, the pressure 
signals were averaged for a number of revolutions.  This procedure showed 
the repetitive nature of the signals, which was due to the stator wakes. 

Since one of the main goals of this research was to determine the 
effect of rotation on the flow, a small stationary cascade tunnel was 
constructed for comparison.  The cascade blades were identical to those 
on the compressor rotor, except that the 4-degree twist was removed. 
Surface pressures were measured on the cascade blades with small static 
taps and a water manometer. Although the instrumented rotor blade was 
twisted, it was checked in the cascade before It was mounted on the rotor. 

Analysis 

Since the present analysis is based on well-known methods, only a 
brief summary will be presented here.  It is essentially a two-dimen- 
sional, blade-to-blade, inviscid flow analysis with three-dimensional 
effects approximated by simple radial equilibrium. 

The blade-to-blade calculations were made with an available computer 
program, "TSONIC", as described in reference 12.  The program uses a 
two-dimensional, inviscid flow technique capable of treating locally 
supersonic flow.  In the present work, the flow is assumed to be incom- 
pressible, and the method reduces to a finite difference solution of 
the stream function equation. 

In addition to geometry and flow rate information, the program 
requires inlet and outlet flow angles.  In the present work, the inlet 
angle was fixed by the stator guide vanes. The outlet angle was found 
by an iterative process such that the faired pressure distribution for 
the two surfaces converges at the trailing edge, as suggested in 
reference 13. 

The program also requires the stream channel thickness as input 
information.  For the present analysis, the blade span was divided into 
five equal increments at the entrance. As a first approximation the 
channel thickness was assumed constarut in the axial direction, assuming 
that the radial shift in streamlines was negligible.  (A better approxi- 
mation was made after the streamline shift was determined from radial 
equilibrium, but was not important in the present calculations.) 

With the flow angle thus determlno-i at the rotor entrance and exit, 
the velocity and pressure variation was found from simple radial equi- 
librium considerations (as discussed in reference 14, for example). 

For incompressible flow, (see Fig. 2 for notation) 

i^.^ + cf- a, 
p  dr   r    dr 

At the entrance to the rotor, the total pressure can be assumed 
uniform, and equation 1 reduces to 

dC.     . 2   dr ,„,. 
1 = -sin a, — (2) 

Cl 

Equation 2 can be integrated when the angle a., is specified as a 
function of the radius and the constant of integration determined by 
conservation of mass.  In the present calculation, o- was found 
experimai tall y and equation 2 integrated numerically.  Since t lie flow 
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was nearly   free  vortex,   the   radial   variation of  C    was  small. 

At   the  rotor exit,   equation   1   can be written   in  terms  of   the 
relative  total  pressure  and  veloi ity, 

,   dp 1       ^or 
P     dr 

2 
0 

=    -z—   + 
r dr 

W2       dr    " 
I     dpor2 
p       dr 

(i; -  W9  sin 32) 
r 

(3) 

or 

(4) 

The relative total pressure (For) was assumed constant along a 
streamline through the blade row.  Again, as a first approximation, the 
radial shift of the streamline was assumed negligible.  The radial 
distribution of the relative total pressure at the rotor exit was then 
the same as that at the rotor entrance.  With the angle 39 determined 
from the blade-to-blade solution, equation A was integrated numeri- 
cally and the constant of integration determined from conservation of 
mass. 

The static pressure at any point on the rotor blade surface can 
be determined from the entrance condition and the blade-to-blade 
solution for the relative velocity, 

P_ - P     ,., 9 = (£-)-  . (5) 
w. 

Spl^2      "1 

The above procedure,   in general,   required  an  iteration between the 
two solutions.     In  the  present   calculations,   the   flow was  nearly   free 
vortex  flow  and  a second  approximation was  not   required. 

Results 

The measured fluctuating pressures at various chord positions are 
shown in Fig. 4.  The complete pressure signal is shown as well as the 
signal that has been averaged at each circumferential position for a 
number of revolutions.  The averaging technique gives the repetitive na- 
ture of the fluctuating pressures due to the upstream stator wakes.  It 
is interesting to note that this repetitive component nearly vanishes 
at mid-chord and then reappears near the trailing edge.  Near design 
operating conditions, the fluctuating pressures are approximately 5 per- 
cent of the mean value. 

The experimental mean pressure coefficient on the suction surface 
of the blade is shown in Fig. 5 and 6 as a function of chord position. 
Typical values measured on the rotating blades are shown in Fig. 5 for 
various flow rates (angles of attack). Although there is some experi- 
mental uncertainty, the data were quite reproducible.  Data from the 
two-dimensional cascade measured with static pressure taps, the rotating 
instrumented blade, and the same (twisted) blade in the cascade are com- 
pared in Fig. 6.  The discrepancy between the static pressure taps and 
the transducer measurements in the stationary cascade are due to the 
slight alteration in blade shape caused by the transducers, especially 
near the leading edge, and to tha twist in the instrumented blade. The 
difference between the cascade and the rotor measurement are due to these 
same factors and to rotational effects. 
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The results of the two-dimensional inviscid flow calculations are 
compared with the surface pressures measured with static taps in the 
cascade in Fig. 7.  Although some difficulties were encountered in the 
finite-difference calculation, principally with the geometry and the 
approximation for the Kutta condition, the differences are primarily due 
to viscous effects. The Reynolds number based on the chord length was 
relatively low (approximately 1.5 x 10^). Transition was caused at a 
reasonable chord position by large free stream disturbances and a rela- 
tively rough blade surface.  The low Reynolds number and blade roughness 
cause the boundary layer to be much thicker than in modern, high-speed 
compressors.  However, the exaggerated viscous effect was not considered 
a disadvantage in a basic study of this type. 

The inviscid flow calculations for the suction surface pressures in 
the rotor are compared with the experiment in Fig. 8.  The effects of 
rotation were very small in the calculations, so the cascade data should 
be in agreement except for viscous effects. Again, there is some dis- 
crepancy between the static pressure measurements and the on-rotor meas- 
urements, which is due in part to the effect of the transducer on the 
blade shape. Other possible causes for this difference include the 
combination of rotational and viscous effects. 

Conclusions 

This investigation is part of a long-range program directed toward 
a better understanding and analysis of the flow through the rotor of an 
axial-flow compressor.  Although the results are preliminary, the ability 
to measure both average and high-frequency fluctuating pressures with 
transducers embedded in the rotor blade is demonstrated.  Further work 
including the improvement of experimental techniques ai.J the addition 
of viscous effects in the analysis is in progress. 
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CQMBUSTOR MODELLING 

I. Poll, R. Payne, J. Swithenbank, M.W. Vincent. 

The University of Sheffield, England. 

Abstract 

A modelling procedure is presented for the prediction of gas 
turbine combustor performance. The individual processes of fuel-spray 
evaporation, homogeneous turbulent mixing, and chemical reaction are 
combined by mean.i of a partltlly stirred chemical reactor sequence 
representing the internal mean flow pattern derived from the geometry 
of a given combustor. 

Subsequent tests on the combustor showed satisfactory agreement 
between experimental and theoretical combustion extinction limits over 
a wide range of combustor loading. Since the reactor sequence depends on 
the geometry (and is, for example, independent of fuel/air ratio) these 
results give confidence that this modelling technique can be applied at 
all normal operating conditions. 

Introduction 

Continued interest in the prediction of combustor performance and 
pollution emission levels has led to the development of mathematical 
models of the combustion process coupled with aerodynamic and fuel-spray 
dynamics (1,2). 

For the case of high-intensity heterogeneous combustion systems, a 
particular modelling procedure has been formulated to include the effects 
of: 

(a) Fuel spray evaporation 
(b) Turbulent fluid mixing 
(c) Chemical reaction 

in order to aid in the formation of a general design method for subsonic 
combustors, and as a diagnostic method for assessing the thrust per- 
formance of supersonic and hypersonic systems. 

The principal theoretical outputs from the present model may be 
listed as: 

1. Overall combustion intensity 
2. The limits of stable operation (i.e. thermal extinction 

characteristics) 
3. Combustion efficiency 
k'    Potential heat loss to combustor walls 

For the primary input parameters: 
1. Fuel/air supply rates 
2. Fuel nozzle size and operating pressure differential 
3. Inlet air temperature and pressure 
h.    Can geometry and overall pressure loss 
5. Full mean composition 
0. Inlet air vitiation 
The method has been applied to a small-scale test combustor in a 

recent study investigating the effects of spray evaporation rates on 
performance. (3) The approach consists of two main stages: 

1. Model formation, in terms of a network of stirred - and plug- 
flow chemical reactors; from a specific input combustor geometry, 
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turbulent mixing rates, and mean velocity spatial decay rates. 
2. Network analysis, incorporating fuel spray evaporation rates, 

turbulent mixing rates and global reaction kinetics; providing the effic- 
iency, intensity and extinction limits of the combustor. 

Model Formation 

The principal model units are in the first instance derived as 
fixed-volume chemical reactors of two characteristic types: 

(a) Stirred reactors; denoted by W.S.R. (Well Stirred); in which 
conditions within the reactor are identical to those in the exit (products) 
stream. Hence the alternative title of "Zero-dimensional". The processes 
of fuel evaporation, homogeneous mixing and chemical reaction proceed at 
rates determined by the reactor inlet conditions and its1 volume. 

(b) Plug-flow reactors; denoted by P.F.R.; in which no mixing occurs, 
and hence in which premixed reactants are allowed to burn-out to a mixing- 
limited extent in one space dimension (usually taken as the mean flow 
direction). Here the performance of a reactor is governed by kinetic and 
volume constraints alone, for given feed stream conditions. 

These two reactor classifications represent, respectively, broad 
characteristics observed from combustor sub-zones, viz: 

1. The primary flame zone; in which evaporation and mixing rates are 
comparatively high, and the flame stabilization (continuous ignition) is 
achieved by recirculation of partially burnt zone products. However, con- 
version levels, of fuel to products, is relatively low. These character- 
istics are matched by corresponding WSR operating properties. 

2. The secondary/dilution flame zone; downstream, and in series with 
the primary, in which partially-converted products are allowed to react 
further, and dissociation losses are made-up such that the final (com- 
bustor exit) fuel conversion is high. Sufficient additional air is added 
to these products in order to reduce the final gas temperature to a level 
acceptable to the turbine blade materials. This may be modelled as a plug- 
flow reactor exhibiting good burnout but poor continuous ignition charac- 
teristics . 

In the formation of an adequate series/parallel reactor network to 
represent any given combustor design it is necessary, (but not sufficient), 
to define an effective mixing parameter. That is, given that an individ- 
ual region of the internal flow may experience high or low levels of 
turbulent mixing, this may be used to determine the type of reactor to be 
employed as a model for the region, provided the mixing rate and spacial 
extent are themselves calculable. Within this study the following working 
hypothesis will be used to define the turbulent mixing process in any 
flow region: 

Rate of mixing a Rate of turbulence dissipation. 
The derivation of a specific mixing time, i^-., from the above criter- 

ion, in conjunction with an overall flow energy Balance has been present- 
ed previously, (h). Relating this performance variable to that pressure 
drop across a given flow restriction which contributes directly to 
turbulence production gives, finally: 

SD    TD   WyjTl U; 

where t a ~ Mean sub-zone residence time 
■ Zone volume 
Mean volumetric flow-rate 

A p = Static pressure-drop across stabilizer 
q ■ Dynamic head        '•'iSG** 



The spatial decay rate of turbulence dissipation may be related to 
the geometric or aerodynamic blockage ratio of the flow restriction by 
means of a turbulence length scale, 1 , where 

6 

\* 0.2 1  (2) e v 

= Characteristic restriction dimension 
10   1/k e       '   e 

and:   k ■ Characteristic wavenumber of energy containing turbulent 
eddies. 

Giving, finally, the length of the stirred region in the mean flow 
direction as approximately 10\ (or less for impinging jets). Further the 
dimension of any individual stirred zone is thereby limited to 1 j thus 
specifying the maximum number of stirred sub-zones present. 

Flg.1. represents schematically the test combustor with stirred and 
plug-flow regions specified from the above criteria. The resultant reactor 
network model is shown in Fig.2. 

The individual reactor volumes and interconnecting stream mass flow 
fractions may be calculated from jet entrainment theory (i.e. mean 
velocity decay). (5) 

Network Analysis 

A W.S.R. of given volume may be analysed in terms of heat and mass 
conservation for the exit stream fuel conversion (X) and temperature (T) 
(6,7) as: (Adiabatic operation): 

X =  v (T-To)  (3) 

and:   X= T . 1  ! exp(fe/gn  {k) 

TSD    'USK 

S    Reactor mean stay-time 
where t^   = 'C  a Specific kinetic time 

T  = Reactor feed stream temperature 

and ^K may be derived from the global reaction data of Kretchmer and 
Odgers, (Ö) thus: 

Reaction rate per unit volume,r, is defined as: 

1 f E\ ' 

where C      =    Oxyeen concentration within reactor 
02 

Hence: r 

frf      TN-o.5.  \   
TK   \?J   '    ;   A    x   N-A '[sec]  [b> 

xo2  
xf   k' 

where  R. = Gas constant per mole = 0.ÜÖ206 

P = Absolute pressure in atm 

N ■ Overall reaction order 

A ■ Fractional order in oxygen                ; 
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, x^ Molal concentrations of oxygen and fuel in 
the reactor 

•'Collision frequency" constant empirically determined 

as 1.29. icru r 10 ,N 

-K^gmol^S-J 

In addition, the activation energy ratio (E/R) may be found by 

correlation against Odgers' data as: 

I ' ^o • V 
0    = Reactor feed stream equivalence ratio 

In the adiabatic heat balance, equation (3), the coefficient 
represents the inverse of the maximum temperature rise attainable 
(i.e. at X = 1.0), thus: 

l/(Taf - To) ■(7) 

and the adiabatic flame temperature, T f, may be obtained by correlation 
against standard data at P, 0 and T ; including the effects of disso- 
ciation. (9) 

Simultaneous solution of equations (3) and (h),  including the 
above global reaction data, provides the reactor exit stream conditions 
of temperature and conversion at specific input flow rate, and equiv- 
alence ratio. A program has been devised to provide this solution for a 
single WSR, including further the effects of mean flow recirculation - 
in order to obtain combustion solutions and thermal extinction limits 
for the model primary zone (see Fig.2.) 

Figs. 16 and 17 show representative output information from the 
program for the first.model reactor, WSR... In Fig.16 the extinction 
loading (in gmoles l" s atm , where N ■ the reaction order) of WSR. 
is plotted againso reflux ratio,R. Where R is defined as the ratio oi 
the mass flow recirculated to the mass flow through the reactor. Curves 
at various inlet stream equivalence ratios are included; and for all 
conditions shown an optimum reflux may be seen which provides a maximum 
extinction loading. The broken line on the graph represents the locus 
of this maximum loading with equivalence ratio. The implication of this 
plot with respect to design work is that in order to obtain the best 
maximum load characteristics from this type of combustor (dominated by 
the extinction characteristics of WSR.) the primary air holes and swirler 
should be sized such as to provide reflux ratios in the approximate range 
0.7^ R^0.9- for stoichiometric or slightly fuel rich primary opera- 
tion. For lean operation the dilution effects on the reactor due +.o re- 
circulation of combustion products have a predominant effect over most of 
the reflux range; and consequently higher reflux ratios are necessary 
(R =0.95 for ^ ^ 0.Ö5) in order to obtain any advantage in the stab- 
ility area. (Non-adiabatic operation of the reactor system decreases all 
peak loadings). 

Fig.17 shows a corresponding program output of Carbon monoxide in- 
efficiency vs. WSR. loading at various reflux ratios, with the inlet 
equivalence fixed at stoichiometric. Here the broken line represents the 
locus of extinction limits with R; and the solid lines the progress of 
this inefficiency with increased load at fixed R. Carbon monoxide pro- 
duction by WoRi is seen to increase with reflux ratio over the entire 
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range; although it should be noted here that the inefficiency character- 
istics of WSR,, do not dominate those of the whole combustor. Any series 
plug-flow reactor in the model will burn-out unbumt products fed to it 
most efficiently (i.e. in the shortest distance in the mean flow direction) 
if the carbon monoxide inefficiency level in the PFR feed stream is 
approximately 0.35. (This follows from consideration of the maximum com- 
bustion intensity obtainable from a series stirred-plug-flow model in a 
manner analogous to that of Beer and Lee (15) ). 

The inlet equivalence ratio quoted for both Figures 16 and 17 refers 
to that proportion of fuel spray injected into WSR. that is evaporated in 
the reactor volume. In order to calculate this parameter it is therefore 
necessary to determine the spray evaporation rate, and extent, in the 
combustor primary zone reactor, and the variation of these factors with 
combustor loading. 
Evaporation Model 
~~  Most evaporation studies have been based on single droplets which 
are surrounded by diffusion flames. In practical liquid-fuelled combustors 
a cloud of droplets of various sizes burns with either a yellow flame 
(as in most industrial furnaces) or a blue flame (as in most gas turbine 
combustors). The yellow flame indicates that combustion is taking place 
as a diffusion flame in the wakes of the droplets; whilst the blue flame 
indicates that conditions are such that the flame has "lifted-off" the 
droplet. The factors controlling the lift-off (10,11) are principally 
the concentration of oxygen in the environment of the drops and the 
differential velocity between the drops and the surrounding gas. In a 
gas turbine combustor the high recirculation rate of hot products dilutes 
the oxygen in the incoming air, and the high velocities within the com- 
bustor lead to the formation of a blue flame. This is effectively a pre- 
mixed gas/air flame and has the advantage that radiant heat transfer to 
the chamber walls is reduced compared to a yellow flame. Nevertheless, 
the heat transfer to the drop from the hot surrounding gas is in counter- 
flow to the evaporating mass flow, and the actual evaporation model is 
similar whether yellow or blue flame conditions prevail. 

In this study, the evaporation of a cloud of droplets is modelled 
by first obtaining the droplet size distribution from the known fuel 
atomizer characteristics, then dividing this distribution into a number 
(usually greater than 20) of nominally monodisperse droplet size ranges. 
Since the evaporation time is a strong function of droplet size, the 
evaporation of each size grouping is evaluated separately. This proce- 
dure has the advantage that it is readily adapted to various atomizer 
characteristics, e.g: pressure atomizers and air-blast atomizers. The 
evaporation rate is also a function of the relative velocity of the drops, 
hence the rate depends on the initial relative velocity and the droplet 
drag. The relative velocities must therefore be evaluated throughout 
the lifetime of each droplet size grouping. 

The above argument is represented mathematically as follows: 
The evaporation rate from a Hroplet (12). 

C.AT C. 

mf 
2-TT.k.D 

Cf 

In 1 + f 
I 

02 (1 + Q)l r      i •(8) 

Forced convection ection increases the rate by a large factor: 

f)      1 + 0.276.Re2    Pr3   !   ■ (AJ     |   1   + 2.3 Re2 
(AJ  ' <* r 

where the Reynolds number is evaluated at the relative velocity, V ,, 

between the droplet and gas: 
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and: 

Re    - V 

Pr 

rel' 

g 

D- PA 
c- VKg 

The acceleration of the droplet is given by: 

d V rel 
dx 

3 t %  . Pg rel 

and: CD = 0.ii8 + 28/Re0*d5 

The initial spray velocity is: 

Vf - Cvj(2gP/PL) 

Where Cv is a function of droplet size. 

The gas velocity in the primary region (13) 

g = 0.1*5. JCZAP/p^ 

-(10) 

-(ID 

-(12) 

-(13) 

■Uh) 

•(15) 
where the factor 0.[£ denotes th e ratio between the primary vortex 
velocity and the air velocity through the primary holes. 

The empirical relations determined by Bowen and Joyce (lh) were 
used to specify the droplet siae distribution in terms of volume per- 
cent oversize (R): ,- 

R   ■    100. exp.    (-D/x)   J  /I6N 

where the Rosin-Rammler mean diameter x is given by: 
,(0.3358 - 0.02U27F) 

-(17) 

■(18) 

■(19) 

•(20) 

•(21) 

x   ■    K/Pv 

(N.B. here P is in psi units) 

log10 K ■ 2.7008 + 0.2162F 

F ■ (Flow rate in gals/hr)/*/? 

x/SMD -p,  (2-1/n)/(l-1/n)  j 

From these relations the initial droplet size distributions are shown 
for various nozzle sizes and fuel pressures' in Figs. 3-  and U. 

Although oxygen concentration appears as a parameter in the 
evaporation rate equation, its effect on the evaporation rate was found 
to be negligible over the range 1 - 20%  oxygen, (see Fig,5.) Similarly 
the effect of ambient temperature within the combustor primary region 
on evaporation rate was found to be small, as shown in Fig.6. As expect- 
ed, the theoretical studies also showed that the small drops quickly 
issume the gas velocity, and evaporate in a short time. On the other 
hand, larger drops tend to retain their own velocity, and hence the 
effect of forced convection on their evaporation rate remains high. 
These features are illustrated quantitatively in Figs. 7 and 6 as a 
function of time for various drop sizes. Thus by far the largest 
factor effecting evaporation from the spray cloud was that due to 
forced convection. This is shown in Fig.9« where it can be seen that 
a 2 to 3 fold increase in evaporation rate is obtained at a typical 
combustor operating condition. 

The degree of evaporation at the rich and weak limits of combus- 
tion for various fuel nozzle sizes was calculated as shown in Figs.10 
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2 
and 11, and as can be seen, It Is predicted that only -^ to ■= of the fuel 

is evaporated in the primary (flame stabilizing)region. In order to check 
the burnout of droplets, optical methods may be used, and it is useful 
to have an estimate of the predicted droplet size distributions at diff- 
erent residence times. This information for a typical operating condition 
is contained in Fig. 12 where the gradual increase in mean diameter is 
apparent. 
Experimental Studies and Discussion 

Experimental verification of the proposed theoretical model is 
essential to raise it above the level of an academic exercise and demon- 
strate that the design technique can bt applied to complex 3-dimensional 
combustor geometries. 

Moreover, as may be seen from the foregoing sections the method 
for predicting combustor performance relies on several theoretical stages 
viz. for given input flow conditions and geometry a reactor sequence 
model is formed; within each sub-zone a degree of fuel spray evaporation 
is calculated; and finally, the evaporation - corrected reactor conditions 
are solved for conversions and temperatures, etc. With this number of 
stages in the overall calculation it was decided to fix on one principal 
test of the theory, that is the extinction limits of the test combustor. 
These limits should correspond to those of the most heavily-loaded stir- 
red reactor in the primary zone, and will be within a few percent of 
stoichiometric evaporated fuel in this region. 

The effect of fitting fuel nozzles giving different spray size 
distributions (or different spray angle) is therefore predicted to give 
operation at different overall fuel/air ratios within an overall locus. 
Qualitatively it may be seen that increasing the flow number of the fuel 
nozzle will cause the fuel pressure to decrease, leading to larger drop 
sizes and a smaller proportion of fuel evaporated in the primary region. 
This means that the stability loop will move to richer mixtures. The 
first stage in the experimental verification is therefore to demonstrate 
that the stability loops for different fuel nozzles fall within the 
predicted locus and vary with fuel nozzle flow number in the manner in- 
dicated. 

Using the test facility shown in Fig. 13 and the test combustor 
shown schematically in Fig.l. (see also Ref .(Ii) ), the stability loops 
for a series of fuel nozzles were measured. The results are plotted in 
Fig.lU. In ref (U) the locus of the stability loops had been predicted, 
and this is also shown on the same graph. The validity of the anticipated 
locus is well confirmed. 

The next point is to determine the validity of the proposed droplet 
evaporation model. This could be achieved by droplet and/or gas compos- 
ition measurements throughout the combustor, and these measurements are 
at present underway. However, the existing stability loop results can 
also be used to check the evaporation model, since, although the overall 
mixture ratio may be much weaker than stoichiometric, the primary region 
should be operating close to stoichiometric. Thus if the evaporation 
model is correct, it should predict a similar stoichiometric stability 
loop for the primary region for all the various fuel nozzles. The data 
plotted in Figs. 10 and 11 as primary fuel evaporation at the combustion 
limits can therefore be converted to primary air/fuel as shown in Fig.15. 
Bearing in mind the assumptions made in the evaporation model, the 
agreement is remarkably good, since it not only verifies that the local 
mixture ratio at peak loading is stoichiometric, but it also indicates 
that the expected reduction in-r^ caused by the evaporation delay time 
broadens the stability loop as predicted (U). 

Combustion efficiency for the whole combustor is limited to 
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approximatelyf 

I-0.02 J" = 1/U*1^) 
by the energy available for turbulent mixing. For this combustor, 
f ■ dynamic head loss ■ 28.36, hence the maximun anticipated combustion 
efficiency is 99.33'^. This is reduced by the proportion of fuel un- 
evaporated in the combustor; and, at the combustion limits, Figs. 10 
and 11, show that this predicted loss can amount to several percent. 

Fig.l?, also includes the theoretical stability loop, derived from 
the reactor theory and network model outlined, of th' first, most heavily- 
loaded stirred reactor in the primary zone. As stated, the limits of 
this reactor are expected to dominate the extinction characteristics of 
the whole combustor. It may be seen that at the high turbulent mixing 
levels experienced in this flow region the theoretical limits are 
narrower than those measured. However, the effect of an evaporation 
delay time has not been included at present; only the air/fuel limit 
imposed on equivalonco ratio in the whole reactor by the time available 
for evaporation to take place. With this further delay included, these 
theoretical limits are expected to broaden in the same manner as a 
decrease in Tc.n described in re.-.CU). The maximum loading point on the 
predicted stability loop, of course, corresponds to the limit locus at 
stoichioraetric operation, since the locus itself was derived from the 
same theoretical source. 

Conclusions 
""   TT ^"theoretical model of the combustion process within a gas 
turbine combustor has been formulated, and extended to include hetero- 
geneous conditions, to a first stage in the development of a design 
method. 

2. An experimental check on the validity of both the droplet size 
distribution evaporation model, and the reactor sequence model has been 
shown to provide satisfactory agreement with the predicted operating 
limits of a small-scale test combustor. 

3. Further testing of the predicted combustion efficiencies (as 
shown, for example, in Fig.17) from the theoretical model is at present 
under experimental investigation! 
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Nomenclature 

7. 

8. 

9. 

10. 

11. 

12. 

13. 

lh. 
15. 

16. 

AFractional reaction order in O«. 
Cf Specific heat of fuel vapour. 
Cg Specific heat of air. 
Coo Oxygen mass concentration. 
D   Droplet diameter. 
E   Activation energy. 
F   Nozzle flow number. 
i   Stoichiometric mixture ratio(inass). 
k   Thermal conductivity of fuel vapour. 
k1   "collision frequency" factor. 
k   Wavenumber of energy-containing 

eddies. 
K   Constant    of proportionality. 
K   Thermal Conductivity of gas. 
lp Dimension of energy containing 

eddies. 
L   Fuel latent heat of evaporation. 
mf Mass evaporation rate of fuel 

droplet, 
n   Distribution constant for spray 

cloud. 
N   Overall reaction order. 
P    Can operating pressure] nozzle 

pressure. 
AP Can pressure drop, 
q    Dynamic head. 
Q    Heat of combustion of fuel, 
r    Reaction rate per unit volume. 
R    Reflux ratio;   Gas Constant; 

Volume % oversize. 
T    Temperature.  K. 
T p Adiabatic flame temperature.K. 

AT 

V 
x 
3c 
X 

X 

X 
T 

'C, 

K 
■SD 

■ Droplet to gas temperature 
difference. 

Velocity. 
Molal concentration. 
Rosin Rammler mean diameter. 
Conversion. 
Characteristic flow restric- 

tion dimension. 
Time. 
Stay-time. 
Mixing time. 
Kinetic time. 

^S/^D 
SK "3/ "K 

[l     Viscosity, 
p  Density. 
C  Dynamic head loss factor. 
Subscripts 
f Fuel. 

Forced convection. 
Gas. 
Liquid. 
Initial value. 
Oxygen. 

Relative. 
S Static. 
Abbreviations. 
PFR Plug Flow Reactor. 
SMD Sauter Mean Diameter. 
WSR Well Stirred Reactor. 

F 
g 
L 
0 

02i rel 
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H h n •>■ ract 

Moa^urcmenfj of nfeasura and   • errrioratur'-  distribution  ar:  wlL  as of 
wail   temnerature  downstream  oi   film   cooling  configurations using 
various pattern of drilled holes and porous material  for air penetration 
are  reported.      In revision to standard film cooling configurations  the 
advanced combustor  liner cooling systems investigated are  designed with- 
out a film cooling lip to permit cost saving combustor processing.      The 
investigations were performed with the aid of an experimental apparatus 
specially set up to simulate the range of parameters  relevant to gas turbine 
practice.      The measurements  demonstrate that  the cooling air injection 
through an array of small holes  leads  to a more uniform film layer and 
improves the cooling effectiveness.      Correlation of film cooling effective- 
ness data is presented by considering the blowing rate as  important 
controlling parameter. 

Nom^ncl>*urg 
1otal  steo area A. 

^hree-dimerr/iorial   step open 
area 

c    = 
p 

d     = 

•Bpecific h^at 

diameter of static holes 

n   = diafneter of main  holes 

h    - F.ten h^ipht 

1    = l\v length 

N    = :rass  flow 

n    = W^'a blowing  rate 

Mi   • Mach number 

P     ■ pressure 

m       ^ slot heirht 

t    = thioknes.«; 

T     = Vmerature 

v     = veloci ty 

oubsoririts 

C,     m coolinK air 
P    = film 
ü     - "lair  oLrean 

= ntatin 

x = distance ^rorr- cooling air 
injection noint in Jonp;i- 
tudinal   direction 

y    = dis-ancp  normal   to  wall 

y    = ritch  in y-direction 

z     = distance   in lateral 
direction   (m m 0 m median 
nlane  of  the  test  rone) 

z,   = distance  between lateral, 
walls 

7.     = pitch  in 7-direct,ion n 
a    = iniection anple f - ^ ' " 

Hisnlacement   thickness 
T -Tjrf 

(i   '^G-Tw       dy,   thicl<nes'e; 

of the  thermal  layer 

film  coolinp effectiveness 

density 

Of' ■Ü 

t     =   total 
W    = wall 
u    = uncooled 
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Th" ro)line of rn-   tu^b^l» ronbu^tor lin^^r e-'pon"5 to hot pa'-e:; 

in t'^hni^wny •"•c^mnlinheci by film cooling; that is by injecting 

? "ooler gn throurh hn  array of discrete holes in a slot from 

where it expands along the wall surface into the hot gas forming 

a cooling "layr. Due to the rapid increase of gas turbine cycle 

t^nr erature the ne^d for more efficient combuptor liner cooling 

bprome.- f:on.'rdp'-flb"! y demanding. Since the thermally most efficient 

WP" of e^olfnf n will by effusion of the coolant throurh the wall 

Is« with todayrr technology, not feasible yet for engineerinr apnli- 

cations, advancd film cooling methods are necessary to yield hii^h 

'^olinr effertiv^ner;«! at a minimum of coolinp air flow. Also, for 

Industrinl P>.;;1 ication it is very important that advanced film 

"'■»olinr devicg beer to ^e'-i^n requirements for oost-rsvinp 

(1_Q) 
A^   m result  of  n  T-^T-T*»- of theoretical   ^nd  exnerimentel 

ir^a'-ti «ration'-  the ^hy-ical   »"rrces? of two-^imenriorsal  film coolipr 

'"  queli t.ntivM" und^reto^d,   Be'-in" on   R^fnol*»  heat   rink modelr  ar 

vel1   a?  on  numerical   techniquer  for predicting two  dimensional 

turbulent  la^-erp  p  number of theoretical   oorrelations  a^d  semiempi- 

ricel  nred-'ction  'ormuia'   heve br»»>i dnveloned   for  the   film coolinr 

offo^fi" vn0"".   A r^n^ral  survey of  this vork ip  riven  in Refor- 

U-in" th-" r^-uit'7 ^"orn eynerimental "tu^ies it har  been rhnwn that 

'.-oth,   ge^'ietric  and   flow Parameters,   are   factor."  influTci T' f<l« 
(P) r-oiinr «f ficien^y. Si ver^rraram and White! av    concidAred for 

in^tanee a^ reometrir rarpniAterr the imnortance of lin thickness 

and injection an1"!«». The influence o+' the variation of flow rera- 

met^r* ^wh  a- velocity ratio, donr-ttv rep,,, temperature ratio, 

mai""tream boundarv 1 aver thickness and turbulence level bar been 

studied by verious authors   . The papers by Eckert    and 

Eriksen    are relevant to three-dimensional film cooling i.e. 

film coolinp with injection through a single hole or a row of 

holoe. 

(7) (P>) Nine nnd Whitelaw    and Raetogi and Whltelaw    investirnted 

the influence of veri able slot ceometry of various coo"i inr confipu- 

rat'ons, which are of direct interest to gas turbine practice, but 
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.the range of Parametern inveRtipated was Insufficient to allow for 

extensive and practically useful conclusions. Accurate theoretical 

pr<»Hlctions for film cooling with secondary flow through discrete 

holes and with large temperature differences proved to be very 

difficult, because the three-dimensional nonuniform flow is yet 

accessibl-« to anything but simplified analysis. 

Therefore, in order to gain more detailed understanding of the 

effects of large temperature differences and of the interaction 

of an array of individual .-jets on the adiabatic wall temperature 

distribution, which in necessary for the design if actual gas 

turbine combustore, an experimental facility was set up, and in- 

strumented for the determination of the cooling efficiency of 

advanced combustor liner cooling systems. 

This paper describes the test facility, the design criteria of 

various film cooling test arrangements and presents typical results. 

It also covers the work made in attempt to give a more consistent 

prediction of the cooling effectiveness by considering the blowing 

rate of the cooling air to the mainstream as an important corre- 

lation parameter. 

Test Apparatus 

The experimental apparatus shown schematically in Fig. 1 (a) 

employed two separate air supply lines in order to enable a wide 

range setting of cooling air to mainstream ratios. It consisted 

basically of a gas turbine combustion chamber which supplied hot 

air through a settling tract into the test zone. 

The main stream air mass flow could be varied between 0,3 kg/s and 

1,5 k«r/s anH the maximum combustion chamber exhaust temperature 

was 1100 K. The pre^rure in the test zone at the hiRhest mass flow 

Tvte  was 1,05 bar. 

The roolinp air wap supplied by a pcr^w compre^por ant1 ducted as 

shown in Fir. 1 (a) following a heat exchanger, a condenser and a 

"ettlinr pressure ta^k through the test section i"to the test zone. 

The two-dimensional te^t zone rhnwn enlarged in Fig, 1 (b) had a 

viclth of 150 mm and a height of 1?0 mm. Part of the cooling air 

war bleH in a coolinr .iacket opnopite the test «v ction to ensure 
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•qual  wall  temperatures and hence to avoid any teat zone deforma- 

tions because of thermal expansions. 

tExchangtr 
Condrwf 

Htat Pftuf Tank 

J-HXh 

Cooling ALr 

Mainttrtam Air 
TEST SECTION 

Mixar 

p^Esaan^^ 
SEsan 
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X    (a) 

L S: 

M 

Combuftor 

Cooling Air 

P'T !      Mesh 
I 

Settling Tract 

B-ryvmnj 

-CKH 
Tast Zona 
ExhauatDuct 

I 

PT!      |   Thermal Insulation 
1 I  

I 

Hot Mainstream 
Cooling 
Jacket 

BleedAir 
J 

Exhauat 

Teat Zone 
(b) 

Teat Section 

Fig.   1  Scheme of test aroaratus (a) and test zone (b) 

The various planes of measurements are indicated in Fig. 1 (b) by 

the point dotted lines together with the correspondinp state para- 

meters meanured. ^lii» *"■ 



Two basio cooling air ducting arrangencnts arc possible. On« arran- 

gement where part of the cooling air does not enter the test sone 

flowing along the outer film cooled wall and another arrangement 

where the test wall is insulated with ceramic wool to ensure nearly 

adiabatio wall conditions. For the experiments reported in this 

paper the latter arrangement was employed in order to enable comp- 

arison of test data with previous work. 

The measured velocity and temperature distribution of the main 

stream in front of the film cooling step is shown for a typical 

test condition in Fig. 2 (a) resp. Fig. 2 (b).  The velocity and 

temperature distributions as well as the distance normal to the 

wall y are made dimenslonless by referring them to hot gas veloc- 

ity vfl and the temperature difference Tfl - T. to the boundery 

layer displacement thickness and the analogous temperature displace- 

ment thickness respectively. For comparison the full line in fig. 

2 (a) represents the turbulent flow profile computed according to 

Klebanoff and Diehl    . The cooling air pressure distribution 

across the film cooling holes entry plane was also checked and 

showed a uniform profile. 

Mainstream velocity distribution in front of the 

film cooling step 
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Fig. 2 (b)  Mainstream temperature distribution in front 

of the film cooling step 

SSf& Sections 

The two-dimensional film cooling configurations investigated and 

their characteristic dimensions are listed in Table 1. The geometrical 

dimensions were chosen to yield the same permeability i.e. the same 

cooling air mass flow rate at equal oressure losses. The test sec- 

tions were made of Nimonic 73 and designed for easy exchange in  the 

test channel. Fig. 3 shows the three basic designs. The standard film 

cooling configurations with main holes and static holes Fig. 3 (a) 

were investigated first because this configuration is used in combus- 

tion chamber design and previous reports on film cooling performance 

(7) did not account fully for high temperature differences between 

cooling air and mainstream. Vail temperature measurements of this 

configuration were therefore necessary to be compared with results 

from full annular combustor testing with temperature paints spread 

on the combustor liner.       11L*3*J 



Also,   tue accurate determination of their cooling effectiveness 
was required in order to have a true reference for comparison to 
the cooling performance of latter designs. 

(a)SC (c)AC- PM 

Fig. 3  Basic design of film cooling configurations 

The design criteria of the advanced film cooling configurations 

Fig. 3 (b) stemmed basically from two considerations. First, the 

improvement of the cooling performance by replacing the discrete 

coolinr jet holes by an array of holes thus formintr a more uniform 

air cooling layer requiring a lesser amount of cooling air and 

secondly, to avoid any complicated design parts, like the film 

cooling lip, to make the configuration more adjustable to cost 

saving combustor chamber machining. 

Taking into account the latest developments of metallic glue tech- 

niques, the test section with the porous plate Fig. 3 (c) was 

fabricated. The application of test sections with porous plates 

represents the logical interface to effusion wall cooling. 

Test configurations 

No. Abbreviation Test Configuration 

1 SC Standard Film Cooling Configuration with 
Static holes. 

2 r,CT Standard Film Cooling Configuration without 
Static holer. 

5 AG-1 Advanced Film Cooling Configuration. 

h AC-2 Advanced Film Cooling Confirruration. 

3 AC-PM Porous Material Coolinr Configuration. 
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Characteristic Dimensions 

No. Abbreviation s h i D d 

(mm) 

Ao 
(mm) (mm) (mm) (mm) (mm) Ah 

1 SC k %,5 i* 2 1,6 k 0,279 

2 SCT k *.5 k 2 - k 0,172 

3 AC-1,OC=100 - k - 0,7 m 1,2 0,321 

k AC-2,OC=15
0 - k - 0,7 - 1,2 0,321 

5 AC-PM - k - - - - - 

TABLE 1  Summary of Test Sections 

Instrumentation 

In order to keep the film cooling region undisturbed the test 

section was instrumented with chromel-alumel thermo-couples at the 

test, surface facing the insulation. It was checked though, with a 

special instrumented test section, that thermo-couples placed at 

the inner surface facing the mainstream gave the same reading as 

the ones at the outer surface. The accuracy of the measurements 

was * 1,5 degrees. 

Wall temperatures were measured along the center line of the test 

zone which is defined as z = 0 in a region between x/s = 0,5 and 

17,5. For modern aircraft engine combustion chambers x/s reaches 

maximum values of 20. Inspite of three dimensional flow effects, 

special tests had shown that for constant x/s, at normalized dist- 

ances x/s >10 the wall temperature readings of all cooling con- 

figurations where very much the same in a region of z i 1^ mm. 

This result  can be attributed to the small thermal resistance 

of the thin wall. 

For boundary layer measurements small pressure and temperature  v 

probes were used. The error of the boundary layer temperature 

measurements was * 1.5 deeree, the recovery factor being negligible 

small. The error of the pressure reading was * 10  bar, the probe 

being insensitive to the flow direction in between an angle of 

5 degrees. 5ÜX 



For flow visualisation the Schliffren method with a parallel mono- 

chromatic light beam through the test zone was used. Schlieren 

photographs were made to get an integral impression of the flow 

pattern. 

Results and Discussion 

The test sections listed in Table 1 were evaluated at main gss 

stream conditions characterized by Ma- = 0.036, T = 875 K, 

v_ ■ SO m/s and the cooling air to mainstream temnerature ratio of 

T-/T- ■ 0,4, The usual test procedure was to determine for each 

test section the flow field by measuring wall static pressures and 

the total pressure distribution of the cooling layer and then to 

proceed with heat transfer measurffments consisting of wall and total 

temperature distribution measurements across the coolin? layer. 

In order to have immediate indication of the anplicabilit'" of ad- 

vanced cooling configuration the measurements were first performed 

on standard coolinp configurations and then compared to the same 

measurements on advanced coolinp systems. 

Flow nnd Heat Transfer Measurements on Standard Cooling Config- 

urations. 

Fig, 4 shows a three dimensional representation of the pressure 

distribution in a plane just behind the film cooling lip x/s ■ 0 

and a plane further down-stream x/s ■ 17,5« The total pressure 

measurements reveal the typical flow pattern that consists of 

cooling air jets which issue from discrete holes and merge to form 

a coherent cooling layer. From the total pressure measurements two 

different regions of flow can be discerned. Close to the cooling air 

entry the jet character of the flow predominates with strong press- 

ure gradients normsl to the flow b' ■ mine  further ownstrea^i, 

because of the equaxizing action o~ ..ie intensive turbulent mixing 

phenomena, more of the wake flow type. 

The strong total pressure decay in Fig, k is causeu by the jooling 

air jet entering the boundary layer 1 'om the static hole in normal 

direction to the mair stream. Thus, the static holes, which were 
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arranged in order to increase the total cooling air mass flow and 

to give a uniform film layer cause the formation of wakes adherent 

to the test surface thereby diminishing the overall cooling 

effectiveness. 

laOmni 

^ip.   k Total nrtasur«  rHr-tribntinn  fr>r SC^  m a   1*53 

The  test  section wall  in  front  of the  cooling sir  entry war: not 

insulate.   Hu«   to  thp hin1'   main  rtr^am  rap  temperature  nnrf   th»» 

h^at  conduction  thr^u^h  the »i»n   from  th#»  un^tream PP  '-'ell  ar 

H.ownotroam  direction  acroT   the  cnolin"- ste^,   heet  transfer occur- 

red  between   the wrll  sn''   the   coolinr  air.   Thi^  heat  transfer 

led  to  non-uniform  t*mT»«r«t.ur<»   nrofil«a   in'-i^e  thp  slot  repion. 

In  or^er   to   »nable  a  r^a-on  ble  conp^riror.  of  tept  fesultr   th» 

mep'-urec   WPII   tpmrieratur"   at  x/s   = n»^  imme^iatnly dcwrrtream of 

the   in^ecti^n   nort w?^  H^fin^H   ar-  the  coolin»? pir entry temrerrture. 

Acconntin"   for th» mMn -tream  ten^erptur?  rraiient close   to  the 

w^ll,   shown  in Fir.   2  (b),   data reduction wa« made considerinf the 
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teniD^ra' arc  of the  uncooled  wall  an   referercp   t^prerature   in?4 end 

of  the main   stmar /'a:j  t^mneraturc T...   The  film conlinfr pf^ective- 

nerp  was  defined  therefore as: 

1-   
'Wu Tc 

(1) 

Computations  showed,   that   the amount   of heat   transforred  by  radia- 

tion  was  ner-lirvible  small  and   that heat   transferred by convection 

had  a  Low and  relatively constant value.   Also,   it   followed   f'-om 

su'-iolemental   tests  that  the  heat  IOKR   through   the   inaulatod  wall 

wap  minor anH   coul i be rierlected. 

The  measurenerts of temnerature  profiles across  the  cooling layer 

at   different  distances  from  the   cooling slot,   along the  centerline 

of  the  test  zone   (z ■ 0)  i.e.   downstream of a  tangential  hole are 

represented  in Fig.   5«     In  it  the local   temperature difference 

1      - 

^r 2  -- 

Fig. 5   Temperature distribution 
for SC-      ; m'1,53 

TG-T w 

5Ü4< 



(T-Tw)  normalised  by  the rli fference between   ma-'n far- and  wall  tem- 

perature   i r. nlotteH  as a  function of  tha cooling  layei" de-^th  y 

refiuc«d  by  the  equivalent   temperat'ire   boundary lay^r  tbickne.Tr^'   •. 

The loeal  meari'irenonta at.   three distances, x   from  the  slot   a^e 

üonaratoly  represented  nn  th^  ilet. 

It   followr   from  Fie.   Jj that   the normalized   t'-mr^rature  nrofiles  n^e 

vo^y similar except   for the  one-  .i'ist   behind   the  coolinp; air entry 

rofrior.   The   full   lino  in   Fi^.   ^  rerrer.e-its   thf>   functional   rola- 

tionr.hin   rteduced  by  V/i e^har'dt. 

"'■■''f'''i 

4 

r T ) 
(2) 

T'u.';  r"1. a t i onu'--in   'a  very   "i^lla"  to   th"  one   which hold;.   ror   rr«<5 

.fo*   flows«   Th"   -^od  a'T^^^ic-tit  of  the   r'jr!Ctior  v/ith  'hr   test   fartuHa 

■■: it'-'^t 3   thaf   tor  'i1 1   cool'n"- confi .'>;ra1i ons  a  .^iiilar tntjlrieal 

ff:'ati on.shi p   for   f-o   tetinerature  di s'rihuti.on   can  be  rteHuceii. 

'fh"  oüolinr  efficiency^ measured  for  the standard corfi ruration 

is   "e^resented in  Tin,  6 a? a  function  of the blowinp rate m. 

The curve parameter is the distance  from the  slot x normalized 

by  the slot height  s.   The local measurements are  represented by 

the  symbols  riven  in  the lep-end and the   full  line   represents the 

best  fit   curve. 

It   can be   seen  that  in  the  potential   core  rerion  at 0> x/s > ^ 

the  coolinf  efferitiv^n^sr-  is  only nlifrhtly affected by  the  blowinp; 

rate.   rn   th«   r^cior   of w-nke   flow at  dij^an^on  >'/.'> 5   th*   t'lPbul*»n4 

-■i virr or   *Me   cool    boundary  layer with   the  hot  mair  ttream   is  th" 

heat   tPSnHfe*  con4-'")! linf  nar^re*«*'.   Th';   Cfiolill"1  "f+''ci.ency  bftCPWe« 

R   f'iiiction   o >■   i^..   v-'^cit;.'  •"•♦'lo  Vr/v     T?d  hence  of the  hlewlnp 

!••)*.■.   A'   l«"*"   ■/'-! r. c i i *'   differences   b^'w^^r   the   cool   brun^ary laynr 

li'!   ''•'•■  r.ft^n   stre«"'.   *hnt  it;  at   ':o\i blowing1   ratfs  '■ernecti vely  low 

conlin,-  a;r mmxo   flown,   rhe  turb'uont  r,;>:"r becomes  intansiv**   und 

:nn   rooA.i.nr  ef'ect^w insss  f]"croi.,<'.>-  bec-iifc-   *hc  cooling l^v^:-  is 

tgti i absorbedt   ■i'.  hi ;!i  hlowinr  rat«« ^ ^ 1»/J   Mt-    coolinp •ff»>etlve- 

T»as  tierd   "o a cona^.m*  val i".   ftlow^n"1  ra^os  "'^"va:;1   for nraetical 

f;ombun*or  line"  cool '■ r.p s^ar  b?>twren   l.0< m < '.''J« 
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Fig. 6   Film cooling effective- 
ness for SC- 
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piriw   "TH   p.-.r.f   Tra',,"r',r  MÄe^ttP-**"*^^  on   ',|J^'aricr~^  ^"niinp" ^onfip*»- 

jT,   ^o^«. •  fr>   t*!"  HecrribpH   te^t   r)»•pCPHu^',   th«1   flow  fi »Id  of  th*» 

prirni^nH   film   'n^^.■in«», confipurptions WP^  determined by meatsure- 

ment" of    all  static  and total pressu-e  diatributiors.   Due  to  the 

iT'-earpd   number of onollnp holes of  the  advanced  verrionR  the 

number of  air  ,i»t«  ■immediate1 v  downstroam of the roolinp- eteri 

•'T»'pa^pf,.   In     con^Ta^t   to  rtwdard   or»rfi purptio^R   thin  air  ^«tr 

^h^vr»^  only '~ma"n   ^i^fpr^^O"" betw^n   th"  hifhest  an^  lowrst 

n^n-rur«  l«»v»1   und  thev Inteffrated   fact  i p  a homoc-enpour   film. 

"'" m'1 p"! y !♦:  WP*"   'ourH   for  the  orolirp" nonfi.furation vf th  ooroup 

nat'-'r-'P!   that   thn  formpHo»-.  o*'  a    lont? nu^up  film  tpkos  nlao«  a1mo-t 

«t  ""ro.    M   p  d^ntane* of y/"  •=   ''. ^ nraoti c^ll^' no  np^RrUJ*« 

"■if ft yr>r,r f.    COUlH   b"    ^ »• ^orrTli »T'd    in    ?•    H-j ■>» e> r t i O'< , 

ri ■-,   7   -Viov;"   thp  tPT.oj'atur"  d'^t^i butio"   aionf tb^ mi "^oiane 

(r,  m n)   o ^   t^»1   film  for  th<l   P^verfl#>^   con'M'■'iirati on -   in  oorroTPiRnn 

fn   tbo   '-tcir''ard   film coolin^ versions.   The mea'-ur^mento  renrepentpH 

'•'"re  ma^e   ft   a normaliz»^ distnncp of x/r  a ^,2^>.   In^^it"  of  th« 
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ppitTPtriopl  ^i^ffrpnce" between  th^  Invertipat^d  cnnftpurati onp 

(poo  Tnble   l)   a  '■troig  •'imilprlt" of  the   tomnfratur«» ürofÜT  can 

bo ob-p'"v<»''1   from Ftp,   7.   This ^b^ervataon r^nfirmp   the  ^ame  rtete- 

ment made with rer-nefit   to  the temnerature HiFtribution meaFur«»d 

at different looationp  downstream of the  injection holes and  plot- 

ted  in FiR.   5.   It must be noted,   however,   that  the representation 

choRon   for Fif.   7  is  comuaratively   insensitive    to   smnll chanpes 

of temperature  distribution and does  not   fully  account  for differ- 

ences of film layer thickness  for the various  configurations. 

TV 

3- 

T-Tw 
0.2 T0-Tw   0.4 0.6 0.8 1,0 
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Fig. 7 Comparison of temperature distribution. 

I I I L_ 

The  film cnolinr; "ffertiveneFr of the SCT configuration related 

to  the affefttivan^an of  the  ntandard  confipuration ^p/^ ^^  IP 

nlottod  in  Fip-,   8  P~  a  function of  the blovinp mir) m.     Tho 

rvirmpli y."^   dirtar,^>    v/~   i"   ^hr  '•urve  '■>rjT,amptrr.     It   follow*"   fr^m 

'•'i''',   ■"   that   f*>v  x/a ^ '7»?  th"  ',r>olin'T  effect!vor",'~'"  of  the 

"T  t^'t  c'n *'i ' •»^"t'!r"!   i"  l^wer  th^p  that  of  th^   ••t,r'r>'r.r..i  r:n"r,\r- 
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Fig. 8 Comparison of film 
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This observation differs  from results reported by Nina and White- 
(7) law        and is attributed maialy to the increased tiet action of 

the SCT coolinf film.     In order to  inject the  same  amount of cool- 

inp air in to  the  film,   the velocity of the penetrating .lets 

increases because of the reduced coolinp hole  area (the  static holer 

ar« blanke^ off).   The hot mainftroatn air penetrates  in between 

the dinrretc  lets to  the well,   reducing considerably the cooling 

effectiveness. 

At  Inrrer downstream rHstances  x/s ■ l?.^ s^d  low blowing rates 

0,^7^ n ^ 0.89 where  the  .^etR integrate to  e  continuous  cooling 

le-"er the  values of   <? are  higher than those of   C en*   The  neak 

and  the steen rtrcrease of roolinr effectiveness shown  for the SCT 

configuration et x/^  =  10    ^nd    X/F =  17.5 in Fig.   8 clearly 

demonstrates the dercriber^  effect of jet action.   An improvement of 

the coolinp effectiveness of the SCT confipuration can be obtained 

therefore,   by reducinr the coolinc jet velocity v.,   that is,  by 

enlarging the hole  area,   or,   by stretching the   film cooling lip 

further downstream  in order to  stop hot mainstream air penetration 

to  the wall. 

The results of heat  transfer measurements  for  the  AC -  cooling 

configurations are  also reoresented in Fig.  8. 

The  figure shows  for the AC -   1  and AC - 2 test sections  a good 

qualitative correlation of the cooling effectiveness.  Quantitatively 

there exists however  a difference of the effectiveness because their 

desiftn of cooling hole  arrangement was different.     The  axis of the 

holes  for the AC -   1   version was inclined at  an angle of  10    and 

that of the  AC - ? configuration at en angle of  15    to   the main- 

stream direction.   It can be  seen from Fig.   8  that  en increase of 

the  i-'.lection anple  causes  a reduction of the  cooling effectiveness 
(2) an effect reported also by Sivasef-aram and Whitelaw    . 

The highest noolinr effectiveness was measured for the test con- 

figuration using porous material for cooling air injection. Al- 

though the horaopenity of the porous material was not fully satis- 

factory it still gave the most uniform cooling air distribution. 

Figure 8 shows that the cooling effectiveness continuously increases 

with the blowing rate and that in the region 3<x/s < 17« 5 the 
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highest efficiency of all configurations was obtained. For x/s 3 

17.5 the values of the cooling effectiveness are only at m > 1.2 

higher than those measured for the AC-1 test section. 

Correlation of Data 

In order to supply practical design criterias for gasturbine com- 

bustion chambers, an attempt was made to correlate the cooling 

effectiveness of the investigated configurations with the aid of 

an empirical equation taking into account the importance of the 

blowing parameter m. For blowing rates encountered in combustor 

liner wall cooling the cooling effectiveness can be described 

with an equation of polynomial form: 

Co ♦ C„ X + C. X2 + C, X3 (3) 

with X - x/s .  m "0*25 and Ci being empirical   coefficients. 

It should be noted that the velocity of the cooling air which 

plays a dominant  role  is related to the slot height  s  for confi- 

gurations with a cooling lip and to the step height h,   for ad- 

vanced configurations.  The coefficients of equation 3 are listed 

in Table 2 for the various cooling configurations investigated. 

Region of validity      1,5 <X <l8 

Config- 
uration 

SC SCT AC-1 AC-2 AC-PM 

Co 

CI 

C2 

C3 

1.029 

-i.77xio"2 

5.73xl0'5 

2.5 X10"6 

1.065 

-3.4 xlO-2 

7.91x10'^ 

-2.5 xlO"6 

1.0045 

-3.74xlO';5 

-4.56XIO"4 

1.4 xlO"5 

1.019 

-1.23xl0"2 

1.43X10"4 

1.36xl0"7 

0.997 

8.9 xlO"4 

-4.67X10"4 

7.69X10"6 

Table 2.       Values of the empirical  coefficients Ci 

In Fig.  9 the coolinr efficiency is represented as a  function of 

the variable X.   Measured values of cooling efficiencies are denoted 

by points and the  full  curves represent the  relationships given 

by equation 3 in connection with the values of Table 2.  Figure 9 

shows that  the measured values are well  described by equation 3' 

510< 
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The deviation does not exceed 3*8#. For values of X smaller 

than 2.3| the cooling effectiveness can be set with sufficient 

accuracy equal to one. 
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Conclusions 

The detailed measurements described in this paper showed that 

cooling air injection through an array of holes, instead of a 

single row of holes, greatly improved the cooling efficiency 

normally encountered for gas turbine combustor liners. 

Advanced film cooling configurations omitting film cooling lips 

with an array of holes oriented in nearly mainstream direction 

gave cooling efficiencies close to those of porous materials 

surpassing efficiencies of standard cooling arrangements. 

The highest cooling effectiveness was obtained using porous 

materials for coolin«? air penetration. Cooling configurations 

pmployinp such materials must be designed to take off stresses from 

the fibre material pnd to rrestly prevent cloppinp'. 
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The corrflation of tent data for air cooling rates common in comb- 

ustion chamb^rn with the pi A of the blowing rate a^ main paranrntsr 

mvp (rood afrpement between mearureH  »nd  analytic»! values. 

Fop further improvement  an* better optimization of combustor liner 

coolinp pytems more  experim»»ntflT heat transfer investigations are 

needed.  This livrti^-itions being performed  at   n«rodyn??mic  and therm- 

oclynamic conHition^  fimilar to that in actual comburtion  chambers 

can give rerultp of immediate nrartical  application. 
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THE  DESIGN AND DEVELOPMENT OF AN ADVANCED ANNULAR COMBUSTOR  FOR CIVIL 

APPLICATION. 

A  B Wassell     and     J E   Bradley. 

Derby Engine Division,     Rolls-Royce   (1971)  Ltd. 

Summarv 

One  of  the   requirements  of  the  RB.2I1  programme  from  its  inception was to 
produce a   short   overall  engine   length.    This was,   in turn,   reflected   in all 
the  components   including the combustor and   led  to ambitious performance 
targets  being  set   in   relation to the  length made available  for the 
combustion  process. 

In  order to meet  these  targets  several  novel  features were built   into the 
combustor during  its  design  and   initial development  phase,   especially  in 
the  areas of  the  fuel   injection   system and  liner cooling techniques.     The 
development   of  new measuring techniques to assess achieved  performance 
constituted a  significant  part  of the total  programme.     Nevertheless the 
effort  expended   in  the   solution  of these problems  has  enabled a much 
greater understanding  of  the whole combustion process to be achieved.    A 
review of  these new  features and  techniques  is given and their effective- 
r;« ss  discussed. 

A  fixed  geometry combustor  is of   necessity designed as  a compromise between 
the  conflicting  requirements of  traverse pattern factor,  altitude  ignition 
capability and minimal  environmental  pollution from exhaust  products.    This 
paper discusses  some  of  the compromises that  have been adopted  for the  RB.211 
engine and describes the combustion development  testing that  has been 
carried out   in  support   of the programme. 

Int roduct ion 

The advantages that  would accrue  from the adoption of an annular combustion 
system in terms of  short   length and minimum  surface area for a given 
combustor vulumt   were  appreciated at a very early   stage   in the development 
of   the  gas turbine  engine.     These attributes made  the annular system 
ideally  suited  for use   in expendible missile and   lift  engine applications. 
In  fact   Rolls-Royce  entered  this  field  in the early   1950's with the 
production of  the  RB.82 and   RB.93. 

This   led  to the  successful  development  of a  line  of  small annular 
combustors which powered Europe's first VTOL aircraft   like the  Short  SCI 
end   the Marcel   Dassault   Balzac V,   In the early  1960's this technology was 
being applied  to military  fighter aircraft,   but  these early proposals were 
only  evaluated  on the  combustor   rigs as the parent  engines failed to come 
to  fruition.    The data  produced,   however, was used  to formulate the 
combustor which was  subsequently  chosen for the  joint   Rolls-Royce Turbomeca 
Adour engine   (currently  powering  the SEPCAT Jaguar and   the HS Hawk). 

All   these combustors,   however,  were  for use   in  low pressure   ratio engines 
of   relatively  small   size   (none  being greater than 0.7 meters  in diameter). 
The  advent  of  the  large  high  bypass  ratio engine   required much   larger 
combustois  to be developed  capable of  operating with  long  life at  high 
pressure   ratios   (greater than 20  bars).     The Company's  traditional 
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emphasis on  short and compact  combustors was   reinforced by the need  to 
conserve  still   further the flame  tube cooling air,   to  reduce engine weight 
and  to minimise  the  shaft  whirling problems  that were considered a 
possibility at   the  start  of the design of  three  shaft engines. 

Description of  the  KH.211  Combustor Design 

(a) Karly  History 

A deiixmst rator project,   the   RB.178,  was   launched   in  1966,   and  the  rig 
testing,   in addition to a   limited  amount   of engine  testing during  1968 
highlighted   several   problems  -  notably   severe  local   overheating of  the 
combustor   liners - which had  not   been encountered on the earlier low 
pressure   ratio designs.     Two civil  projects were   launched   shortly 
after the  RB.178 incorporating annular combustors based  on  the 
experience  that  had  been gathered  -  the Trent  being a  2.5  bypass 
ratio  version of  the Adour and  the   RB.211-06 being derived  from the 
RB.178,     In fact  the  first Trent   engine   ran in 1968,  a  few months 
earlier than the RB,211-06,   but was eventually  shelved  through the 
lack of a  suitable application. 

(b) Design Philosophy 

The combustor design of necessity  lent  very heavily on the previous 
annular experience.     Since this was not   strictly  relevant  to the  RB.211 
operating conditions significant  extrapolations of available data had 
to be made  especially  in the area  of wall  cooling.     Indeed   it   required 
four  complete  redesigns of  the cooling configuration before a 
satisfactory basis for the  fu    re development was achieved. 

On the other hand empirical  co   .lations that had been derived  for 
sizing the  burning volume of  combustor proved exceedingly accurate. 
Unfortunately the  significance of  the non-burning portion of the 
conbustor system had not  been fully appreciated and  it   is probably 
true to say that  some of the  pattern factor problems described  later 
can be attributed to the  shortness of the diffuser section. 

Some of these aspects are now discussed  in more detail. 

(c) Sizing the Combustor 

The burning volume was dictated  by  the  need to achieve adequate power 
output at  all conditions of  high combustor loading to enable the 
engine  to accelerate  from start   up or windmilling.     The depth of the 
flame tube was chosen to give a primary  zone volume capable of meeting 
the  required altitude  relighting  requirements and the burning  length 
to be  similar to previous annular chamber experience.     The emphasis 
placed on minimum combustor  length was not  only applied to the  burning 
length,   but  also to the  intake  section and  this  led  to a  highly   loaded 
diffuser being accepted.     Engine  length was further minimised  by using 
the combustor entry   section as  the   location of  the  source  of  high 
pressure air for the cabin air bleed off  takes - this being achieved 
by  struts which transfer air from the combustor inner annulus to a 
manifold  external  to the combustor. 

The prime  targets for the  first   RB.211  combustor were  to produce an 
adequate  pattern factor  (set   initially at  40%),  at  the most  a   light 
grey   smoke  plume from the  exhaust,   a   relight  capability up  to 
9.75  km   (32000 ft)  and a   life  of  3000+  hours  in  service.     These 
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targets were set  for the  RB.211-06 engine which was  Initially designed 
for 148 kN (33260 lb)  take off thrust and have continued unchanged 
(except that an Invisible smoke  requirement has been substituted) up 
to the 214 kN  (48000 lb)  RB.211-524 engine -  see figure  1. 

1967 1966 

Figure 1 RB.211    Milestones - Thrust  Growth. 

Throughout this period of engine thrust growth,   the combustor remained 
basically the  same,   being changed only in the detail  of  its mechanical 
configuration  (i.e.   refinement  to the wall cooling processes,  alteration 
to the flow proportions and hole sizes).     The combustor length remained 
unaltered both in its non-burning  (or entry diffuser) and burning zones. 
The  short entry diffuser benefitted from a considerable amount  of 
experimental testing performed  on aerodynamic models of the RB.178'1'. 
This work continued through the life of the RB.211-06 and further 
modifications to the  strut and fuel injector fuel  feed arms were 
incorporated  into the  RB.211-22 combustor to minimise the  losses due 
to obstructions present   in the outer diffuser. 

The extent to which this 
design departed  from 
previous practice  in this 
respect can be  seen from 
figure 2.     This  shows  the 
relative  lengths of  some 
current  engines.     The 
length parameter is 
corrected for differences 
in the engine layout  to 
enable a true comparison 
to be made.    The 
assumptions made are 
that  the combustor 
length/depth  ratio and 
overall  residence time 
will  remain fixed  in this 
scaling process;   thus   it 
can  be simply  shown that 

LMH4TH BMH\H6   LXMfcTH 

INCbwMJ 

tnUT 

Figure 2  Relative lengths. 
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(d)    Wall Cooling 

f 'datum J 
r»* a turn whrrc L -  tombustor  length. 

A  =   IIP vane throat  area, 
ft = Combustor mean   radius, 

Despite the  fact  that  engine pressure  ratios  (and hence combustor 
inlet  temperatures) and combustor outlet  temperatures have  been 
increasing to achieve higher levels of  engine performance,   the 
combustor  liner temperatures have had  to  remain constant  to maintain 
the component   life.    The development  of new materials suitable for 
liner fabrication would ease this problem,   but  over the  last  twenty 
years the materials have not  kept  pace with the demands of  technology. 

Thus  the designer is forced  to  improve his knowledge of  the heat 
transfer processes and the methods of cooling that  can be applied  to 
combustor liners.     Basically film cooling has been adopted as the 
most  efficient   internal  cooling mechanism    with external  convectlve 
cooling  being used  in addition on a  number of designs.     Initially  very 
simple and unsophisticated devices were used to produce a not  too 
circumferentially uniform cooling film.    As the task became more 
demanding technically,  the  sophistication  increased with devices 
progressing from fabrications  to fully machined parts so that  the 
percentage of air used for wall  cooling purposes actually dropped 
despite the general  increase  in operating temperatures.    This  is 
eloquently  illustrated by figure 3.     The material  limitations are 
shown as the average temperature  below which the  liner should  be kept 
if a   long service  life  is to be achieved. 

I This  trend must  be 
continued  if  the 
designer is to have     J 
any chance of | 
scheduling the 
airflow distribution 
within the combustor 
to minimise the 
production of 
pollutants,   in 
addition to achieving 
the desired durability 
especially  since 
operating temperatures 
show no  signs of  being 
reduced.' 

(e)     Fuel   Injector 
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Progress  in wall  cooling 
techniques. 

kolls-Royce pioneered the development  of the air assisted atomiser in 
the hope that  a  system simpler and cheaper than the conventional 
pressure jet   system cou.J  be  produced.     First  experiments were performed 
on the  RB.108  in the early  1950's,   but  development continued at a  slow 
pace  until  this type of fuel   injector was  selected  for the Adour.    All 
previous  service experience had  been obtained using twin orifice 
pressure jet  atomisers,   including the RB.178)  but  the Adour has 
performed   successfully using only a   single  feed  system. 

A modified version of the air assisted atomiser was adopted for the 
RB.21L. In order to ensure that the smokiness of the exhaust plume 
was  kept  to a minimum the  incoming_c.oiit of  fuel was surrounded on yas  kept  to a  minimum the   incomina_cpnf  of  fuel 



both  sides by sheets  of air.     Initiaily  '.he iuel   injector design was 
of  the twin orifice  type   in which  the two concentric   fuel   tubes  fed 
into one cavity before the  fuel was admitted to the  swirl  chamber, 
was  soon found that   the  thickness of  the twin  feed   system caused  an 
unacceptable wake   in  the outer air  sheet   resulting   in  a  poor fuel 
distlibution.     Since also the  lighting performance of  the   injector 
did  nol   seem to bo   improved  by  the  presence of  the   pilot   fuel   system, 
the   injector was  redesigned  on the   single iced  principle.     The 
current   production   standard  for the  RU.211-22   is   shown   in  figure 4. 

In  general   the  burner has 
performed very well.     The 
atomisation achieveable 
depends  strongly  on  the 
airflow through the 
burner;   typical  fuel 
droplet   sizes at   idle 
would  be   100yu m whereas, 
at   take-olt  conditions, 
this  falls to about   25km. 
In the early clays of  the 
R3.211,   fuel  placement 
was  somewhat  variable 
comparing different   in- 
jectors,   but  close 
attention to manufactur- 
ing procedures has 
virtually eliminated   the 
problem. 

It 
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Figure 4       RIi.211  Air Assisted Atomiser. 

(f)     Altitude   Rolight 

As  previously mentioned,   the  volume contained  by  the  flame tube   is 
determined not   by  the  heat   release   required  under   the  top power 
condition,   but   by the  need   to   relight   the combustor under windmilling 
conditions at  altitude and  to provide  sufiicient   temperature  rise  to 
accelerate the engine  from these  conditions.     The   size  of   the   •"imary 
(or  re< irculation)   zone of  the combustor  (figure  6)   in   reJat1 

the amount  of air  recirculating controls the   relighting abili ..nee 
this  fixes the   residence time  of  the air  in the   region where the  flame 
can  be  stabilised.     The quantity,   distribution  and   atomisation quality 
of  the  fuel  and  the amount   of   ignition energy available are  the  other 
variables over which   the designer exercises control. 

At   high forward  speeds   (greater than   .6 Mn)  the engine will   require 
very   little assistance  from the combustor to accelerate  from the wind- 
milling condition and  thus  the  lighting capability  of  the combustor 
will   determine the   relighting envelope of the engine.     At   lower  speeds, 
the  total   volume of   the combustor becomes  Important   in  determining 
whether sufficient   temperature  rise  can  be achieved   to  accelerate the 
engine  at  the very  high combustion  loadings  that   are  encountered. 

Which of  these two  volumes   (primary  or overall)   is  critical  will  depend 
on  the   layout  of any  particular design.     It   is essential,   however,   to 
be able  to predict   the  performance  of any new combustor at  the  design 
stage.     This  is done  at   Rolls-Royce  by a  semi-empirical   method   based 
on  the  prediction of  windmilling characteristics   for  the  engine 
together with correlation  of  experimental   ignition  data. 
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Once  the combustor has 
been manufactured  it -—« -=»—* *'*• 
Is possible  to evaluate 
its  ignition  perfor- 
mance  both  at   sea   level 
and at   sub-atmospheric 
pressures  to  simulate 
the conditions 
encountered   under 
windmilling conditions, 
The  rig data   leads to 
an approximate 
estimation  of  the 
engine  relighting 
chai-acteristics as 
can be  seen  from figure 
5,   but  eventually  it   is 
necessary  to confirm the 
contractual   requirements 
by  full  engine  tests. 
This can be done with the 
engine  installed  in a 
production aircraft  or in Figure 5 
a flying test  bed as part 
of the normal certification 
procedures or the engine can be tested  in an Altitude Test  Facility. 
Figure  5  shows  results obtained  by both these methods and these 
indicate that  the  semi-empirical  design method  fortunately proved 
more  reliable a guide to relighting performance than did the  Ignition 
tests on the   rig.' 
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RCSULTS. 
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Relight Envelope  for 
RB.211-22 engj les. 

Experimental  Techniques 

The preceeding  section has discussed  the  important  features designed  into 
an aero-gas turbine combustion system which will determine the ultimate 
level  of achieveable performance.     It   is certain,  however,  that  because of 
the  still   largely unpredictable nature of the combustion process,   the first 
sets  of  hardware  produced  from a new design will  fall a  long way  short  of 
the desired  targets.     The combustion engineer has,  therefore,  to test  this 
initial  hardware,   to assess  its performance and  to carry out modifications 
based  on this analysis  repeating the  process until  the ultimate  goals are 
achieved. 

As has  been  stated already,   the combustors  for  RD.178,  and the  RB.211 which 
followed  it   represented a  step change  in  size and  operating pressure  in 
relation to the Company's  previous annular combustor experience.     This was 
of course espet tally  true of the test  facility  equipment  necessary to 
support  the combustor development   programme.     For instance one  Important 
performance    parameter  Is the degree  of     variability of  the temperature 
distribution at  exit   from the combustor.     In addition  it   is also desirable 
to determine the  fuel air  ratio variations both at  exit  from and at 
stations actually within the combustor itself.     Exit  pressure and  mass 
flow  variations also provide essential  data. 

(a)     Traversing Equipment 

To achieve  these data,   Rolls-Royce has designed  and  built   its own 
external   traversing equipment   for the   RB.211   programme based  on the 
operating experience  gained  on   similar,   but   smaller equipment   used 
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Figure 6       RB.221-22B Production 
Standard Combustor. 

Figure 7      External Traverse 
Gear. 

Figure 8      RB.211  Rig Combustor 
Unit   Installed  with 
Traverse Gear on Test 
Facility. 
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In the earlier programmes.     The engineering problems can be  imagined 
by  reference  to figures 7 and  8 which  respectively show the traverse 
gear Itself   (which weighs c.14 tonnes) and then  installed on the test 
facility  behind the  RB.211  combustor.     This  system permits 360orotation: 
It   is used either swinging through arcs of ± 60°  (enabling averaged data 
to be obtained)  or moved  in 2.5° intervals Tfor point   sampling).     The 
traverse gear carries  individual  single point  platinum-rhodium thermo- 
couples  (double shielded to prevent  radiation errors and aspirated to 
maintain a constant  airflow over the bead) and three multi-hole gas 
sampling probes  (for efficiency and pollutant  surveys).     The exit 
distribution covering the complete annular chamber  requires about  1200 
individual   readings which can be accomplished  in approximately 3/4 
hour.    The temperature data  so obtained from this traversing is used 
to calculate  performance  parameters which  relate to the  lives of the 
turbine  blades and nozzle guide vanes.     These are known as the  radial 
and oveiall  pattern factors and are defined  in terms of the 
temperature difference  between their respective peak temperatures and 
the mean temperature non-dimensionalised  by the combustor temperature 
rise. 

(b)    Pattern Factor Determination 

During the development  of a combustion chamber,  one of the major 
problems  is to minimise the overall pattern factor and  to match the 
radial pattern factor to that   required by the turbine  blade.     The 
RB.211 programme was no exception in this  respect.' 

All  the Company's previous civil engine experience had  been gained 
with tubo-annular combustion  systems and  it was very quickly found that 
the advantages expected  from the  switch to annular systems were going 
to be difficult  to realise because of the greater problems of 
stabilising the flame in an annular environment.     The first liners 
suffered from  severe overheating,  especially of the outer wall, 
despite the better cooling performance and consistency which the fully 
machined cooling  rigs were known to give over the earlier wiggle-strips. 
Consequently the first  priority was to produce a mechanically viable 
combustor to enable the development  of the engine to proceed.     This 
was achieved  by overcooling the flame tube walls,   but  only at the 
expense of a  disastrous deterioration in overall pattern factor. 

This can be  illustrated  by considering part  of the history of the 
traverse development carried out  on the -22 combustor.     This part 
relates to the era of  low pressure testing  (at  2  bars) which was 
adopted both  to speed  rig turn  round  times and as a  result  of the 
enormous pattern factors  initially measured;  for the data  suggested 
that  the test  pressure  level  could directly  influence the pattern 
factor level.     The other major problem was  logistic in that the 
peak temperatures encountered  by the platinum-rhodium couples were 
high enough   (c.   1700oC)  to cause frequent  failures.     To ease this 
situation,   it  was decided to operate the combustor at  a  reduced 
temperature  rise until  the pattern factor could  be  improved sub- 
stantially.     This desperate  story is charted on figure 9  from the 
end  of  1969   (just  after the first   run of  the  RB.211-22  engine)  to 
August  1970  (the definition date for the prototype combustor for 
LlOU  flight   trials). cr^n-r- 
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Figure  9       Early Traverse History of   RB.211-22 Combustor at  2  bars. 

The  powerful  effect  of cooling air quantity on pattern factor is 
clearly  shown  in the early tests,   but   it  took  some considerable time 
to arrive at  a compromise which would  give  both an adequate cooling 
capability and an acceptable  traverse  quality.     The other  major mile- 
stone  in the programme was the  introduction of a conical  flare around 
the  fuel   injector which supplemented  the air already surrounding the 
fuel  cone from the  injector itself   (figure 4).     This modification 
appeared   to produce a much more consistent   primary  zone   reversal 
pattern  and  the  traverse quality   responded   immediately. 

It   should be noted,  however,  that the  levels of  pattern factors quoted 
are  very  dependent  on the methods of measurement and the test 
procedures used.     Considerable attention has been paid to this problem 
at   Rolls-Royce and every effort  has been made  to establish the correct 
value of  the maximum temperature.     In particular the design of the 
thermocouple has  been shown to be critical. 

Following established  practice,   during the   initial  development  of  the 
RB.211  combustor the overall  pattern factor was defined  in terms of 
the peak temperature  measured   in each particular temperature   survey. 
It   became apparent,   however,   that   this method   sometimes gave   rise to 
inconsistent   results and  occasionally  to blalently  incorrect 
conclusions as a  result  of  random sampling errors associated with 
trying to  record   the  peak  temperature.     Indeed  on occasions   it  has 
been  shown that  temperatures  in  the  vicinity of the peaks can 
fluctuate  by  as much as +  100oC. 

In  order to overcome  this  situation,   more   representative ways  of 
expressing the overall  pattern  factor were   investigated.     The  outcome 
of  this work was a  statistical  method  to define the peak temperatures 
for the  whole combustor based  on data  drawn  from each  sector   (a  sector 
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being represented by the   repeating geometry of the combustor centred 
on each fuel  Injector - each 20° for the   RB.211).     Dryburgh discusses 
the derivation and operation of this method  in  his paper'2' also 
prepared  for this  symposium.     The method  has proved   itself 
indlspenslble  in separating the effects of changes which would  other- 
wise have been undetectable. 

(c) Primary Zone  Sampling 

The  sector to  sector variations that are  found to exist   in the exit 
temperature patterns of annular combustors were  thought  to originate 
in the combustor's primary  reversal  zone.     In order to  investigate 
this,  a  system for sampling the fuel air  ratio distribution at exit 
from this zone was devised.    A  twin headed  steam cooled  probe already 
installed  in the external  traverse gear was Inserted through the 
combustor exit  duct.     By doing this  it was possible to draw samples 
from this probe at  the  same time as the exit  temperature distribution 
was being measured.     It  was  soon discovered,  however,   that at  high 
pressures the  primary  zone probe became  blocked  by carbon too quickly 
to allow a full   survey to be completed.     Rather than delay the 
combustor development  programme while an  effective probe for high 
pressure operation was produced,   it was decided to restrict testing 
to a pressure of two bars. 

The analysis of the  sample was performed  using a  rapid on  line system 
developed  by the N.G.T.E.C3) at  Pyestock.     This enabled the distribution 
of fuel air ratios to be established  for a  120° sector without adding 
significantly to the time taken to complete the exit  temperature  survey. 
A typical  plot  for the early RB.211-22C engines  is shown on figure  10. 
This clearly  shows a considerable variation from sector to sector.     In 
addition the peak levels were high enough to be  the probable cause of 
the visible  smoke plume emitted from the  engine  under take-off 
conditions,   but  the worst   sector distribution  in the  primary zone did 
not,   surprisingly,  correspond to the worst  sector temperature 
distribution at  outlet.     Indeed  it was subsequently found,  using 
radioactive tracer techniques,  that considerable circumferential  fuel 
migration  (+ 30°) was possible between the point  of  injection and the 
combustor exit. 

Nevertheless the monitoring of the fuel air distributions at  the 
primary zone outlet  has proved to be a very valuable aid  in assessing 
combustor modifications,  especially those associated with  reducing top 
speed  smoke.     This process has  led to the  production of a  smoke free 
combustor^)  for the  RB.211-22B engines.     The corresponding primary 
zone fuel/air  ratio plot   is  shown on figure  11. 

(d) Vaporous Emissions during Engine Starting Phase 

During the early  flight  testing of the  RB.211   in the  Lockheed Tristar, 
it was found that  a white  vapour was emitted from the engine exhaust 
during the  starting cycle when the ambient  temperature dropped below 
approximately 20oC.     This  vapour consists  of an aerosol  formed by the 
condensation of  fuel  vapour which escapes  from the combustor under 
conditions  of  the high combustor loadings associated with the  starting 
regime. 522< 
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Figure   10      Distribution of Fuel/air Ratio at  Exit  from the 
Primary Zone for RB.211-22C 
(contours of  local  value/mean value). 

FUEL IHTGCToK 
POSITIONS . 

Figure  11      Distribution of  Fuel/air Ratio at  Exit  from the 
""^~~,^"—      Primary Zone for RB.211-22B. 

(contours of  local value/mean value). 
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In order to investigate this  problem use was made of  the atmospheric- 
test  facility,   since  for the  starting phase,  the combustion chamber 
pressures are  little different  from ambient.     By  so doing,  the vapour 
could  be  seen  leaving the combustor,  but   it  was  found  preferable to 
observe the phenomenon at exit  from the exhaust stack. The effect 
of  varying the operating fuel/air  ratio of  the combustor was evaluated 
under these conditions and  it  was found that   the vapour could  be made 
to disappear by 
increasing the  fuel 
air above a critical 
value(5).    Although 
this  result was 
achieved by  varying 
the  overall  combustor 
fuel/air ratio  it was 
considered to be as a 
direct   result  of  the 
changes being applied 
to the primary  zone. 
The data  is displayed 
in figure  12  for the 
initial design. 

0 

§ 

i 

I 
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This shows that the 
vapour problem could 
be solved if the 
primary zone airflow 
could be reduced from 
A to B.  Unfortunately 
this degree of richening 
would be unacceptable 
for other reasons (i.e.      Figure T2 
the formation of top 
speed smoke) so that a 
modified primary zone had to be developed. The results of this 
programme are also shown on figure 12.  It can be seen from this that 
the target fuel air ratio was successfully met with an acceptable change 
from the original primary zone airflow (C). 

-- 7»  TNiTiAi- DCSiqM. 

Vapour production during 
engine starting cycle. 

Conclusion 

While the combustion designer attempts to produce a concept that will 
achieve all the known requirements it is unlikely to meet all these goals 
from the start.  If, however, the design has been well executed the 
combustor will have the necessary potential which will have to be 
exploited during the development phase. The development will expose new 
problems which have not previously been encountered and their solutions 
must be incorporated into the next design concept. 

The current in-service performance of the RB.211 combustor has demonstrated 
that most of the original design targets have been met lending credence 
to the design methods used.  Both the overall and mdlal pattern factor 
targets has been substantially achieved; the relight performance has 
matched predictions; the exhaust smoke plume conforms to the 
U.S. Environmental Protect ion Agency's future requirements^6^; and 
finally lives of up to 2000 hours were established within eighteen 
months from entry into service. 
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The experience gained developing the  RB.211  combustor has  shown that  the 
design and development  functions are  inextricably  related.    This  is 
especially true when external  forces come  into play  like,   for instance, 
the new pollution control   legislation being introduced  into the U.S.A. 
This  legislation has already  radically changed the established design 
and development  practices and will continue to dominate design trends 
throughout  the next  decade. 
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PVo-GENIC   IGNITION  SYSTEM FOR AFTERBUIUKRS 

S.   SubrahnuUiySMi   ".K.   Murthy    and  P.A..   Paranjpe 

Propulsion Division,  National Aeronautical Laboratory,   UaagaJ-ore,India 

1.     Introduction; 

Quick and reliable  ignition of kerosene-air mixtures over a broad 
operating range forms a significant requirement for the operation of 
afterburners/duct burners of aviation gas turbines.    The  following  three 
techniques are currently used for  igniting the fuel-air mixtures  in 
afterburners.     1)  Hot streak ignition 2)  Pilot chamber  ignition 3)  Cata- 
lytic  ignition.    3ut  eac'i of  these techniques have certain inadequacies 
as  explained below: 

In the loot streak ignition technique,   immediately after opening the 
fuel  to the afterburner,  additional  fuel  is  injected into the main 
combustor at a convenient location in sufficient quantity over a very 
short duration.    The injected  fuel  ignites  spontaneously causing a high 
intensity pencil of flame  to shoot through the turbine  stages into the 
afterburner,  where it  ignites  the  fuel gas mixture.    Obviously this 
metiiod limits the numhor of  turbine  stages  in order to reduce the  spread 
of  the pencil.     In addition the fuel injection process  is  severely limi- 
ted in duration becaune the  turbine  stators are  subjected to  excessively 
high temperatures during this x^rocess.  Further,   in this method,  the  igni- 
tion of  tue gases takes place first at the gutters located near  the 
outer peripiiery,   thus resulting  in a large  "dead  thrust"  zone between 
maximum Iry thrust and minimum  afterburner thrust. 

In the pilot chamber  ignition technique, a small pilot combustion 
chamber,  located ahead of  the flame liolder,   is first  ignited by an 
electrical  spark and  the hot gases thus generated  ignite  the afterburner 
mixture.     Sometimes a depression in the turbine exit cone  fairing  is 
fitted with a spark plug and a fuel injector  so  that it works like the 
pilot combustion chamber described above.    This metiiod of pilot  ignition 
is disadvantayaous because of the weight of the combustor and a number 
of parts like  spark plugs and  ignition unit.    Further,  the system 
reliability is likely to be reduced owing to the possibls fouling of the 
spark plug or to the possible failure of high tension electrical  insula- 
tion on spark plug leads situated  in the hot afterburner  environment. 

Thus for modern engines employing multiple number of turbine stages 
and requiring fully modulated and part-throttle reheat,   both the above 
methods have their limitations on account of the unfavourable  features 
mentioned earlier.    The third technique,  catalytic  ignition,   is fairly 
of recent origin and it  is  employed presently only in a limited way. 
Although catalytic  ignition system was found to(be quite  effective on 
the basis of experimental ••;ork carried out here^   ' ,  it has an inherent 
disadvantage of requiring a highly expensive catalytic  element which 
may become  ineffective during  service on account of poisoning and de- 
position of carbon (2) Further it loses effectiveness very rapidly 
with the decrease in temperature of the catalyst. 
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In order to overcome the deficiencies and disadvantages of the 
above described techniques/ experimental work was undertaken to evaluate 
a novel technique of ignition using concentrated hydrazine and a cheap 
catalyst. This new technique is hore-after referred to as "Pyrogenic 
Ignition System". This paper describe« the investigations carried out 
with this technique and demonstrates its effectiveness and superiority 
over the established methods. 

2.  Experimental Set-up; 

The experimental set-up used for these investigations was basically 
similar to that used earlier ***' ^for catalytic ignition studies.  It 
is briefly described below. As shown in Fig.l, it consists of a combus- 
tion chamber as a gas generator feeding into a 165mm diameter stainless 
steel pipe, with flow spreading baffles, which terminates into a model 
afterburner exhausting to the atmosphere. 

2.1 Combustion Chamber 

This  is a can-type aircraft engine combustor consisting of a 
nimonic flame tube, a mild steel casing,  a fuel atomiser and a spark 
plug. 

2.2 Fuel System 

A motor driven, swash plate type aircraft fuel pump supplies fuel 
from the service tank to the distributer under pressure. Fuel is fed 
from the distributor to different injectors of the set-up. The surplus 
fuel is returned to the service tank. 

2.3 Automatic Temperature Regulator 

Since the fuel is supplied to both the main combustion chamber and 
the afterburner from the same distributor, any change in the afterburner 
fuel flow rate alters the through-put to the main combustor. Thus the 
tanperature of the gases entering the afterburner is affected by changes 
made in the afterburner fuel flow rate. A decoupling of the two flows 
involves manipulation of the main combustor fuel control valve in 
accordance with the changes in afterburner fuel flow rate so as to 
maintain a constant afterburner inlet temperature. A servocontrolled 
electronic temperature regulator was developed to maintain a constant 
afterburner inlet temperature. 

The regulator system senses the afterburner inlet temperature 
through a thermocouple, compares the thermocouple output with the 
reference input fed from a calibrated potentiometer, chops the difference 
at 50 Hz, amplifies the difference and feeds it to the control winding 
of the servomotor geared to the fuel control valve of the main combustor. 

2.4 Model Afterburner 

Model afterburner represents a typical geometry of the afterburner 
used on aircraft engines. It was made up of three lengths of 232mm 
diameter stainless steel pipe. The middle portion was fitted with a 
24° V - gutter flame holder supported by 3 radial 24° V - shaped struts. 
This configuration gave a blockage ratio of 35%. 
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Far upstream of the flame holder/ a 12.25 mm diameter fuel ring 
having a number of 0.5 mm diameter orifices was located at mid-radius 
at entry to the afterburner.  Injection was parallel to the gas stream 
in the counter-stream direction. This design achieved good penetration, 
atomization and fuel distribution so that the fuel-gas stream entering 
the flame holder section was uniform and completely pre-mixed. Thus 
the uncertain variable of fuel-air ratio distribution as eliminated. 
The portion downstream of the flame holder was enclosed in a cooling 
jacket through which high pressure cold air was forced. 

2.5 Ignition System 

The main combustor was provided with an ignition system consisting 
of a power supply, a high tension ignition exciter and a high energy 
discharge type spark plug. A similar system was provided for the after- 
burner as an auxiliary system. In the afterburner, the spark plug was 
located just ahead of the flame holder. 

2.5 Pyrogenic Ignition System 

Fig.2 gives a schematic arrangement, of this system. A simple ori- 
fice type injector was fitted on the afterburner so that it projects 
inside the space of the radial supporting strut of the flame holder, 
so as to spray hydrazine on to a rusted iron baffle plate fitted on the 
lee-side of the flame holder at the junction between V - gutter ring 
and the supporting strut. The injector was connected to a hydrazine 
reservoir situated directly above it. The hydrazine reservoir was provi- 
ded with two pores, one for replenishment which was connected to the 
hydrazine storage and transfer system and the other for pressurization 
during injection.  The latter port was connected to a compressed air 
supply or inert gas cylinder.  Highly concentrated hydrazine was not 
commercially available in India and it was prepared at site from hydra- 
zine hydrate and checked for its concentration* '' . 

2.7  Instrumentation 

Air and fuel flow measurements were made with calibrated orifice 
meters.  Static pressures were measured by employing high precision 
Bourdon gauges. Chromel-alumel thermocouples were used to measure 
temperatures. Figs. 3 & 4 sJiow the experimental set-up and the model 
afterburner in operation respectively. 

3.  Experimental Investigations; 

The experiments were carried out in two phases.  The first phase 
included the determination of the stability envelope of the flame holder 
at two inlet temperatures on the lower side which represents a more 
difficult case for ignition and stabilization.  In the second phase, 
ignition checks were conducted with the pyrogenic ignition system. 

3.1 Stability Limits 

During the tests the following procedure was adopted to determine 
the stability envelope of the flame holder; 

1. Air flow rate was set to a desired value and maintained 
constant 52£< 
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2. Fuel was admitted to the main combustor and ignition 
switched on. 

3. After igniting the main ccmbustor, the electronic tempera- 
ture regulator was set to give the desired afterburner inlet 
temperature. 

4. Cooling air to the afterburner jacket was admitted. 

5. After attaining steady conditions enough fuel was fed to 
the afterburner and it was ignited by an auxiliary spark 
ignition system.  Ignition at high gas velocities was not 
possible with a spark ignition. Hence hydr*zine was injec- 
ted on to the baffle plate to achieve ignition. 

6. The afterburner fuel flow was gradually reduced or increased 
until the flame blow-off occured. The fuel flow rates at 
^ean and rich blow-off limits were noted. 

The above steps were repeated for different air flow rates and 
thus stability limits were determined. 

3.2 Ignition Limits 

The second phase of experiments was conducted to determine the 
ignition capabilities of the pyrogenic ignition system. The procedure 
described earlier under steps 1 to 4 of the stability experiments was 
common to these experiments. After attaining steady conditions at 
entry of the afterburner, proper amount of fuel was fed into the after- 
burner so that the fuel-air ratio corresponded to either rich or lean 
incipient blow-off limit of the flame holder. Hydrazine was then in- 
jected on to the rusted iron baffle and the ignition was checked by 
direct visual observation of the flame. A comprehensive experimental 
programme was carried out at the lower afterburner inlet temperature of 
400 C because a number of spot checks at higher temperatures, right 
upto 600 C revealed that there is no inadequacy of pyrogenic ignition 
system at high temperatures and the threshold ignition limits are likely 
to be even below 400 C as shown by the three spot checks carried out at 
350° C, 300° C and 2500C which gave spontaneous ignition. This result 
is marked as a triangular point in Fig.5. 

4. Results and Discussion 

4.1 Stability Limits 

The full lines  in Fig.5 represent    the stability characteristics 
of the flame holder for an entry temperature of 400° C and at the ambi- 
ent pressure of about 0.9 atm.     The abscissa represents the air flow 
rate  in kg/s and the ordinate represents the afterburner  fuel-air ratio. 
The burnt oxygen in the main combustor was not taken into account while 
calculating  the afterburner  fuel-air ratio in view of the uncertainty of 
the main combustor efficiency.     It can be seen from Fig.5 that the  lean 
limit fuel-air ratio is nearly half of  the  stoichiometric ratio and  the 
rich limit fuel-air ratio  is 1.5 times the  stoichiometric ratio,   even 
for an air flow rate of 3 kg/s which corresponds to an inlet Mach No. of 
0.27.  Experiments could not be conducted at higher  inlet Mach numbers 

529< 



- 5 - 

due to the limitation of the available air flow. 

4.2 Pyrogenic Ignition 

A number of experimental runs were made with hydrazine injection 
for afterburner mixture conditions close to the lean stability limit 
of the flame holder for the entry gas temperature of 400° C.  In addi- 
tion a few spot checks were conducted little above the stoichiometric 
£uel/air ratio to check the effectiveness of ignition.  Since these 
tests did not show any different ignition behaviour than that at loan 
limit a comprehensive test programme under fuel-rich conditions was 
found unnecessary. Moreover, ignition studies at rich blow-off limits 
are of only academic interest since the afterburner would never operate 
at rich blow-off limits in practice, except for the inadvertent local 
rich condition. Each time about 100-150 ml of hydrazine was injected 
on to the runted iron baffle plate.  Successful ignition was achieved 
with hydrazine of concentration*) 95 percent and above at all the joints 
of the lean stability limit as shown by full points in Fig.3. At lower 
concentrations of hydrazine it was not possible to achieve sufficient 
reliability in ignition. 

Stability limits were obtained with three successive experiments 
which gave reproducible results.  For each mixture condition ignition 
with hydrazine was checked consecutively four times and ignition occured 
every time. The test results were quite reproducible. 

The ignition was found to be spontaneous since the total time ob- 
served between the opening of the hydrazine cock and the appearance of 
full flame at the afterburner exit, was less than even 3 seconds. 

5. Application Features; 

While integrating the pyrogenic ignition technique into the air- 
craft system the following features would have to be borne in mind on 
account of the special characteristics of hydrazine. 

Since the freezing point of hydrazine is similar to water, it 
would have to be stored in the aircraft in the appropriate location which 
is not very cold.  It is conceivable that the freezing point can be 
depressed by seme additives such as e.g. UDMH and it would be highly 
desirable to repeat the above experimental work with such mixtures. 

Unless suitable stabilizers can be found for preventing decomposi- 
tion under prolonged storage, it would be necessary to prepare hydrazine 
of high concentration fresh on site before actual use on aircraft. The 
apparatus for preparing hydrazine from hydrazine hydrate is however, very 
simple. Precaution in handling hydrazine is necessary on account of 
its toxicity. 

*) Hydrazine of high concentration right up to 99.7% was prepared in the 
Propulsion Division facilities for these experiments* -'/") 
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in order that the afterburner ignition is achieved in the shortest 
possible time, it might be necessary to have the hydra«ine cock close to 
the afterburner. In this case one of the possible approaches to hold 
the hydrazine upto the cock would be to provide a concentric tube, in 
which hydrazine is contained in the inner tube while the fuel flows 
through the outer concentric tube, thus ensuring appropriate temperature 
of the hydrazine. 

6. Concluding Remarks» 

1. Pyrogenic ignition system was found to be very effective since 
ignition could always be achieved spontaneously at all the points lying 
within the lean limit and the stoichiometric limit. Since there was no 
discernible difference between lean stability limit and ignition limit, 
the effectiveness of this ignition system is particularly noteworthy. 

2. Ignition was achieved for gas temperatures as low as 400° C at 
all the points within the stability envelope. The three spot checks at 
one fuel-air ratio and at the afterburnex turbine ontry  temperatures of 
350, 300 and 250oC have also yielded spontaneous ignition.  This shows 
that the lower tlireshold limit for pyrogenic ignition system is de- 
finitely below 400oC corresponding to that of catalytic ignition system. 
Thus the pyrogenic system could be applicable to afterburning by-pass or 
duct burning engines. Moreover thit  lower  temperacure limit can be 
interpreted as having good potential under sub-atmospheric pressures at 
the usual afterburner entry temperatures. 

3. Pyrogenic ignition system offers a special advantage over the 
catalytic system of ignition in that it does not require any expensive 
catalyst and there is no danger of soot formation or carbon deposition 
since hydrazine (N2H4) is a carbon-free fuel. The rusted iron was found 
to remain completely unaffected even after several ignition trials, 
■loreover, hydrazine is a safe substance, non-detonablc and non-corrosive, 
to carry on an aircraft unlike the pyrophoric substances e.g. tri-ethyl 
borane which have been employed on experimental scale and under special 
circumstances. 

4.  Hydrazine concentration must be above 95% for reliable igni- 
tion. 

5.     Pyrogenic  ignition system overcomes  the vario»s deficiencies 
of the other  ignition systems and  it has  significant advantages over the 
established methods.     In view of the very good results demonstrated 
with this  ignition metiiod,   serious consideration should be given    to 
its use in actual engines. 
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FIG4   MODEL     AFTERBURNER    IN   OPERATION 
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VISUALISATION PAR STRIOSCOPIE DANS UN DIFFUSF.UR 

DE COMPRESSEUR CENTRIFUGE SUFERSONIQUE 

Yves RiKiud ct Patrick Avram 

Office National d'Etudes et de Recherches A^rospatiales (ONERA) ^2320 Chätillon (France) 

RFSUMi- 

Des experiences de visualisation strioscopiques dans un diffuseur ä aubes de compresseur centrifuge 
supersonique fonctionnant dans le frcon 114 ont permis de preciser les configurations d'ondes rencon- 
trees dans ce type de montage en fonction du vannage et de la vitesse de rotation. II apparait en parti- 
culier que les pseudo-chocs de recompression se reduisent a une onde unique pres du pompage. On 
note egalement que le diffuseur t'tudie s'amorce sans difficult^ pour des nombres de Mach compris 
entre 1,24 et 1,4. Enfin lors du pompage apparaissent alternativement deux phases : 

- le refoulement durant lequel est mis en evidence un r£seau d'ondes genres par les bords <le fuite 
du rotor, 

- un fonctionnement sain reconnaissable au systemc d'ondes classiques lices au diffuseur. 

SCHLIEREN VISUALIZATION IN TME DIFFUSER OF A 

SUPERSONIC CENTRIFUGE COMPRESSOR 

SUMMARY 

Schlieren visualization experiments performed in a supersonic vaned diffuser for high pressure ratio 
centrifugal compressor fworking fluid used is freon 114) made it possible to define flow wave patterns 
in this type of machine with different throttlings and rotation speeds. It clearly appears thar recum- 
pression pseudo-shocks become a single normal schock when surging is approaching. Otherwise throat 
starting operation is always ensured for a mach number in the range of 1.24 - 1.4. Finally during surKt 
two phases arc alrernately present ; 

- baekflow during which a wave network generated by rotor trailing edges arises, 

- normal operation, demonstrated by the classical diffuser wave pattern. 

1. INTRODUCTION 

Au cours de ces dernieres annees, le u   .eloppement des petites turbines ä gaz pour applications ter- 
restres ou a6ronautiques a exige l'ctude de compresseurs centrifuges supersoniques de plus en plus 
pousses,   dclivrant des taux de compression allant de 5 ä R, voire plus. 

Pour sa part. I'ONERA effectue dans ce domaine des rechetc'ies tant fondamentales qu'appliquces et 
dispose ä cet effct d'un banc de compresseur equips notamment pour la visualisation strioscopique dc 
1'eeoulement dans les diffuseurs. Si les mesures de pression et de temperature sont süffisantes pour 
determiner les performances, ces informations par contre ne permettent pas toujours de comprendre les 
phenomenescomplexes rcgissant les ccoulements dans les diffuseurs ct notamment dans I'espace lissc 
ainsi qu'au col du diffuseur ä aubes. Outre les mesures aerothermodynamiques classiques, la visuali- 
sation dc I'ecoulement a done etc effettuee dc fa(;on A amcliorer la comprehension des phenomenes et 
d fatiliter la construction de schemas thcoriques d'ecoulement. Enfin, notons que ce proeöde a deja 
etc employe dans divers laboratoires     . 
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2. INSTALLATION D'ESSAIS 

Le montage d'essai conscitue d'un circuit ferm£ etanche, comprend essentieliement (fig. 1) : 

• une canalisationbasse pression amenant recoulement a l'entree du compresseur (l), 
• un compresseur centrifuge avec sa pivoterie et un caison de reprise du fluide (2), 
- un echan^eur (3), 
- une vanne de reglage de ia contrepres&ion (4). 

Le compresseur, experiments dans du freon 114 (fluide permettant de diminuer notablement les pro- 
blemes de resistance mecanique) a etc defini de fagon ä dilivrer un grand debit spScifique pour un 
taux de compression de 10, avec un rendement isentropique de 0,K. 

- Le rotor, dont le diam^tre de sortie est egal ä 430 mm comporte un nombre croissant de pales de 
i'amont vers l'aval (64 en sortie de roue) afin de reduire au maximum les h£t£rog6n£it6s azimutales k 
1'entree du diffuseur. Un moteur asynchrone entraine la roue mobile. II est alimente par un groupe 
convertisseur de frequence d'une puissance de 50 kW permettant ainsi un r^glage de la vitesse de 
rotation entte 3000 et 12000 tr/mn. 

• Le diffuseur est constitue de canaux bidimensionnels, chaque canal interaube componant un extrados 
en forme de spirale dessine de taqon ä introduire un minimum de perturbations vers I'amont, un col de 

.(2) courte largeur       et un divergent de faible angle d'ouverture( •' . Ce diffuseur peut etre cal6 ä differents 
angles afin de rechercher les performances optimales en fonetion de la vitesse de rotation choisie. 

Sens da l'ecoulement 

Mi I ii i i 
ii 350 mm 

r5210 mm l 

i ili 1 i i ihUn ̂
 

Fig. I • fnsta//af/on d'tssois 

1 - Conol d'omtnmt 

2 • Caisson dm rapris« «t 

comprasstur eanfrifuga 

3 • Eehongaur 
4 • Vonna dm räg/oga dm 

la contraprass ion 

3. MONTAGE DE VISUALISATION STRIOSCOPIQUE PAR REFLEXION f4) (fig- 2) 

Une fenetre de verre (1) menagee dans le carter externe (2) et un  miroir plan en acier inox M) fixe sur 
le carter interne (4) assurent les trajets des faisceaux lumineux incident et rSfl^chi ä travers la veine 
etudice. L'optique de visualisation comprend un  miroir collimateur bff-axis parabolique (?), suivi d'un 
miroir plan incline (6) qui dirige le faisceau parallele perpendiculairement au plan du diffuseur (7). 
Une partie du faisceau rSfl^chi par (3), (5), (6) reprise par une lame semi-transparente (R) focalise 
ensuite sur une fente (0) et est enfin renvoy6e par un prisme special vers les appareils d'enregistre- 
ment (10) (appateil photographique ou camera). Lors de l'enregistrement l'eclairement est fourni par 
un flash de trds courte durce (10'7 s) assurant ainsi le figeage des phenomdnes. 
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Fig. 2 • Schema (/• principe dt la visualisation. 

4. PRÄSENTATION DKS RESULTATS 

4.1. Influence du vanna^e 

La figure i montre, dans un cas d'adaptation entrc rotor et diffuseur, revolution des configurations 
dans !a partie divergente des canaux du diJfuseur en fonetion de ia contrepression impos^c. Les 
reperes portes sur les vues photo^raphiques correspondent au nombre de tours de fermeture de ia vamu . 

Les taux de compression correspondants apparaissent sur Ia caracteristique globale portee sur ia 
figure 4, 1c rapport de compression 71, portc en ordonnces etant defini comme lc rapport entre Ia pres- 
sion staiiquc du i aisson et la pression d'arrct .imont, le debit volume ct.int representf par ie nombre 
de Mach critique oi    Jans la section d'entrec du rotor. 

L'extrados des aubes est ici calc a .'.     12" par rapport ä la direction tangentielle pour une vitcsse 
de rotation de 8000 tr/mn . Le Mach critique sur le cercle d'entrce du diffuseur   m( 2 

r V, / a   foil V,. 
represent e la vitesse absolue de röcoulement et ai la vitcsse critique du son dans le caisson dt 
reprise), determine a partir d'un sondage en pression d'arrct, est egal ä 1,24 en milieu de veine. 

On constate tout d'abord que la recomprcssion s'effectue par un Systeme de pseudo-chocs      dont 
l'fxtcn.>ion dans le diffuseur est fonetion du vannagc et plus precisement du nombre de Mach et de la 
cojche limiteen amont de la recomprcssion. Ce phenomene a cte bien mis en evidence dans les tuveres 
supersomques et I'experience montre  '   que l'efficacitö de ce Systeme d'ondes de choc et de faisreaux 
de detente, compte tenu du decollement des couches limites dans cette zone est coir.patablc ä teile 
d'un choc droit de meme intensite ä condition que la veine soit cytindriquc. Pr^s du pompage, les 
cliches pb'if ^-raphiques indiquent que le svsteme de pseudo-chocs est pratiquement reduit A une ondc 
dc choc uroae placee au voisinage du col et ceci, dans la gamme des nombres de Mach etudies 
fm^j   - 1,2 ä 1,49). On peut done en conclurt, au moins pour le rotor c'tudie, que la longueur optimale 
du col est tres faiblc. 

Parallelement, les mesures des grandeurs aerodynamiqucs permcttent de corroborer les rcsuhats pre- 
cedents. Ainsi l'exploration axiale en pression d'arrct de recoulement au niveau du cercle d'entrec du 
diffuseur fait apparaftre un d^veloppemcnt modere des couches limites parietalts, dans cette section 



Vonnoge 8,5 Vonnoge B 

Vonnoge 7 Vonnoge 6 

pig. 3 - Influence du vonnoge - 8000 ft 'mn   « •       1,24 ■ Ct,       12° 

TT 

Fig. 4 • Carocferisfique dibit-prtssion 

8000 »r/mn 

m>2      1,24   -   Oj      12» 

( 

i 

L       1 Vwwof t • 

 . 
o 0,1 a,« o,» mi. 
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Pur aillcurs ('evolution de la 
pression staiiquc le Ion,« de la 
.«encratrice niovennc du canal 
represenic tout ä fail 'nen et 
que donne la visualisation, au 
moms dans la partit divergence 
des canaux, A partir des va- 
leurs du deliit, de la temperature 
et de la pression statique s'el- 
(ettue le talcul du nombre de 
Mach critique moyen M, dans 
chaque section et qui est illus- 
tre par la figure '>. 

»■»»■■■«fc. 

0,5 

76,3 

carter exferne carter interne 

M, Fig. 5 • Repartition axiale du nombre de Mach critique 
abso/u sei le cerc/e d'entree du diffuseur. 

V'T»        S                ■■ r   >4-       •■ 
\'•*•'* V^^'^l P^ 

^V.^..^ % 

80 160 
Fig. 6 Cumparaison entre visualisation et repartition du nombre de Mach critique 

dans le canal interaube • 9500 tr   mn - (X      9"    -   m   ,       7,38. 

240 

d mm 
■ 2 
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•}.2. Influence de la vitesse de rotation 

L'influence de la vitesse de rotation done de la vitesse aSsolue apparait nettement sur les configura- 
tions d'ondes d l'entree du diffuscur,   comme le montre la figure 7 sur laquelle on remarque notamment, 
I'inclinaison plus accentuee des ondes aux plus grandes vitesses. II est ä signaler quc, quel que soit 
le calage utilise (9*     -A     12") cette grille s'est amorcec, niemc pour des nomhres de Mach faihlement 
supersoniques. 

"V,      124 

1.38 

Vannage 6 

Vonnoge 6 

Fig. 7 • Influence de la vitesse de rotalion - Ot     9' 

4.3. Nature de l'ecoulement au voisinage du col de diffuscur 

La schematisation de l'ecoulement au voisinage de la section minimale du diftuseur a etc «randement 
facilitee par l'observation de cliches photographiques en couleur dont Tun des avantapes est la diffi- 
renciation nette entre les ondes de choc et les faisceaux dc detente. Le cas examine correspond a 

n*l      1,24 et X- 12" (fig. B). 

L'onde de choc detachee issue du bord d'attaque f 1) de I'auhe A rencontre I'aubc voisinc B, oil par 

suite de son intensite eile crce un dccollement tres localise de la couche limitc, suivi d'une zone de 
detente f 3). Par ailleurs le contournement du bord d'attaque est le siege d'une forte acceleration du 
fluide (2) et en aval de cette zone de detente se produit un decollement suivi d'un recollement dc la 
couche limite, I'ensemhle etant represente par l'onde de choc en lambda (4). Oes points I) et F oil la 
divergence des parois est de 3°, naissent des faisceaux de detente (")) et (C>) ; le premier influe  sur 
I'inclinaison de l'onde de choc f4), tandis quc  le second scrt essentiellement a augmenter la grandeur 
de la vitesse. Plus en aval, f7) apparait le debut du Systeme de pseudo-chocs de recompression qui 
rend l'ecoulement subsonique. 

Hans la configuration presentee ici, on s'aper^oit que la section minimale est affectee par un ecou- 
lement supersonique. Or, gcn^ralement lors de l'etablissement du projet, on suppose le nomhrc de 
Mach au col egal a I'unitc. Cette hypothese parait justifiee tout au moins lorsquc les taux de com- 
pression atteints restent moderes et tant quc l'cpai.sseur du bord d'attaque n'est pas ncgligeable 
devant les dimensions du col. Mais comme on vient de le noter, le Hlocage sonique ne peut etre consi- 
dcrc dans cc diffuseur. Aussi est-il ncccssairc dans le cadre d'un proiet de prcvoir deux modcles 
d'ccoulcment dans le diffuseur : 

• I'un corrcspondant au hlocage sonique des canaux, 
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- I'autrc relatif a i'amor^age Ju diffu-seur, de sorte que les conditions moyenncs ä l'entree dc la grille 
sont calculces, t■ommc, pour les compri'sscurs axiaux supersoniques, ä partir des conditions de periodi- 
cite (avec ondes dc faible intensitf i-miscs par 1'extrados)   "''■'. 

(II va sans dire que le cas du diffuseur cnticrement subsonique ne fait pas partie dc cettc etude). 

La solution a retcnir pour un nomhre de Mach de rotation donne est celle qui correspond au debit le 
plus faible. Aux faibles vitcsses de rotation on trouvc le blocape sonique et aux >;randes vitesses, 
l'amor^age du diffuscur. 

Fig. 8 - Schema d'ondes au voisinoge du col. 

4.4. Fonctionnemcnt limite - Cas du pompape 

8000 fr   mn   •   m  2       1,24 

Ot    -  72°   -   vannagt 7 

phase d'amorfage 

Fig. 9. A 

9500 tr'mn 

m
i       > 

a,   9' 

» j    ;,38 

phase de c/esamor^oge 

Fig. 9.8 
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Apartir d'un certain niveau de vannage, les ondes de choc de recompression parviennenc dans la sec- 
tion minimale et rejoignent aussitöt l'onde de choc de botd d'attaque ; le fonctionnement du diffuseur 
devient alors instable. Mis   en evidence par des prises de vue obtenue par une camera ultra-rapide 
(4000 images/ seconde, un flash par image) c    phenomene peut itre decompose en deux phases : 

• la premiere concerne un fonctionnement amorce (fig. ''.A) comparable au regime sain au cours duquel 
on voit les pseudo-chocs remonter spontamement vets I'amont, jusqu'a atteindre le choc de bord 
d'attaque ; 

- I'autre, plus fugace a trait au refoulement. II se caracterise par une remontee rapide de l'onde de 
bord d'attaque vers l'amont. La disparition des ondes lices au diffuseur est alors suivie par I'appari- 
tion d'un deuxieme reseau d'ondes (fig. l).B), dans l'espace rotor-diffuscur, et qui est anime d'un 
mouvement de rotation. Ces ondes compte tenu de leur nombre et  de leur mouvement de rotation sont 
necessairement liecs au rotor. L'explication de ce phenomene est que le fluide refoule par le diffuseur 
est quasiment artete par la roue mobile qui poss^de en  bout de pale une vitesse lineairc supersonique 
par rapport au fluide au repos.en mouvement absolu les bords de fuite des pales du rotor engendrent 
ainsi des ondes qui se reflechissent sur les extrados du diffuseur. ' 

5. CONCLUSION 

Les techniques cxperimcntales de visualisation   stnoscopique constituent un moyen fort utile pout la 
comprehension des phenomenes existant dans les diffuseurs de compresseurs centrifuges supersoni- 
ques. Elles pernicttent notamment : 

- de preciser la structure des configurations d'ondes au voisinage de la section     <nimale ainsi que 
dans le divergent aval, 

- d'evaluer la longueur des pseudo-chocs de recompression et de definir le comportement des couches 
limites qui se Jeveloppent sur les parois des aubes, 

- de decrire le phe-nomene de pompage. 

Bien que limitf'os ä l'ecoulement dans le diffuseur, les visualisations sont consacr^es ä un des organes 
qui dans ce type de machine est le siege de pertes importantes. Associees aux methodes classiques 
d'analvsc des ecoulements elles doivent conduire ä une meilleure interpretation des resultats et par 
voie de consequence permettre eventuellement une modification du projet initial de fa^on ä ameliorer 
les performances. 
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TRACE DES AUBAGES DE TURBINE TRANSSONIQUES 

PAR LA METHODE DE L'HODOGRAPHE 

G. Karadimas 

SNECMA-France 

1. INTRODUCTION 

Dans les turbines a6ronautiques,  le travail fourni par 6tage est limi- 
ts par le niveau du nombre de Mach et la deviation dans les aubages. 
C'est surtout le nombre de Mach ä 1*entree qui fixe la limite. Son 
augmentation au-delä d'une certaine valeur fait apparaftre des ondes 
de choc pr6s du bord d'attaque ce qui provoque le blocage amont de 
l'aubage et conduit par consequent ä une augmentation considerable 
des pertes. 

II existe n£anmoins un autre moyen pour augmenter le travail d'un 
6tage sans d6passer cette limite : c'est 1'augmentation du nombre de 
Mach de sortie en admettant une vitesse p6riph6rique plus grande. 

Les progr6s r6alis6s,  ces derni6res ann^es, en m6tallurgie,  ainsi 
que le d6veloppement des techniques de refroidissement,  ont permis 
d'augmenter consid6rablement la vitesse p6riph6rique des aubes de 
turbines. Le nombre de Mach de sortie a pu ainsi passer de 1 ä 1, 3, 
pour un nombre de Mach maximal amont inchang6 de l'ordre de 0, 65. 

II faut cependant, pour b6n6ficier pleinement de cette augmentation, 
que le rendement des aubages reste inchang6 ou qu'il ne chute que de 
träs peu. Aussi l'insensibilitä aux variations des conditions de fonc- 
tionnement doit rester analogue ä celle des grilles subsoniques. 

Pour r6soudre ce problöme nous utiliserons une möthode de r6solu- 
tion d6coupl6e, qui perm et,  moyennant certaines hypotheses, de r6- 
soudre d'abord dans la region subsonique un problöme de DIRICHLET 
bien pos6 et ensuite un problöme de CAUCHY pour d6terminer la zone 
supersonique. 

II est ä signaler que la m6thode propos6e ne se limite pas aux seuls 
öcoulements faiblement supersoniques que nous nous proposons de 
traiter ici, mais qu'elle reste aussi valable pour n'importe quel ni 
veau du nombre de Mach de sortie. 

2. DEFINITION DU PROBLEME 

II y a deux types de grilles pour r6aliser un 6coulement supersonique 
ä la sortie : 

- grilles ä canal convergent 
- grilles ä canal convergent-divergent 

Les premiöres sont caract6ris6es par le fait que 1'augmentation n6- 
cessaire de section pour 6tablir un 6coulement supersonique est ob- 
tenue par l'ouverture de 1'angle.  Les profils sont calculös analyti- 
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quement par des möthodes subsoniques '*' pour un nombre de Mach de 
sortie voisin de 1. Les essais ont montr6 que jusqu'ä ce nombre de 
Mach les pertes restent tr^s faiblcs mais au-delä alles augmentent 
rapidement et il n'est pas possible de les diminuer en modifiant la 
forme du profil. 

Les grilles ä canal convergent-divergent par centre sont optimis6es 
pour le nombre de Mach supersonique souhait6. Dans ce cas,  e'est en 
fonctionnement subsonique que les pertes deviennent plus importantes. 
Toutefois il semble possible,  aussi longtemps que le nombre de Mach 
de sortie reste mod6r6 (1,2 ä 1, 4). de calculer le profil de fagonqu'en 
subsonique son fonctionnement reste correct. 

Les conditions pour obtenir des faibles pertes dans les grilles conver- 
gentes-divergentes aussi bien au point nominal qu'autour de celui-ci 
sont ; la maitrise des gradients de vitesse autour des profils et un 
6coulement umforme dans le col. 

Les m6thodes hodographiques ae prötent bien au traitement de cepro- 
blöme. 

II est connu depuis Tchaplyguinc   que du point de vue math6matique 
l'utilisation du module de la vitesse et de son angle d'orientationcom- 
me variables de calcul, transforme les Equations qui sont non lin6ai- 
res en variables physiques en Equations lin6aires dans le plan de 
l'hodographe. 

De nombreux travaux ont 6t6 consaerös aux probl^mes subsoniques en 
partant des Equations hodographiques.  C'est en introduisant la loi de 
compressibilit6 approch^e (flulde fictif) et une variable tf li6e au nom- 
bre de Mach par : ch6 = 1/M que R.  LEGENDRE (2) a proposö,  il y a 
d6jä plusieurs ann6es,  les m6thodes hodographiques pour le calcul de 
grilles d'aubes subsoniques.  Plusieurs profils de turbine ont 6t6 tra- 
c6s (3) grace ä ^utilisation des montages rh6o61ectriques.   Plus r6- 
cemment ces m6tiiodes ont 616 programm6es sur odrinateur et per- 
mettent de calculer des profils de turbine ou de compresseur. 

Une premiere tentative de calcul de profils transsoniques par la m6- 
thode de l'hodographe a 6t6 faite par F.  RIGAUT (4) qui a aussiutilis6 
les r6seaux rh6o61ectri(iues, 

L'utilisation des r6seaux rli6o61ectriques 6tant tr6s lourde eton6reu- 
se.   la SNECMA a entrepris de calculer numeriquement les profils 
transsoniques par la mäthode de l'hodographe. 

II est connu que dans les grilles a canal convergent-divergent la quasi 
totality de la deviation doit s'effectuer dans \v partie subsonique. 
L'exp6rience montre qu'il est essentiel d'assurer dans la region du 
col sonique un öcoulement homogene et bien orientö. De cette condi- 
tion d6pend essentiellement le bon fonctionnement de la partie diver- 
gente du canal,  qui a le röle d'acc616rer l'äcoulement en 6vitant 1'ap- 
parition des ondes de choc. 

Lorsqu'on essaye de trailer ce pi'obl^me pai- des in6thodes directes 
en se donnanl a priori la göoinötiüe du canal,  on s'aper^oit rapide- 
ment qu'il est trea difficile de fixer une ligne aoniciue en modifiant 
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la partie subsonique du profil. 

On simplifie beaucoup le problöme en utilisant la m6thode de l'hodo- 
graphe qui est une möthode inverse. Dans ce cas les donn6es du Pro- 
bleme sont : 

- 1'angle et le nombi-e de Mach en amont de la grille 
- 1'angle moyen qu'on doit r^aliser sur la ligne sonique pour obtenir 

1'angle de sortie souhaitö 
- Involution de la vitesse en fonction de son orientation sur 1'extrados 

et l'intrados du profil. 

De la derni^re donn6e depend la g6om6trie (et le pas relatif) du profil. 
II faut une iteration sur ces repartitions pour obtenir un profil r6alis- 
te,  ä savoir bien forma et avec une bonne distribution de l'öpaisseur. 
La derniöre condition est importante pour la tenue de la pale et son 
refroidissement 6ventuel 

Pour faciliter l'estimation du premier hodographe et limiter le nom- 
bre d'itörations on peut commencer avec un profil trac6 ä main lev^ 
et qui remplit les conditions g6om6triques souhait6es, ou encore ex- 
trapoler ä partir d'un profil calculö en subsonique, c'est-ä-dire avec 
un canal convergent-divergent d6samorc6. 

II est Evident que la meilleure fa9on de traiter les grilles transsoni- 
ques est de disposer paralieiement ä la m6thode inverse de l1 hodo- 
graphe,  d'une m6thode directe, qui tient compte 6ventuellement de la 
troisiöme dimension, comme cela se fait d6jä pour le calcul des gril- 
les subsoniques, 

Signaions 6galement qu'un avantage non n6gligeable de la m6thode de 
l'hodographe est son temps de calcul tr6s court. Le calcul d'un profil, 
y compris le calcul de P^coulement supersonique par la m6thode des 
caract6ristiques est de l'ordre de 3 ä 4 minutes sur ordinateur IBM 
370/145. 

3.  METHODE DE L'HODOGRAPHE 

3.1. Equations de la möthode de l'hodographe 

L'6couiement est consid6r6 plan et irrotationnel,  le fluide par- 
fait et compressible. 

Les conditions d'irrotationnalite et de conservation de döbit : 

toi V = o     j     oCUr^^j = o 
permettent de däfinir un potentiel de vitesse CP et une fonction de 
courant 'Vj/: ' 

qui avec les relations : 

4L+iv- Ve19 
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conduisent ä l'öquation : 

Dans le second membre de cette 6quation y et-v/' sont fonctions 
de deux variables indöpendantes : l'intensitö de la vitesse et son 
angle d'orientation. 

On pose : 

et avec 

ou encore : t*e e + iQ 

Les 6quations dift'6rentielles de l'hodographe logarithmique, re- 
liant (f et y ä & et Q , s'obtiendront en 6crivant que le second 
membre de l'öquation (1) est une difl'6rentielle exacte : 

IG 

1>9 
p 6tant fonction de V,  c'eat-ä-dire de 6  . 
La d6rivation c-t la s6paration en parties reelles et imaginaires 
conduit au systöme : 

1>6 -H'-W) ̂ 0 

(2) 

La relation entre o  et 6 est obtenue ü partir de la loi de 
Bernoulli-Saint-Venant pour un lluide compressible : 

On peut alors 6cfire le «ysteme (2) sous la tonne : 

^J£-   , «-1 lit 
So f  96 

La variable €>   ciui esl li^e au module de la vitesse V par 
Ö«-£HV est la variable ulilisöe pour les hodographes enti^rement 
subsoniques.   Pour l'ötude des profils transsoniques il est plus 
int6ressant d'introdulre comme variable le nombre de Mach 
critique ou nombre de Laval 

En r6alit6 Mc eat öquivalent a une vitesae,  car la vitesse du son 
eritiejue   ac esl une constante. 



Nous rempla9ons done g  par Mc dans les Equations pr6c6dentes 

La masse volumique P  et le nombre de Mach röel M 6tant des 
fonctions connues de Mr c,  les aquations (4) s'6crivent : 

2jE. 2 
(5) 

90 

avec 

;/ = p  ^ f'f* f ^ ^Är (6, 

(7) 

En 61iminant 5" dans ces aquations,  on trouve liquation de 
STEICHEN : 

Let)=(i- M1)^+M: ^+ (i WKI*^ O 
pour la fonction de courant 11/ ( ^» ^ ). 

3.2. Singularitys 

La d6finition de l'öcoulement dans une grille et l'image du do- 
maine subsonique dans le plan de l'hodographe sont pr6sent6es 
sur la figure 1. 

Le caract^re pöriodique de l'äcoulement permet de limiter le 
domaine d'ätude, dans la plan physique, ä un canal d61imit6 dans 
sa partie subsonique par : 

- 2 lignes de separation (de l'infini amont I au point d'arrSt A) 
paralleles,  d6caiees du pas 

- les parties subsoniques de 1'extrados (A0 S0) et de l'intrados 
(Al Si) 

- la ligne sonique (S0 S^) 

Le domaine hodographique correspondant comporte deux singu- 
larit6s : 

- une du type source-tourbillon qui est I1 image de l'infini amont 
(I) 

- une du type point critique,   situ6e sur la ligne sonique (Sc) 

La p6riodicit6 du champ se traduit par I'application sur les 
feuillets de Riemann de chaque bände t.M0 I Mi(cf.  figure 1)J . 
Ces feuillets sont raccord6s par une coupure supportant un saut 
de la fonction de courant 6gal h la difförence entre les valeurs 
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de y sur 1'extrados et l'intrados. 

Pour simplifier nous supposerons qu'il n'y a pas de recouvrement 
dans le plan d'hodographe ce qul est le cas,  le plus souvent, pour 
les profils de turbine. Un recouvrement ne reprösented'ailleurs 
une difficult^ que pour le calcul num6rique. 

Examinons d'abord la singularity image de l'infini amont. Celle- 
ci a 6t6 6tudi6e par M.  FENAIN de l'ONERA qui a travaillö sur 
les m£thodes hodographiques des profils d'ailes isolös (6). 

A l'infini amont les 6quations (4) s'öcrivent : 

5$ fco    ^Mc 

Pour 6tudier le voisinage du point Mc = Mcoo et    ^ = 0«© oü nous 
avons la singularit6 du type source-tourbillon nous introduisons 
de nouvelles variables : 

(8) 

1 = 
V 

Y^-Mi 
3   R CO&CÜ 

Mc-Mc^^Ks^ui (9) 

Mc^ 
R etu> 6tant des coordonnöes polaires döfinies sur la figure 2. 

Ce changement des variables conduit au Systeme : 

2g. -   f^G ^r (10) 

On peut poser maintenant   S s     Bt   i   tp ; et CP  et "vp deviennent 

solutions,  en pr-emiöre approximation,  du systöme de Cauchy : 

(in 

Par consequent les 6quAtionfl qui relient <f ei y aux variables 
^   et -w  , c'eat-ä-dire ä 9 et Mc aont celles qui d6terminentune 

fonction analytique comme pour l'öcoulement d'un fluide incom- 
pressible, ce qui muntre que la singularitö introduite est bien du 
type source-tourbillon. 

En coordonnöes polaires a>  el -^ ,  ciui sont des functions har- 
moniques conjugu^es,  peuvent s'dcrire : 

? 
(12) 



avec 

La condition de p6riodicit6 : 

o 
dans laquelle n. reprösente le pas, permet de calculer les conü- 
tantes A et B. 

Ceci permet de d6finir ^ au voisinage du point I : 

Y.*-^C*^£.J^ £,«♦<*]    ,13, 
Pour rendre y sans dimension nous divisons par le d6bit   Ay. 

T       ^V ~ f«^ k c**m 
(14) 

de fagon que 'y/'^prenne les valeurs O et 1 sur le contour de l'ho- 
dographe. 

Au voisinage de la singularit6 image de 1'infini amont on a alors : 

r-*:-£--safesH**<* '"' 
La singularitö col en Sc vient du choix de la fonction  'V« ^(^ 
sur la ligne sonique. La n6cessit6 de construire un col conduit 
ä choisir dans la zone transsonique une solution particuliöre de 
1'Equation de type mixte qui soit une solution-tuyore (7) . Cette 
solution est trivalente dans le demi plan de l'hodographe (M^ 1) 
et possede une singularity critique au point col. 

Le problömt* elliptique que nous nous proposons de r6soudre est 
done bien pos6 encompl6tantladonn6ede -^sur la frontiöre,Mc - 1, 
par : 

Bc 6tant la valeur de l'angle au point col. 

3.3. Conditions aux limites 
it 

Le problöme est de trouver la fonction de courant T^ qui satis- 
fait ä : 

L^(W)|f+M:|*:+0W;M£|£. 
avec les conditions aux limites suivantes : 

550< 
■ 'A 



4 
^ ä O       sur 1* extrados 

Y** 1       sur I'intrados 

sty** ^(&) sur la ligne sonique 

/L-y/,,a 1     ä travers la coupure 

On enlöve la singularity amont dans tout le plan en utilisant une 
fonction de courant r6gularis6e  Y re^  teile que : 

avec 

on a 

IK, „JpL-J&L-Ut + C (18) 

avec les conditions aux limites : 

^IW* ^ - Y» sur i' intrados 

'N/fc^*-'vfie sur I'extrados 

^iut» ^(ß) — ^o^      sur la ligne sonique 

Le röle de la constante C est le suivant : 
Sur la ligne Mc = O de l'hodographe (fig. 1)'V^saute de O ä 1 au 
milieu du segment A   A, image du point d'arrfit. On choisit la 
constante C de maniöre que ^        soit continue sur la frontifere. 

Nous relions les points I et M (fig. S) par une droite et nous d6- 
signons l'angle polaire de cette droite par CO A.  de sorte que : 

Ceci permet de döfinir la constante C et ensuite la fonction de 
courant ä l'infini amont : 

ce qui revient a choisir l'origine des co selon la direction IM. 

3.4.  R6solution num6rique et retour au plan physique 

Pour la r6solution num6rique nous 6crivons l'öquation de 
STEICHEN (7) sous la forme : 

dans laquelle P et Q sonl d^finis par les Equations (6). 

6tant M^. dans l'öquation (7) nousavons: Le coefficient de 
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d'oü »<K) - s 
2. 

C 

L'öquation ä r6soudre s'öcrit alors : 

Elle est rösolue par la möthode des differences finies en utilisant 
les techniques classiques de surrelaxation. 

Le retour au plan physique se fait par integration de dg sur le 
contour de l'hodographe. 

Rappeions 1* Equation (1) : 

dans laquelle d<# et dy seront d6finis ä l'aide des Equations (5) ■ 

Sur 1'extrados et l'intrados onadik  =0;ce qui donne : 

oü -J^- est la pente de l'hodographe donnö. 

On d6duit : 

^-kHikH^*"' 
!• 

En s6parant les parties reelles et imaginaires nous döduisons 
les coordonn6es : 

(23) 

4. PARTIE SUPERSONIQUE DU PROFIL 

La partie supersonique est calcul6e de fa9on ä 6tablir un 6coulement 
uniforme et parallele ä la sortie avec une longueur minimale detuyäre. 

Le calcul est effectuö dans le plan physique par la m6thode des carac- 
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töristiques. Lea donn6es initiales pour ce calcul sont la frontiöre 
transsonique et une ligne de courant. 

La definition de la frontiöre transsonique a 6t6 traitöe de fa9on d6- 
taill6e par P. GERMAIN f i et nous n'en parlerons ici que tr6s suc- 
clnctement. 

La figure 4 präsente l'öcoulement transsonique au voisinage du col d'une 
tuy6re symÄtrique et son image dans le plan hodographique. La re- 
partition de Y 6tant connue sur la ligne sonique il est possible de 
calculer l'öcoulement jusqu'ä la frontiöre transsonique (problfeme de 
Cauchy). En effet si I'on donne les valeurs de i> et de l'une de ses d6- 
riv6es le long d'un segment sur la ligne sonique on peut determiner la 
solution de liquation dans un triangle curviligne limits par ce segment 
et les deux caractöristiques issues du point Sc. 

Sur la figure 5 nous avons präsente trois cas diff6rents suivant le 
choix de la ligne de courant. 

Le premier cas est celui d'une tuyfere symetrique avec une ligne de 
courant rectiligne issue du point Sc. Dans ce cas nous avons dans le 
plan d'hodographe deux triangles caracteristiques limit6s aux seg- 
ments Si Sc et Sc S0>  Sc etant le point oü I'on a affiche la singularite. 

On construit les parois de la tuyere de proche en proche ä l'aide des 
caracteristiques ä partir d'une distribution de Mach sur une ligne de 
courant et en respectant la conservation de debit. La tuyfere etant sy- 
metrique il suffit en fait de calculer une demi-tuyfere. La tuyfere finit 
du cOte extrados par une partie droite DF0 (cf. fig. 5a) dont la direc- 
tion est en rapport avec 1'angle de sortie souhaite. 

Ce type de canal convient bien pour des nombres de Mach de sortie 
eieves (M > 2). On peut obtenir des pertes faibles au point nominal 
mais inevitablement les pertes augmentent rapidement en fonction- 
nement partiel. 

Les deuxieme et troisidme cas sont des tuyeres dont l'une des parois 
respectivement extrados ou intrados,  est rectiligne (fig.   5b et 5c). 

Dans ce cas Sc se place en S0 (ou S}) et on calcule par le probläme de 
Cauchy tout le triangle caracteristique issu de S0 8|. On donnera un 
hodographe ä frontiöre perpenüiculaire ä la ligne sonique en Sc et une 
repartition de -y ayant la singularite col en Sc. 

Ce type de canal semble etre mieux adapte pour des faibles nombres 
de Mach (M< 2) mais il se desadapte aussi rapidement en fonction- 
nement partiel. 

Un cas plus general est celui oü on donne une forme quelconque ä l'une 
des parois. Ce cas eat interessant pour des nombres de Mach faible- 
ment supersoniques (M «1. 3). On peut d6finir alors un canal conver- 
gent-divergent qui en fonctionnement partiel (nombre de Mach plus 
faible) ne präsente pas de decollement de couche limite. 
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5. EXEMPLE DE CALCUL 

Un profil, calculi ä l'alde de cette m^thode,  est pr6sent6 ä titred'e- 
xemple (fig. 6). II a 6t£ calculi dans le but de r6aliser une grille an- 
nulaire destin6e ä 6tablir un 6coulement supersonique devant une gril- 
le annulaire fixe d'aubes de compresseur supersoniques (M = 2   ; eC - 
45°), L'extrados apr^s le col a 6t6 choisi rectiligne. L'öpaisseur du 
bord de fuite a une valeur tr6s faible pour limiter les sillages devant 
la grille de compresseur. 

Des essais effectu6s au banc de grille annulaire de l'ONERA (8) ont 
montr6 que le profil donne bien les rösultats escomptös. Des prises 
de pression statique sur les parois lat6rales ont permis de tracer les 
lignes iso-Mach dans la partie divergente du canal. On constate un 
6coulement uniforme aprös le col, et une 6volution bien r6guliöre jus- 
qu'ä la sortie oü on trouve bien le nombre de Mach de 2 en moyenne. 

6. REMARQUES - CONCLUSIONS 

Les grilles transsoniques qu'on rencontrait jusqu'ä maintenant surtout 
dans les derniers 6tages des turbines ä vapeur.  se pr6sentent d6sor- 
mais aussi dans l'ötage HP des turbines aöronautiques. 

Quoi que le nombre de Mach de sortie de telles turbines n'est pas tr6s 
61ev6 (1. 2 ä 1. 4) il parait pr6f6rable de dessiner leurs aubages avec 
un canal convergent-divergent. 

Le choix de la m6thode de l'hodographe que nous avons fait pour la de- 
finition des profils, donne des avantages appr6ciables du point de vue 
math6matique. Outre qu'il permet d'utiliser des aquations lin6aires 
pour la partie subsonique,  il rend 6galement possible le d6couplage du 
probl6me, c'est-a-dire, le traitement s6par6 des parties subsonique, 
transsonique et supersonique de l'öcoulement. 

Le fait que la möthode de l'hodographe est une m6thode inverse,  est 
ä consid6rer plutot ccmnie un avantage car il permet d'optimiser 
Involution de vitesse autour du profil et d'imposer un 6coulement uni- 
forme et bien orient^ dans la rögion de la ligne sonique.  L*inconve- 
nient d'avoir ä choisir a priori l'hodographe peut vite ötre palli6 avec 
l'expörience acquise en cours d'utilisation. 

Un autre inconvenient de cette m6thode est le fait qu'elle est bidimen- 
sielle. II est preferable pour cela de l'utiliser conjointement avec une 
methode directe qui tient compte de la divergence de la veine.  On 
pourra ainsi definir plus rapidement des aubages optimises, car con- 
trairement aux methodes directes qui ont des temps de calcul tres 
longs,  la methode de l'hodographe est rapide. 

L'utilisation d'une console graphique facilite davantage son usage. Elle 
permet aussi de poursuivre plus aisement le dessin de la partie su- 
personique par la methode des caracteristiques. 
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1. Ecoulement dans une grille et son image dans le plan de l'hodographe 

Mc  A 

M«o 

2.  Singularit6 inlini amont 3,  Coupure dans l'hodographe 

55b< 



14 

Liqne sontgueV,I L Lignt de branchement 
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4. Ecoulement transsonique au voisinage du col 
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5. DifMrenta types de tuyeres convergentes-divergentes 
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A STATISTICAL MHTHOD FOR THK ANALYSIS OF RIG TRAVKRSE MKASURK'Ii'TJTS ON 

ANNULAR COMBUSTION CHAMimi. 

D.C. Dryburgh 

Derby Engine Division, Rolls-Royce (1971) Ltd. 

1. Summary. 

The method of analysis described gives a very detailed picture of 
the temperature traverse results obtained by the ng testing of annular 
combustors.    Many new aspects of the temperature distribution are brought 
out,   and the variability from sector to sector plays a central part in 
the theory.    One of the most important  traverse parameters is replaced by 
a more reliable statistical estimate,  and tests of significance can be 
used to assess the results of devolopmont ch mges.    The method has been 
developed as a tool for the combustion engineer and applications of its use 
and proofs of some of the basic assumptions are included. 

2. Introduction. 

This paper describes a new method of analysing the exit temperature 
traverses of annular combustion chambers in a way v/hich makes more 
effective use of the measured data. The temperature distribution at the 
chamber exit must be made as flat as possible to permit a high mean temp- 
erature, and honce a high thrust, to be achieved without exceeding the 
limiting peak tdinperature for the nozzle guide vanos and the turbine 
blades. For this purpose, chambers are tested in a traverse rig where 
the operating conditions are v/ell definud and the exit temperature can be 
measured accurately and in detail. The trave.'se development programme 
covers a aeries of representative operating conditions and many variat- 
ions on the basic design, since there is no method of predicting the 
traverse in sufficient detail. 

In the past, only throe aspects of the traverse have been analysed. 
The mean radial profile is important bucause of its effect on the turbine 
blado life. The tumpürature distribution in the average sector gives the 
mean conditions oxperiünced by the HP nozzle guide vanes and yields a 
wealth of information on the behaviour of the chamber. The peak temper- 
ature over the whole truvarse gives the extreme conditions for the nozzle 
guide vanea and the differbnee betwoen it and the peak of the average 
sector gives a measiire of the sector variability. 

Detailed examination of an exit temperature traverse shows that the 
sectors differ appreciably from each other in many respects. This 
'random effect', as it is often called, has been known for a long tine. 
It varies in an unpredictable way from chamber to chambur, and no caus- 
ative mochanism has yet been found;  its magnitude, however, is much 
greater than can be accountod for simply in terms of manufacturing toler- 
ances.  There is thus a powerful incentive to understarid and control the 
random processes as a possible mothod of improving the traverse quality. 

The new method of analyais ia baaud on very simple statistical 
ideas.  The empliisis ia placed on the individual soctors, and for each a 
number of parameters are calculated, representing different aspects of 
the temperature distribution in that sector. For each parameter, the 
mean gives the moat likely estimate of the sector performance, while the 
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Standard deviation gives a measure of the variability between sectors. 
Statistical projections can be made to give traverse guarantees which 
apply to all chambers similar to the one tested. 

The technique, as described in the following sections, is not limited 
to the analysis of temperatures, nor to the exit plane of the chamber.    It 
forms a useful framework for relating one parameter, measured in one plane, 
to a different one in, perhaps, another plane.    Complete 360° coverage of 
the annulus is not needed, although the fewer the sectors available, the 
greater the range of uncertainty will be.    A useful by-product of the 
analysis is the detection of rogue sectors,  i.e. sectors which differ by a 
large amount,  in one or more respects, from the others.    Such sectors may 
be excluded from the analysis, even though it is not always possible to 
find the cause of the trouble by examining the chamber and the rig 
equipment. 

3.    Partitioning of the Traverse. 

The first step in the analysis of the traverse is to divide the 
annulus into sectors, a sector being the smallest geometrical unit which 
repeats round the chamber.    The number of sectors is usually equal to the 
number of fuel injectors or to half that number.    Figure 1 below is a 
schematic illustration of a partitioned temperature distribution.    The 
separate sectors on the right show the average sector distribution and a 
typical spacing of the grid on which the temperatures are measured.    Some 
minor practical difficulties can be avoided by choosing the sector bound- 
aries away from the peak temperatures, but apart from this, the location 
of the boundaries relative to prominent features is not important. 

Average Sector 
Distribution 

Traverse   Jrid 

i-'igure 1. 

The annular chambers under development at the Derby Engine Division 
have 18 fuel injectors giving rise to a traverse with 18 or 56 hot spots. 
Circumferentially, the spacing of the traverse positions is 2^°,  that is 
144 points round the annulus and 8 intervals spanning each sector. There 
are between 6 and 8 radial immersions, depending on the size of the 
combustor. 

On large chambers the ratio of annulus bright to mean radius is 
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sufficiently small for equal radial increnonts to coirespond to equal area 
sampling.    Corrections to give true equal area or mass weighting can be 
applied to the measurements in the partitioned array if desired, before 
proceeding to the rest of the analysis. 

4.    x.y.  and z Paraneters. 

A non-dimensional representation of temperature is used to compensate 
for differences in operating condition& between tests.    The z-parameter 
corresponding to a temperature, T,  is defined as 

z = (T - T)/(T V 
where T is the overall mean temperature and T^n the inlet value. It has 
proved very useful to split z into two parts, x and y. x represents the 
mean rise of the sector while y relates the temperature to this mean: 

xk = (^ - f )/(T - Tin) : yk = (T - TVCT* - T^) 
T    is the mean of sector k.    Vihen corresponding temperatures of different 
sectors are compared,  v/e can see how much of the difference is due to a 
shift in the sector mean and how much to a change relative to the mean. 
The difference between the y and z representations is a subtle one and it 
may be helpful to think of y as being z corrected for the difference 
between the sector mean rise and the overall mean rise.    This notation is 
applied to individual temperatures in the sector, for example the peak 
temperature or that at the (i,j) point,  and to averages such as the mean 
at radius i.    Those which have been found most useful are defined in 
Appendix 1, 

Since y eav* z are alternative ways of expressing the same temperature 
they are not independent.    An algebraic relation between x, y and z is 
obtained in Appendix 2 and some other expressions are deduced.    It is 
shown that the means of y and z, taken over all sectors, are,  for all 
practical purposes, equal:    the standard deviations however, depend on 
whether the y or z form is used. 

The first step in the analysis is to obtain the x,y and z values for 
each sector and then to calculate the means and standard deviations.    The 
quantities which summarise the traverse are y (or T), the mean peak,  and 
cr .   a    and o   which express various aspects of the random variability. 
In thfe next      section the relation to the conventional traverse parameters 
will be studied in greater depth. 

The Pattern Deviation Factor,  d, has been introduced quite recently 
and is defined in Appendix 1.    It expresses the difference between the 
temperature distribution in each sector and the average sector, but, 
whereas y only looks at the peak,  d takes account of the whole sector. 
It is  always positive and sectors with low values have a temperature 
pattern similar to that of the average sector, while those with high 
values can be flatter than average,  more peaked, or perhaps just peaked 
in a different place.    The mean of d, or, preferably,  its root mean 
square value,  is a useful measure of the degree of variability of the 
whole traverse about the average sector distribution. 

5.    The Relation Between the New and the Conventionil Traverse Quality 
Parameters. 

The Overall Temperature Distribution Factor (OTDP), 
This parameter,  also known as the Pattern Factor,   is the one most in 

need of reformulation.    It is simply z        corresponding to the highest 
sector peak and is the most commonly quoted of all the quality 
parameters.     It has nevor been regarded as satisfactory to rely on a 
single extreme measurement in a situation with so much variability,  and 
now 4        has been replaced by a statistical projection based on all the 

sector peaks.    The new parameter,  tht   0Ti)F(50),  gives a value, 
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Bco, which will be greater than 8max on 5C^ of a series of traverses on 
the same or similar combustors.    An OTDP(95) can also be quoted. 

There are two possible ways of deriving the 0TDF(50): the first is 
an estimate based on the sector peaks, while the other takes the peak 
value from an array of estimates. 

Method 1. A ,   - -, i 
Here we consider the sector peaks zk which are assumed to follow a 

Normal probability distribution (this is Justified in Appendix 3). On 
Tigure 2 below, the top curve, labelled N = 1, gives the probability that 
a single sector neak, chosen at random, will be less than the abcissa, z. 
The other two curves, labelled N = 9 and N = 18, are the Nth powers of the 
first oad they show the prohability that every one of a sample of N peaks, 
chosen at random, will be less thar z. 

Figure 2. 

These curves can be expressed in the form z(P,N) = z + a(P,N) az  where 
t-.ere is a probability P that all of a random sample of N will  be less 
than z(P,N)*. Tables of the coefficients a(P,N) are easily constructed. 

Method 2. , ^ 
Her«, instead of working with sector peaks, we apply the same reason- 

ing to each point of the sector and produce an array corresponding to the 

clioson probability level: 
a(P,rO a 

2ij(P,N) = z,ij 

Finally the peak value is taken. 
In general the two methods give similar results but they will only 

be identical if all  the sector peaks have the same position m the 
sector.     There  is  a dancer in the first method that,  if the peaks lie on 
or near the sector boundaries, temperatures from the neighbourhood of a 
dominant peak will be counted twice and hence the 0TDF(50) will not be 
based on an unbiased distribution.    In such circumstances, the second 
method is preferred. 

In praotioe,   the 0TDP(5O)  has proved to bo a stable estimate and it 
shows much luso variation than zmx when a series of traverses of similar 
ohambers are compared.    A aeaningful estimate of the 0TI)F( 50) can still 
bo made with only partial coverage of the annulus,  though with rather 
greater uncertainty.    Conversely,  subject  to the conditions described 
later in Section 7 beiny satisfied,  the results from a ™mbür 0f n 
traverses can be combined 'C ^ive an enhanced precision for the OlDnW. 
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Mean Radial Profile. 
The radial profile for each sector is obtained and averaged to give 

an overall mean for the whole chamber. This two-step process enables the 
uniformity of the sectors to be checked since it is possible to obtain an 
acceptable overall profile from widely varying sector ones. The differ- 
ence between y and z parameter representations for the individual sectors 
is illustrated in Table 1 below, which is for a typical traverse with 
°x  = 5.25^'. 

Had (i) 1 2 3 4 5 6 7 0 

y±   if) -14.27 -1.10 4.33 7.27 9.41 9.40 3.26 -18.52 

•i  00 -14.18 -1.05 4.52 7.19 9.52 9.34 3.25 -18.21 
6.26 3.82 2.57 2.67 2.65 2.60 3.50 3.41 
8.69 7.39 5.80 4.52 4.23 4.98 6.50 10.55 

Table 1. 

The increased scatter in the z formulation is du to the inclusion of the 
x variability. Guarantees for the radial profile should thus be based on 
o ,  but a    gives a more sensitive test for changes between traverses, 
z    y 

The radial profile is often summarised by quoting the peak value 
(JtSDP) and its position. In the table above it is 9.41$ at about 6Cf/ 
height. 

Mean Sector Distribution. 
This array is usually expressed in y-parameter form, though numeric- 

ally y^i = Zii.    The peak value is the Block Temperature Distribution 
Factor       (BTDP) and the difference between this and RTDF is some- 
times called the 'regular* variation. The BTDP is normally less than "z, 
the mean peak, though the two are equal if all the sector peaks occur at 
the same point of the sector. Too large a difference between them indic- 
ates poor control over the position of the sector peaks, perhaps as a 

result of aerodynamic factors. The relation between changes in the 
chamber geometry and in the mean sector pattern yields much practical 
information on the internal combustion mechanisms and is invaluable in 
the development of the traverse. 

6, Detection of Ro^ue Sectors. 

Occasionally one or more of the x, y, z or d parameters are found to 
lie well .-iway from the mean. The Student's t-Test can be used to find 
the probability that such a value could arise by chance in a sample of N 
drawn at random from a Normal population. A low probability sugrests 
that some other factors have influenced these sectors, and that they 
should be excluded from the analysis. The chimbor and the test unit 
should always be examined and, in crucial oases, a repeat test may be 
necessary. Some defects, such as blocked fuel injectors, may affect more 
than one sector. 

If the kth sector is suspect on the basis of, say, y, t is evaluated 
as 

t = (y,. - y)/o 

and the associated probability can be found from tables of Student's t 
for N-1 degree! of freedom, which can be found in any standard textbook 
on statistics. The test may he  nude ratiicr more sensitive by recalcul- 
ating the moan and standard deviation without the dubious sectors. 

7.  Compai-irjon of Tr.'verses. 

The statistical method of rtnalysis has many advantages when chances 
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in the traverse results come to be assessed,     ßafih aspect of the temper- 
ature distribution can be examined in turn to sec whether there is a 
sißnificf-nt difference,  a probable difference:,   or no likely difference. 
Kach traverse test is regarded as giving a random sample of the various 
parameters,  x, y,   z and d,   drawn from parent populations characteristic of 
each chamber,  and the problem is to establish whether the difference in 
the sample means and standard deviations reflects a real change in the 
populotions.    The F-test for the variance ratio gives the probability that 
the population standard deviation has changed,  while the Student's t-test 
obtains the corresponding probability for a shift jb the mean.    Most text- 
books on statistics contain instructions on how to apply both tests and 
the tables needed to interpret the results, 

A high probability in either test points to a real difference between 
the traverses.    The more sectors tnere are in each s-jnple,  the more sens- 
itive the tests are and the smaller the value of F or t required for a 
given level of significance,     „hen a number of tests carried out on 
similar chambers are found not  to differ appreciably in any of their 
aspects,  the results can be aggregated to give a single large sample which 
can then be used for further,  more sensitive comparisons.     In this way a 
datum standard of traverse for a particular design of chamber can be 
established with a high degree of precision. 

The importance of changes in the average sector pattern has already 
been pointed out,   and the differences can be highlighted in a number of 
ways.    The simplest is to  express each array in y-parameter fo^m and sub- 
tract to show which areas have become hotter and which colder.    Alternat- 
ively the differences can be expressed as an array of Student's t values 
by using the standard deviations o    ^. associated with each point of the 
sector.    This can produce a rather *    different picture,  especially if 
there are high standard deviations in places like the cooling films,  and 
lower values elsewhere.    A strict interpretation of the Student's t array 
in terms of significance levels should not be attempted because neighbour- 
ing points cannot be regarded as statistically independent,  but neverthe- 
less this array can be used to show where the more i-nportant changes in 
the sector distribution,   if any, have occurred. 

The preceding description of the new technique has included many 
references to the results that can be produced for single traverses,  and 
any attempt to pursue these topics further would lead to a detailed 
account of the development of a particular chamber,  a subject which has 
already been covered briefly at this Symposium in the paper by 'Vassell 
and Bradley^ .    Two rather different applications of the method will be 
sketched out, the first showing how the effects of the test unit and 
other associated equipment can be isolated from the results,  and the 
second ;;escribing some numerical experiments on the variation of the 
circumferential sampling interval. 

8.    Example 1;    the isolation of Constant Features. 

In a development programme the same chamber will normally be tested 
a number of times at differing operating conditions and with geometrical 
modifications.    If each traverse is compared with the previous one, 
certain strong rese-.iblancos are found.    The correlation coefficient 
between the x arrays  is very high, often exceeding 0.9,  for the z arrays 
it is slightly lower,  while for the y's it drops to 0,5 or 0,6.    It is 
not surprising that the x  arrays should agree so  well,   for they depend on 
the total amounts of fuel  and air finding their way into the sector,    y 
depends much more on the v/ay in which the fuel and air are distributed 
within the sector and may well bo the target for development -.lodificat- 
ions.     If each new traverse is compared with the original one,  it is 
found that,  witli  time,   the correlations  decrease.     vigure 3  has been 
produced to  illustrate this effect on a chamber which  had a particularly 
long devolopment history,     .iach traverse test has boon  allocated an age, 
and two tests carried out  one after the other at,   perhaps,   different 
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temperature rises or pressures, have the same age.    Tests are compared in 
pairs and r^ and r      are the correlation coefficients between the two x 
arrays and   '   the    ^two y arrays.    The abcissa in Figure 3 is the age 
difference.    The decay of both correlation coefficients is very obvious, 
with r^ tending asymptotically towards 0.3 and r,   tending more rapidly 
to zero.    Similar behaviour is demonstrated by other chambers, and may 
indicate long-term changes in the characteristics of the chamber due, 
perhaps, to a combination of exposure to high temperatures, reworking to 
change the port geometry,   and the strains of installing the cliamber in a 
tightly fitting test unit. 

These results open up other avenues of exploration.    The asymptotic 
value of 0,5 for r      might not bo due to the chamber at all, but* could 
have its origin in some permanent feature of the test stand, the fuel 
injectors or the traverse thermocouples.    It is our practice to replace 
thermocouples singly as they fail   ind they seldom occupy constant 
positions in the traverse gear ao that any thermocouple effect would 
rapidly avera^o out over a number of tests.    Rumor sets are changed less 
frequently, but they are checked prior to each test and are always 
instilled in the same positions.    An estimate of any permanent features 
could be made by averaging over a large number of tests covering as many 
different ch.-unbers,   sets of fuel injectors and thermocouples as possible. 
..hat we woulil bo left with is everything that h.is not changed in the 
series of tests.    This residue could be treated as a correction to be 
applied to all the tests and comparison of the corrected traverses could 
show up differences which were previously indotectable.    Other types of 
test scries can be considered to extract the effects of the test unit and 
the fuel injectors:     these would require clocking the chamber round in 
the test unit one sector at a time, and interchanging the fuel injectors 
according to a pattern. 

Traversing on this scale will be expensive but it may become necess- 
ary if the contribution of the chamber on its own is no longer the domin- 
ant random effect.     Suppose, for example,  that <*    = 5.6^,  and that the 
effects of the chamber and test unit are uncorrelated and equal:    each 
will be 1$' (5.6 = /(4    ♦ 4 )).    If the chamber contribution is halved to 
2^,  the measured value will only fall to J(k2 * 22) = k.5.'.    The effect 
of greatest interest is masked by the other variables. 

9.    Example 2:    Variation of the Circumferential Sampling Interval. 

The greater the angular interval between adjacent points, the 
greater is the risk of missing some of the sector peaks, though possibly 
they could be restored by an interpolation procedure.     Questions of the 
trade-off between the test time saved and the loss of information have 
been studied by a simulation procedure. 

A special method of  'interpolation'   was used for this investigation 
and its rather unconventional properties will first be described.    A 
Fourier method was adop'.ed because it was thought that the periodic 
properties derived from the whole annulus would five the most accurate 
method of restoring the sector peaks lying between the traverse points. 
It exploits the Fast Fourier Transfom technique which has made possible 
the rapid and accurate determination of all the Fourier coefficients of a 
large array.     Kach  radius  is treated in turn. 

To increase the number of points round the annulus from, nay 72 to 
MJt,  the  72 Fourier coefficients are obtained covering .ill frequcnoiei up 
to 3^«    A further 72  zero coefficients are added to give M+U in all,   and 
the expanded series is inverted to give a traverse of MA- squally spaced 
points.    The first,    ni every second point thereafter,   will be one of the 
original 72,  apart from small computer rounding errors,  and the resulting 
curve will pass through all the original points. 

To decrease the number of points from,   say,   1V«. to 10", the proced- 
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Fourier coefficients. 
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Figure 4.    t'ffect of interpolation procedure on 0TW(50) and 
mean peak. 
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ure is similar but the result a little different.    The 36 highest order 
Fourier coefficients are discarded before inversion.    The new curve is a 
least squares fit to the 144 original points but will not in general pass 
through any except the first.    There is a loss of information when the 
number of points is decreased and this cannot be regained by interpolating 
back to the original number. 

For the numerical experiments to investigate the consequences of the 
interpolation technique,  a rather poor quality 144 point traverse was 
chosen.    Figure 4 shows the effect on the 0TDP(50)  and the "lean peak. Is, 
as the number of points round the annulus is decreased.    The point A 
indicates the initial values of both parameters and the heavy curve shows 
that both decrease as the number of circumferential points decreases from 
144 in steps of 18 to 36.    The lighter curves running to the right sho?, 
the effect of subsequently increasing the number of points again.    There 
is a certain amount of statistical noise on these curves and small 
deviations should be disregarded.    Initially, the 0TDF(30)  and "z are 
63.2$ and 40.5o at the point A,    At 72 points these have fallen to 50.0^ 
and 31.55o and if we then interpolate back to 144 points they are only 
slightly changed to 50.3;^ and 30.3^. 

Figure 4 shows that the number of circumferential points could be 
decreased to about 108 (an angular spacing of 3.33°) without sacrificing 
too much accuracy, but beyond this point both parameters decrease rapidly, 
and most of the fine structure has been lost by 72 points. 

An interesting consequence of this result is that, if a traverse is 
measured on an engine where a small interval is impracticable,  the 
traverse will always appear to be better than on the rig.    To give a fair 
comparison, the information content of the rig traverse should first be 
reduced by interpolating to the engine spacing. 

Another possible use for this interpolation technique arises when 
the traverse gear cannot conveniently ^ive an integral number of points 
round each sector.    For example,  if the combustor has 20 sectors but the 
traverse gear can only index round in increments of 2^°, the 144 point 
traverse can be interpolated to 140 or l60 points before analysis. 

10.    Conclusions. 

This completes the present account of the new method of analysis and 
of some of its applications.    It was developed from the start as a pract- 
ical tool for the combustion engineer and its ultimate success will 
depend on the extent to which  it manages to sweep aside the veil of 
mystery which surrounds so many aspects of combustion chamber behaviour. 

The concept of the 0TDF(50) has proved itself in practice as a 
stable criterion of chamber performance, and the added ability to detect 
and eliminate rogue sectors further improves the consistency of the 
estimate. It must be stressed however, that, if rogue sectors occur too 
often, corrective action should be taken in the manufacturing process or 
in the traverse procedure to prevent a high incidence of such sectors in 
service combustors. 

The many new aspects of the traverse exposed for inspection and the 
availability of tests of significance for changes in these parameters 
make it rather more difficult for the development engineer to be misled 
by insignificant changes in traverse quality.    The introduction of para- 
meters measuring traverse variability makes it possible for its reduction 
to become one of the stated objectives of a traverse development 
programme. 

Moat of our experience with the new method has been gained on 
annular chambers under development at the Derby Mngine Division of Rolls- 
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Royce (1971) Ltd. The evolutionary nature of their design leads to a 
strong family resemblance in some aspects of their behaviour. A few 
chambers of radically different design have been analysed and there are 
indications that these traverses behave in a rather different way. The 
application, to different designs of combustor, of standard methods of 
measurement and analysis of rig traverse data would be a most revealing 
exercise and would enable the advantages and disadvantages of the differ- 
ent types to be compared. This might not lead immediately to a combustor 
incorporating all the host features, but it could lead to the formulation 
of the correct questions and to the design of the correct experiments to 
discriminate between rival i^isign practices. 

Prom the computational point of view, the combustion chamber is the 
Cinderella of the gas turbine. The internal processes are much less 
amenable to calculation than are those in turbomachinery, and a fluid- 
mechanical modol of a practical combustor is still a long way into the 
future. Such a model would only describe the average sector and would 
tell us nothing about the random effects. 

Traversing is likely to become more important as the combustion 
engineer rises to the challenges of even higher performance and the 
legislative controls on emissions. There will be pressure for more 
refined interpretation of the results; traverses of different parameters 
and in different planes will have to be considered together, to build the 
necessary picture of the combustor. The techniques described here should 
enable a start to be made on these problems. 

Finally, it must be rencmbored that traverse analysis is not a 
static art. Like all other topics in the interpretation of experimental 
data, it trios to answer the questions asked of it. As the questions 
change, so will the methods of analysis. 
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Appendix 1.    dotation and dofinitlon of parameters. 

The parameters required in the mothod are introduced in their 
logical sequence.     In many cases the moaning will be obvious from the 
definition but all the imj, irtant ones are described in the main text. 

T. inlet temperature. 

T?. traverse parameter measiired at i,j point of sector k. 

i radial index. 
,i circumfürential index within sector. 
T mean exit temperature over whole traverse. 
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Sector parameters 
„Je T 

A 

A 

X 

mean of T. . over sector k. 
"   k 

peaüc value of T.. over sector k, 

Tk _ ^ 
non-dimensional parameter for sector mean rise. 

non-dimensional representation of peak temperature 
in sector k. 

alternative non-dimensional representation of peak 
T - T^n    temperature in sector k. 
standard deviation of xk about mean x (x = 0 by definition). 

mean and atandard deviation of y^. 

mean and atandard deviation of 4^. 

f " Tin 

Tk -Tk 

Tk - T. 
m 

Tk - T 

Average sector distribution. 

^ 

yid'  ZiJ 

z max,ij 

Tk.  - Tk 

JJ  
T        m    T 

11 

in 

- T 

T - T- 

non-dimensional representation of individual 
traverse moasureraent. 

alternative non-dimensional representation. 

moan of y, .  (z. .)  taken over all sectors:    refers to l,j, 
point of average sector. 
correspondinß standard deviations at i,j point. 

maximum value of  z. . found at i,j point of all sectors. 
^" J 

sector pattern deviation panuneter - the root-mean-square 
difference botv/een the kth sector temperature distribution 
y. .,   and the moan sector distribution, y. 

N. 
i 

N ij' 

v & - '«JA 't 
d. °A 

i=1 j=1 

mean and standard deviation of d, . 

Appendix 2. Relations Between the x, y and z Parameters. 

The required relation follows immediately from the definition of 
these quantities in Appendix 1.  It may be written 

(1 + z) = (1 + x)(l + y)  or as 

z = x + y + xy 

Two further expressions can bo obtained from the second equation, one 
between the means of z and y (the moan of x is zero, by definition) and 
the other between the standard deviations, 
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or 

By averaging over the N sectors we obtain 

• = x ♦ y ♦ J£xy/U 
and It should be noted that x = 0 by definition. The final term on the 
right can be written 

1 
N x(y - y) = —jf— r  ff a yj      J' N   xy x y 

where r  is the correlation coefficient between the x,y arrays. Thus xy 

In a typical case, y = 0.40, N = 18, ff = 0.05, * =0.10 and r  is 
limited to the range -1 to +1 by definition. Thus the second term on the 
right is always small_com£ared with the first, and for all practical 
purposes we can take "z = y. Assuming this result, the second form of the 
basic relation can be written 

z-s = y-y + x(l+y) 

and by squaring and averaging over the sectors a further expression for 
the standard deviations can be obtained: 

or az  = ^ + KT? )   x2(1+y+y-y)2 + IM )   x(i+y+y-y)(y~y) 

When the last two terms on the right are expanded, only terms of the 
second order in x, y - y need be retained as all thi ether terms are much 
smaller.    Thus 

ff2    = 
z 

P mm    P P ~ a
v + (1 + y)    a„ + 2r      (1  + y) a    ff   + terras of third and higher y x xy x   y 
order in x, y - y. 

At the two extremes, r  = + 1 and so ff ' xy  - z layi(i + y)a
x 

Appendix 3. Tests for a Normal Distribution. 

The Normal distribution plays such an essential part in statistical 
applications, and so many of the common tests are based on it, that it is 
usually taken for granted.  The calculation of the 0TDF estimates will be 
sensitive to the shape of the distribution near the extremes and so it is 
important to establish how well the x, y, z and d parameters obey the 
Normal law. It would be possible though time-consuming and laborious to 
work with an empirical distribution. 

There are a number of staniard tests to show whether the members of 
a sample could have been drawn from a Normal distribution, but most of 
them require a large sample while we usually have 18 or less. One test 
which can be used, is based on the ratio of the mean to the standard 
deviation: for any array, oay, z, we calculate a 

a IVI- 
i I 

(l If 
Tables of the significance levels for sample sizes down to 11 are pub- 
lished in the Biomotrika Tables for Statisticians.^ ' 
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This test has been applied to 15 assorted rig traverses, all with 18 
sectors, and Table 2 below summarises the results. 

Parameter X y z d N-distr    | 

'.ean of a1 o.rj02i 0.8082 0.7982 0.7939 0.8096      | 
St dev.of'a» 0.0659 0.04B1 0.0696 0,0694 0.0473      j 
lo.   in 
upper/lower 

ho;: 4 3 4 7 
3 

Table 2. Test for Normal distribution. 

x, y, and z appear to conform well to the Normal distribution though d is 
more doubtful. Its mean& standard deviations are not very different from 
z, but a large proportion of the results lie in the wings of the 'a' 
distribution. 

As a special test of the z-distribution, the observed DTD?, z^ 
been compared with the predicted OTD?(50), ZCQ, for these 15 rig  aX 

traverses. Since each has a different value of zmax and Zc0, the 
parameter '"*   ,---  ' -- /i-a-----,j ^—- ^ ■■-- ^-'■c ■ 

h*M 

has been deduced from the expression 

max =    z + aa 

and compared with the value 1.778 based on the normal distribution for 18 
sectors.    The mean of the 15 estimates of 'a'  was 2.05, with a standard 
deviation of 0.609 and is in poor agreement with the expected value. 
However,  on 5 of the traverses the peak sector was found to be a rogue. 
Using the next hottest peak and recalculatinp; "z,  oz, gave a revised mean 
of 1.720 for 'a'  and a standard deviation of 0,272.    This is acceptably 
near 1.778 and gives    further confirmation of the Normality of the 
z-distribution and of the validity of the 0TDP concept. 
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OPTICAL TEMPERATURE MEASUREMENTS  IN A CONTINUOUS FLOW 

COMBUSTION CHAMBER 

A.  Coghe, Ü.  Ghezzi,  S. Paaini 

Istituto di Macchine, Politecnico di Milano,   Italy 

1. INTRODUCTION 
Many reasons suggest to employ, at least from a theoret- 

ical point of view, optical methods for temperature measure- 
ments in gas turbine combustion chambers. First of all» in 
the highest temperature zones, the use of more traditional 
methods (for instance thermocouples) becomes problematic both 
for realization and meaning of results, owing to remarkable 
corrections needed and not well known corrective factors. Sec- 
ond, probe introduction may perturbate the phenomena inside 
the combustion chamber; moreover, the own inertia of the mea- 
suring system impede to follow with sufficient precision 
swiftly variable situations. 

Tn the present paper are examined the possibilities of 
employing the optical method of line reversal for temperature 
measurements inside a gas turbine conbustion chamber. The ob- 
tained measures are naturally mean values along certain opti- 
cal paths; it is then necessary to apply to auxiliary systems 
of investigation, for instance thermocouples, if the local 
values are desired. Optical methods require available trans- 
parent windows, perfect optical alignment» (peculiar for the 
precision of measurements), practical solutions for test re- 
peatability, and so on. All these circumstances bring to the 
conclusion that the measure obtained is affected by a certain 
number of errors; for some of them the entity can be evalu- 
ated with good precision, but for the others there is only 
the possibility of knowing their interval of variation. 

2. MEANING OP TEMPERATURE IN GAS TURBINE COMBUSTION CHAMBERS 
In this paper a discussion will not be ri en whether in- 

side a corabustor the different temperatures (of vibrational, 
translational, rotational, or electronic nature) are coinci- 
dent, thus deriving a meaning for the concept of temperature 
as an index of a certain equilibrium situation; this will be 
taken as an assumption, verified in the average. The work is 
rather concerned with the examination of the temperature field 
inside the combustion chamber and particularly with the tem- 
perature behavior versus space and time. 

Fuel is injected into the primary zone as a spray, mixes 
with air and burns: combustion occurs according to not well 
clarified modalities. One theory states each drop of fuel 
burns singularly with a diffusion flame; another theory says 
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more drops, or even the whole spray, concur to form a diffu- 
sive flame front. This second alternative seems to agree bet- 
ter with experimental results. It is anyway clear that a fro- 
zen situation in the primary zone, at a certain instant, will 
show very sharp local temperature gradients, implying there- 
fore a problematic definition of a significative temperature. 
Besides that, the situation does not keep locally stationary, 
because turbulence and mixing phenomena make local conditions 
function of time too. 

The so-called secondary zone sees fuel drops almost com- 
pletely burned, also if oxidation reactions of unbumed hy- 
drocarbons (like oxidation of CO to GO2) still take place. In 
such a region, very sharp local temperature gradients are not 
expected, also if local conditions cannot be assumed station- 
ary; hence, punctual temperature values should not be consid- 
ered constant. 

What above said makes clear that the meaning of the term 
temperature, in situations analogous to these before illus- 
trated, depends mainly upon the modalities followed while 
measuring or, at least, upon the criteria adopted for the in- 
terpretation of results. If the system were in fact station- 
ary and uniform, ambiguity for temperature definition could 
not exist, on condition that a correct measuring device was 
adopted; on the contrary, for the system under examination, 
the knowledge of an unequivocal temperature value would re- 
quire a device able to feel very strong gradients (whose di- 
mensions were therefore infinitesimal) and with a very small 
inertia: device which is not available at present (at least 
for the temperature levels concerned with this work). 

Usually, for gas turbine combustion chambers, local tem- 
perature values can be obtained either by measurements with 
thermocouples or by an energetic balance from local composi- 
tions. In the primary zone it is clear that thermocouples 
give only mean spatial temperature values, because big gradi- 
ents can be found within dimensions comparable with their di- 
ameter; moreover, their thermal inertia is with no doubt an 
obstacle if very swift local fluctuations should be followed. 
On the other hand, also when temperature measurements ob- 
tained through a thermal balance from gas samples are consid- 
ered, it becomes evident that a mean value, both spatial and 
temporal, is the only available, because of the relatively 
large quantity of sample needed for a meaningful analysis 
(in respect of dimensions for which a change in conditions 
may become significative), and the time required for gas sam- 
pling. In fact, following this procedure, temperature mea- 
surements in combustion zones brought to values lower than 
those logically expected in primary zones, also in relation 
to chemical compounds here formed (for instance NO); the in- 
congruity can be solved by considering measures as basically 
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mean temperatures, not responsable for many of the phenomena 
involved. The situation improves a little in the secondary 
zone of dilution, both for the lower thermal levels and the 
smaller temperature gradients here found. Apart these consid- 
erations, the introduction of sampling probes perturbates re- 
markably the phenomenon, mainly in zones of larger gradients. 

At this point it should be asked whether an optical meth- 
od, like the one presented, may improve the reliability of 
results and when its application may be justifiable. The main 
characteristic of the line reversal method is the capability 
of giving only temperature values averaged along certain op- 
tical paths (assumed an uniform seeding). As a consequence, 
even under the most favorable conditions, the method cannot 
take directly into account the temperature gradients encoun- 
tered inside combustors. The system is on the contrary able 
to feel, with no perturbations, also the highest temperature 
zones, through the contribute they give to the total radiancy 
emitted by the flame. Therefore, if the seeding atoms can be 
assumed uniformly distributed, the assumption follows the 
mean temperature measured is the true value, within the lim- 
its of errors and experimental uncertainties. In relation to 
the capability to follow very fast fluctuations, the method 
must be said much better than others based on probes intro- 
duction. It should be emphasized, however, instantaneous val- 
ues are related to conditions of certain spatial regions, 
thus being indicative of sources of macroscopic and not local 
fluctuations. 

3.1 EXPERIMENTAL DEVICE 
The experimental device, including the combustion cham- 

ber with its air and fuel feeding systems, has been illus- 
trated in previous papex's (see Ref (l), (2), and (3)). Here 
are shown only the schfmatical map of the plant (see Pig (1)) 
and some constructive details of the combustion chamber (see 
Pig (2)). Pig (2) shows also the seeding injection system of 
a sodium solution, essential for the optical measurements. 
The external wall of the combustion chamber was transparent 
(Pyrex as material), to allow the optical measurements for all 
the positions determined by the liner holes center-lines. 

Tests were run at different air/fuel ratios (APR = 70, 
90, 110, and 130), with a fuel mass flow rate equal to 3 g/s 
(kerosene as fuel) and an air flow at atmospheric pressure. 

3.2 OPTICAL MEASUREMENTS 
Temperature measurements inside the combustion chamber 

were obtained following optical methods based on the analysis 
of emission and absorption of radiations from the combustion 
gases. Plank's and Kirchhoff's laws are employed; their va- 
lidity requires equilibrium conditions, independently of the 
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chemical or phisical nature of the radiant emitters. Moreover, 
emitters are assumed in thermal equilibrium with flame gases, 
deriving from that their electronic pooulation obeys Boltz- 
mann's distribution and equilibrium among electronic find 
translational states exists. These conditions are better ver- 
ified if, instead of the whole radiation emitted by the hot 
gases, only a monochromatic radiation (corresponding to the 
resonance line given by the transition from an exited state 
to the fundamental one) is considered. Combustion gases do 
not present always resonance lines, but the obstacle is easi- 
ly overcome by introducing from the outside an opportune seed- 
ing, producing thermically excitable atoms. Among resonance 
lines, the most used one is the sodium D-line, because popu- 
lations of alcaline metals atomic levels assume easily Boltz- 
mann's distribution and equilibrium condition with combustion 
gases. For the present work, a sodium chloride solution (con- 
taining 400 ppm of sodium) was sucked by capillarity and in- 
jected into the combustion chamber by a secondary flow of air 
with a very low mass flow rate (about 10 l/min). Atomization 
was by air-blast. 

The optical-electronic apparatus used for temperature 
measurements is schematically shown in Pig (3)« A tungsten 
strip filament lamp with a quartz window (G.E.C. 20 A/ 6 V) 
was used as a reference standard. The image of the tungsten 
filament was focused on the flame through lens L^ and then on 
the slot of the monochromator by lens L2, giving a one to one 
magnification. Lens L2 was stopped down by diaphragm I) to en- 
sure the monochromator (Hilger-Watts D-330 equipped with t\ 
1200 lines/mm grating blazed for 5000 A) receives the radian- 
cy Rg emitted by gas and the filament lamp radiancy Rs, under 
the same solid angle. A slit large 0.02 mm and high 2mm gave 
a precise determination of the region of the flame analyzed. 

Hot gases temperature measurements were both by sodium 
D-line reversal method and by the same technique modified to 
allow rapid measurements, with a temporal resolution around 
one hundredth of second. The line reversal method requires 
manual regulation of the current of the lamp until, by a trial 
and error method, the following condition is achieved: 

RS(A,T) = Rs+g(A,T) (1) 

where: 

Rs+g(X,T) = (1 - dg) RS(A,T) + ig Rg(AfT)      (2) 

being: 

dg = o(g(\T) = gas absorptivity for incident radiation 
at wavelength A and temperature T 

tg  s 6g(X,T) = gas emissivity at the same conditions. 
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In equilibrium conditions can be used the Kirchhoff's law: 

eg(A,T) =0lg(AfT) (3) 

eq (1) gives therefore: 

Rg = Rs (4) 

and 

Tg • TJ (5) 
where; 

Tg = true gas temperature 

Tg = black body brightness strip lamp temperature at A. 

Namely, the background monochromatic intensity, at match, 
equals that of a black body at gas temperature. The lamp cal- 
ibration curve gives the temperature T| versus the feeding 
current. The insertion of a standard resistor type Reinchsan- 
stolt (resistance: 0.01 ohm; uncertainty of the value: 0.001^), 
in series with the lamp, allowed an accurate determination of 
the current by measuring the potential difference across the 
resistance by a digital voltmeter. The lamp was calibrated 
by comparison with a monochromatic electronic pyrometer at 
the Institute of Metrology "G. Colonnetti" of Turin. 

The line reversal is a null method (hence very simple 
and accurate), but each measurement requires a long time, dur- 
ing which gas conditions must be kept constant. Actually, a 
great number of high frequency casual fluctuations character- 
ize the radiancy emitted by hot gases and low frequency os- 
cillations may be caused by the own pulsations of the system. 
The photomultiplier converts luminous signals into current, 
but does not change sensibly the characteristics; therefore, 
to determine the point of reversal (Rg = Rg+g) an integration 
of the signal is needed for a given time. For the present work 
the time was chosen equal to 1 sec. 

It is however extremely interesting to analyze continuous- 
ly the temperature behavior in a combustion chamber for times 
sensibly less longer than one second. A simple method was de- 
veloped, based on the assumption the variation law of the 
standard lamp radiancy Rg versus the feeding current i can, 
with good approximation, be considered linear on a logarith- 
mic scale, at least within the temperature interval tested 
(1800 to 2200 0K). An analogous relationship, valid in the 
same temperature interval, has been found experimentally for 
the total radiancy Rs+g versus the current. At this point, 
once drawn the straight line representing Rg, it becomes ev- 
ident the possibility to draw also the line relative to Rg+Äf 
close to the expected point of reversal, by the determination 
of only two points (see Pig (4)). These points were obtained 
by keeping constant the lamp current (at the value i^) and by 
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employing a slightly modified chopper, presenting one window 
completely ■»ransparent  (transmissivity X= 1)  to the lamp ra- 
diation and the other with a transmissivity T= T*><1   (xisually 
a chonper is employed as a shutter,   inserted between the stan- 
dard lamp and the flame).  Practically,   the following procedure 
was adopted:  before,  the line corresponding to Rä(i)  was drawn 
from experimental points by varying the current  i,  with no 
lenses and combustion chamber;   then, a second line Rs(i) was 
drawn  in operative conditions,  with lens L\ and the entrance 
chamber window alone,   to determine the trarsmisaivity T^, uti- 
lized to correct the measures,  as it will be explained later 
on; at last,  the line relative to Rg+g{i) was determined by 
two points obtained in corrispondence toTi-RlCi^) and 
toXT* RjgCiiK  where Rod-^)   is the prefixed value of the lamp 
radiancy. 

A continuous registration of the signals was made by a 
photoregistrator and allowed not only instantaneous tempera- 
tvre values,  but also the temperature behavior in function of 
time,   the amplitude of oscillations,  and the  indetermination 
of the  single measurements.  In Pig (5)  a typical behavior of 
Ra+g corresponding to "Ej/H^Cli)  and XQTJ^-R|(i^)   is shown, as 
it appeared on an oscilloscope:   for a certain step,   each cou- 
ple of values allows to determine,  by interpolation,  the 
flame  temperature,  averaged for a time interval defined by the 
angular velocity of the  chopper. 

3,3    MEASUHEMENTS  BY  THERMOCOUPLES 
Temperature measurements by thermocouples were obtained 

by employing Pt/Pt-109Ölh thermocouples,  accomplished as shown 
in Pig (6), No way was tried to  shield the hot  junction to 
reduce radiation,  nor a forced suction was created to augment 
the heat transfer coefficient.  The thermocouple support was 
mounted in such a manner to move radially inside the liner of 
the combustion chamber.  The different positions of the  hot 
junction gave therefore the temperature orofile. 

4.1     ANALYSIS OP  EXPERIMENTAL  RESULTS 
The basic problem to  be solved for the  interpretation of 

the results is evidently the  evaluation of the  errors of the 
entire  system.  As well known,   the line reversal method  is 
mainly based on flame application of Planck's and Kirchhoff's 
laws.  Naturally such laws are verified in thermodynamic equi- 
librium conditions;   for real cases this circumstance may not 
be verified,  also  if the differences involved  (at least  for 
the experimental conditions of the present work)  do not usu- 
ally caus». big temperature errors.  Following this point of 
view,   the major cause of error should be given to the non-ra- 
diant  equilibrium,  which  induces a depopulation of the excited 
states;  but for flames at atmospheric pressure  (being the 
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colliaional effects the main ones) only an error equal to few 
degrees is observed. When the seeding atoms can be supposed 
homogeneously distributed, also if the temperature profile is 
not uniform,  the measured temperature can be assumed,   if local 
equilibrium conditions are ensured,  the mean value along the 
optical path interested by the beam.  Difficulties for the in- 
terpretation of results may arise when the seeding atoms can 
not be assumed uniformly distributed;   in fact,   zones at dif- 
ferent temperatures would be  considered with different weights 
and therefore the mean value would become altered.  For the 
present work, the injection system ensured a sufficiently uni- 
form seeding distribution. The seeding injector was experimen- 
tally proved by adopting different configurations  (particular- 
ly by varying the injector position);  an absence of differ- 
ences  in the signal was considered enough to prove a good dis- 
tribution of the injected substance. 

At any rate,  it  seems the main source of errors,  for the 
system employed,  should be the radiation,  which crosses ab- 
sorbing and diffusing media  (independently from Kirchhoff's 
law),  as lenses and transparent walls of the combustion cham- 
ber.  It should be then taken into account the flame too can 
absorb and spread independently from the presence of the seed- 
ing;  moreover,  the  flame  can behave  in different ways  in re- 
spect of the lamp lif;ht or the flame light emitted on the same 
wavelength of the lanp  (radiation due to the  seeding).  The 
phenomenon is better explained by referring to Pig (7), which 
reproduces schematically the  test system. CH-^ and 0I3 are the 
absorptivities  (0)  of optical components,  before and after the 
flame; dg is the absorptivity and tg the emissivity of gas, 
due to sodium atoms; 0(2 is the absorptivity of Rs, when no so- 
dium is present;  radiancy Rg of gas is subjected to an auto- 
absorptivity d 2» All these magnitudes are referred to the op- 
erative wavelength A.  In reversal conditions,  for eq  (1) and 
(2),  the lamp radiancy absorbed by the gas is equal to its ra- 
diancy,  and therefore: 

0(g-(l -Ct1).(l -0(2)R8 = £g(l -0r2)Rg (6) 

for eq  (3)   it  follows: 

Rs   - 1-^2 (7) 

To achieve the flame temperature it is therefore neces- 
sary to know (besides naturally Rg) alaodi, 0^2» and d^. The 
values of di and 0(2 can be experimentally determined while 

calibrating; thus their errors are known too. On the contrary, 
0(2 is not as easy to determine, from a quantitative point of 

*  Absorptivity refers here to phenomena reducing radiation 
intensity, without specifying any nature. 
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view; therefore, only the maximum possible error due to flame 
absorptivity can be determined. Eq (7) says that, if 0(2 =0(2» 
the presence of absorptivity does not introduce errors for the 
temperature evaluation. Errors are then depending upon the 
possible difference between H^ and &2*  hence the convenience 
to calculate the maximum span. Evidently, this difference is 
due to the fact that while the whole radiation of the lamp 
crosses the flame (naturally less by the factor (1 -Ol^)), the 
flame radiation is emitted along the flame itself and there- 
fore the radiation absorptivity decreases as decreases the 
flame thickness to be crossed. A certain temperature distribu- 
tion would give the possibility to calculate the value of o^; 
but mainly here the maximum possible error is searched and this 
procedure will -»-.hus not be followed (also because not easily 
verifiable hrpotheses should be introduced). 

First ot all, it will be shown that (^ > 3^. In fact, it 
would be 0(2 = 0(2 in the extreme hypothesis of the seeding at- 
oms concentrated in that part of the flame opposite to the mo- 
nochromator (and then the whole flame radiation would cross 
the flame). If the seeding substance wore on the ccntrary com- 
pletely in that part of the flame facing the monochrcmator, 
the flame radiation could reaoh it with no absorptivity by the 
flame itself; thus it would result CI2 = 0. Being therefore 
0 4 ÖTg 4 0(2, the maximum and minimum values of the error will 
be known. The minimum value is found when CI2 =0^2» so eq (7) 
becomes: 

R5 -   1 (8) 
Rg       i-*i 

while the maximum value correspondee to $2 = 0,  and therefore: 

Rs _    1 (9) 
Rg  (i-*iHi-o(2) 

Because (1 - oQ)^(l - 0^), it comes from eq (7) that 
Rg>Rg; thus, in reversal conditions, the lamp temperature is 
higher than the flame temperature. 

4.2  EXPERIMENTAL RESULTS 
Temperature measurements by line reversal method were 

taken along the optical paths corresponding to positions 1 
through 12 of Pig (8). As it can be seen, positions 5 through 
8 correspond to measurements taken along the major diameter 
and are the most significative ones, mainly if compared to 
thermocouples measurements. Along optical paths not crossing 
the liner center-line (positions 1 through 4 and 9 through 12) 
were taken other measurements only as a verification. Values 
of Ti and T2 maximum and minimum found during tests are given 
in Tab (l). As already said, it has been evaluated only the 
maximum error due the difference of Z2  from T^. Such an error, 
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while calibrating, varied from 10 to 100 0K. As far as X2  Is 
concerned, its variation was from 40 to about 140 0K, depend- 
ingly upon the position (it is clear the necessity to cali- 
brate at each position, because of the different behaviors in 
relation to the optical paths considered). The minimum correc- 
tion to be introduced, owing to the evaluation of Xi and X2» 
were within the interval 30 to 140i_<fK, while the maximum ones 
which take into account that T2 jt Tg)» were from 40 to 220 0K. 

The interpretation of the experimental results is relat- 
ed to the temperature field in which the line reversal method 
is meaningful. To accomplish optical measurements atoms should 
be present in an excited state, namely sodium atoms In the 
electronic condition 32P (from which radiates the D-resonance 
line). If a Boltzmarm's distribution can be hypotesized, it 
can be shown that at 3000 0K only a fraction of sodium atoms 
(about 10"^) is in an excited state and therefore can emit; on 
the contrary, at 1500 0K this fraction abates to about lO"''. 
Experience shows that, for the seeding concentrations normal- 
ly used (and also here employed), such a percentage of excited 
atoms is not enough to be detected by an electronic instrumen- 
tation like the one here used '0^. In fact, with a seeding of 
1000 ppm, 10""^ excited atoms per million vill be found, that 
is a ratio of particle present to atoms excited equal to 101 . 
It can therefore be assumed the mean temperature is referred 
only to that zone (among those crossed by the optical beam) 
where temperature is higher than 1500 0K. However, at this 
temperature level, measurements by thermocouples are very re- 
liable and so particular problems ere not expected. 

Tab (II) shows, as an example, the results of the mea- 
surements taken in correspondence to positions 5 through 8 
and for the only value AFR = 90; besides the measured values 
Tj^i are also ^iven the temperature values corrected by the max- 
imum (TMAX) and minimum (TMJHJ) errors. As it can be seen, for 
position 5 a measurement by the line reversal method was not 
allowed, owing to the low temperature level of the zone, as 
the temperature profile obtained by thermocouples and shown 
(not corrected) in Pig (9) can confirm. 

A mean temperature measurement, already very meaningful 
if taken alone, may become of higher utility if coupled to 
local measurements by thermocouples. In the present work, ra- 
dial temperature profiles were taken by thermocouples of the 
kind before illustrated, for numerous stations (including sta- 
tions 5 through 8), corresponding to different cross sections 
of the combustion chamber. Optical measurements, together with 

^ For instance, by employing photon counting techniques, the 
above limit could be lessen much more, but problems would 
arise for the interpretation of results, because much longer 
observation times are required. 
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measurements taken by thermocouples, allowed to achieve the 
(true) local temperature profile. The procedure followed is 
very simple and is here briefly recalled. 

By hypothesis, the error due to conduction through the 
thermocouple wiring (calculated around 20 to 30 0K) will be 
neglected and the radiation will be toward the absolute zero; 
therefore, if Tg is the true temperature of gas and Tp the 
temperature given by the thermocouple, it follows: 

h(Tff - TD)   =   e^-T* (10) •g ^p/     -     v Cp    Xp 

where: 

h = heat transfer coefficient between gas and thermo- 
couple 

(T = Stefan-Boltzmann constant 

tp = thermocouple emissivity; 

from eq (10) it comes: 

Tg = g£p Tp
4 + Tp. (11) 

h 
But along a certain optical path the mean value of T- (which 
is a function of the radius r) is known (see for instance 
Tab (II)), so: 

/ Tg dr = / ( fftp Tp4 + Tp) dr = fj.        (12) 
h 

Eq (12) makes clear that, being known both Tg (which for the 
calculations was assumod equal to the average between T^x 
and TMIN) and Tp (given by thermocouples as a function of the 
radius r), the behavior of the group (fftp/h) versus the ra- 
dius r can be calculated and so eq (11) will give the punctu- 
al value of Tg. Searching for an approximate solution and as- 
suming (6"-tp/R) is about constant along a diameter, eq (12) 
will give: 

Tj = ( C-fcp ) T 4 + T^ (13) 
h 

which allows a very easy calculation of (CTEp/h). The value 
of the group (ffEp/h) was found, for the cases here considered, 
comprised between 3.5 lO"11 and 4.5 lO-H 0K"3, 

Pig (10) through (15) show temperature profiles taken by 
thermocouples. The profiles of Fig (11) through (15) were cor- 
rected by means of factor (e-t_/h) calculated as said; also int- 
erpolated values were used for intermediate positions. For the 
temperature values of Pig (10), corrections were not intro- 
duced because considered not very meaningful (at least from 
the point of view of optical measurements), owing to the re- 
markable asymmetry of the temperature profile, caused by the 
presence of the igniter. As soon as the ignition zone is left, 
the graohs show that the temperature- profiles become symmetri- 
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cal again. 
As it was said, very fast temperature measurements were 

taken too (with a period very close to one hundredth of sec- 
ond), to allow both xhe evaluation of the mean fluctuations 
of temperature and an idea of the period of the fluctuations 
themselves. It is clear that an optical measurement gives on- 
ly a resultant signal sum of the behavior of single points 
which are on the optical path considered, but nevertheless 
the informations available are very interesting. As far as 
the fluctuations of the signal are concerned, it was already 
observed their amplitude is about 20^ of the mean value of 
the signal (+ 10% around it; see Pig (5)). Remembering the 
exponential relationship between temperature and signal, the 
fluctuations of the mean temperature value stay within 2^. 
The conclusion may therefore be drawn the mean temperature 
value keeps constant in time and fluctuations are much less 
important than how may be expected at first sight. 

In relation to the period of oscillation, a low frequen- 
cy oscillation (with period around 0.5 sec) was observed, at- 
tributable to the responce of the feeding line, to which os- 
cillations at much higher frequency are superposed. As above 
said, measurements were taken at intervals around one hun- 
dredth of second; the registration of the signal showed the 
oscillation period is much less than the interval between two 
subsequent measurements. 

This paper will not deepen into the study of connections 
between period and intensity of the fluctuations, and the be- 
havior of the system, also if it seems intuitive that inter- 
esting informations may be drawn from such an analysis. A re- 
search program in this direction is anyway under development 
at the Institute of Machine of the Polytechnic of Milan. The 
main purpose of this work was in fact to emphasize the extreme 
sensibility of the optical method to explain the characteris- 
tics of the mean fluctuations, related to absorption and emis- 
sion of a radiation. 

5.   CONCLUSIONS 
The application of the line reversal method to combus- 

tion chambers allows to determine mean temperatures with a 
margin of error around few tens of degrees; in fact, with an 
accurate calibration of the system, quite a precise analysis 
of errors is possible, also if, under certain aspects, it is 
a laborious one. Thn utility of the system is more appreci- 
ated in the higher temperature field, where simpler methods, 
like for instance those based on thermocouples, show deep un- 
certainties. Moreover, the method is particularly suitable 
for the evaluation of temperature fluctuations along the op- 
tical naths considered and for an analysis of the oscillation 
period. 583< 
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On the other hand, the method is rather complicated to 
set in, expecially for ayotema not to be tested in laboratory, 
such for instance real scale gas turbine burners, requiring 
in fact the employment of quite a sophisticated instrumenta- 
tion, a good optical alignment, absence of vibrations, the 
predisposition of a seeding system, and transparent windows 
(or transparent walls, as for the present case). This last 
requisite sometimes makes difficult a realization; besides, 
the optical windows may change while testing their transmis- 
sivity (for instance, because of dirt deposit which may form), 
varying as a consequence the calibration of the system, which 
should therefore be repeated frequently. It must then be re- 
membered that the measurements obtained are the mean ones 
along certain optical paths, thus a limitation for the infor- 
mations available directly. 

At Isist, by coupling this system to punctual measurements 
by thermocouples, the temperature profiles can be known with 
good approximation. Prom this it appears that the method can 
be utilized as a calibration system for thermocouples working 
under particularly unfavorable conditions. Its application as 
a routine method is in fact rather onerous, as it was previ- 
ously said, if measurements affected by controlled errors are 
to be taken. 
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SOME ASPECTS OP DIGITAL CONTROL SYSTEMS APPLIED TO AIRCRAFT 

o0WERPLANTS. 

J. McNamara    E. Roberts    C.G. Legge 

Rolls-Royce (l 971 ) Limited, Bristol U.K. 

INTRODUCTION 

&aa Turbine Powerplants have been intensively developed to 
produce improved performance and operating economy.  This has been 
achieved substantially byi development of the powerplant itself, and 
also to a considerable extent by increasing the sophistication of the 
powerplant control system.  The control system has been required to 
run the powerplant accurately and safely ever closer to its peak of 
performance« 

This constant object of realising as much as possible of the 
potential performance over a wide range of operational conditions 
has resulted in the control system becoming much more complex. 

Powerplants featuring multiple spools with modulated reheat 
systems, variable-geometry intakes and variable-area nozzles are 
now common.  In these cases the control laws have reached a decree 
of complexity where it is doubtful if they could be implemented 
practicably by hydronechanical means alone, and recourse has been 
made to electronic control systems.  These have the advantage of 
making it possible to perform the required complicated control 
functions within a system of acceptable size and weight, and also are 
much more easily modified during the course of development. 

Their attendant problems of reliability and environmental 
tolerance have been the subject of much study and acceptable 
operational systems are now being produced. 

Even with electronic control systems, with their comparative 
ease of modification, development of the powerplant control in terms 
of time and cost has become an appreciable proportion of the overall 
powerplant development process. 

This occurs mainly because of development problems in the 
powerplant, as its operating envelope is progressively extended from 
sea-level running in the test bed to its full flight envelope in the 
flying test-bed anchor prototype aircraft.  This gives rise to 
frequent and quite extensive changes in the control functions required. 
In some cases the greater ease with which the electronics can be 
altered to accommodate these requirements enables improvements in 
powerplant performance to be effected by altering the electronic 
control system rather than by modifying the mechanical parts of the 
system. 
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A need for ease of iioiification during development has led to 
an increased interest in the possibilities of digital control systems. 
In such systems the control function is specified by the digital 
computer program, which can be easily and rapidly changed.    The system 
hardware consists essentially of a digital computing facility and its 
communications path with the powerplant transducerr and actuators, as 
shown in Fig.1 .      This communications path consists of elements such as 
signal conditioniiig circuits, multiplexers, analogue-digital converters 
etc., which once developed, can in principle be used on other control 
systems.      Therefore,  the digital system lends itself to modular 
construction, offering the possibility of reduction of development 
costs of new systems. 

These factors, together with other considerations such as a 
more systematic approach to monitoring and safety, indicate that 
digital control systems may be used increasingly in the future, 
particularly for complex powerplants. 

However,  although in the last decade research and development 
has been pursued in the United Kingdom on direct digital control of 
aircraft powerplants,  the work has yet to materialise into a fully 
flightworthy controller for a civil or a military application. 

The task has not been made easier by the fp.ct that since the 
introduction of electrical analogue control systems on the ProteusC1) 
engines in the Britannia,  extensive development of the electrical 
analogue controller for other engine/aircraft projects has occurred. 

Such projects as  the Olympus 320 in TSR,2 (before cancellation), 
Olympus 593 in Concorde r.nd R.B,199 in NSCA have electrical analogue 
controllers for the powerplants.      Here, micro-miniaturisation and now 
electronic packaging techniques are greatly reducing the size and 
weight of the controller compared with  systems originally produced with 
discrete components. 

It is interesting to note that in Concorde and I.DRCA, the use 
of digital elements to provide some of  the necessary control functions 
is now common practice.      Thus we are,   in fact,  in the "hybrid"  stage 
of the evolution of electronic controllers for aircraft powerplants. 

The introduction of direct digital control techniques to 
complex powerplant control must be shown to produce a system v/hich is 
comparable in size,  weight and cost with current electronic analogue 
concrollers.      Apart i'rom these basic criteria there are many other 
aspects of digital control systems applied to aircraft powerplants 
that must  be considered.      It is the purpose of this paper to highlight 
those aspects which are important in the operational use of digital 
controllers, 
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3YSTE?.! CONFiyjRATIOn 

The system oonflguratien for full-authority electronic control 
systems is basically dictated by the reliability and safety 
requirements.      Fundamentally the reliability requirements for 
operational cost effectiveness are determined  by the presently-achieved 
engine in-flight shut down rate.      This rate should not be greater than 
1.10"^- per engine hour from all causes.      In some applications only a 
very small proportion of this is available for the electronics, and 
therefore the in-flight shut-down rate due to electronics control 
system failure should not be greater than 10~6 per engine hour.      In 
existing hydromechanical full-authority fuel-control systems the low 
shut down rate is achieved by very high reliability with mnan-time- 
between-failures (MTBP) of tens of thousands of hours.      Within 
existing technolo:^ it is  not practicable to produce simplex electronic 
systems (either analogue or digital),  of the required complexity,  with 
KTDP's of this order.      Thus some form a redundancy is essential, but 
to what level of multiplicity this  can be taken is limited by practical 
considerations.       In general the welghtj sice and cost penalties are 
the limiting factors not only of the electronic  equipment but their 
associated engine transducers.      Furthermore pilot instrunertation and 
crash recorder parameters demand independent and isolated engine 
transducers.      Thus engine instrumentation alone dictates a restriction 
to twin-lane configuration for the engine control system« 

A twin-lane confiruration can be obtained by using either 
duplicated self-r.onitorei lanes,  where only one lane at a time is 
switched on (Fig.2),  or by cross-.aonitoring two lanes (duplex) and 
reverting to single-lane operation after the first fault (Figo )• 

The basic  syr.tarn configuration should be applicable to general 
powerplant control for either militury or civil application.    It should 
not oe necessary to go back to a fundamental redesign in order to ;.;eet 
now powerplant applications or now operational requirements. 

The introduction of an overall centralised aircraft powerplant 
control system, where triplicated or quadruplicated configurations can 
be employed (Fig.4), is futuristic and serious practical work is very 
unlikely until digital controllers have proved  their worth as an 
integrated control system for a total power-plant (intake, main engine 
and reheat; Fig,5).      Systems Currently bein1; developed in the U.K. 
incorporate main engine and reheat control as a first step towards a 
fully-integrated system. 

R£LIA"1L;TY AND SAFETY RZQiriRELSNTS 

Having established a basic  system configuration}  its 
operational modes  are determined by the safety requirements. 

The catastrophic failure rat^ for a civil aircraft from all 
cajses must not exceed 1.10~'  per aircraft hour.      This basic 
reiuiremcnt results in a design figure for engine hazardous effects 
from any particular mole of failure of 1.1 0'° per engine hour. 

Although the definition of  vhat constitutor a hazardous  ongine 
condition will vary from one appli?ation to another, some obvious 
hazards can be identified, viz; 
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i)    overspeedintj the engine 

ii)    rapid run-down oi' the engine during a critical period of flight 

iii )    loss of three engines in a four-engined aircraft 

iv)    the loss of thrust while jet-borne in a single engine VSTOL 
military aircraft (Harrier). 

In civil applications it is normal practice to provide an independent 
overspeed governor to reduce the probability of a control system fault 
overspeeding the engine.     Taking this into account the probability of 
a fault in the electronics of the control system causing an uncontrolled 
'run-up' of the engine must not exceed 1.1(^6 per engine hour.     It can 
be shown that a figure of 1.1 (TO uncontrolled electronics failures per 
engine hour also satisfies the other requirements for most applications. 

Since complex control systems (either digital or analogue) will 
probably have an MB? not much better than 1 000 hours per   lane      on 
entry into service, it is essential for such systems to fail operational 
on the first fault. 

While crew intervention to deal with faults which result in 
slow drifts is considered reasonable, any fault which would cause gross 
mishandling of the engine, and which demands immediate remedial action, 
should be detected by the system monitoring.     Furthermore,  since crew 
action should be based on unambiguous information the system itself 
should identify the faulty lane, and thus should be capable of 
automatic reconfiguration (i.e. switching out a faulty lane, or lane 
cliangeover). 

Hence,  in practice the individual lanes in any twin-lane 
system must be provided with some form of fault detection capability. 

An important consideration is the situation existing after a 
failure in one of the control lanes.      Inevitably, for the remainder 
of the flight,  there will be a higher-than-normal probability of 
engine shut-down due to electronic failure.      Depending on the design 
of the system there may also be a higher-thaa-normal probability of 
hazrrdoos effects.      It is suggested that after a first failure the 
risk of a catastrophe from the system should not exceed 1,10~" for the 
rojst of the flight.      Thus in the final failure case the system must 
fail safely (freeze to th'ä last good operational condition) and then 
it is acceptable for the orew to depower the controi system, and either 
revert to some "get-you-horae" back-up system or close the engine down. 

The  'fail-safe' requirement implies that the last surviving 
lane will contain virtually the same self-monitoring capability 
regardless of the original system configuration. 

Finally, it would be commercially desirable for the aircraft 
to be capable of being despatched with one lane inoperative on one of 
the engines.      For this to be permitted, the overall safety 
requirements of the aircraft must still be met.     The criterion 
proposed is that for the control system to have 'GO' capability with 
one lane inoperative on one engine, it must be acceptable, from a 
safety viewpoint, for all flights to be despatched in this condition. 
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It is  üelieved that if digital  conti'ol  systems are designed to 
i„cet these reliability and safety requirements|  then there will be no 
important shortcoming in the system when applied to arty future complex 
powerplant control« 

SO^.VAPJ: i:T,-:-:RiVir 

TLe computer program within the digital controller define? the 
system's functional capabilities.      It has several different as^^ots 
SUOh as monitoring safety procedures,  control functions and automatic 
tests» 

A lar^e amount of attention has  to be devoted to the detailed 
progrtmming of the computer to ensure that the functions and operations 
required achieve LX high degree of integrity«      Fon this reason it is 
important to conrider very carefully which of the various programming 
techniques should  bo employed.      The choice ranges from "machine-cole" 
to "high-level" languages» 

In a n'.'.c'. Lne-code program the programmer uses  the basic 
instructions of the computer, which are directly related to the 
operation of the machine.      Although potentially the most efficient in 
terms cf ;;poe..i and storage space,  the technique requires specialised 
personnel to achivve satisfactory results.      There is a further 
difficulty in ensuring that a program which appears to be fault-free 
docs not in fact coxitain, despite extensive testing, sone dormant 
fault which will manifest itself during operation of the control 
system«      Finally if the same task is required to be performed by 
another computer,  virtually the whole of the programming work has  to 
oe repeated,  ao  there is ro interclian£ea:)ilit2/ of machine code 
programs between computer.:. 

In attempts  to alleviate some of these difficulties various 
user-oriented languages  have been  developed»      The principle aim of 
SUCK  languages is  that  the user need not concern himself with the 
i itricocies of the computer's machine code,  but can concentrate on 
the   ictual en, ineering task«      Also programs once having been written 
in this way should be tra::. ferable between con] uters provided the 
larguoge is available for the computers« 

The inevital le disadvantage of such languages is that the 
resultii;;- machine-code or translated version of the program i r not 
so efficient as regards speed and storaco space as a skilled 
j ro ra:.:'.e!- could have produced directly in machine-code« 

Testing programs  in a higher level language can actually 
become more difficult than in machine-cole,  as the programmer cannot 
directly monitor the step-by-r.tep operation of his program«      This 
arises  because there is  :io J.rcct relationship between his written 
progra   and  its appearance within the stoic of the computer. 
Furthermore,  with some high level languages he Kill not even know 
whereabouts data is stored in the memory« 

Thus  the problem of dorrar.t faults is no way alleviated by 
the use of a programming language.      The remoteness of the programmer 
from t. e finished prorram in the cpmputer may well cause him to 
overlook possible faults« S<I2< 



It is concluded that fro::i the point of view of the control 
engineer, who is not necesüarily a computer programming expert, 
writing programs can be difficult for complex power-plant control, 
Icadinc to operational failures and degrading; syster integrity. 

One solution to this problem is the method of using the 
available expert programming resources to provide a "library" of 
subroutines which between them perform all the necessary functions 
and operations for online purposes, and which are written in such a 
way that the finished projram consists entirely of these subroutines, 
there being no separate linking structure or "J.!aster program". 

These subroutines can be written and thoroughly tested 
individually to a very high degree of confidence because of their 
relative simplicity«  I'oreover, since the sub-routines correspond 
directly to the control engineer's block diagram, programs are very 
easy to write even for complex powerplant control.  Thus the overall 
projram is unlikely to contain dormant errors.  It is believed that 
this kind of modular approach tc programming is the most effective 
means of producing high-integrity software. 

i.!onTc:aN& 

The system monitoring depends on the configuration;  a cross- 
monitored system dotects a fault by inter-lanc comparison and must 
then locate the faul'ty lane, while a self-monitored system 
simultaneously detects and locates the fault. 

For either configuration the function-uhf-red nature of the 
iigital controller,  in which the  same circuitry is used for many 
different functions,  enables it to do a lot towards  the testing of 
its own operation.      However,   the final test must be performed by 
circuits independent of the computer because of the possibility of 
f elf-compensating faults. 

For the self-monitored system, faults in a digital computer 
may conveniently be divided into two categories    :- 

a) faults which disrupt the sequential operation of the computer 

b) faults which cause incorrect numeric outputs 

Faults in the first category art easier to detect as they 
alter the time taken for the program to run or may prevent it being 
run at all.      This type of fault can be detected by a timing chech; 
independent of the computer. 

Faults  in the second category require further measures  for 
their detection,   as in the presence of such a fault,   the program nay 
appear to run quite normally• 

Such faults can be caused by minor corruptions  o:1 the program 
stored in the computer memory or by faults in the arithmetic circuitry 
of the Central Proce: .or Unit (C.F.U.)«    Although major corruptions  in 
these areas would generally result in both types of fault, some form 
of C.P,U.  and store monitoring is  required, 
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The computer v.orr.u, on a "program cycle" basis;   that is, during 
eacli. control cycle the computer ccneratGr; a set of discontinuous 
outputs.     To minimise the oomputing power required, the duration of 
the conlrol cycle should be as long as possible,  but has an upper 
limit governed by the dynamioa of the controlled system (e^ actuators). 
The control cycle iuration thus becomes equal to the longest time for 
which a faulty control system can be allowed  to continue operation, so 
as not to ocu^e serious mishandling of the engine.      It follows that 
the system must  be chocked for faults in every single control cycle. 

The C.P.U. may be checked by having the computer carry out a 
series of te.'t operations so designed that any fault existing in the 
C.P.U. widle the check is performed will produce an incorrect test 
result»      The contents and operation of the computer memory can be 
checked by methods based on sum-checking, due attention being paid to 
the different requirements of the parts of the store containing 
Vc\rious types of information, whether program or constants,  long-term 
or short-term data etc. 

It is also neoessazy to organise the program architecture so 
as to provide for the detection of intermittent faults as well as 
faults v/hich persist fox' most of a sample period   or longer. 

The uze of the computer to test the other parts of the system 
minimises the inclusion of monitoring circuits,  the integrity of v/hich 
wouli have to be separately con.-idercd, 

Systo;   monitoring is based on the f&it that correct sensor 
roadir.gr within the computer require a fault-free path from sensor to 
computer.      Thus  system monitoring reduces to sensor monitoring. 
Various methods have been employed including direct comparison, rate 
of change, out of limit,  intor-parametor comparison,  sign correlation 
and time comparison - these are all programming techniques«      Ilrrdware 
monitoring is used only '.vherc it provider an advantage over computer 
program methods« 

Tiie action to  be taken by the c 'ntrol  system as a whole when a 
fault is detected depends on the application,  but certain generalisa- 
tions ca-; be made.      When a fault occurs immediate act.ion must  be 
taken to prevent a hasardous condition ^cvelopin^.      i'owever because 
of the possible presence of noise in the system, detection of 
intermittent faults, whether real or apparent,  may occur frequently 
during a flight;  if every such incident, were invested with permanent 
significance the entire control system could be depowered in qiute a 
short timo«      Whenever a fj-.ult is detected,  therefore, final action 
must be delayed  until it can be established  that the fault is  cither 
persistent or occurring sufficiently frequently to seriously degrade 
tae control function. 

Considerable cf:'ort has been devoted to these various aspects 
of eoaputer and system monitoring» and there is a high degree of 
confidence that the required fault detection can -co achieved without 
incurrin<j a largo penalty in computing time ani adiitional circuitry. 
Hov.ever,   -he final stage of proving that the integrity of digital 
controller", are to flight standard has yet to be accomplished«      In 
the case of the civil application the Civil Aviation Authority have  to 
oe convinced,  but many peoplcr boiieve  that final confirmation of 
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airv/orthiness will be achieved only via a military application» 

CCirTROL FUTICTIÜII 

Cvyr the last decade a few dedicated groups in the U.K. engine 
controls ind.istry have demonstrated direct digital control of engines, 
inclading nodtlated rjheat,  on such powerplants as Olympus, Spey, Gyron 
Junior engines and the Fegasus vectored thrust engine.      Various full 
range digital control   systems have been evaluated on sea-level static 
test-beds. 

This work has shovm that digital systems are capable of 
performing successfully all the functions necessary for control of a 
complex powerplant.      The ability of digital systems to control an 
engine in several different ways  using the same physical hardware has 
also been domonstraV^l.      This flexibility is one of the major 
advantages of digital control and should greatly ease the development 
process when applied to a new engine project.      Modifications  to the 
control funotiona can be performed rapidly and, provided the computer 
has a re-progra:imabj.o  store, at  no extra direct cost. 

The flexibility car. be retained in service, if required, for 
updating the control functions when later marks of engine are fitted, 
or in response to new operational requirejnents (e.g.  noise-abatement),. 
Alternatively, rhen the control functions are finalised,   the store can 
be replaced by a permanent "read-only* memory. 

The advantages of control flexibility in the development stage, 
whioh digital systems  profile,   is already being exploited.      Digital 
systems are used to obtain engine characteristics, and also enable 
early running of the engine in any particular manner to provide 
inforr.atioa for development and specification of the eventual control 
system.      Thus the versatility of control hna been shown for digital 
methods. 

Cne way in which this feature of the digital system coald  be 
used more extensively  is in "Pov.-erplant Management" or "I'ulti-Mode 
Control".      These terms are applied to a system philosophy which 
recognises that ideally,  the pov.'orplant shoali bo controlled 
differently according to the i.unediate circumstances of the flight. 
At take*off| for example,  the control system may be required to give 
maximum thrust,  whereas during the climb-out phase,   the control 
function may have to bo modified to meet noise abatement criteria. 
During cruise,  performance optimisation relative  to fuel consumption 
may be le'iuired, while maximum acceleration may be of ov.jr-riding 
importance during apprc-ch and landing. 

The control function requirements for those various moles may 
be quite lifferent from each other.      In a  ligital system, however, 
this simply means that  several different control progrjims must be 
store! in the computer.      The programs would simply be called-up by 
mode-selector switches  by the pilot or flight engineer as required. 
(See Figo), 

As fur as the pilot is concerned, selecting a particular mode 
merely changes slightly the range of ea^ine power obtainable over the 
full travel of his throttle lever. 



No digital coutrcl BystMl vould be complete without some 
form of fully 6Utoafttio pia-fli^nt checkout.(2) 

If dortt.ant faults can occur in safety and monitoring circuits, 
then in order to naintain the integrity of a system such circuits 
must frequently be chocked.      In addition it is desirable to check 
the whole syjtejn pr or to engine start-up so as to avoid the 
consequencos of an ijorted start. 

It is relatively easy for the computer in a digital system 
to simul'ite faults which ciuse monitoring circuits to trip, and 
safety circuits to oj ernte.      It should be noted that if this is 
done, it is necesscry to ensure that the circuits recover if the 
simulated fault is of short duration (to avoid nuisance disconnects). 

It is also i'ijrly easy for the computer to check itself and 
most of the rflMinder o^ thp system (with minimal additional hardware). 

There arc,  however,  a few tests and caliorations which cannot 
readily be done by t^e cour.iter alone,  but which may need to be 
carried out from time to tisM to maintain system integrity. 

Thus it is conveniiUt to provide two levels of test.      The 
first is fully automatic, and rapidly tests all the safety and 
monitoring circuits und most of the system, and would be performed 
prior to every flight (the Pre-Flight or Line A test).      The second 
is semi-automatic,  takes rather longer to check all the system and 
would be perfor-ied perhaps once per day (Line B test).    An automatic 
pre-fli^ht test of this nature could well reduce turn-round time, 
since the total test time is in the region of 1   rninuto (at least half 
of tne lanes can be tested simultaneously) as well as dispensing with 
a ground-test unit. 

A further easily-proviied function is that of fault-loggin;:; 
the compucer can store details of the nature and number of occurrances 
of most types of fault for later analysis.      This facility should 
prove Ufieful|  especially in the case of intermittent faults where 
t''Sts on the ground are unlikely to reveal the fault. 
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SUPPLEMENTARY FUNCTIONS 

Recently the comprehensive techniques of Engine Health 
Monitoring (E.H.M.) have received much attention*  These techniques 
have included vibration measurement, trend analysis and engine life 
recording*  At present the majority of these techniques are still 
the subjects of various different studies*  In the U.K., at least 
for military applications, there appears to be a trend towards the 
better-defined Encine Life Recording (E.L.R.) approach» 

The aim of a complete E.H.M. system is to establish "on 
condition" servicing of powerplants by the continuous evaluation of 
engine performance* 

A system which could use the control parameters already within 
the digital controller to provide some useful indication of the state 
or elapsed ,,life" of the engine is considered a worthwhile objective* 

Although included as a sub-section of a complete E.H.M. 
system, the E.L.R. is bastd on the principle that an engine is 
assigned an overall life between overhauls from past experience». 

The main E.L.R. parameters recorded are cycle fatigue, thermal 
shocx, creep and ovei-temperature. Studies on this aspect of digital 
controllers indicate that additional program and memory requirements 
are extremely small ani ly the use of a post-flight readout facility 
this facility can be reaiily provided. 
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TELEMETRY OF ENGINE ROTOR TEST DATA 

A.J.S.   Pratt 

Rolls-Royce (l97l) Limited.,  Derby, U.K. 

1.0      Introduction 

The measurement of rotor parameters  is a fundamental requirement 
in the development of the modern aero gas turbine engine. 
Information about rotor stresses and temperature can often only 
be obtained by installing transducers on the rotating assemblies 
and  transmitting electrical signals to the stationary parts of 
the engine.      With single spool engines conventional contacting 
slip rings can be used but on multi-spool engines,  shaft ends 
are not always accessible and the combination of large shaft 
diameters and high rotational speeds  produces rubbing speeds  far 
too high for contacting slip ring systems to be practical. 
Also,   the demand for more and more data channels  per test has 
stimulated the development of non-contacting data telemetry 
systems which avoid the limitation of contacting slip rings. 
This  paper discusses several such systems currently in use at 
Rolls-Royce in the course of engine and rig development. 

2.0      'Non-electronic'  Telemetry 

The greatest demand in engine development is for dynamic strain 
measurement using strain gauges.       In this case the frequency 
and  relative amplitudes of strain gauges signals are required 
and  provided that only a limited number of channels are needed,  a 
simple amplitude modulated system with no rotor-borne electronics 
can be used. Referring to Fig.   (l). 

In this system the transducer (strain gauge)  is in one arm of an 
AC bridge which is supplied with a fixed amplitude,  fixed 
frequency A.C signal  by means of an inductive rotor-stator 
coupling in the form of a pair of concentric coils  positioned at 
one end of the rotor. 

Changes of gauge resistance modulate the bridge output and this 
is transmitted from the rotor back to the stator by a second 
pair of concentric coils.      The strain signal  is extracted by a 
phase sensitive detector. 

The system has  the advantages of simple rotating components 
which still make it attractive for some applications but it also 
has severe limitations such as:-    limited channel capacity 
(maximum of about 12),   poor signal  to noise performance,   lack of 
in situ calibration and a complicated setting up and operating 
crocedure. 
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2.0  'Non-electronic' ^jlemetry    ... continued ... 

Many of these limitationa can be avoided by using rotor borne 
electronics to polarise transducers, condition and switch the 
output and transmit it from the rotor to the outside world, and 
'radio telemetry* as it is known has become a standard method of 
obtaining many channels of data from multi-spool engines. 

3.0  System Specification 

The standard radio telemetry system currently in use at Derby 
has the following specification :- 

3.1 Capacity : up to 48 channels of dynamic stress or 
temperature, in blocks of 8 channels.  Mixed systems 
(i.e. temperature and stress are possible). 

3.2 Accuracy : a total system error not greater than +15^ full 
scale for temperature and not greater than +35^ for dynamic 
stress. 

3.3 Calibration : There is provision for in situ calibration 
of the whole system - transducer to final data output - at 
any time during a test. 

3.4 Environment : The system will operate up to temperatures 
of ■♦•1250C under centrifugal accelerations of up to 
30,000 'g*. 

4.0  Description of Radio Telemetry System 

4.1 The system, whether used for temperature or stress data, 
has three main sub systems : 

4 

Power Supply 
Control 
Data Conditioning and Transmission. 

Each sub-system consists of engine borne electronic 
circuits  together with a rotor to stator non-contacting 
coupling and test bed electronics outside the engine 
(Pig.2).       The power supply system is common to temperature 
and stress versions but Control and Data Conditioning 
differs in some respects, 

4.2 The Power Supply System 

A fundamental problem with rotor borne electronics is to 
provide reliable,  continuous power to the electronics 
under all  variations  in speed and temperature. 
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4.2  The Power Supply System continued 

Several techniques have been used including batteries, but 
for most applications the inductive couplings transmitting 
R.P. power has been found to be most convenient. 
Concentric windings, one on the rotor, one on a stationary 
part of the engine as described in (2.0) are used to 
transmit up to 50 watts of power at 485kHz onto the rotor. 
This R.P. power is fed to several rectifiers, smoothing 
and stabilising circuits giving the various dc voltages 
needed. 

4.3 Control 

In order to obtain a large number of data channels with a 
minimun of separate transmitting channels some switching 
is required.  Currently eight data channels per 
transmitter are used with up to 6 transmitters, giving a 
maximum capacity of 48 channels.  The primary functions, 
therefore, of the control system is to control this 
switching process from outside the engine.  In addition, 
calibration circuits can be operated and in the case of the 
stress system, gauge polarisation can be switched on and 
off to assist in diagnosing spurious signals. 

4.4 Transducer Selection 

Up to 8 separate transducer outputs can be switched,  one 
at a time,   in any order,   through a single transmitter 
channel.       A three bit binary word is generated at the 
ground station equipment as  three fixed frequencies;   these 
being mixed by a set of push buttons,   each button 
corresponding to a particular selection.       The selected 
mixed frequencies are amplified and  transferred to the rotor 
by means  of a second inductive coupling similar to the power 
coupling.       Th6 rotor electronics separate the three 
frequencies using tuned amplifiers and  the rectified 
amplifier outputs correspond to the 3   'bits'  of the binary 
word.       A binary to decimal  converter drives the 
transducer selection switches allowing any transducer to be 
selected from the ground station equipment. 

The operation of this switching system is monitored by a 
'selection check'   facility whereby a 3 bit binary word is 
transmitted from the rotor as 3 frequencies and these are 
decoded  to indicate that the required selection has been 
made and  that  the electronics are functioning correctly. 

With the systeir. described a total oi eight strain gaugec 
per transmitter channel can be used giving a total of 48 
channels  of strain cauge for 6  transmitters. 
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4.4 Transducer Selection  ... continued ... 

When the system is used for temperature measurement 7 of 
the 8 selections are used for active transducers; the 
other is used for a fixed value calibration resistor so 
that in-situ calibration can be selected at any time. 
Thus a 6 transmitter system gives 42 temperature channels. 

4.5 Stress Transducer Calibration 

Strain gauge transducers are calibrated in-situ by 
switching known high value resistors across all strain 
gauges simultaneously, giving a known percentage change in 
the effective gauge resistance.  These resistors are 
switched in and out at several frequencies produced by 
adding another sinusoidal frequency to the other selection 
frequencies.  Calibration can be selected at any time with 
any gauge selection at any one of several frequencies 
covering the operating frequency range of the system (t:Hz to 
27kHz). 

A further frequency control signal is used to switch off the 
strain gauge polarising supply to allow spurious signals in 
the transducer wiring to be identified and isolated.  This 
signal is detected and rectified in the same way as the 
selection signals. 

4.6 Data Conditioning and Transmission 

The transducers in both the stress and temperature systems 
are resistive devices supplied with a constant DC current, 
and the transducer output is directly proportional to the 
transducer's resistance change.  In the stress system the 
switched output from each transducer is fed to an a.c. 
amplifier and the amplifier output is used to modulate an 
F.H. transmitter.  The transmitter output is capacitively 
coupled from rotor to stator via a pair of 'aerial* rings 
and is received by an FM receiver which is tunable over a 
range of 5MHz.  A maximum of 6 transmitter channels can be 
used simultaneously with requencies ranging from 40 to 
75 MHz. 

When temperature transducers are used the d.c. output of 
the switched transducer is used to control a voltage be 
frequency converter, with an output in the audio range and 
a frequency directly proportional to the temperature being 
measured.  The output from the V to f converters modulate 
the PM transmitters and the same FM receivers are used as 
for the stress system. 

4.7 Data Recording and Analysis 

The output from the Stress system is L^p to six 
simultaneous analogue signals proportional to the strain 
imposed on the strain gauges. 
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4.7 Data Recording and Analysis      ...   continued  ... 

At any time the strain gauge selection can be changed on 
the 6 output channels up to a maximum of 8 selections.    The 
analogue outputs are monitored and  recorded on PM tape or 
U-V system. 

In the case of the temperature system there are several 
options.       Again up to six simultaneous frequency outputs 
proportional to temperature are available with manual 
control  of the selection up to 7 alternative transducer 
selections.       Alternatively,   the selection can be autornatic 
with all available channels continuously switched to a set 
of frequency to analogue converter, followed by serial to 
parallel converters  the outputs of v»hi' h are continuous 
analogue signals equivalent to temperature recorded on U-V 
film or PM tape.       More recently the temperature system has 
been linked directly to a small digital computer by land 
line and  automatic calibration and multiplexing of the 
temperature signals is carried out.       The data is  then 
available as a fully computed print-out in calibrated 
engineering units  or as a time/temperature graoh as the 
test proceeds. 

4.8 Construction 

The operational environment of the rotor-borne electronics 
is severe:   + 1250C and accelerations of 30,000  'g'   and so 
considerable attention has to be paid to the mechanical as 
well as electronic design of the electronic  packages.      The 
separate functions of the rotor electronics are divided 
between a number of discrete packages each 3?nim square by 
16 mm deep with lead out wires on one of the square faces. 
This configuration is considered to be optimum from the 
point of view of economy of space,  mechanical strength and 
ease of manufacture.       Sets of modules are cemented into an 
annular metal carrier with all the module connections on the 
inner circumferential face.      Figures 3 and 4 illustrate 
the modules and carriers. 

The electronic circuits are hybrid in form being built of a 
mixture of discrete components,  off-the-shelf linear and 
digital  integrated  circuits and snecial   thick film 
monolithic circuits.       Components are mou  ted on small 
printed circuit boards,   tested and then encapsulated in a 
high density epoxy resin. 

The development  of a  typical module is a lengthy process 
involving exhaustive environmental tests  on each  type of 
component and on the electronic circuits at each stage of 
manufacture.       After final encapsulation,   the module is 
temperature tested at full   'g'  loading on a spinning rig 
and only after passing these tests can it be built into an 
engine assembly. 
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4.8 Construction      ...  continued ... 

The need to ensure complete reliability under extreme 
operating conditions has resulted in a rather conservative 
electronic  design  :   older components with known 
performance unier these conditions rather than up-to-date 
but unknown components are used  to avoid unexpected 
problems. 

4.9 Installation in Engine 

The carrier containing the electronic and  power and aerial 
coils is mounted at  one end of the rotor adjacent to a 
bearing.       The proximity to a bearing ensures  the good 
radial and axial locations necessary for efficient operation 
of the inductive and capacitive couplings. 

Where the ambient  temperature of the electronics unit  is 
above 1250C,   which is generally the case,   cooling air has to 
be supplied  to the unit  from a source which is independent 
of the engine.       The electronics carrier and  its stator 
assembly have labyrinth seals so that cooling air can be 
injected,   passed over the electronics modules  and ^.oils and 
then dumped into the bearing scavenge chambers where it is 
removed together with  the normal bearing sealing air. 

In some cases  the cooling air has to be  pre-cooled  to 
achieve the required cooling effect without excessive 
airflow.       At all  times the temperature of the stator coils 
is monitored as a measure of the general  temperature of the 
electronics  package and  this is used to control  the cooling 
air flow.       This varies from almost zero at start-up to a 
maximum of 0,2^ Kg/sec.  at maximum speeds on the largest 
diameter units. 

The transducer wiring is brought through on the inside of 
the rotor assembly to a terminal ring adjacent  to the 
electronics carrier and from there short connecting wires 
are attached  to terminal posts on the carrier itself. 
Figures 5 and 6 illustrate a typical engine installation. 

4.10 Operational  Bxperience 

The stress and  temperature system described above has been 
used some 25  or so times in the last 3 years on four engine 
types including the HP and IP rotors of the RBP11.       The 
reliability of the rotating electronics  package has been 
good;   the only failures directly attributable  to the 
electronics  were caused by severe overheating when cooling 
air supplies failed.       The main problems have been in 
obtaining good reliability in the transducer to electronics 
wiring runs.       One minor problem with  the temperature 
system,  since cured,   has been RF interference in the v-f 
converter resulting in a reduced accuracy.       The majority 
of tests,  however,  have been trouble free and  it has been 
possible to acquire data which it would have been 
impossible  to acquire  by any other means. 
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5.0     Recent Developments 

5.1 Use of Large Scale Integrated Circulta 

With  the  telemetry system described above 21   modules are 
required for a 42 channel (6 x 7)  temperature system and 
23 for a 48 channel (6 x 8) stress  system.       Despite the 
component construction of the modules,   the apace required 
for up to 23 of them is embarrassing in some applications. 

Also a large number of modules requires a correspondingly 
large number of interconnecting wires.      Many of the 
modules are used in the switching function of the system and 
so a recent development has been to design a special large- 
scale metal-oxide semi-conductor integrated circuit to 
replace a number of separate modules.       In the one circuit 
the functions of transducer selection,  selection checking 
and calibration are combined.      The circuit is all 
contained  in a single package and was designed at the 
outset to be capable of switching low level signals making 
it suitable for steady state as well as dynamic strain 
gauge and alao thermocouples. 

Environmental tests have demonstrated that it is capable 
of operation at  1600C with a comfortable margin.      Figure 7 
shows a typical  circuit. 

5.2 The Radio Telemetry Slip Ring 

Paradoxically the first applications of the circuit 
described  in 5.1   was not in a normal telemetry system but a 
single spool engine where it replaces a conventional 
contacting slip ring unit.       In this particular application 
a large number of turbine temperatures have to be measured 
using thermocouples on the turbine blades and  the poor 
reliability and limited capacity of the slip ring system 
was an embarrassment.      The basic mecharäcal arrangement 
of the slip ring unit was retained but a three transmitter 
telemetry system was built into the existing shaft giving a 
capacity of 40 channels of thermocouple data plus 16 
channels of dynamic strain gauge.     The rotating electronics 
comprises  power supplies,  radio frequency transmitters, 
transducer switching and signal conditioning circuits. 
The Ground Station contains a power oscillator,  radio 
frequency receivers and transducer switching circuitry. 
Inductive and capacitive co uplings are used  to transfer 
power,   control and output signals between rotating and 
stationary parts of the system.       Figure 8 is a photograph 
of the unit  partially assembled. 

The thermocouples are multiplexed by a 48 way electronic 
switching circuit made from the Rolls-Royce designed 
integrated circuit described in 5.1.       The output from this 
circuit is a histogram of thermocouple output voltages 
which  is amplified and used  to modulate the frequency of 
the transmitter.      Known calibration levels are applied to 
three of the 48 channels,  while four are devoted to the 
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5.2     The Radio Telemetry Slip Ring        ...  continued ... 

measurement of thermocouple cold junction temperatures. 
All thermocouple cold junctions are brought to an aluminium 
disc which is used as a thermal plane whose temperature is 
measured using resistance mat transducers. 

Thermocouples are scanned at a rate of 5  every 3 seconds,  a 
complete scan being completed in about 20 seconds.       This 
rate is determined by the logging equipment in the ground 
station. 

Paper tape is used as the recording medium and a computer 
program corrects for cold junction temperature variations, 
thermocouple calibration and non-linearity,  giving an 
output in engineering units. 

Strain gauges are selected in pairs by manual control at 
the ground station.       Eight pairs are available but only 1 
pair can be monitored at a time.      The selected strain 
gauges are polarised and the outputs amplified and used to 
modulate the frequency of two transmitters.       As with the 
original system,   each strain gauge may be depolarised in 
situ to check for interference.      Also a calibration signal 
may be superimposed on each strain gauge output, if 
required,  by ground station control. 

6.0      Concluding Remarks 

The demand for engine rotor data will continue to increase and 
the possible applications of telemetry are by no means exhausted. 
This paper has been limited to techniques used by Rolls-Royce at 
Derby and Bristol:   other manufacturers are using equivalent 
techniques and there is still considerable scope for ingenuity 
in methods of transmitting the data from engine rotors. 
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Fig.1   'non-electronic'   Telemetry 
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Pig,3 Photograph of Modules 

Fi^.4 rhotoprath of Carrier 
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Fig.5  Photograph of Installation in a RB211 HP Botor 

Fig.6  Diagram of Typical   Installation 
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Fig.7  Photograph of Large Scale  Integrated Circuit 

Fig.8 Photograph  of  Haiio  Telemetry Slip Ring  Unit 
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Incice 1 

NOMENCLATURE 

nombre de Mach peripherique a la sortie de la roue 

coefficient de pression 

distance radiale du bcrd d'attaque des aubes A I'axe 

de rotation rapportee au rayon de la roue 

sortie de la roue 

Indice 2 : sortie du diffuseur 

INTRODUCTION 

Une etude experirentale a §te  entreprise avec pour objet de veri- 

fier la valiaite de l'emploi du bassin d'analogieshydrauliques en vue d' 

observer le fonctionnement des diffuseurs supersoniques ä aubes de conpres- 

seurs centrifuges. Les travaux cnt comporte deux phases : la premiere aote 

realisce sur une bcucle a freon conportant un compresseur centrifuge muni 

d'un diffuseur a aubes; la deuxieme phase a ete realisee au bassir d'anaio- 

gies hydrauiiques sur un modele tendantäsimuler 1'ecoulement a la sortie 

de la roue du compresseur centrifuge ainsi qu'a travers les aubes du diffu- 

seur. L'^tude experimentale effectuee a l'aids des deux moyens d'esrais a 

comporte principalenent 1'observation de 1'ecoulement par la methode des 

stries dans les divers regimes de fonctionnement, avec la mise en evidence 

des phenomenes instatlcnraires ; eile a comporte figalüfnentj d'une part, dam 

le compresseur, des mesures de pression sur les perois laterales du diffu- 

seur , d 'autre part des mesures locales du niveau de la surface libre, dans 

le bassin d'analogies. Ces deux series de mesures ont permis d'evaluer et 

de comparer les performances du diffuseur dans les deux types d'ecoulement. 

2 DESCRIPTION DES MOYENS D'ESSAIS 

2,1    Bcucle ä freon 

Le compresseur utilise est une machine prototype centrifuge (Fig.i 
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II constltue  l'organe moteur de  la boucle ä fröon.   Le fluids utilise est le 

Fr§onR 114. L'Installation permet de mesurer le debit gazeux,   la temperature 

ä  l'admission et ä   la sortie du  compresseur,     la vitesse de rotation,    la 

c616rlt6 du  son,  dans  les conditions  d'arret  ä  l'admission  (composition du 

gaz d'essais),   enfin  la pression en diff§rents  points de  la machine. 

Le  diffuseur  etudi6 est constitu§ par 

des  aubes orientables disposäes  sur une 

couronne circulaire entre deux  flasques 

planes et paralleles  j  des prises de 

pression au  nombre de 46,ont  ete praii- 

quees a travers   les flasques. En  outre 

un  hublot  comportant une glace afaces 

paralleles a  et§ install^ sur   I'unedes 

flasques,  de fagon a offrir un   large 

champ d'observation  englcbant  la sortie de  la roue et un certain  nombre 

d'aubes  du diffuseur.  En face de ce hublot encastre dans  la flasque oppo- 

ses,  est  placi  un niroir plan d'un diametre  egal  ä  celui de  la glace du 

hublot.   O montage,  repr§sente sur  la  figure 2,   permet  les observations de 

l'§coulement par   la m^thode bien connue des  stries en reflexion. 

fig.1   Compressrur dessais 

Fig . 2      Disposihf     de    visualisahon 

2,2 Bassin  d'analogies 

Le bassin d'analogies hydrauliques  se compose essentiellementd'un 

plateau   horizontal  rectifie,   en forme  de  couronne.   Ce  plateau  est  porteur 

d'aubes  formant diffuseur d'une epaisseur superieure i   l'epaisseur  de  la 

nappe en  ecculement  dans   le  bassin.   Dans   l'axe du  bassin,   1'eau  est  dis- 
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tribuie railalement par l'interm^dialre d'une roue axiale dont la vitesse 

de rotation permat de fixer la valeur de la circulation en amont des aubes 

du diffuseur. Un disposltif ä deversoir permet de regier la contrepresslon 

en aval tandis que le deDit d'eau ä travers la roue est reglä  independem- 

ment de sa rotation par le vannage d'un orifice d'alimentation. 

Fig.3      Bassin   danalogies    hydraullques 

RESULTATS OBTENUS 

3.1 Boucle  a freon 

Les essais  ont dtti effectues,   le compresseur ätant §quipe d'un dif- 

fuseur  dont  les  aubes dessinees  par   la S^ECMA-HISPANO SUIZA  sont  identi- 

ques a celles iquipant  certains  compresseurs  habituellement livr§s par cette 

firme.   Cuatre configurations g§ometriques differentes ont ete utilisees en 

faisant varier  1'orientation des aubes et,  par  consequent,   la largeur du 

col,   entre 19,8 mm et  7,2mm ainsi que  la distance radiale du bord d'atta- 

que des  aubes  a  la  Peripherie de  la  roue de r=1,03 ä r=1,09  en  prenant 

comme  unite de  longueur  le rayon de   la roue   (280 mm]. 

Pour  chacune de ces  ouvertures,   les  essais ont  ete conduits  pour 

six valeurs differentes de  la vitesse de rotation de la roue s'echelonnant 

entre  3CC0  tours/ninute et  8500  tours/minute  correspondant a des  nombres 

de Mach   Cvlt=sse  peripherique / celerite du  son  ä  l'admission]   egaux  ä 0,6 

et  1,75    respectivement .  Les essais,   dont  les  resultats  sont presentes 

ici,  ont  6t§ realises au voislnage du maximum de pression sur  la  caracte- 

ristique debit-pression  correspondant  h  la vitesse du rotor et au   calage 

des  aubes.   Dans   un    tel regime de fcnctionnement   l'onde de choc de recom- 

pression,  dans   le  diffuseur,  se  situe  tout pres  de  l'entree du  canal  in- 

ter-aubes. 

i 

3,1.1       Rgpartition  de_la gression  observee  a   la_sortie_du rotor 
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La figure sulvante, (fig. 4), präsente le rapport de la pression 

statique locale ä la pression moyenne observ/ä dans cette region. Las r6sul- 

tats obtenus ne paraissent pas nettement influences par la configuration 

g§om§trique du diffuseur. Dans tous les cas, le bord d'attaque des aubes 

provoque une onde de choc suivie par une detente, ce qui prouve que la p§- 

riphörie de la roue se comporte vis h  vis des ondes incidentes, comme une 

surface isobare. On remarquera, en particulier que l'intensite du premier 

choc ne ciminue que peu lorsque le bord d'attaque des aubes s'eloigne de 

P : 1.045 
I fa 

B, . t 15 p = 1.056 

fig 4    Ecoulemenl   ö    la   sorrie   de    la   roue 



la p6rlph6rie de la roue Cr croissant]. Par contre, pour une configuration 

göomätrique donnie des aubes du diffuseur cette intensiti crolt tres nette- 

ment avec le nombre de Mach pöriph^rlque , particullerement ä partir de 

n.  =1,35. Entre deux maximum de pression, 1'importantes fluctuations peu- 

vent etre observfies. Elles peuvent correspondre a des reflexions multiples 

d'ondes le long du profil des aubes, mais plus vraisemblablement ä des pei^ 

turbations de la couche limite le long des parois laterales du diffuseur. 

3.1.2 §59yl§!r§D5_§y_^°if iD?6§.^y.£°i 

Dans cette region, 1'icoulement n'a pu etre etudie qu'au moyen des 

photographies strioscopiques. 

La photographie de la figure 5 montre que lorsque le nombre de Mach 

p§riph6rique atteint0,6, une ondt de choc oblique apparait au bord d'atta- 

que des aubes et se reflechit dans le canal. 

L'§coulement est done soumis ä une tr^s 

forte acc616ration entre la sortie de 

la roue et 1'entree des canaux inter- 

aubes. 

Lorsque le nombre de Mach 

p§riph6rique est sup^rieur ä 1 , on 

observe une separation de la couche 

limite le long des parois laterales, 

quelle que soit la configuration g§a- 

m§trique du diffuseur. Cette separation ne parait pas trös importante tant 

que le nombre de Mach reste infgrieur a environ 1,40 : eile se präsente 

alors sous la forme de rides un peu en avant du bord d'attaque des aubes 

(fig. 4 }« Lorsque le nombre de Mach atteint environ 1,5 , ces ondes se rap- 

prochent pour former un choc dötachö ä l'entröe du canal. Ce blocage 

parait ainsi etre du, davantage au comportement de la couche limite le 

long des parois laterales qu'au traci du profil des aubages. 

3.1.3 Ecoulement dans les canaux inter-aubes 

flg.5    Ecoulement  dans le 
col   du   diFFuseur (M. r 0,6) 

En aval du col, la compression de l'ecoulGment se realise gßnörale- 

ment h  travers un systöme d'ondes de choc multiples (pseudo-choc). Cette 

configuration bien connue est due au comportement de la couche limite. Cette 

compression ne se produit ä travers un choc droit que lorsque le nombre de 

Mach est fälble (fig. 5 }, et lorsque le rapport de pression est älevö. 

La repartition moyenne de la pression dans les canaux inter-aubes 

a 6t6  calculee dans huit sections differentes du canal, ä partir des 
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räsultats fournis par quatre prises de presslon statlques placees dans ces 

sections. Ces resultats sont reprösentis sur la figure 6 . On peut voll 

qu'äpres un court Intervalle dans lequel est situö le Systeme d'onde de 

choc, 1'augmentation de presslon est pratlquement '".alle. Cecl confirme que 

l'öcoulement est s6par6 des parols, en ralson, certalnement, de la valeur 

elevöe (environ 20 0 ) de l'angle du cone equivalent h   l'espace Inter-aube 

dans la region de sortie des canaux. 
i 
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fig.6       ProFils   de    presslon     dans 
les    canaux    mfer.aubes 

D'autre part, la configuration des courbes iscbares dans ces 

_anaux parait tres tourmentee. Les resultats obtenus pcur r« 1,043 repre- 

jentes sur la figure 7 montrent que 1'accrolssement de presslon est tou- 

jours plus rapide dans l'axe du canal que le long des parols des aubes. 

Des resultats analogues cnt §t§ observees pour les trols autres positions 

des aubes. 

3,1.4  Ph^nomenes instationnaire. Influence du_sillage_des_9ales 

du_rotor_sur l'^coulement dans les canaux_inter;aubes 

Le montage de capteurs ä reponse rapide n'ayant pu etre envisage 

lors de ces essals, l'etude des photographies strioscopiques a cependant 

permls d'obtenir des renseignements intöressants sur les phenomenes insta- 

tionnalres. 

D'abord l'ampiitude des fluctuations de l'öcoulement ä l'entröe 

des canaux inter-aubes a §te exanin^e en fonction de la distance separant 

Gib- 
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fig.7     Isobares   dans 
les   canaux   inter.aubes 

le bord d'attaque des aubes de la perlphßrie du rotor. 

Les deux series de photographies (fig. 8 } correspondent respecti- 

vement ä  F= 1,043 et F= 1.C55 ■ 

Elles presentent une recons- 

titution des differentes 

configurations d'ondes obser- 

vees au cours du passaged' 

une pale de la roue devant 

1'entree du canal. 

Pour r = 1,043, les cndes pa- 

raissent aninees de mcuvenents 

r = 1.056 

p s 1.043 

hg.8     Oscillahons    des    ondes 
au   bord     da^aque   des   aubages 

de tres forte arplitune alcrs que pour r = 1,055 I'ecoulement parait deja 

beaucoup plus uniforme. En ccnsequence, il apparait que la distance opti- 

mum entre la Peripherie de la roue et le bcrd d'attaque des aubes, distan- 

ce qui doit etre ccnservee aussi faible que possible pour limiter les 

pertes le long des parois laterales, se situe, pour le compresseur etudie, 

aux alentours de r= 1,05 . 

D'autre part, les pulsations de I'ecoulement dans le diffuseur ne semblent 

pas etre exactement periodiques comme on aurait pu s'y attendre. Ce pheno- 

mene a et6 constate en comparant diff§rentes photographies instantanees 

correspondant ä des oositions determinees d'une pale de la roue par rap- 

port aux aubes du diffuseur. C'est 1'examen image par image d'un film rea- 

list ä 1'aide d'une camera ultra rapide qui a prouve que les fluctuations 

de I'ecoulement etaient bien reliees directement au passage des pales. 
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Ceci prouve qu'il exlste des differences inportantes et aleatoires entre 

les ecoulenents dans les differents canaux du rotor. 

La figure 9 montre des ondes de compression attachees au bord de 

fulte des pales du rotor, visibles dans la region subsonique des canaux du 

diffuseur. 

En effet, ces ondes, dont le profil n'est 

que peu d6form§ tant que 1'ecoulement 

dans les canaux est sjpersonique [la 

vitesse absolue de 1'ecoulement etant 

alors apprcxi^ativenent egale ä celle 

de ces ondes), se ccncentrent, suivant 

le principe de la formation d'un choc, 

vers la sortie du diffuseur cü 1'ecou- 

lement est davenu subsonique. On peut voir ces ondes, qui ne provoquent 

pas d'interaction avec la couche limite le long du profil des aubages, se 

r§flechir sur uns aube auxiliaire placee h  la sortie du diffuseur, [Fig. 9) 

fig.9     sillages    des   pales 
de   la   roue   dans   les 
canaux   in^er.aubes 

3,1.5  cerfQrpances glcb£les_du diffuseur 

La figure IG represente le taux de compression statique du diffu- 

seur en fonction du nombre de Tach periphcrique. Ce taux de compression 

augments a peu pres iineairement avec le nombre de Macn et tres legerement 

avec I'lnvaris de la distance separant le bord d'attaque des aubes de la 

Peripherie :e la roue. 
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3,2     Essais au bassin d'analogies 

hydrauliques 

Les aubages utilises au bassin 

d'analogies sont semblables en tOLS 

points, [forme, dimensions), ä ceux ins- 

talles dans le compresscur h  freon. 

Ces essais ont ete effectues pour les 

meme nombres de Mach peripheriques, 

[i.e. nombre de Froude pour 1'analo- 

.,15      "       1.5   1 
Fig.10 PerFormances 
globales du dilFuseur 

gie) , les memes configurations geometriques que les precedents et egale 

ment, au voisinage du taux de compression statique maximum du diffuseur, 

avant desamcr^age. 

Cependant, 1'ecoulement dans le rotor- n'est pas reproduit ici, le 

diffuseur etant, en principe, alirente par un ncoulement uniforme. 



En reality, il existe blen des pulsations engendrees par la rotation des 

pales de la rcue assurant le mouvenent du liquide, sans toutefcis que, sur 

ce point, la similitude avec I'ecculerent dans le corrpresseur a freon puis- 

se etre assures. 

3,2.1  Ec°ule^?[;t.entre_la_gerigherie_de_ld_roue_et_le_col 

-V\ 
position drs points 
i» mwt 

fig.11 ^ Profils   de   pres 
slon   a   lenfree   du 
diffuseur   ( F= 1.043) 

La repartition du niveau de la surfa- 

ce de 1'ecoulement (representant la distriüu- 

tion deladensite pour le "gaz hydraulique"} 

n'a pu etre mesuree aux memes endroits que 

dans la boucle a freon. Dans le cas present 

les mesures ont ete realisees le long de la 

paroi de 1'aube faisant face a la Periphe- 

rie du rotor. 

La repartition de la pression locale 

rapportee ä la pression al'entreedu diffu- 

seur (rapport correspondant pour I'analogie 

hydraulique ä celui des oarrtö des hauteurs 

d'eau aux points ccrrespcndantsl ont ete nesures dans cette regier et tra- 

ces sur la figure 11 pour r=1,C43. 

Ces courhes montrent qu'une conpression se produit le long de 1'aubage en 

partant du bord d'attaque. suiv/ie par une detente qui se poursuit dans le 

canal et entre en irteractior avec l'orde de choc issue du bord d'attaque 

de 1'aube suivarte aont, dans ces conditions on n'obs^rve pas la reflexion 

sur la paroi. [fig. 123. 

Des puenontnes analogues ont ete observes pour 

les autres configurations geometriques du dif- 

fuseur. 

3,2.3  Eooulenent_dans les canaux inter-autes 

fig.12 Visualisahon       n   ,    .     ^. w   * - Dans la premiere partie du canal, en 
de lecoulemenr a 
IcfUree du diffuseur otser'je  dGS cscillaticns lulviei par une aug- 

mentation rapide de la pression (fig. 13). 

L'accroissement de pression enregistre ä travers ce ressaut est 

represents sur la figure 14 en fonetien du nombre de fach juste en amont. 

II est clair que 1'ona affaire a  un Systeme d'ondes analogue a celui c§ja 

observe dans 1'Ecoulement de freon, plutet qu'ä un ressaut representant 

une onde de choc droite. Ceci est cenfirme par la photographie de la figure 

14, qui montre que le passage rie 1'ecoulement supersonique au subsonique 

^1< 



10 

j - 

PA 

10 »Ti 16   15    U    Ö       X «I 
LJOI ^jim   min. Mts —jm ) 

/ 

.Mj^JZJ-. 

.Q. i^-;1!5. 

15-    >..£</' ■V, 7 
I I I L 

.10    U I    19   U   B 40 
I COL—  CANAL     INTER    AUBES-bORTIf   t 
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s'effectue ä travers une  s6rie d'ondes visibles dans   le canal un  peu en 

aval  du  col. 
b oval 

• □ 

♦ 

Mchoc fig. 14 
1,25 1,5 1.75 2 

Voriahon«  dp  la dtntit*  du  goz   hydraulrqu»   a    rravvrt 
I 'ond*  dr choc    dons    tr    COAOI     dp     drffuiion 

2 5 

Derriere ce ressaut, la pression demeure pratiquement constante quelles que 

solent les conditions d'essais, ce qui prouve que I'ecoulement est separe 

des parois. Cette separation a pu etre mise en 

evidence en introduisant un liquide colore le 

long des parois des aubages (fig. 15 ). 

Aucun ecoulement secondaire ou phe- 

nomene tridimensionnel n'a ete observe. Quel- 

les que soient les conditions d'essais le 

niveau de la surface libre est reste uniforme 

dans les sections normales ä l'axe du canal 

fig.15 

derriere  les ondes de compression, 

COMPARAISOK  DES  RESULTATS  GBTENUS   DANS  LES  DEUX SERIES  D'ESSAIS 

Deux differences   importantes  existent  entre   les  ecoulements  dans 

la  boucle  a  freon  et dans   le  bassin  d'analogies  hydrauliques. 

G22< 
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II y a d'abord la difference entre les deux ga^. Le fröon 114 a un 

rapport de chaleurs specifiques de l'ordre de 1,088 , alors qu'il act 6gal 

ä 2 czar  le "gaz hydraulique". Les viscosites du fr6ün et de l'eau scrnt 

ägaler.ent differentes. De plus, dans le bassin d'anelogies hydrauliques le 

sillage des pales de ia roue n'etait pas re.iresente correctement, et en 

consequence aucune similitude n'a pu etre re.jlisee en ce qui concerne les 

phenonenes irstationnaires. 

Dependant des ubservations sembiables ont PL etre effectuces. ton- 

cernant la configuration generale des düux ecoulements. En particulier 1' 

existence d'une forte detente Id'ailleurs destinee a  faciliter I'arportjage 

du diffuseur] <!> travers le col, a pj etre nise en Evidence par I'observa- 

tion des photographies stricscopiques dans la bcucle ä freon, par les 

mesures du niveau de la surface Here dans I'analogie hydraulique. 

Dc plus, le configuration des or.aes de compression cans les canaux Inter- 

aubes a ete trouvee IdBntlque dans les deux types d'ecculement [du type 

"pseudo-cho-;") . tnfin, la separation de 1'ecoulerrcnt dans ces canaux a pu 

etre prevue j   l'aide de I'analogie hydraulique. 

Cecendant, cc r.oyen d'essais n'a permis de mettre en evidence au- 

cun phönonene tridimensionrei dans les canaux inter-aubes, phenonenes qui 

paraissent exister dans la bcucle h  freon, (fig. 7 }. 

Cette premitre comparaison fitant relativement satisfaisante, on a pu rap- 

procher les resultats des mesures de pression effectuees sur la boucle a 

freon et le bassin d'analcgies. Afin de s'affranchir de la difference en- 

tre laa chaleurs sprcifiques des tieux. gaz,   le coefficient suivant, indr'.que 

dans la reference 1 , a ete  utilisf' : 

<d 

111      1 

1 Y - 1 lAP J     1 J / 

oCl Y represente le rapport des chaleurs specifiques du gaz considere, p la 

pressicn statique locale, p  la pression statique moyenne h  1'entree ou 

diffuseur. 

On a represente, d'autra part, sur la figure 16, les nombres de 

Reynolds / unite de longueur, dans l'ecoulement ä 1'entree du diffuseur en 

(Lej (Re/cm) foncticn ou rcmbre ce nach ä la sortie de la 

roue. 

Les valeurs obtenuea sent trfea differentes 

dans les deux cas et ne peuvent etre compa- 

rees. 

L'Ävolutlon du  coefficient de pres- 

sion dans  les  canaux  inter-aubes  est 

623< 
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reprisentee sur  la figure  17 dans deux  configuratlons geonu'triques du dif- 

fuseur,   pou;'  les deux 6coulGm£.nts.   On  peut  observer une evolution senblable 

dans   les  deux  cas. 
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fig,17       Comparaison    des    reparhhonsdu   coeFficienf 
de   pression   dans   les   canaux   inter-aubes. 

O-eclhde   Freon   .     • . c c U.  d c a u 

De la mtma fagcn, le taux de co^presslcn statique Kp 12 entrel'er- 

tr§e et la scrtie du dlffuseur est represente sur la figure 18. Ici egale- 

r^ent I'acccrd entrp les ceux ecoule^ents est assez satisfaisant. 
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5 CONCLUSION 

Le rapprochement des observations et mesures effectu^es au bassin 

d'anaiogles hydrauliques, des observations et mesures effectuees surlabou- 

cle a fräon, montre que le bassin d'analogies hyorauliques peut constituer 

un moyen d'essais satisfaisant au moins pour 1 ' etude systematique prf.limi- 

naire d'aubes de diffuseurs supersoniques de compresseurs centrifuges. La 

boucle ä frton apparait cependant comme un moyen d'essais indispensable 

pour la mise au point döfinitive du diffuseur, une fois effectuee au bas- 

sin d'analogies une preselection parmi les configurations propos^es, qu'el- 

les soient empiriques cu calc^lees suivant oes theories simplifites. 
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THE DESIGN AND DEVELOPMENT OF THE GEM ENGINE 

R.M.Heathcote 

C.E.Payne 

BASIC CONCEPT 

During 1966 the Bristol S-'ddelpy Small Engine Division began to study 
in depth, the sort of gas turbine engine of about 1000 HP size, which 
would prove an appropriate puwer plant for helicopters likely to enter 
service in the late i9V0s.  The survey was extensive and included such 
possibilities as a recuperative cycle or the use of inter-stage reheat 
in the expansion side.  On the grounds of avoiding excessive weight, 
complexity and technical risk, it, was soon decided to revert to the 
traditional Uiernodynamic cycle. 

There followed a detailed examination of the effect of choice of cycle 
temperature and pressure ratio on specific fuel consumption, engine 
weight (specific power) and complexity. Making certain assumptions 
as regards compressor efficiency, combustion chamber and mechanical 
Losses, cooling and leakage air flows, the relationship between specific 
fuel consumption and specific output power was evaluated over a rang-- 
of pressure ratio and turbine entry temperature (Figure 1). The range 
of turbine inlet temperature considered was that associated with u..cooled 
turbine blades - it being argued that turbine blade cooling should not 
appear in an engine at the start of its life, but should be reserved as 
•i moans for leveloping its power potential thereafter.  In combination 
with this study of alternative cycles possible configurations were 
evaluated on the drawing board. 

The design based on the simplest cycle (6:1 pressure ratio) was the 
BS 360-03 (Figure 2).  As compared with engines of higher pressure ratio, 
the BS 360-03 is relatively cheap and light, but of course, suffers on 
fuel consumption.  The impact of this higher fuel consumption is shown 
on Figure 3 where; the influence on total installed engine plus fuel weight 
is shown in terms of the aircraft sortie duration.  For flight durations 
in excess of two hour, it will be seen that in terms of permissible 
payload, it pays to equip the h"licopter with a heavier»more sophisticated 
and more efficient engine (typified by the BS 360-07). 

Further engine configurations were studied therefore based on higher 
pressure ratio cycles.  The alternatives of an axial or centrifugal 
compressor system wore examined, the use of a reverse flow combustion 
system in place of a conventional straight through system and the 
alternatives of single and twin-spool gas generators. 

Figure h  shows some examples.  The BS 360-05 has a single-spool gas 
generator, a wholly axial compressor system and a straight-through 
combustion system.  [t is a very long engine and having one spool and 
therefore a limited pressure ratio to avoid over-complex variable- 
geometry in the compressor system, it has an intermediate  level of 
efficiency.  Retaining a single-spool gas generator, the RS 300-06 

^6< 



represents the other extreme in configuration. The compressor system 
is wholly centrifugal and a reverse flow combustion system is used. 
The increase in diameter results in the engine being 1*0 per cent heavier 
than the BS 3f'0-Or3. Again the use of a single-spool gas generator limits 
the pressure ratio of the engine and moreover, the compressor system, 
being centrifugal, is significantly less efficient than the equivalent 
axial.  As a consequence, the engine has a very indifferent efficiency. 
The final configuration - BS S6O-O7, was that eventually adopted for the 
engine.  It has a twoVshaft gas generator and this allows elevation of 
the cycle pressure ratio. The use of a centrifugal compressor for the 
second stage equates well to the introduction of the reverse flow type 
of combustion system and «voids the problem with an axial of very small 
blades in the last stages.  The engine is both short and light for the 
pressure ratio involved.  The improvement in the thermodynamic cycle 
gives it the highest efficiency of all. 

The Anglo-French Helicopter agreement of L967 gave impetus to these 
studies the outcome of which is the RS 3b0 or Gem as it is now called 
which powers the Westland Lynx helicopter.  This helicopter is planned 
to fulfil several roles and will be used by all of thfj Arm^d Services. 
It will eventually replace the Army Scout and the Naval Wasp and be 
used by the R.A.F. for transport and training (Figure 5)« 

The design concept ground rules (Figure 6) that were laid down for 
the engine are : 

1 Reliability and Safety 

2 Ease of maintenance 

3 Good mission performance 

Additional to the considerations of cycle thermodynamics these 
requirements resulted in the incorporation of a number of basic design 
features as follows: 

1 A two-spool gas generator - to provide a good overall surge margin 
and hence the flexibility and good handling qualities required.  At 
the same time the potential unreliability of variable geometry or 
blow-off was avoided. 

2 A two-stage power turbine - for high efficiency and to provide scope 
for further development. 

3 A mechanical arrangement making use of a reverse flow combustion 
system to give short shafts thus avoiding whirling problems which 
might otherwise arise as a result of the small diameter and high 
rotational speeds. 

U  A front-drive arrangement to provide an adequate field of view for 
the crew, the engines being mounted aft of the rotor. 

5  An arrangement which allows the engines to be plugged directly into 
the rotor gearbox so bringing the engine CO. as near as possible 
to the helicopter rotor. 

Modular construction - to facilitate repair by replacement of 
modules and the direct substitution of factory tested modules in 
the field. G£7< 



QENERAL DEn^'HTPTION 

The Oem engine (Figure 8) comprises a two-spool gas generator and a 
two-stage free power turbine with a through shaft giving a fr^nt driv 
via a step down reduction gear with a shaft output speed of fiCXO BPM. 
The engine ratings are as shown on Figure 7« 

The two-spool gas generator comprises a low pressure set with an ;.yial 
compressor and a single-stage axial turbine and a high pressure set with 
a single-stage centrifugal compressor, a reverse flow combustion chamber 
and a single-stage axial turbine. 

The four-stage LP compressor is related to a scries of compressors which 
formed the basis of a research progrnnme at Rolls-Royce. This research 
dealt with the problems of high stage loading studying the levels of 
efficiency and adequacy of surge margin in such compressors. 

However during the development of the engine the surge margin at the 
lower end of the speed range was seen to be adequate partially due it 
is thoughtto a size effect. The choice before us was to introduce 
variables with the consequential extra cost and complexity or to rematch 
the compressor to improve the low speed surge line.  This latter was done 
at the expense of mass flow rind efficiency at high speeds (Figure 9) and 
the power was restored by 'ncreasing the flame temperature but still 
within the design objective concerning the requirement to retain un- 
cooled turbine rotor blading. 

The centrifugal compressor began life in the engine as a radial vaned 
impeller but later in the programme it was found that a quicker 
development path lay in obtaining the required efficiency by using 
impellers, with swept back vane.; (Figure 10). 

The turbines feature high hub/tip ratios and short blade lengths. 
Consequently low aspect ratios, particularly in the- first two stages, 
have resulted.  The possibility of high tip leakage losses resulted in 
the original design featuring shrouded blades.  The shroud was subsequent,l\ 
removed from the HP stage because the compressor change required a 
higher rotation speed and the problem of waling on this stage, which 
will be described later, has been on of the major development tasks. 
The [IF turbine drivit.g the centrifugal impeller has a cooled nozzle blade 
but uncooled rotor blades. 

The single-stage LP turbine, driving the axial compressor is relatively 
lightly loaded.  This is for reasons of future growth when a front stage 
can be added to the axial compressor' to increase throughput and still 
have satisfactory LP turbine loading. 

For the power turbine the expansion ratio is about ;:.c':,•   By using a 
two-stage design in preference to a single-stage there is a gain of 
about four per cent in efficiency plus scope for future growth. 

In common with most helicopter engines as much energy as possible is 
taken out of the gas stream before the final exhaust and the jet pipe 
is designed for an exit velocity of 350 ft/sec. 

^s< 



GF:NF:RAL MECMANTCAL AND nigmiATiOH FEATURES 

It has already been stated that reliability, safety and ease of 
maintenance are prime requirements in the basic design.  In order to 
achieve this, great reliance has been placed on the feed across of 
experience from the civil propulsion engine market.  The engine features 
all the modern diagnostic or health monitoring techniques that have been 
proven in service  (Figure 11).  Vibration monitoring points are available 
and most of the engine can be inspected internally while in an installed 
position through specially provided borescope ports.  Magnetic chip 
detectors are placed in each scavenge line and spectrographic oil analysis 
may be carried out by sampling through the dipstick hole in the oil tank. 

The design of the engine is also such that it has the potential to be 
fully modular (Figure IP).  Already it has been established that the 
engine can be broken down easily into its major assemblies. These are all 
self-contained in that rotating members are mounted on their own bearings 
within the module assembly thus enabling then to be individually 
balancedt replacement therefore can be carried out without the need for 
further balancing procedures. A programme is in hand to establish the 
permissible aerodynamic margins and when completed spare engines will 
become a thing of the past and in-line replacements can be considered a 
reasonable proposition. 

Because the Gem has been conceived to power the Lynx helicopter it has 
been possible to develop the installation in close collaboration with 
Westland Helicopters Limited right from the start and a tightly cowled 
but readily accessible installation has resulted from this very close 
collaboration (Figure IS).  This close collaboration has been extended 
to include the Armed Forces and great attention has been paid to 
accessibi]ity and the replacement of accessories which are mainly 
grouped on top of the engine.  An assessment of the removal times has 
been made and they compare very favourably with previous installations 
(Figure 1^).  The assessments have been carried out as far as possible 
under representative conditions including the use of Arctic gloves and 
although the servicing tool kit is more extensive.  Figure 15 shows the 
'desert island' tool kit that would suffice. 

The conventional two fire-zone approach has been abandoned and instead 
the engine is double skii ned where necessary to keep the carcass 
temperature within the required limits (Figure 16). 

A further point to note is that is has been regarded as a fundament; 1 
concept that the engine is completely self-contained requiring only an 
LP supply of fuel, a 28 volt supply of electrical power and two 
mechanical linkages to the aircraft controls.  The oil system and tank 
are attached to the engine as is the fuel and control system, ignition 
system and, if required, torquemeter. 

The Plessey control system is tailored to the concept of two-engine 
reliability.  It gives ful y automatic rotor speed governing under all 
modes of flight to maintain a substantially constant helicopter rotor 
speed,with an inherent capability for load sharing by means of closely 
matching individual free turbine governor droop characteristic. 
Basically hydro-mechanical, but with pneumatic actuation and electric 
overrides for T,   N and " , the system is contained within two units 
both of which are engine mounted.  The system is constructed on the 
module principle, each module containing complete and replaceable control 

functions. I*'"^*^. 
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Simple concept;; have Led to a compact, lightweiRht and potentially 
highly reliable control system, the reset mode of free turbine governing 
leads to extremely stable und precise speed holding with excellent response; 
the protective measures assure full compliance with civi] airworthy safety 
standards and the modular construction allows easy fault diagnosis and 
ready maintenance away from batäe. 

Turning now to some of the more general overall design features (Figure 17), 
it should bo noted that because of its Nava3 application great attention 
has been paid to the corrosion problem.  The engine does not feature any 
magnesium although the weight advantage was a great temptation.  The LP 
compressor bJading Ls made of corrosion resistant materials. 

It would have been very easy to decide to aim for the lightest 
construction and let the carcass outline follow the outer annulus of t 
aerodynamic passages.  Because of the use of a centrifugal impeller 
would have led to at least two flat diaphragms in the carcass line and 
the distinct possibility of a carcass resonance.  Additionally there 
would have been the problem associated with stiffening flat plates 
against end loading.  The engine features a separate carcass leaving the 
annulus to be formed by casings which are not required to carry mounting 
loads.  This obviously eases the problem of rotor tip sealing.  The 
double skinning also has another beneficial effect in that the contain- 
ment ability of the engine is much improved. 

The Gem uses a multi-shaft arrangement but it should be observed that all 
the bearing.; transmit their loads direct into the main casings and not via 
the intermediary of Lntershaft bearings.  There are some steadies between 
the power turbine and LP shaft systems but these bearings carry no 
loads.  All main line journal bearings are carried on an oil cushion or 
squeeze film and this has undoubtedly led to a smooth engine. 

Mi:i:i!AiH''As DETAILS Mil)  SOME DEmOPMENT PROBLEMS 

Main Reditct ion Gearbox 

The- power take-off is through a 'i 1:1 reduction gearbox module housed in 
the air intake hub.  It is designed to transmit 900 SHP for an output 
drive speed of 6000 RFM.  This unit is extremely compact and can conven- 
iently be handled by ono man during ass'-nbly (Figure 18). 

The gearing is a simple epicyclic of the double helical type which 
transmits the load smoothly through the train with Less vibratory 
excitation at speed than that associated with straight spur gearing. 
Input is by the sunwhee] assembly which is fully floating and centred by 
three planets.  Output is through a robust one-piece planet carrier. 
The three planets rotate on white metal, ''need steel spindles and these 
also mesh with a divided annulus which locates the train axially.  The 
annulus is fixed in such a manner as to provide torsional restraint 
while allowing Limited independent radial freedom.(Figure It)) 

The floating features ensure uniform division of the load between both 
helices and in particular on the sunwheel  eliminates bearings completely 
from a high speed rotating member. The provision of good facilities for 
timing enables the back-lash of sun and planet teeth to be kept to a 
small magnitude.  This is a deliberate policy in order to Limit the sun 
gear radial excursion and thus the possible out-of-balance forces 
carried by the flanks of the teeth to a minimum. 
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The advantage of the double helical arrangement over the single is that 
the end thrust component of the Load is reacted internally and there- 
fore thrust bearings are not required. 

The two halves of the double helical train are closely spaced axially 
providing a compact arrangement. The planets are the space limiting 
components and they are produced by electron beam welding two finish 
ground single helical gears of opposite hand at their hub diameter, 
leaving only the bore to be hone-finished.  Using this technique 
concentricity tolerances between the teeth and the bore are maintained 
well within 0.0006 in. limit in production. 

This arrangement is one that has been arrived at during the development 
of the gear (Figure 20).  Originally the planets were dowel led and 
bolted together and this arrangement although satisfactory was heavy and 
expensive.  Electron beam welding produces an article that meets all the 
accuracy requirements but is mucti lighter thus reducing the loading on 
the planet pins.  As it also costs much less to produce this seems to be 
one case where no penalties have been paid in one direction for 
advantages In another. 

Gear stresses are conservative and are based on the extensive experience 
gained from the development of the Dart and Tyne engines.  Lubrication 
of the reduction gearing»is by oil.fed through the power turbine shaft 
via a transfer tube to the planet carrier.  Each of the handed gear meshes 
are separately lubricated by jets.  The feed to the planet spindles is 
via ft fine thread filter in each line and sludge traps are incorporated 
in both the carrier and the spindles themselves.  Development of the 
reduction gear is progressing satisfactory and the successful completion 
of a 12 hour ^0 per cent overtorque test augurs well for stretch potential 
in the future. 

COMPRF.GSORS 

Air is delivered to the low pressure compressor through an aluminium 
alloy casting having five radial spokes which support the hub containing 
the rotor front bearing (Figure 21). 

Bolted to the air intake casing is the LP compressor stator casing which 
supports the rotor rear bearing through the outlet guide vanes.  The 
rotative assembly after being balanced in its own bearings can be built 
into the stator casing, which is split along the engine axis on stage:,, 1, 
2 and 'Jj. The tendency that split casings have for going out-of-round has 
been prevented by careful attention to the detail design and by the 
manufacturing technique employed.  The split casing is dowel located and 
rigidly clamped to a continuous ring at both ends; the intake at the front 
and the Itth stage stator at the rear. The salient points in r.he 
manufacturing technique are - to make the casing as a continuous cylinder 
and to carry out all brazing operations on stator blades and reaming of th( 
split line clamping bolt holes prior to splitting by sawcutting, thereby 
ensuring true mating. The metal removed by the sawcutting operation Is 
replaced by bonding a shim to each half to form two similar half casings. 
A wearaway coating on the bore- and end faces of the plastic inter-stage 
inner seals, allowing close running clearance, contribute significantly 
to the hign efficiency of this component.  Similarly the accuracy 
achievable in the roundness of the stator casing allows close rotor tip 
clearances.  This technique1 although ri.s validity has now been established 
nevertheless took a considerable amount, of manufacturing development to 
get right because the thinner..; of the casing makes it slightly unstable 
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luring the brazing and  heat  treatment  processer,.     The placement  of th 
-O 

dowels at  1*5    war.  also not   ideal   to prevent  hürning-in of the casing and 
they  have now been moved to the  split  end. 

The rotor condista of a one-piece titanium drum having four rows of 
detachable  bLader;.     The drum comprises   four di:;c3  connected just below 
the  blade  roots   by  cylindrical   rings  carrying  the   interstage seal   fins. 
The discs  are  supported at  the  front  and rear  by  stub shafts  stemming 
outwards   from  the   inner two discs,  the  outer  discs   each being overhung. 
This  arrangement   leaves room under the  outer  discs   for  the bearing 
housings,   providing close spaced  bearings  free  from whirling problems. 
The drum  is  fabricated  from four finish machined pieces which are electron 
boam welded at  the cylindrical  ring-abutment   faces.     Concentricity within 
0.001   in.   is achieved with this  technique.     The construction is  light, 
and compact  and  is  free from the  balance maintainability problems 
associated  with  bolted assemblies.     However once again development was 
necessary  because  the original choice of material   resulted  in the  electron 
beam process   inducing high residua]   stresses   leading to cracking.     The 
necessary  heat, treatment to eliminate this led to  such a reduction   in 
physical  properties that a change to  IMI.'SlB Titanium WHS made and the 
problem has  been  eliminated. 

The air delivery  to the HP compressor  is  through a cast aluminiuin alloy 
annular duct  having four radial   spokes  which  support the huh containing 
the HP compressor  front bearing    and accessory  spiral  bevel   drive geersj 
the drive being taken  from the ilP shaft.     The hub also provides  tipport 
for  the  LP  compressor  rear bearings.     The outer wall of the cast  duct 
is  support.'d   from the  outer casing of the  engine which connects  the  air 
intake to the combustion chamber outer  casing.     The outer casing forms 
a stiff coned  low  temperature connecting skin providing blade containment 
for low weight  penalty  and  a rigid attachment   for  the rear engine 
mounting and accessory  gearbox.     The outer casing and  interduct  support 
flange also carries the impeller shroud which  has  a wearaway coating 
allowing close  running clearances  between   it  and  the Titanium  impeller. 
This  contributes   significantly to  high  component  efficiency. 

At  the  same  time  as  the residual   stress  problem was  discovered on  the  LP 
compressor drum  is  was  also seen that  the close  forging process on  the 
impeller was  producing similar effects.     A similar  change of material   was 
made and this  has  provd satisfactory.     More arduous  sortie pattern 
requirements   have   led   to a  further  step  being taken  now to  TMJ.5',30 
Titanium materials.     As, this  is an air tempered material also, the re-si dual 
stress  problem  is  unlikely to reveal   itself again. 

COMBUGTION  SYSTEM 

A reverse  flow combustion ch".mber has  several   advantages  in a small gas 
turbine.     The  air   flow  path cf  this  type  of chamber  renders  the 
combustion  system  insensitive  to compressor exit  velocity profile. 
Furthermore,  the  large  volume conferred  by this  layout gives light 
combustion   loading and  the downstream situtation of the  fuel  injectors 
simplifies  design  of the combustion chamber entry  section making the 
fuel   injectors  readily  accessible.     The  combustion  chamber  is  formed  by 
the annular space between the  flanged drum of the main engine structure 
and the ligncly stressed  inn-r casing surrounding the gas generator 
turbine.     The»  outer casing incorporates  bosses   for  torch  igniters,  fuel 
drains and  borescope  inspection ports.     The  front  face of the chamber 
is  formed  by  a curved  wail  which  connects  the  axial   diffuser and  the  HP 
nozzle support  flange.   The  flame  tube and discharge bend are fabricated 



separately.The two parts are bolted together at the outer wall and 
this assembly is  supported  in  the engine by bolting to the HP nozzle 
support  flange and  is  located circumferentially on dogs at the rearmost 
part of the flame tube dome.     A sliding joint  seals  the  inner wall at  its 
junction with the  inner discharge bend which  is  part of the HP nozzle unit, 

Fuel  is  introduced   into the  flame tube through  seventeen   'vaporise^r'   tubes 
where  it  is mixed with,  and atomised  by,  noire of the air entering the 
combustor primary zone.     Thii; system ensures that  low fuel  pressure is 
acceptable at  idling conditions  so  that  very  small  metering holes are not 
essential;  a low pressure  fuel   system can be used;  metering orifices can 
be placed  in a cool   region upstream and are less  prone  to  blockages;  the 
system  is  simple and   cheap to manufacture and exhaust  smoke   is  negligible. 

The combustion system was  developed  from experience on one of similar 
configuration and  size used  in  a small auxiliary  unit.     The main 
development  problem   (Figure 22)   was  that with  the  high  surface area to 
volume ratio,  high wall  temperatures were experienced on the  early  running, 
Attention to the detailed  cooling arrangements  has   brought  them down to 
acceptable  values.     Light   round  has  also  been a  problem and  has  resulted 
in  the number of spray    torches   being doubled and  spaced   round  the can. 

Small  engine  turbines  pose  particular problems   in  selecting the optimum 
compromise between mechanical  and  aerodynamic  requirements.     Low aspect 
ratios  (and consequently  higher  secondary losses)   are unavoidable   if 
blades  are  to be  sufficiently   robust  and manufacturing problems  kept 
within bounds.     Trailing edge blockage effects  are  also  proportionally 
greater and  these  factors  must  be taken  into account   in  assessing the 
level  of performance  that  can be achieved  in a small   turbine. 

The HP and  LP spools  are driven  by  single-stage axial  turbines of 
aerodynamical !y conventional   design,   employing moderate  blade  speeds  and 
Loadings.     The power   turbine  work  is  such that   two-stages  are  require! 
to U'-hiev  1'iTicierit   operation  and  an axial  exit   flow direction to 
minimise exhaust system losses.     All  blades and vanes are uncooled with 
the exception of th^  HP nozzles  which employ a  simple  form of leading 
edge   impingement cool ing together with a pressure  surface  film cooling 
slot   near  the  trailing edge. 

The HP rotor blades which are cast  in MAR 2k6 material  are unshrouded, the 
advantages  of the  higher T.K.T.   possible without  shrouds more than 
offsetting the  increased tip leakage.     All other  rotor blades  are 
shrouded  to  ensure  minimum overtip  losses.    These  blades,  are  cast  in SEL 
material.     The blades  are attached to the forged  high  temperature alloy 
discs   by conventional   fir-tree   serrations..     In  the  case  of the two-stage 
power turbine the  discs  are  electron beam welded  together after  broaching 
of the'  fir-treM  serrations. 

Particular attention  has  been  paid  to eliminating possible  leakage paths 
which  by-pas;; the turbines and to the mechanics of the HP turbine 
segmented shroud  so  that  hot tip clearance is a minimum.  The  perfection 
of the means to achiev this  requirement has been a major development 
task    and  the  illustration  shows  the difference between the   initial     and 
final   designs,   (Figure  23). 

All  turbine nozzles  with  the exception of the  stage  two power turbine which 
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is cant, are fabrications.  In the case of the LP and stage one power 
turbine these fabrications alno carry the turbine bearing houtiing;;. 

OIL SYSTEM 

The oil  system   is  conventional   in concept and  the  only  unusual  feature 
is  the gear pump which   uses  three gear elements   Instead of four  to 
scavenge a pair of oil  lines.    However, as always,a major development 
problem has  been oil  consumption.     There are more  than  20 air labyrinths 
in the engine  (Figure  ::h)  and these are very  sensitiv»'  to   incorrect air 
pressure balance.     The  situation was aggravated  by  the  change  in pressure 
levels  throughout   the  engine  when the pressure  split  between the LP and 
HP systems  was  changed. 

The problem can   be  split   into three main  divisions,   viz; 

1 Chamber unbalance 

2 Chamber isolation 

3 Leakage paths 

As  is  normal   in  such  cases  each of these has   been  solved by a large 
number of small   detail   changes,   the major ones  of which  were; 

I Replacement  of the HP turbine bearing ring seal  by an air labyrinth 
because of wear problems  at the  high rubbing speeds  encountered   in 
this location. 

Opening up  the  volumes    iround the bearings   to  avoid  bad pressure 
distributions  across  the  seal. 

Eliminating the weir effects of features   such  as oil  jets  in  the 
bearing chambers. 

♦       Introducing  large  scavenge  funnels   in the  bearing chambers to give. 
a better collecting effect. 

3      Increased size of scavenge pipes. 

Hmali   tanks   in  the  scavenge  line to absorb   the  shutdown  leak. 

(      Integral  end  caps  on one  side of the bearing chambers. 

S       Improv vi  balance  aeross   the bearing chamber  seals. 

9 Venting some chamber:   back to the oil tank. 

10 Improved breather performance by shielding the   inlet. 

II Taking the  seal  balance  air  from a common  source on  the reduction 
gear rather than  bringing the rear seal  supply  through the shaft  from 
the centre  bearirig. 

12 Introduction of a  hydraulic  seal between  the centre  bearing chant" r 
and  the  HP turbine  bearing chamber, 

13 Venting the  centre bearing chamber through  the  auxiliary gearbox drive 
to the auxiliary gearbox and  then to  the  breather. 
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An engine built to the latest modification    standard incorporating 
these changes will be run at  consumption figures well under the 
specification requirement of 0.5 pints/hour. 

AIR SYSTEM 

Another consequence of the change of pressure split between the 
compresaors was that the cooling air flows had to be revised (Figure 25). 
The LP delivery air was no longer adequate and as a result gas re- 
circulation occurred which resulted in blade shedding both on the LP 
and power turbine first-stage discs all of which were contained. 
Improvements were made to the size and number' of the transfer pipes to cut 
down the pressure drops in the supply lin?. Leakage paths were blocked 
up at the turbine end and the air was directed more positively to where 
it was most needed. At the same time the air was tapped off from a 
higher source. These changes have had the desired effect and restored 
the effectiveness of the turbine cooling air. 

It has only been possible in this paptr to deal briefly with a fev 
of the many aspects of the design and development of the Gem engine, 
Many people have contributed to it:; progress over the last six years 
and those of us who have had the rewarding experience of working 
together on it. look forward with confidence to its entry into Service 
in 1076. 

In conclusion I should like to express my thanks to Rolls-Royce (1971) 
Limited for allowing me to use Company data in preparing this paper, 
but wish to point out that any views expressed are my own and not 
necessarily those of Rolls-Royce.  I would also like to express my 
indebtedness to H.Purvis and M.R.Harper for their help in the 
preparation of this paper. 
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